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Preface 


In tiic Inst thirty years we have seen a great increase in both manned and unmanned space flights for scicntiric studies, for 
communication and navigation, and for military purposes such as surveillance, reconnaissance and as a possible area of 
tieployinent for both offensive and defensive weaponry. 

The possible uses of flight at near-space conditions (i.e. above about 150,000ft.) are also under consideration and, at these 
heights, many of the technical problems have a common basis with those of space vehicles during the launch, recovery and 
transatmosphcric phases. 

In all these areas, many problems remain only partly resolved and the relevant technologies are developing rapidly. It was 
considered that resolution of these problems .and finding ways of using new technologies would benefit from the combined 
thought of the technology communities of the NATO nations. A .symposium sponsored by the Flight Mechanics Panel of 
AGARD was seen as a timely forum for discussions on at least the flight t.iechanics aspects of this important topic. 

The symposium included the control and trajectory aspects of launch and recovery, in-orbil dynamics, irans-atmospheric flight 
and the dynamic aspects of assembly and operation in space and also covered simulation and flight lest. 


Avant-Propos 


Au cours dcs irentc dcrniercs .imiecs nous avons assiste a un nombre croissant de voK spaliaus. habiles el non .i.ibites, effectues 
soil dans Ic cadre d etudes scicr.tifi(|ues,suit aux fins des telecommunications et dc la navigation, soil pour des raisons nnhtaires 
Idles (pie la surveillance el la reconnaissance ainsi que le dcpioiemcnl evenluel d'armes offensives et defensises. 

Les applications possibles du vol dans dcs conditions quasi-spati.ales (e’est a dire .m-dessus de 150,000 picds) sunt egalement a 
'etude, ct il s’averc que bon nombre des probicmes techniques rccontrcs a ces altitudes sont comparables a ccu.s des vehicules 
spaliaiix lors dcs phases de lancemeni, recuperation cl dc p.assagc iransatmospherique. 

Dans tous ces domaincs, il cxisic dcs probicmes qui nc sotil resolus que particllement, tandis que les technologies cn question 
sunt cn pleine expansion. Dc I'avis du Panel, unc reflexion commune sur ce sujet, entrcprise par la communaute technologique 
dcs ptiys membres de I’OTAN porlerait ses fruits pour cc qui conccrnc la recherche d'applications des nouvelles technologies el 
la resolution dc ces probicmes. l.c Panel AGARD dc la Mccani(|uc du Vol a done decide d’organiser un Symposium, afin de 
pcrnictlrc tout au moins la discussion des aspects niccanique du vol sur ce sujet important. 

I.e Programme du Symposium coinprit les .aspects dc controlc ct dc tr.ajccloirc des phases de lanccment et dc recuperation, la 
dynamique en orbite, le vol transatmospherique, les .aspects dyinamiqucs d assembl.ige et d'exploil.ilion dans I'espncc, ainsi i(Ue 
la simulation et les cssais de vol. 
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1. TNTRODUCTIOH 

It was the intention of the 
organisers to start this Symposium 
with two Keynote Addresses: 
presenting the European and the 
Worth American situation. I was to 
present the European situation and 
possibly the European point of 
view. However, even if I were in a 
position to do that I would, as 
AGARD Director, rather concentrate 
on the opportunities for 
transatlantic cooperation in the 
area of technology within MATO and 
AGARD. There are indeed tremendous 
opportunities for transatlantic 
cooperation in the 1990s and 
beyond. 

Until recently specific space 
technology subjects were a 
relatively small part of AGARD's 
activities, nevertheless, long 
before the meaning of the second A 
in AGARD was changed from 
"Aeronautical" to "Aerospace" in 
1965, space-related subjects were 
part of the AGARD Programme. For 
instance, during the Ninth General 
Assembly meeting in 1959 a round 
table discussion was held on "Space 
Research Techniques and Recent 
Experimental Data". ,Mso from time 
to time the Panels organised 
Symposia on space-related subjects. 

There is, of course, no clear 
border line between aeronautical 
and space technology and many 
subjects treated by the FHP over 
the years have applications to 
both. However, this is the first 
FMP Symposium fully dedicated to 
space subjects. The five selected 
Session Headings: Launch and 
Recovery, In-orbit Dynamics, 
Transatmospheric Flight, Dynamic 
Aspects of Assembly and Operation 
in Space, Simulation and Flight 
Test, obviously cannot, in the 
limited time available, cover all 
aspects of current interest. 

One of the results of this 
Symposium may be a clear 
identification of technical- 
scientific areas in which the FMP 
can further contribute to the 
development of space vehicles and 
their operation. The interest is 
high among scientists and engineers 


within the Alliance on both sides 
of the Atlantic. The prospects for 
transatlantic cooperation in 
selected areas of space technology 
are good. As an indication of the 
current direct involvement of AGARD 
Panels in space technology. Table I 
lists the titles of Symposia and 
Lecture Series dedicated to space 
during the years 1988-1990. It is 
about 10 per cent of our activities 
over these years, but nevertheless 
it is significant. 

Space transportation systems have 
recently received increased 
attention. Research and 
development, being carried out in 
several countries, may ultimately 
lead towards fully re-usable one- 
or two-stage vehicles capable of 
going to a low-earth orbit and 
returning to earth. More so than 
in aeronautics, this calls for a 
very high degree of integration of 
disciplines such as: hypersonics, 
flight mechanics, flight control, 
avionics, structures, materials, 
propulsion and propulsion 
aerodynamics and human engineering. 


2. -SPACE TRANSPORTATTOH SYSTEMS 

Space flight became a reality after 
the development of rocket engines 
and guidance systems. Space flight 
has been carried out by means of 
single and multi-stage rocket 
launchers since 1957. The launchers 
were not recovered. It is only 
recently, beginning with the NASA 
shuttle transportation system that 
part of the transportation system 
has become recoverable. 

Expendable launchers are now well 
developed. A further increase in 
efficiency and reduction of the 
cost will undoubtedly take place 
during the coming decades. 

Thousands of payloads have been 
launched into space with rockets 
and an enormous experience exists 
in the various launching 
organization.':. Novertheless. the 
payload that can be launched into, 
say a 300 km orbit is only a few 
per cent of the total lift-off 
mass. 

This is illustrated by Figure 1 
(from Ref. 1) where the mass 
fraction delivered to a low-earth 
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orbit is given as a function of the 
total take-off nass. Although this 
fraction increases up to 6 per cent 
for the NASA Orbiter for a take-off 
cass of about 2000 tons, and an 
orbiter nass of 120 tons, the nass 
fraction related to the actual 
cargo carried by the orbiter, up to 
29 tons, is still only up to 1.5 
per cent. 

The structure of a rocket launch 
vehicle is typically of the order 
of 10 per cent of the lift-off nass 
and the nass of the fuel close to 
90 per cent. 

The ultinate, ideal vehicle to 
transport payloads back and forth 
to, say a 300 kn orbit, is 
undoubtedly a space plane which can 
take off and land at several nore 
or less conventional airports. 

Four of the najor advantages of 
such a transportation systen are; 

- First, a reduction in launch 
costs through the re-use of the 
vehicle; the aim is an order of 
nagnitude inprovement compared to 
conventional launchers. Typically, 
the launch cost should become of 
the order of hundreds of dollars 
per kg payload as compared to 
thousands of dollars per kg for 
conventional rockets. Actually 
real cost figures are difficult to 
obtain since the research and 
development are usually not taken 
into account and there are a 
variety of factors influencing the 
pricing policy of the launch 
organizations. 

- Second, less nass left in orbit; 
during the first decades of space 
flight the debris left in orbit was 
not a serious problem, but as the 
use of space increases, 
particularly at certain favoured 
orbits, an international agreement 
will be required not to leave any 
debris behind in near-earth or 
geostationary orbits. 

- Third, a reduction of the 
launching loads on the pay .load due 
to severe acceleration and hence a 
simplification of the construction 
of the payloads and a reduction of 
the cost. 

- Fourth, a considerable increase 
in the payload since during part of 
the flight airbreathing engines 
could be used, reducing the 
reqi'.irener.t of carrying all the 
oXi^gen required for combustion as 
with the conventional rocket. 

Of the variouf proposals for 
re-usable lauiichers made over the 
years, there are at present at 
’east four concepts being 
pursued. Figure' 2 (from’Ref. 2) 
shows these as possibly being 


available early in the 21st 
century. The figure also shows the 
systems that could be operational 
between now and 2010. 

Returning to the present: the only 
partially re-usable system in 
operation is the NASA Space 
Transportation System, the 
Shuttle. An enormous experience 
has been gained with the system. 
NASA is studying extensions of the 
shuttle system and also a booster 
series with a payload of up to five 
per cent of the total mass. 

On 15 November 1988 the USSR 
launched the Buran, a Russian 
version of the NASA Shuttle, with 
the Energia booster. The vehicle 
was unmanned and ground 
controlled. It made ojbital 
flights and an automatic landing. 
Although this flight appeared to be 
successful, the Russian cosmonaut 
Igor P Volk, who had flown 18 of 
the 24 atmospheric flights with the 
Buran, said in May 1989 at the AIAA 
Annual Meeting that the second 
unmanned flight was planned in late 
1990 and that the first manned 
flight would probably not take 
place before 1992. He also said 
that there are at present seven 
Buran pilots. The Buran vehicle 
was on display at the Paris Air 
Show in June 1989, mounted on top 
of the six-engine AN-225 transport 
plane and this combination was 
demonstrated in flight. Obviously 
the Russian developments of 
re-usable launch vehicle follow the 
developments in the USA, in spite 
of the fact that the present USSR 
launches far exceed that of the 
rest of the world, both numerically 
and in total mass, it seems that 
the development of re-usuable 
transportation systems in the USSR 
trails the developments in the USA 
by almost a decade. 

The Hermes Space Shuttle, to be 
launched by the Ariane V launcher 
was conceived by the French space 
organization, CUES. It is now 
incorporated in the programme of 
the European Space Agency, ESA, and 
at the ESA Ministerial Conference 
in November 1987 in The Hague 
US $ 600 million was committed to 
the first phase of the design and 
development programme. Recently 
major design changes were 
introduced. The total nass was 
i.ncreased from 15 to 24 tons with a 
crew of three, hormes is meant to 
serve the international space 
station Columbus and t!i3 projected 
man-tended fvoo flyer (MTFF) but 
possibly the USSR KIR Space station 
also. 

Initially uo to 12-day missions .are. 
foreseen. The mass o’f Hermes at 
landing is projected to be 15 tons 
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with tho resource module, the 
docking module and the propulsion 
unit to be discarded. Hermes will 
have a crew escape system. The 
remotely-controlled manipulator, 
the Hermes Arm, HERA, originally 
planned to be part of the vehicle 
will now become expendable or 
attached to the Columbus space 
laboratory. 

The mass of Hermes is about 
one-fifth of that of the NASA 
shuttle orblter. The maximum 
re-entry temperature will be 
1830“ C, that is 300“ C higher than 
that of the Shuttle. The first 
manned flight is expected to take 
place around the year 2000. 

The concept of the fully re-usable 
space plane is credited to Eugen 
Sanger (1905 - 1964). His idea was 
that space flight should ultimately 
be achieved via an aircraft type 
vehicle rather than via rackets as 
pioneered by Ziolkowsky, Goddard, 
Obert and others. In cooperation 
with Irene Bredt, who he later 
married, he produced a study in 
1942 which basically outlined this 
concept. The USAF/Boeing X-20 
Dyna-Soar project, a delta-winged 
vehicle, to be launched by a rocket 
and to return to earth as a glider, 
was the first step in that 
direction. Unfortunately this 
project was cancelled at the end of 
1963. The next step was the NASA 
Space Transportation System. 
Originally the system was conceived 
as a two-stage vehicle with a 
winged re-usable first stage which 
could land at an airfield. The 
NASA Shuttle finally became the 
rocket-assisted-take-off vehicle as 
we know it. 

The present concepts of the fully 
re-usable space planes are 
indicated in Figure 2 . 

There is at present a five-year 
systems definition study being 
carried out in Germany, for this 
two-stage fully re-usable space 
transportation system. The first 
stage vehicle, called Sanger, will 
boost a second stage called HORUS, 
a manned 90 ton vehicle, to an 
altitude of 35 km at Mach number of 
seven or, alternatively a second 
stage called CARGOS, an expendable 
rocket stage for cargo transport to 
space. It is envisaged that the 
first stage will have commonality 
with a global hypersonic transport 
plane for typically 250 passengers 
to be carried over a distance of 
10,000 kilometres or more. 

The British concept, HOTOL, is a 

and landing vehicle. It is 
unmanned in its primary role of 
satellite launch. Manned 
capability, when required, is 
provided by a capsule placed in the 
payload bay. The engine is a dual 


node cycle combining a heavily 
pre-cooled cycle for the 
airbreathing ascent, converting to 
conventional rc':ket power for the 
final ascent to orbit. The project 
is currently continuing on BAe 
private funding. 

In Japan several space-plane 
concepts are being studied 
resembling the HOTOL concept and 
the American X-30 designs. 

There is little doubt that the 
greatest efforts towards the 
development of a space plane are 
being made in the USA. The first 
single stage-to-orbit flight of the 
US X-30 is expected to take place 
in the late 1990s. Technical and 
funding problems make it almost 
impossible to predict an 
operational date. 

3. HYPBRSONICS 

The key to the development of 
re-entry vehicles and re-usable 
transportation systems is the 
development of adequate knowledge 
of hypersonics. Hypersonics, 
flight at Mach numbers greater than 
5, was developed in the 1950s and 
60s. Major projects were: 

- Ballistic re-entry vehicles from 
speeds up to 8 )cm/sec 

- The USAF project Dynasoar, a 
delta-winged vehicle launched by a 
rocket, cancelled in 1963 

- The NASA projects Mercury and 
Gemini 

- The NASA project Apollo 

- The NASA Space Shuttle 
Transportation System. 

Figure 3 gives the flight regimes 
in an altitude velocity diagram. 
Note that the energy per unit mass 
to be absorbed before landing on 
earth when returning from a lunar 
flight (10-11 km/sec) is 80 per 
cent higher than when returning 
from a low earth orbit (say 
300 km). The figure also indicates 
that projects like HOTOL (and tho 
space plane) are aiming at a higher 
lift (higher L/D) and greater cross 
range. 

Typical velocity differences of 
interest are given in Figure 4 . 

Note that A V moon -dearth = 

8.2 + 3.9 + 1.6 ■= 13.7 km/sec and 
Av GEO -dearth = 8.2 + 4.3 = 

12.5 kn/sec. The escape velocity 
is only slightly higher. 

Hypersonics is characterised by tho 
fact that the shock angle is very 
small. There is a "merged 
shock-boundary layer" near the 

is of the order of one tenth of the 
nose radius. Gas temperatures in 
the stagnation region become 
several thousands degrees Kelvin. 
The gas will dissociate, several 
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chemical reactions occur and 
radiation becomes important in the 
stagnation region. Figure 5 . 

Figure 6 indicates the regions 
where these effects take place. 

All the phenomena associated with 
these flight conditions were 
studied in great detail in the 
1950s and 1960s. Then there was a 
period of twenty years with greatly 
reduced activities. The resurgence 
of interest in hypersonics in the 
1980s took place in a period with a 
greatly reduced number of 
hypersonic windtunnel facilities 
operational and a greatly increased 
capability in computational fluid 
mechanics. In several AGARD 
publications (References 3, 4 and 
5) this situation was recognised. 

A new generation of scientists and 
engineers took over, hopefully just 
in time to benefit from the 
experience gained in the 1950s and 
60s. 


4. PROPULSIOM 

If hypersonics is the key to the 
development of re-entry and 
re-usable transportation systems, 
propulsion is certainly the key to 
the development of a space plane. 
The word space plane is used here 
generically for vehicles capable of 
flying to a low-earth orbit, with 
or without take-off assistance and 
return to earth landing on an 
airfield. 

The X-30/WASP (National Aero-Space 
Plane) studies being carried out by 
three contractors in the USA 
(McDonnell-Douglas, General 
Dynamics and North Amerivran 
Rockwell) are reported to include 
various modes of propulsion: 

- for II<4.5 subsonic combustion 

- for M>6 supersonic combustion 

In the range 4.5<M<6 presumably a 
mixed subsonic/supersonic 
combustion takes place. All 
proposals incorporate rocket 
engines, but of different sizes. 

The system preposed for the German 
Sanger project is different in that 
it consists of two stages. The 
first stage is to fly up to M=7 at 
an altitude of 35 km and being 
propelled by a subsonic/supersonic 
combustion system, a turbo-ramjet 
engine, while the second stage is 
planned to be rocket-propelled. 

The first stage would basically use 
the technology that could be 
applied to a hypersonic, 
transcontinental or transatlantic 
transpor'" plane (the "Orient 
Express"). 


The British HOTOL concept would use 
an airbreathing engine with 
variable inlet geometry, converting 
to H2/02 rocket propulsion above 
M“5. Eventually the ramjet/ 
scramjet (supersonic combustion 
ramjet) may bo developed to operate 
at Mach numbers considerably higher 
than 7; goals of M=15 and higher 
have been reported in the press. 
This would require enormous frontal 
capture areas (-"lOO per cent) and 
relatively low altitudes in order 
to capture a sufficient air mass to 
produce the required thrust at 
these Mach numbers. It is clear 
that here is an area for much 
research and development of 
imaginative concepts. 


5. S TRUCTURES AND MATRRIAbS 

During re-entry the amount of 
energy to be dissipated is 
typically 30 million Joule per kg 
mass, well above the heat of 
vaporization of all materials. For 
a vehicle of 20 tons re-entering 
from an altitude of 150 km at a 
speed of 8000 m/sec this amounts to 
6.8x10" Joule. Fortunately only a 
small portion, of the order of 0.05 
to 0.1 per cent is absorbed by the 
vehicle but nevertheless stagnation 
temperatures of looo to ISOO'’ c 
will occur over periods of 10 
minutes or more. The use of 
metallic materials is generally 
limited to about 1000® C. Ceramic 
materials can stand a much higher 
temperature but their incorporation 
as structural elements is very 
difficult. The NASA Space Shuttle 
solution of tiles for thermal 
protection is well known and 
apparently the Buran uses the sane 
idea for thermal protection. It is 
likely that some of the ceramic 
materials and possibly carbon/ 
carbon material with a protective 
layer will be developed to such a 
stage that they can be applied in 
spacecraft structures in the 1990s 
and beyond. 

Finally, a fully re-usable space 
plane must be able to take off and 
land at an airfield. Present day 
civil transport aircraft have 
landing speeds of about 250 km/hour 
(155 mph) and typically need a 
landing field length of 2000 m. 

For most modern figher aircraft 
these figures are much the same. 

The NASA Space Shuttle has a 
nominal landing speed of 
335 )cm/hour and it is reported that 
a landing speed of 420 )cm/hour has 
been demonstrated. It is also 
reported tliat the tiros could stand 
a speed of 560 kn/hour but they 
cculd only bo used once. Apparonexy 
the US space plane and Sanger aim 
at landing speeds of 500 km/hr or 


Kl-5 


I. 


Bore. This would cean a 50 per 
cent increase conpared to the 
proven NASA Space Shuttle landing 
speed and the kinetic energy per 
unit Bass at landing would be 
2.25 tines as niich. This is indeed 
a fornidablc challenge. 


Only sone of the technical- 
scien* "ir areas associated with 
the developnent of space 
transportation vehicles have been 
nenticned. There are aany other 
subjects such as flight control and 
hunaii engineering which are of 
equal i.aportanco for the successful 
rcalizaticn of space transportation 
systeus. 


Aerodvnanics - The "largest 
uncertainty" is the location of the 
transition point between laninar 
and turbulent air flow. This 
effects engine performance, 
structural heating and drag, to the 
extent that there is an 
"uncertainty factor" of two or Bore 
in estimates of gross take-off 
weight. Ccnputaticnal fluid 
dynamics cannot yet resolve all 
such probleBS, especially when 
dea.,ing with three-dimensional 
flov;s, because of lack of real- 
world experincntal data for 
calibration. It is important that 
CPD should not be discredited on 
this account. But ground test 
facilities that might provide valid 
data for Mach numbers between 10 
and 20 do not yet exist. 


In the 1970s the European goals 
were rainiy concentrated on the 
developaent of a reliable 
expendable launcher system, the 
.Ariane Series. The European 
contribution to the IIASA Shuttle 
PrograEBe was limited to the 
developoent of Spacclab, a payload 
of the shuttle. Unfortunately only 
a few spacelab flights have been 
carried out so far. iJith the 
advent of the Ariane V - Hermes 
system a nuch broader technology 
base is being built up in Europe. 
This does not yet open up ail the 
relevant technology areas for full 
cooperation and information 
exchange within AGARO. However it 
is quite possible that in the 1990s 
several of the concepts now being 
developed in various nations, will 
merge into a single scries of space 
transportation systems. The nain 
reasons for this would be the 
necessity to share the development 
costs and the sheer necessity to 
pool all the available talent and 
the facilities available to solve 
the technical problems. The 
individual nations (or combined, as 
in ESA> must however, develop a 
strong enough techrology base for 
cooperation on an equal footing, at 
least in selected areas. 

The following quotations from a 
report of the US Defense 
Department's Science Board (DSB), 
published in Reference 6, are an 
indication of the Bagnitude of the 
problems involved in developing the 
liational Aerospace Plane. The 
article states that the DSB was 
essentially supportive of the HASP 
Progranme. The Task Force Members 
were "impressed with the progress 
being made. But we were even sore 
impressed by what has yet to be 
done to reduce the remaining 
uncertainties to a reasonably 
manageable level". Sone of the 
chief anxieties were as follows: 


Pronulsion svsten design - This is 
also hampered by the sane 
uncertainty about HASP airflow 
dynamics. The transition point 
from ramjet to supersonic scranjet 
operation is likely to be the most 
critical phase of flight. Very 
little is known about the mixing 
and combustion of hydrogen at high 
supersonic velocities. Once again, 
physical test facilities are 
urgently needed. Even so, it is 
likely that flow anomalies will 
requ,’ re partial redesign of the 
propu..sion system during the flight 
test programme.* 

Materials and Structures - With 
the likelihood that some 
15 per cent of the surface area of 
HASP may bo exposed to temperatures 
above l‘J25® C, there is obviously a 
need to choose between entirely now 
materials, or extensive use of 
active cooling. Promising new 
materials have been identified, but 
in general they arc currently 
available only in laboratory 
quantities. The DSB Task Force 
states that industrial quantity 
production might be 12-15 years 
away. Until sufficient quantities 
become available to fabricate 
large-scale test articles, the many 
uncertainties associated with 
structural testing will continue. 


* In a paper in Reference 7, 

J A Vandcnkerckhove concludes with 
respect to the problem of 
supersonic combustion: "It is 
certainly not possible, with our 
current understanding, to claim 
with certainty that scramjet is the 
way to go, but it would equally be 
very rash to ignore it altogether 
and to decide on the full scale 
development of either a two-stage 
or a single-stage-to-orbit vehicle 
(without supersonic combustion) 
without having explored in sone 
depth the scramjet alternative." 
Apparently the US is investigating 
this alternative extensively. 
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Controls - Then' are "large 
uncertainties" auout the stability 
and control laws aoplicable to a 
vehicle such as HASP. Problems 
such as themoelastic deformation 
of key structures tend to be 
outside conventional design 
experience. It seemed to the Task 
Force that it would be impossible 
to design such a vehicle without 
some understanding of its likely 
control system. 

These quotations from the report of 
the Task Force of the DSB may seem 
overly pessimistic with respect to 
the space plane, although the DSB 
appeared to be very positive about 
the final possibilities, but at 
least they have the great merit to 
highlight the enormous challenges 
for the aerospace research and 
development community. Undoubtedly 
this Symposium will have a similar 
effect. We hope that it will lead 
to the stimulation of your work and 
where possible, towards increased 
cooperation among the nations of 
the Alliance. 
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FIG 3 - RE-ENTRY FLIGHT REGIMES 
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SPACE DEVELOPMENT - A CONTINUING CHALLENGE 

ABSTRACT 

Space flight development, just as its atmospheric counterpart, encompasses a broad 
range of disciplines. In contrast to aircraft development, however, considerable 
emphasis has been placed to date on the operation of unmanned vehicles. The space 
environment is inherently hostile to human life, and as such, even for manned space 
flight, efforts are made to minimise crew s*ze, and to automate or control remotely 
from Earth, much of the on-orbit vehicular activity. 

Unmanned spaceflight has expanded human knowledge significantly and uniquely, through 
the exploration, often remotely, of Earth, our solar system and the universe, and 
through the communication channels that have been opened by satellites. Manned space 
flight has added another dimension with direct and local human intervention in the 
space environment, thereby adding the sensory and perceptual, intellectual, psychomotor 
and motor capabilities of humans. 

Behind each successful space mission, starting with the small and relatively 
unsophisticated scientific probes of the 1950's and 1960's and leading to the great 
observatories such as the Hubble Space Telescope to be launched this decade, or in the 
manned space field, beginning with the first orbital flight of humans to their landing 
on the moon or to manning space stations orbiting Earth, there exists an enormous 
infrastructure of scientists, engineers, managers and politicians who together allow 
these ventures to come to fruition. This paper addresses the evolution of space 
flight, the technical and management challenges associated with its success, and the 
direction that is being mapped out on a global scale for the future exploration and 
exploitation of space. 


INTRODUCTION 

It gives me great pleasure to spoak at this symposium on the subject of space 
development. To be able to address such a broad topic within the confines of a single 
paper is a daunting task, and I look to assistance in this by relying on the paper just 
presented by Dr. A van det Bliek to complement some of the thoughts which would 
otherwise deserve to be developed in greater depth in this paper. 1 would also refer 
readers to the Reference for a more comprehensive overview of the factors that will 
have a strong influence on space developments during the next decades. 

Earth IS one of nine planets circling the sun, which in turn is one of one trillion 
stars in out galaxy, the Milky Way, which, again in turn, is one of one hundred billion 
galaxies in the known universe. Space flight from Earth allows humans to remove one 
barrier to the understanding and benign exploitation of this universe. 

Orbital space flight commenced with the pathfinder flight of Sputnik in 1957. Progress 
thereafter was remarkable, even when measured against a backdrop of the prevailing, 
technically progressive aeronautics industry. There was the political will in several 
countries to make space exploration a key element in the development of technocracies, 
in which the large scale of investment in research and development was seen as the path 
to future leadership and prosperity. In 1961, homo sapiens lived for 108 minutes in 
outer space. By the late I980's, humans were regularly in space: in 1969 individuals 
set foot for the first time on another celestial body, the Moon, and, later, others 
lived continuously in the microgravity environment of space for more than a year. 
Meanwhile, scientific observations from space were causing fundamental reassessments 
of the hypotheses surrounding our understanding of the solar system, the universe and 
their origins, and, perhaps for the first time in human history, were allowing the 
ordinary person to view his own planet and its survival from a global rather than 
national or local point of view. Communication satellites, one of the first 
commercially exploitable applications of space, were soon to dominate long distance, 
global comraunications. 

Apart from the technical and management aspects, perhaps two areas of space flight 
should be singled out as clearly having their genesis in the aeronautics world. First, 
a major impetus for the activity arose from strategic military considerations by the 
dominant pursuers of space activity, the USA and the USSR. Second, the costs and long 
time horizon for realising commercial returns were such that it was only through the 
national and polit'cal commitments of significant levels of government funding 
necessary to undertake, ihe research and development and to build the infrastructure. 




K2-2 


that spjce projects could proceed. While the military stimulus to the development of 
many aspects of space continues, it should be noted that international treaties exist 
which limit the use of space to peaceful purposes, and that m.any of the nations which 
now participate in the development of space, specifically exclude all military 
applications, whether defensive or not, and pursue instead, only scientific, commercial 
and exploratory goals. 


THE UIS70RICAL PERSPECTIVE 

Before speculating on the future exploitation of the space environment, it is worth 
identifying some of the major milestones that have been achieved in the short history 
of orbital space flight. Many milestone events can be chosen to characterise its rapid 
development, and from these the following have been selected somewhat arbitrarily: 


SELECTED SPACE HIGHLIGETS 


SPUTNIK 1 FIRST SATELLITE 1957 
LUNA 2 FIRST SPACECRAFT ON MOON 1959 
VENUS 1 VENUS FLYBy 1961 
VOSTOK 1 HUMAN ORBITS EARTH 1961 
EARLY BIRD COMMERCIAL TV COMMUNICATIONS 1965 
APOLLO 11 HUMANS LAND ON MOON 1969 
LANDSAT 1 FIRST EARTH RESOURCES SATELLITE 1972 
SKYLAB 2 FIRST SPACE STATION 1973 
VENERA 9 FIRST PICTURE FROM SURFACE OF ANOTHER PLANET 1975 
STS 1 FIRST SPACE SHUTTLE FLIGHT 1981 
VARIOUS ALL PLANETS EXCEPT PLUTO PROBED 1989 

NUMBER OF LAUNCHES 1957 - 1989 3200 


Prom the launch of the 84 kg Sputnik 1, the world's first artificial satellite, 
progress was rapidly made in placing first animals and then humans into space; in 
mapping the Moon, and landing humans on it; in flying satellites past out solar 
system's planets and their moons, and in sending to so...e of their surfaces, probes 
which would transmit back data about surface conditions to eagerly waiting scientists; 
in commercialising space, first through communication satellites in geosynchronous 
orbit and then through remote sensing satellites located in polar orbits around Earth, 
with which to provide information about the Earth's surface and its atmosphere; and 
during this entire process, in developing both in space and on the ground, an 
infrastructure which allowed the methodical and often rapid movement from the 
achievement of one goal to the next. Important to this process were both the 
development of new management techniques which allowed the work of widely distributed 
centres of activity to be successfully integrated, and the stimulation by space 
activity of ordinary people to be excited by scientific and technological progress. 


DEVELOPING THE SPACE INFRASTRUCTURE 

Significant strides have been made in the 32 years since the launch of Sputnik 1 in 
developing various elements of the space infrastructure. Such an infrastructure starts 
with the ground support systems necessary to initiate and sustain effective space 
flight. The ground infrastructure includes test, development and operations facilities, 
as well as user support facilities. It contributes significantly to the cost of 
conducting space flight but is essential. The transportation system to, from and in 
space remains as the most critical element in the infrastructure. Other essential 
elements are the space based communications and tracking networks which are generally 
well developed but, with continuing, rapid advances in information systems 
technologies, will no doubt be refined significantly in future. Shortage of available 
frequency bands and physical crowding in the geosynchronous orbit used for the majority 
of communication satellites will become increasingly important during the next decade. 
Remote sensing networks continue to be developed to provide essential information 
characterising the physical and chemical properties of Earth and other planets and of 
their atmospheres. Planetary missions to be launched over the next few years will lead 
to a renaissance of space science in the 1990's. Also, on the scientific front, great 
observatories are being developed for deployment in low-earth orbit, which will allow 
observations of the entire electromagnetic spectrum to study events and objects in the 
universe. In the area of manned space flight, general purpose facilities such as space 
stations in low-earth orbit for undertaking a variety of tasks have been developed and 
will continue to be developed, whereas major on-orbit assembly, servicing, 
manufacturing and transportation facilities will be built as precursors to the 
establishment of lunar bases and manned missions to Mars. 

From this broad, although not what one would yet describe as a mature or robust base 
of space activity, consideration is given to some of the major missions that ace 
currently being proposed or developed. 



The Planetary Missions 


K'^ 


The exploitation o£ the space environment for planetary observations has led to a 
remarkable epoch in the history ot science. We live in an aqe of astounding discovery 
and adventure in which space probes from the USA and the USSR have investigated, at 
least superficially, between 1962 and 1989, almost the full extent of the planetary 
part of our solar system. 

Four spacecraft are presently travelling out of the solar system. Pioneers 10 and 11, 
and Voyagers 1 and 2, after having earlier flown unscathed through the asteroid belt 
and provided fundamental information on the planets Jupiter, Saturn, Uranus and Neptune 
during fly-by of these planets. 

Except for Pluto, each of the planets of the solar system has now been observed from 
satellites passing in their proximity or landing there. The most recent was the 
observation of Neptune from Voyager 2 in 1939, surely a mission that will go down in 
history as one of the most significant scientific achievements of the century. Magellan 
and Gallileo, launched in 1989 after an eight year launch gap in the USA planetary 
exploration progiam, will make detailed studies of Venus and Jupiter respectively. The 
Mars Observer is scheduled for launch in 1992 to make a global study of the planet, 
and will be followed by two sophisticated satellites, the Comet Rendezvous Asteroid 
Flyby, CRAF, scheduled to be launched in 1995 to liaise with aid observe Comet Kopff, 
and Cassini, the fourth mission to Saturn, which will be launc.ied in 1996 to arrive in 
2003 to study the rings, atmosphere, magnetosphere and moons of Saturn. 

The new planetary probes provide higher resolution, sensitivity and broader coverage 
than previous satellites. Their missions are planned to terminate in the proximity of 
their target planets. This leaves only the two Pioneer and the two voyager satellites 
to continue to fly and gather data beyond our solar system limits. 

In all, NASA alone plans to launch 36 space science missions over the next five years, 
including, next year, the Hubble Space Telescope, an astrophysics spacelab mission, 
Astro, the Gamma Ray Observatory, Spacelab Life Sciences -1 and ESA/NASA Ulysses. 

The Great Observatories 


In addition to the planetary probes which are sent to their target planets to allow 
observations in their proximity, there is presently planned to be launched into low 
Earth orbit a series of space observatories which will allow observations, without 
atmospheric interferenee, of the entire electromagnetic spectrum. Removing the 
filtering and distorting influence of the atmosphere will allow unparalleled resolution 
to bo achieved. The following great observatories are currently planned to be launched 
by the USA, with international participation in the development of seme of the 
instruments: 

0 Hubble Space Telescope 
o Gamma Ray observatory 
0 Advanced X-Ray Astrophysics Facility 
0 Space Infrared Telescope Facility 

The weight, size and power of these observatories are li.nited by launch capabilities 
from Earth. Space stations will make possible on-orbit assembly of such facilities, 
thereby allowing increases in size and the corresponding increases in instrument 
sensitivity and resolution, observatories may also be established on the far side of 
the moon to avoid the radio frequency interference emanating from Earth. 

Haior technological challenges in bringing these large facilities into operation will 
be their design for assembly on-orbit into rigid structues, and their precise pointing 
once assembled. New capabilities will also need to be developed to handle the high 
information rates expected to be generated by the observatories. 

Observing Earth from Space 


Among the earliest applications of space flight was the observation of Earth from 
oroiting satellites outfitted with cameras, radars and other sensors. Observations with 
instruments sensitive to different pacts of the electromagnetic spectrum have allowed 
the mapping of Earth's surface, both land and sea, and its variations with time, and 
of Earth's atmospheric variations. 

Increasing sensitivity to and concerns about the effect of human habitation on the 
Earth's environmental robustness are leading many nations to participate in a new 
program called "Mission to planet Earth" the intent of which is to provide continual 
and synchronised updates on various aspects of the environment's characteristics in 
order to allow its better management. 

The data provided through remote sensing techniques has considerable commercial and 
strategic value and, as a result, demand for it is expected to grow continually. 
Significant development effort is needed to enhance image analysis, and sensor 
sensitivity and resolution. 




Space Transportation 

The key to space exploitation lies with the availability o£ suitable space 
transportation systems. These determine the weight and volume of elements that may be 
placed in various orbits or escape trajectories. Launches are presently either by means 
of expendable rockets or partially reusable launch vehicles pioneered by the USA in the 
form of the Space Shuttle. Typically, for expendable launch vehicles, the payload mass 
which may be placed in geosynchronous orbit ranges from 2000 to SOOO kg, whereas the 
shuttle is able to place payloads of up to 20,000 kg into low-earth orbit. 

On a world wide basis, approximately one hundred launches per year have been carried 
out for the past several years with about ninety per year by the USSR. In all, there 
have been about 3200 launches into Earth orbit or beyond. Although launch reliability 
and lift and volume capacity had been improving in the western world at the time of the 
Challenger accident in 1986 (which subsequently led to the grounding of the shuttle 
fleet for over two years at the same time that ESA's Ariane was having development 
problems), the resulting, even if temporary, grounding of almost all of the western 
world's launch capability clearly illustrated the fragile nature of its launch 
c«pacity. As a result, considerable activity has been stimulated in the USA to develop 
again commercial, expendable launch vehicles to complement the capability of the 
shuttles which will be exploited, in future, predominantly in support of those missions 
requiring intervention by astronauts. As well, independent national orbital launch 
capabilities have been or are being developed by India, japan, China and, of course, 
the USSR. 

The major areas of launch capability requiring improvement are the lift capability, 
launch reliability and launch costs. Evolution is leading to a fleet mix which will 
include passenger transport vehicles, heavy lift transporters and transfer vehicles for 
round trip travel beyond low-earth orbit. It will be necessary to reduce launch costs 
from Earth by an order of magnitude from the current level of about $10,000 per 
kilogram before space exploitation can become routine. Significant advances in 
propulsion system design and increases in reliability will be the focus of attention 
to achieve this and the emphasis will be on systems in which all stages are 
recoverable. 

Typical of the new propulsion systems under consideration for manned space vehicles 
which would be horizontally launched from Earth to low-earth orbit, are: 

Two-stage engines with an airbreathing, liquid hydrogen engine first stage, and 

a hydrogen/liquid oxygen rocket second stage (Saenger) 

Single-stage, combined-cycle engines using hydrogen/oxygen and an airbreathing 

capability to orbit (Aerospace plane, HOTOL). 

The technologies that will need to be developed to allow these systems and the 
attendant operating cost savings to be realised include the following: 

Durability of the thermal protection system 

Development of light weight structures and materials 

Advances in information, guidance and control systems 

Supersonic combustion ramjet engine (SCRAMJET) 

High Mach Number operation of SCRAMJET (Mach 15) 

It is expected that these new transportation systems will be developed for operational 
use during the first decade of the next century. 

For on-orbit transportation systems, or space transfer vehicles, the possibility of 
using electrical power rather than chemical power sources exists when used in 
conjunction with accelerators, either in the form of "ion engines" or of "mass driver 
engines". When operating far from the sun, in the outer solar system where "ion 
engines" are most effective, nuclear power systems become essential as their power 
source. 

Communications and Tracking 

Communication and tracking capabilities arc essential for monitoring and supporting 
space activity. The facilities which have been developed use complementary space and 
ground networks to provide for communications, data relay, navigation and tracking. 
Mature systems are in place, although the limited life of the current generation of 
satellites in geosynchronous orbit (approximately 7.5-10 years for Western satellites 
and 2.5 years for USSR satellites) requires the tegular replacement of satellites with 
associated costs. Crowding in geosynchronous orbit will have a significant influence 
on the size and sophistication of these satellites in future, and it is envisaged that 
on-orbit servicing will eventually be available to extend the service life of the 
satellites. Evolution will increase the coverage provided and the bandwidth of the data 
being transmitted. The present TDRSS satellite system developed by NASA to provide for 
data management for the shuttle and space station requires three satellites in 
geosynchronous orbit to provide continuous coverage of vehicles such as space station 
or the shuttle in low Earth orbit. 
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As operations expand to requite frequent coBiauni cat ions contact with orbital facilities 
and transfer vehicled in the inner solar system, a number of new tracking, navigation, 
communications and data relay satellites will be needed. 

h major and glowing concern arises from space debris in both low Earth and 
geosynchronous orbits. Even minute debris of the order of 1mm in size can destroy a 
satellite oecause of its kinetic energy, such debris can result from failed or 
disintegrated satellites and is an increasing hazard in heavily used orbits. 

Space Stations 


Both the USA and the USES moved quickly to develop space stations earlj in their space 
progiams. The USA gained experience with the Skylab space station in 1973/1974, whereas 
the USSR has developed a series of stations which have continually provide a capability 
to support human life in space since 1974 through its Salyut and Mir space stations. 
The USSR has a significant lead in accumulated experience of long term operations by 
cosmonauts in space. 

Present space stations and those under development, are multi function facilities which 
provide for many of the following capabilities: 

0 Long duration space flight 
o Micro-gravity research and development 

- materials processing 

- life sciences 

0 Earth and space observation 
0 Space science 

0 On-orbit assembly and servicing 
o Transportation Node 
0 Technology development base 
o Exploration base 

Space Station Freedom, presently being developed by the USA, Canada, ESA and japan 
represents the largest international cooperative technology development ptojeol over 
undertaken. When completed, the space station will be 135n long, weigh 200,000kg, have 
75kw of power, one pressurised habitation module and three pressurised scientific 
laboratories. !t will be manned continuously by an eight person crew and will possess 
significant external assembly and servicing capability. It will fly in a circular orbit 
with an inclination to the equator of 28,5 degrees, and at an altitude of about SOOKm. 
The station is expected to evolve over time and have a thirty year operational life. 
It will be assembled in orbit over four years starting in 1995 and, in that period will 
require 29 dedicated shuttle missions to be built and to have provided the necessary 
logistics support to maintsin the station in an operational permanently-manned state. 
It will cost in the order of 835,000 million dollars to develop. 

Among the many challenges associated with the development of space siation, those of 
Its assembly in orbit, the subsequent operation of the entire research and development 
complex with an eight person crew, and the continual maintenance and updating of its 
systems for a thirty year operational life, must rank as unique and amongst the most 
demanding. 

Space stations in low Earth orbit will evolve to become assembly and maintenance bases 
and staging posts for other destinations, such as to geosynchronous orbit, the Moon or 
Mavs. They will be improved to provide a better envirorment for undertaking scientific 
and commercial development work through crew size increases and the introduction of 
enhanced automation and robotics in the pressurised volumes to increase the 
productivity. Power unquestionably will be increased to allow manufacturing processes 
in space to be developed, and efforts will be made to maintain the micro-gravity level 
as close to lo'° g as possible, and to develop closed ecology life support systems 
and oontaminacion-free control engines using hydrogen and oxygen as fuel. As well, 
designers and station operators will need to satisfy the demand tor rapid responses to 
scientific experiment development and crew health needs. Much is still to be learned 
about the design for efficiency of human operations under micro-gravity conditions and 
considerable design effort will go into the creation of crew- and user friendly 
designs. Lo keep operations efficient, reliability and maintainability of station 
components will be enhanced and the designs will incorporate the hooks and scats 
necessary to maintain a facility of this nature for an operational life of some thirty 
years. Every effort will be made to reduce the on-line ground support necessary to 
operate space stations. 

The Role of Humans in Space 

Much has been made of the debate as to whether manned space flight should continue with 
its inherent cost and safety implications, or whether much mote effective use of scarce 
fpRourfPA rotiirt ho InstoSw orly or robotic cpscc 

missions. The answer is of course, that the two ate complementary and not mutually 
exclusive. A characterisation nas been made in Table 1 of the advantages and 
disadvantage.s o.f humans in space. 
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TABLE 1 

BOLE OF BOHANS IN SPACE 


PROS 

- HAVE EXPLORATION INSTINCTS 

- HAVE SENSORI/PERCEPTOAL 
CAPABILITIES 

- HAVE PSYCHOHOTOR/MOTOR 
CAPABILITIES 

' HAVE INTELLECTUAL CAPABILITIES 

- cognition 

- nemoty 

- divergent and convergent 
production 

- evaluation 


CONS 

- CONTAMINATE AND DISTURB 

- USE SCARCE RESOURCES 

- ADD SAFETY ENVIRONMENTAL AND 
HEALTH CONTROL REQUIREMENTS 

- ARE STRESS SENSITIVE 

- ADD TO COST 


If is readily seen that Just as in aviation, there are certain human abilities which 
cannot yet be adequately duplicated by machines. Even if they could be, an intangible 
factor, however, will temr,,. end that is that humanity is driven by an irresistible 
instinct for exploring, and t,.is makes continued human ventures into space virtu'lly 
inevitable. The variable is the pace at which this occurs, and that is determined more 
by economic factors than by technological factors. It is clear that the costs of 
supporting humans in space ate significant and, as a result, considerable advances will 
be made to ensure that those humans who ate privileged to work in space are working as 
effectively as possible through the application of advanced automation and robotics 
techniques including the application of artificial intelligence methodologies. 


MAJOR SPACE INITIATIVES OP THE FUTURE - BEYOND SPACE STATION 

The scale of space initiatives is ouch that by the time they ate approved for 
development, the ideas that spawned them will have had the opportunity to mature for 
many years. Thus it is that the space station program currently being developed by the 
USA, Europe, japan and Canada had its origins in the 1350's. The space station is a 
component in the methodical development of an infrastructure that has been undertaken 
by the U.SA since it entered into the space arena. Although providing a versatile, and 
in many regards, an autonomous capability, it is not an end in itself. It will also be 
part of the infrastructure necessary to undertake the next major initiatives of human 
exploration. Those currently under most active consideration, particularly after 
President Bush's stimulus to NASA on the 20th anniversary of humans first setting foot 
on the moon, to assess in detail the components of future USA civilian space activity, 
are: 

o Mission to planet Earth 
o Outpost on the Moon 
o Humans to .Mars 

These complement the already approved initiatives leading to the further exploration 
of the solar system. 

Mission to Planet Earth 


planning is in place for an international thrust during the next two decades to 
undertake an integrated, long range study of planet Earth through a global satellite- 
based observing system complemented by Earth-hased systems and measurements. When taken 
together with modern data processing capabilities this should allow simultaneous 
observations, their correlation and analysis to provide a greater understanding of the 
physical and biological processes of our planet and of their interactions. The Mission 
ic Planet Earth has found widespread favour among space faring nations. 

One of the most significant challenges for this endeavour will be the development of 
artificial intelligence techniques to allow the effective handling and processing of 
the reams of data that will be generated. Another will be the incorporation into the 
platforms of appropriate automation and robotics capabilities as well as the necessary 
redundancy and seif diagnostics to ensure years of trouble free operation. Finally, the 
precise coordinated pointing and synchronisation of several instruments on the 
platforms will prove tc cc a cigeific*?*'** ►achmcal challenge. 

This program requires strong international Sinks to be established to reap maximum 
benefits. 
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Outpost on the Moon 


A new phase of lunar exploration, building on the legacy of Apollo, will lead to the 
first human outposts on another world. It will support scientific research and 
exploration and allow humans to learn to live and work in the hos'ile environments 
characteristic of other planets while remaining relatively close to Earth (within a two 
to three day journey time). Over time, the dependence on support from Earth will be 
reduced and the unique research environment offered by the moon will establish the 
capability of humans to undertake the more demanding settlement of other worlds. As 
well, the favourable location on its far side, where it is shielded from the radio 
noise of Earth, for undertaking many experiments and observations of scientific 
significance, should lead to important advances in astronomy and physics. 

Long term human presence would best be preceded by robotic lunar polar prospectors to 
identify the best locations for outposts, clearly the discovery of water or other 
volatiles would be very significant. 

The technologies required revolve round the availability of a robust transportation 
system, well developed closed loop life support systems and a space station in low 
Earth orbit as a staging base for supplies, equipment and propellants. 

Humans to Mars 


Besides Earth, Mats is the only potentially habitable planet in our solar system. It 
may once have supported life. Earlier robotic visits to Mars showed many similarities 
with Earth, but also many important differences, for example, no organic compounds were 
found in the survey area. Detailed exploration of Mato may shed light on whether the 
origin of life in the universe is comm.on and possible under a wide range of conditions 
or whether it is tare, taking place only under a very restricted set of conditions. 
Because it is so far away, on average 1000 times as far away as Earth's moon, it is 
most likely tha^ the planet will be visited from Earth for exploration rather than for 
development reasons. Manned visits will be preceded by robotic exploration to establish 
detailed images and a mapping of the surface; to investigate potential landing sites 
fer their suitability as manned bases; to gather and analyse surface and sub-surface 
samples to establish whether the local areas could support human habitation; and to 
investigate, from the surface, geological features that could shed light on the history 
of the planet. An enhanced support infrastructure posing considerable technological 
challenges will need to be put in place to acquire the detailed data necessary before 
committing to systematic human exploration of the planet. It should be noted that a 
round trip from Earth to Mats, including a six month stay on Mats, will take about two 
years to complete. 

Manned exploration of Mars will be a massive undertaking requiring international 
cooperation on an unprecedented scale, president Bush, in 1989, indicated the USA's 
interest in pursuing this as part of a long term space exploration plan of the USA. 


TECHNOLOGICAL CHALLENGES 

Many technological challenges remain to be overcome to put in place the previously 
identified exploration and exploitation programs. A selection of the key ones, many of 
which have been addressed earlier, is provided for reference in Table 2. 


TABLE 2 

TECHNOLOGICAL CHALLENGES 

o TRANSPORTATION SYSTEMS - EARTH TO ORBIT 

o SPACE TRANSFER VEHICLES 

O EFFICIENT HUMAN LIFE SUPPORT SYSTEMS 

o EXTENDED HUMAN STAY AWAY FROM EARTH 

O SPACE CONSTRUCTION 

O AUTOMATION AND ROBOTICS 

O SPACE SUITS 

o NUCLEAR POWER 

0 ESTABLISHING BIOSPHERES ON OTHER PLANETS 
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MANAGEMENT AND POLITICAL CHALLENGES 

In addition to the significant technical challenges posed by the exploration and 
exploitation of the space cnvironment> there are several important management and 
political questions to be addressed. 

Are the financial and human resources adequate to undertake nethodically the discussed 
ventures? 

On the question of finances, with a well planned and phased program leading to, for 
example, a human base on Mars in 2025, the financial resources of the nations that have 
traditionally participated in space projects are adequate, if used cooperatively, 
providing that science and technology programs of this nature continue to receive 
approximately the same share of government budgets. On the human resource question, 
much of the development requires simultaneously, thousands of skilled scientists, 
technologists and project managers for its timely completion. There exists, at this 
time, a shortage of the appropriate skill levels, particularly in the technical, middle 
management positions. Growth in the space program must be carefully phased to ensure 
that the adequate human resources are developed and available to allow the building of 
robust, safe systems. Alternatively, these resources must become available from other 
advanced technology programs requiring similar disciplines and skills. 

Hill International cooperation be necessary? 

As discussed in the following section, all indications are that the cooperation between 
nations involved in space development will need to be strengthened as proposed programs 
proceed. 

can effective program coordination and integration be achieved for programs of this 
magnitude, with their implementation widely separated both geographically and 
temporally? 

In the author's opinion this challenge is the equal of any of the technical challenges 
facing the program. Experience on a smaller scale has been gained in this area through 
the space shuttle and in the Ariane developments. More is being gained in the Space 
Station Freedom program. The latter is the largest international science and technology 
cooperative developmen' ever undertaken. The lessons learned in its development will 
need to be carefully plied to future, even more comprehensive, programs. Many of the 
manage.ment challenges invcive striking the nght balance between accountability, 
authority and responsibility among the various participants in the development and 
operation of the facilities. This becomes particularly important in the control of 
roquiremonts, design specifications and interfaces between elements and components 
provided by various partners or the suppliers to the partners, such that systems which 
cannot be tested as an integrated whole on Earth, can be assembled and operated safely 
for decades in space. 

Arc the interests of maximising commercial benefits and spin off opportunities for 
individual participants consistent with the technology transfer that inevitably will 
occur between participants? 

This question will doubtless exercise program partners and participants continually, 
but IS probably overrated in terms of its actual significance. It is now generally 
accepted that cooperation in these large, technically sophisticated, one-off projects 
IS much more beneficial to all participants than would be out-and-out competition 
without cooperation. 

Does the political will exist to pursue these "oegaprojects"? 

It IS recognised that the world economy is presently such that many of the principal 
participating countries in space activity are having to balance priorities carefully 
in establishing national budgets. Notwithstanding this, one consistent thread has been 
found in surveys of the population of many of these countries, and that is that this 
type of activity finds widespread favour and is considered to add to the long-term 
health of society. Such popular encouragement is an important factor in obtaining the 
continuing political support of these projects. 


INTERNATIONAL COOPERATION 

Space activity, since its earliest days, has been characterised by international 
competition and cooperation. The two dominant nations in space activity, the USA and 
the USSR, have each chosen to develop space systems or instruments with their 
respective friends and allies. In the manned space flight arena, they also cooperated 
effectively with each other in the inol lo-coyn? Te«t project. In ge.neral, ccopcratic.". 
between these two nations has tended towards coordination of parallel activities rather 
than towards joint developments. 

The cooperative space projects that the 'J.SA has undertaken with friends and allies have 
been impressive. Over 1000 agreements with over 100 countries have been entered. The 
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most significant to date is that for the development of space station. In this role as 
a partner, the USA has done much to nurture the space capabilities of other nations, 
and has in turn benefitted from the particular skills and resources these nations can 
bring to the table. 

Europe too has developed through ESA, an impressive space program which is far stronger 
than would have been possible without an international cooperative framework. 

What then will be the level of international coooeration in space activity in future? 
The magor projects under consideration are of sue,, magnitude that they will require for 
their completion resources on a global rather than a national scale. That is true not 
only of the financial demands that these large p.ogects create, but also of the demands 
for skilled human resources. It is cleat that foi the future exploration of Hats, for 
example, much would be gained through the coordination of complementary efforts which 
\;ould include those of both the USA and of the USSR. This would be entirely 
appropriate, as establishing new human communities beyond Earth needs to be an 
international rather than a national effort. Without such cooperation, it is unlikely 
tnat projects of t.iis nature would be completed within the working life of an aerospace 
engineer. 

Tne future then looks exciting. Significant and worthwhile projects that will challenge 
and harness the skills of many sectors of society have been identified on a quest of 
human exploration as significant as any ever previously undertaken. The skill will lie 
in pacing the activity so that it may proceed at a digestible pace. 


CONi.LUDING COMMENTS 

Space developments over the last thirty years or so have been remarkable: the solar 
system has been probed, humans have left the bonds of Earth and a space infrastructure 
has been put in place. As one considers the next phases of space exploration, it is 
perhaps worthwhile returning to the question of why society should have an interest in 
assigning resources of the required magnitude into space development. At the most 
fundamental level, it extends the understanding of the universe. As well, it allows 
humanity to follow a strongly developed instinct to explore, prospect and settle the 
solar system as a natural extension of having settled Earth. In the process, the 
creative energy of humans will be harnessed in a noble pursuit that finds a positive 
response in all levels of society. Finally, even though the initial investment in 
establishing the infrastructure is large, it is expected that its development will 
continue to be a major catalyst for beneficial terrestrial spinoff. 

In this paper, it has only been possible to touch briefly on the highlights of 
significant space activity, but oven from this survey it may readily be seen that the 
identified present and future space missions have sufficient scope and depth that they 
can provide a challenge to humanity and, in particular, to the young scientists and 
engineers starting out on their careers to pursue a peaceful and systematic exploration 
of our solar system and of the universe. Moreover, because of the exploratory and 
fundamental nature of much of space activity, it lends itself well to cooperation 
between enterprises and nations that would traditionally prefer to compete. Commercial 
benefits will follow later. 
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ABSTRACT 

A study has been conducted that investigated some if the issues that affect the flight control and guidance system designs for 
vemcal-takeoff and honzontal-takeoff vehicles. The study used a two-stage all-rocket vehicle to represent the vertical-takeoff system 
and a generic aerospace plane concept to represent the horizontal-takeoff vehicle. Two flight control issues for the vertical-takeoff 
rocket were uncovered. The first was the large gimbal angle range required for pilch trim when using parallel mated vehicles The 
second was control during staging. Two issues were also identified for the air-breathing vehicle. Tne first is that the drag losses due 
to aerodynamic mm arc a significant fraction of the total ideal velocity required to achieve orbit. The second issue is that since the 
vehicle flics at high dynamic pressure for most of the ascent, the guidance system design will be more difficult to ensure accurate 
insettion than that for the vertical-takeoff rocket systenn. 


INTRODUCTION 

The Space Shuttle represents a major technological achievement in the space transportation capabilities of the United Stales; 
however, one of the goals of the Space Shuide, namely low.cost space iransFOttation, has not been met. These higher than anucipaicd 
costs can be traced to lower than expected flight rates, labor-intensive ground and flight operations, and tecurring hardware costs The 
next generation of launch vehicles must reduce the costs of delivering payloads to space, or mission planners will continue to be faced 
with the prospect of restricted space activities in an era of budget constiainis. 

Many studies are currently being performed within the space community to dciemiine launch systems that could provide this 
payload delivery service at a much lower cost than cither the current expendables or space shuttles These studies can be grouped into 
those vehicles that use near-term technology in their design and those that use more .advanced technology. Each of these categories is 
composed of many vehicles. This paper will analyze one design from each category that would have potential flight control system 
issues not seen with today's vehicles. 

Within the near-term technology vehicles, the one that was chosen for this study is a vertical-takeoff, two-stage, all-rocket 
vehicle that uses both parallel thrusting (both the orbitcr and the booster arc thrusting at lift-off) and p.-opellant crossfeed from the 
booster to the orbiier. When a later technology readiness dale is chosen, vehicles that employ air-breaihing propulsion may become 
practical. Because of this, an aerospace plane concept, which represents a honzomal-iakeoff, single-siagc-lo-orbii vehicle that uses air- 
brcaihing propulsion, was chosen for this study. Because many performance studies have been done and itwrc arc currently underway 
on both these categories of vehicles, this paper concentrates on issues that affect the design of the fligiit control and guidance systems 

This paper discusses the opumal ascent flight profile for each of these vehicles, the design of the guidance algorithms, the off- 
nominal conditions used to evaluate the flight control issues, and the results of simulations with these off-nominal conditions 

NOMENCLATURE 


Ac 

c 

CD 

^D6e 

Cl 

Cl « 

^mSe 

Cl 


2 

engine capture area, m 
mean aerodynamic chord, m 
drag coefficient, (drag/q„S), n.d. 

drag increment coefficient due to eleven deflection (drag increment /q^S). n.d. 
lift coefficient, (lifi/q„S), n d. 

lift inetemeni coefficient due to elevoa deflection (lift increment /tkeS), n.d. 
pitching-mo ^efficient (pitching momeni/qwSc), n.d. 

pilching-momem increment coefficient due to elcvon deflection (pitching-moment increment /q^oSc), n.d. 

thrust coefficient (thrust/q<«,A 5 ), n.d. 

constant in comnuindcd pitch angle polynomial, deg/sec 
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C2 constant in commanded pitch angle polynomial, deg/sec^ 

h altitude, m 

Kp roll rate gain, sec 

Kq pitch rate gain, sec 

Kq pitch acceleration gain, sec^ 

Kr yaw rate gain, sec 

Kd anglc-of-attack error gain, n.d. 

Kojj integral of anglc-of-attack error gam, sec"* 

Kp sideslip angle gain, n.d. 

K<^ roll error gain, n.d. 

*sp specific impulse, sec 

LH 2 liquid hydrogen 

LOX liquid oxygen 

p roll rate, deg/sec 

q pitch rate, deg/sec 

q pitch acceleration, degfscc^ 

qc commanded pitch rate, deg/sec 

qoo dynamic pressure. Pa 

r yaw rate, deg/sec 

S reference area, m2 

S Laplace operator, n.d. 

Mpogee change in apogee at orbital insertion as compared with optimal trajectory, km 
dGrad change in geocentric radius at orbital insenion as compared with optimal trajectory, m 
APerigee change in perigee at orbital insenion as compared with optimal trajectory, km 
timejnit lime predictor-corrector algorithm is invoked, sec 
ATime change in orbital insenion time as compared with optimal trajectory. sec 
APayload change in delivered payload as compared to optimal trajectory, kg 
'^'^IDEAL '<*®®* velocity increment, m/sec 

^'^THRUST velocity loss increment due to reduced thrust indueed by ainTOSphen.". pressure, m/sec 

^'^CIRC required to circularize, m/sec 

^'^COR velocity loss increment due to Coriolis effect, m/scc 

“'' AERO velocity loss increiiieiii due CO iiSviyTOSsici, m»5cc 

^^GRAV velocity loss increment due to gravity, m/scc 

'^'^LOSS total velocity loss increments, nVsec 
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AVxv velocity loss increment due to thnist vector not being aligned with velocity vector, m/sec 

Ay change in flight path angle at orbital insenion as compared with optimal trajectories, deg 

OL angle of attack, deg 

Oq commanded angle of attack, deg 

‘^nom nominal angle of attack, deg 

P sideslip angle, deg 

y flight path angle, deg 

Yc commanded flight path angle, deg 

5a aileron deflection ((Sej - 5e^)/ 2 ), deg 

Sa^ commanded .aile.'on deflection, deg 

6e elevator deflection ((5ei + SCf) / 2), deg 

6cy commanded elevator deflection, deg 

6c, initial elevator deflection, deg 

8e| left eleven deflection (positive trailing edge down), deg 

6cr right eleven deflection (positive trailing edge down), deg 

6ip engine pitch gimbal .angle (positive up), deg 

Sly engine yaw gimb.il angle (positive left), deg 

8r rudder deflection (positive trailing-cdge left), deg 

Srj commanded rudder deflection, deg 

flj commanded pitch angle, deg 

Oinii pitch angle when predictor-corrector guidance algorithm is invoked, deg 

i> roll angle, deg 

commanded roll angle, deg 
a standard deviation, n.d. 


VERTICAL DE,SCRIPTION 


Verlical-Takcoff Rocket Vehicle 

Tne all-rocket vehicle (Fig. I) used in this study was taken from the Advanced Manned Launch System vehicle studies 
currently underway at NASA. Table 1 shows its ra.ajor characteristics. This vehicle is composed of an unmanned booster and a 
manned orbilcr. The unmanned ooosier stages at Mach 3 and performs an unpowered glide to the launch site. Mach 3 was cho.scn for 
staging for two major reasons, 'fhe first is that this is the highest Mach number that would allow an unpowered return to the launch 
site after staging with adequate rcrfoimance reserves. The second is that at this low Mach number, no thennal protection system is 
required. Both the booster a.id the orbiter engines use liquid hydrogen and liquid oxygen at p-repellants T.hc orbiKf engines use 
pfopellani from the boostc. until staging, and internal propellant for the remainder of the ascent. For more information on this 
configuration, refer to reference 1. 
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Horizontal-Takeoff Air-Breathing Description 

The air-bteathing vehicle chosen for this study is a generic National Acno-Space Plane (NASP) concept. This vehicle uses all 
air-breathmg propulsion from takeoff to orbit insenion. Figure 2 shows this concept, and table 2 shows its major characteristics. This 
vehicle is composed of an axisymmetric 5-deg half-angle conical forebody, a cylindneal engine nacelle section, and a cone frustru.n 
nozzle. The wing has a leading-edge sweep of 78 deg and is set at 0 deg incidence and dihedral. The wing is a 4-percent thick diamond 
airfoil. Elevons are located at the trailing edge of the wing with their hinge line perpendicular to the fuselage centerline. The vertical tad 
IS a 4-peicent thick diamond airfoil with a leading-edge sweep angle of 70 deg, and includes a rudder with a hinge line at the 75 percent 
chord position measured from the leading edge. The specific impulse and thmst coefficient characteristics for the propulsion system are 
shown in figures 3 and 4. These propulsion system characteristics were estimated for individual engine modules in an annulus 
arrangement at the aft end of the conical forebody. 


AERODYNAMICS 

The aerodynartuc data base for both vehicles was generated using the Aerodynamic Preliminary Analysis System (APASj.^-** 
APAS is an interactive computer code that predicts the aerodynamic characteristics of a vehicle from subsonic to hypersonic speeds 
using a common geometric definition. APAS incorporates a variety of engineering techniques to estimate the basic longitudinal and 
lateral-directional characteristics of aerospace vehicles as well as control effectiveness and dynamic dcnvatives. Slender body, vonex 
panel, wave drag, and viscous drag methods are used in the subsonic to low supersonic speed regime. At the higher speeds, tangent- 
cone, tangent-wedge, and reference enthalpy methods are utilized to approximate the pressure and shear stress distributions on the 
vehicle. The APAS program has been used on many previous vehicles, and through comparisons with wind-tunnel and flight data, has 
been shown to give results accurate to the fidelity required for this snidy. 

TRAJECTORY SIMULATIONS 

All the trajectories presented in this paper, with the exception of the separation trajectories, were generated by etther the 3- 
degree-of-freedom or d-degree-of-freedom version of the Program to Simulate Optimal Trajectories (POST).5 POST is a generalized 
event-orien;ed trajectory program that can be used to analyze ascent, on-orbit, and entry trajectones. POST can be used to optimize any 
calculated variable which may be subjected to a combination of both equality and inequality constraints. The program has been 
modified to include a predictor-corrector guidance capability. This scheme was implemented by including a 3-degrce-of-frcedom 
simulation as an inner loop to the main simulation This allows the ptedictor-coirector guidance model to have nominal environmental 
characteristics (planet, atmosphere, gravity, aerodynamic, propulsion, weights, etc.), while the main simulation can have perturbed 
characteristics. 

The trajectory that was simulated for both vehicles was a due east launch from the NASA Kennedy Space Center into a 185-km 
circular orbit The vertical-takeoff rocket first inserted into a 93- by 185-km orbit and circulanzcd at apogee. The honzontal-takeoff 
vehicle inserted into an orbit with a 185-km apogee and circularized at apogee with rockets. The perigee can not be specified because 
of the nature of the transfer orbit. This transfer orbit takes the vehicle from the high dynamic pressure trajectory that is required for the 
use of air-breathing propulsion to apogee. The altitude of the trajectory while using air-breathing propulsion is determined by the 
atmospheric density and thus could vary greatly. 


GUIDANCE ALGORITHMS 
Vertical-Takeoff Rocket Vehicle 


The guidance philosophy of tlie two-stage all-rocket vehicle was to fly the trajectory that would maximize payload while not 
exceeding any vehicle constraints. These constraints were a maximum dynamic pressure of 40.7 kPa, a maximum wing normal force 
of ±2.15x10® N for the otbiter and ±1.27x10® N for the booster, and an angle of attack at staging between -6 and 2 deg. This anglc- 
of-atiack limitation was imposed as a result of an inittal staging analysis. This staging analysis is discussed in more detail later. This 
optimal ascent was dcteimined by using the 3-degtee-of-freedom version of POST. This POST simulation included the gimballing of 
the engines in pitch by requiring the vehicle to be statically trimmed longitudinally throughout the ascent. Because this vehicle does not 
use aerodynamic control surfaces during ascent, it was deteimined that a 3-degree-of-frecdom simulation that required the vehicle to be 
statically trimmed both longitudinally and direcu'onally with the use of engine pilch and yaw gimballing would be suitable to anal zc 
flight control issues. 


The guidance algorithm for this vehicle was divided into two parts. In the first part, the vehicle was commanded to fly t 
reference trajcctoiy. This was done by calculating an error signal that was a linear combination of the differences between the curr..it 
and optimal geocentric radii and flight path angles. This error signal was then used to command the pitch attitude of the vehicle. . • 
350 sec into the trajectory (s 1(X) sec before orbital insertion), the guidance algonihm switched to a predictor-corrector algonthm, 
which was designed to ensure an accurate insertion. This algorithm determined the linear and quadratic coeffleients of a polynomial 
that described the commanded pilch altitude (0(;=Oini(+Cl(time-timeinii)+C2(ume-time,nit)2). This predictor-corrector algorithm was 


: control history at 10~scc intcrvols until orbital Iriscitiun. Tlie picuiviui-cuncLior aiguritimi used 3-dcgrcc-of- 
freedom equations modified to include longitudinal static trim through the use of engine gimballing. For this study, the predictor- 
coirector model used the same planet, gravity, propulsive, and aerodynamic models as the actual simulations. The atmospheric model 
was the 1976 standard (Ref. 6). The predictor-corrector models were unaware of atmospheric dispersions or winds. This was done to 
simulate the case where no day-of-Iaunch atmospheric conditions and no onboard measurements would be used to provide aimosphenc 
information. If the algorithm provides for accurate insertions using only a standard atmospheric model, operational costs will be 
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reduced. If atmospheric data are available, either through day-of-launch operations or through the use of onboard systems, this 
infoimation could be passed to the prediclor-conector algorithm and would decrease the number of required updates. 

IIorizontai-Takeoff Air-Breathing Vehicle 

As with the vcrttcal-takeoff vehicle, the guidance philosophy of the air-bteathing vehicle was to fly a trajectory that would 
maximize insened payload without violating any vehicle constraints. The most significant constraint was a dynamic pressure limit of 
57.5 kPa for velocities less than Mach 1 and a limit of 95.8 kPa for velocities greater than Mach 3. Between Mach 1 and Mach 3, the 
dynamic pressure constraint was varied linearly between these limits. The optimal trajectory as detennined by POST was to reach 
95.8 kPa as soon as possible and then to fly this boundary until sufficient velocity was obtained that the vehicle could pull up to a 
nansfer orbit. At this velocity, the vehicle perfotmed a powered pull up until dynamic pressure was reduced to 23.9 kPa. At this point, 
the engines were shut down and the vehicle coasted to apogee and then circularized with tocket propulsion. This optimal trajectory used 
the elevens to stadcally trim the vehicle in pitch. 

It was found that if the pull-up maneuver was modelled as a constant angle of attack pull up at a constant throttle setting, it 
would agree closely with the optimal maneuver. Therefore, this simplified technique was simulated for this flight control issues 
analysis. Because of the use of aerodynamic control surfaces and the long flight times at high dynamic pressure, it was determined that 
a 6-degree-of-freedom simulation would be necessary to assess the flight conuol issues. The guidance algonthm was designed to 
follow the optimal profile with the predietor-corrector algonthm operating as an outer loop control to determine the pull-up point. This 
optimal profile was charactenzed by dynamic pressure (q). flight path angle (y), and acceleration. A schematic of this guidance is 
shown in figure 5. 

The predictor-corrector algorithm used 3-degree-of-frecdom equations of motion that were modified to include longitudinal 
static trim by eleven deflections. For this study, the predictor-corrector model used the same planet, gravity, and propulsive models as 
the actual simulations. The aerodynamic model was composed of the untrimmed and Cp coefficients as well as Clj., Cpg^, and 

Cni(jc which describe the elevator effectiveness. These aerodynamic data were derived from the aerodynamic data used in the 6-degree- 

of-freedom simulation The basic atmosphenc model used in the predictor-corrector algonthm was the 1976 standard. However, this 
model had to be modified because the vehicle flies a dynamic pressure profile when it enters the predictor-corrector guidance. If the 
atmospheric model was not modified, the guidance laws for the predictor-corrector algorithm would see an immediate unrealistic 
dynamic pressure error. To correct this defect, the atmospheric density used by the predictor-corrector algonthm is the 1976 standard 
atmosphere modified by a constant factor. This factor is the rauo of the actual dynamic pressure to the dynamic pressure predicted by 
1976 standard atmosphere. This factor is calculated whenever the predictor-corrector algorithm is invoked 

AIR-BREATHER FLIGHT CONTROL SYSTEM 

The requirement for a 6-degree-of-freedom simulation dictated that a control system for the air-brcaihing vehicle had to be 
designed. A schematic of the control system is shown in figure 6, The philosophy was to use the elevens for both pitch and roll 
control This was accomplished by differentially deflecting the elevens so that they would function for both elevators (6e) and ailerons 
(5a) Thus, the elevons were used to control both angle of attack and bank angle. Tne rudder was used to control sideslip angle. The 
engines were throttled to maintain the optimal acceleration profile. The engines were not gimballed for this study. 

OPTIMAL TRAJECTORIES 

The optimal ascent trajectory for the vertical-takeoff rocket vehicle from launch to orbital insertion is shown in figure 7. The 
orbiler insens into a 93- by 185-km orbit, then coasts to apogee where the orbit is circularized The ide.il velocity (AV) and velocity 
losses for this trajectory arc shown in table 3. This table also shows the velocity losses associated with using engine gimbal for trim. 

This optimal ascent points out two potential flight control system issues. This class of vehicle, namely two-stage employing 
parallel bum and crossfeed, will have a large lateral center-of-gravity shift during ascent until staging. If the pitch trim is provided 
solely by engine gimballing, this will result in a large gimbal angle requirement. For this case, a ±25-dcg range was required solely for 
trim Studies are currently underway to assess the significance of this large gimbal angle requirement. This is discussed in more detail 
in the following section. 

The second issue is the control requu-ement to ensure a successful staging. The trim requirements alone require that the orbiter 
engines gimbal over a range of >25 deg at staging. Many other issues, such as interference aerodynamtes, will make the staging of any 
multiple-staged parallel-mounted vehicle a serious control issue. 

The optimal ascent trajectory for the horizontal-takeoff air-breathing vehicle is shown in figure 8. The AV ard velocity losses 
for this trajectory are shown in table 3. The table also shows the velocity losses associated with using the elevons for trim. The one 
potential flight control issue uncovered by this simulation is the large value of velocity loss associated with inm This inHicates that the 
use of active ccnier-of-gravity control or thrust vectoring should decrease the amount of propellant icquired. 




3-6 


RESULTS AND DISCUSSION 
Verlical-Takeoff Rocket Vehicle 


Atmospheric Density Variations 

The first o^-nominal conditions used in the flight control sensitivity analysis were constant bias factors applied to the standard 
atmospheric density, 'fhe optimal trajectoiy dLscussed in the previous section was detemiined with the 1976 standard atmosphere. The 
off-nominal densities were simulated by applying factors of 0.8 to 1.2 to the standard density. The results of these cases are shown in 
table 4, The guidance algorithm was able to successfully fly these off-nominal conditions, and no performance issues were uncovered. 
The total amount of payload variation, when compared with the optimal profile, ranged from -3452 to 782 kg. 

To simulate a more realistic variation in atmospheric density, mean density profiles for each month of the year as determined by 
the Global Reference Atmosphere Model (GRAM) were used The GRAM (see Ref. 7), was developed to provide realistic 
atmospheric data including winds. The GRAM provides both mean and perturbation data. The results from the simulations are shown 
in table 5. The total amount of payload variation, when compared with tlic oputnal profile, ranged from -504 to -208 kg. 

Atmospheric Density Variations Inciuding Winds 

Simulations were also conducted with these same atmospheric density profiles with winds added. The results of these 
simulations are shown in table 6. The total amount of payload variation, when compared with the optimal profile, ranged from -504 to - 
189 kg. 


In addition, trajectories were simulated using 10 perturbed profiles for a single date (July 1, 1989). The results of these 
simulations are shown in table 7. The total amount of payload variation, when compared with the optimal profile, ranged from -472 to - 
603 kg. In addidon, trajectories were simulated with a ±3 o variation in the mean density for this same date. These results are given in 
table 7 and show a payload varianon when compared with the optimal of-1056 to-118 kg. 

Gimbal Angle Reduction 

While studies are underway to assess the impact on vehicle design of large pitch-gimbal angles, control studies are being 
eonducted to assess the relative merits of alternate control techniques. The most promising soluuon found to date is to provide control 
' both throttling and gimballing the engines. To illustrate this technique, the optimal trajectory was determined with a maxinmm 
■'ai'le gimbal angle of 10 deg. To provide the addidonal required pitch conuol, the booster engines were throttled when the engines 
,c this gimbal limit. After staging, the engines remain witliin the lO-deg limit. The comparison trajcctones are shown in figure 9, 
ana le 8 illustrates the perfonnance differences. For this study, all the booster engines were throttled equally. In actual practice, 
engines would be shut down to avoid the deep throttling required for trim. The use of this technique results in a reduction m inserted 
weight of 1288 kg. Thus, this technique would be worthwhile if the penalty to allow the large gimbal angles exceeds this value. 

Separation Analysis 

One of the significant design issues for any multi-stage vehicle is to provide a safe separation at staging. This veh.ole is 
different from any that have been flown to date in that both the orbiter and booster arc winged. An additional complication is that at 
staging, the booster (the lower vehicle) is empty, and the orbiter is fully fueled as a result of using propellant crossfed from the booster 
to fuel the engines of the orbiter until staging. Because ol these issues, a preliminary analysis of the staging maneuver was conducted. 

The computer program used in this analysis is described in reference 8. This program provides for the 6-degrce-of-fretdom 
analysis of multiple bodies. For this study, only the longitudinal modes were analyzed, and no interference effects were added to the 
aerodynamic data base. The separation sequence that would provide a successful separation was to shut down the booster engines, 
release the forward attachmert strut, allow the booster to rotate until the angle between the two vehicles reached 2 deg, and then release 
the aft attachment strut. After staging, the booster was commanded to fly an angle of attack of -10 deg. The conUol system used by the 
booster during the separation is shown in figure 10. The nominal separation is shown in figure 11 relative to the orbiter. The state 
conditions at staging are shown in table 9, and the angle-of-attack and elevator histories are shown in figure 12. Separation uajectones 
were also analyzed at off-nominal staging angles of attack. This analysis showed that a successful separation required that the stagmg 
angle of attack must be between -6 and 2 deg. 

Conclusions 

Tiie predictor-corrector guidance algorithms provided for accurate insertions with errors in geocentric radius at insertion of 
<1 m for all cases. In all the atmospheric dispcrsio.i rases studied, no additional flight control issues other than those discussed 
previously, namely large engine gimbal angles and the staging maneuver itself, were uncovered. Solutions to both of these concerns 
have been developed, and a preliminary analysis of each has been completed. 

Horizontal-Takeoff Air-Breathing Vehicle 


Nominal Trajectory 

The predictor-corrector algorithm is used only to determine the velocity at which to begin the pull-up maneuver. The target 
conditions of the predictor-corrector algorithm were modified such that for the nominal case the 6-degrce-of-frcedom simulation using 
the piedictor-corrector guidance algorithm would give the same results as the opdmal trajectory. 
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Atmospheric Density Variations 

The same strategy that was used to assess the flight control issues for the vcnical-takeoff rocket vehicle was used for the 
horizontal-takeoff vehicle. The first off-nominal conditions were the constant factor biases applied to the standard atmosphere. As 
with the rocket vehicle, these factors were varied from 0.8 to 1.2. Because the predictor-corrector guidance algorithm calculates a 
density factor that matches dynamic pressure when the algorithm is first entered, the atmospheric model used by the algorithm was 
identical to the one used by the simulation. The results of these simulations are given in table 10. The total payload variation, 
including the AV required for circularization, when compared with the optimal profile, ranged from -381 to 177 kg. 

The results of the simulations using the density profiles from GRAM are shown in table 11. These density variations also 
uncovered no flight control issues, and the total payload variation, when compared with the optimal profile, ranged from 38 to 581 kg. 

Atmospheric Density Variations Including Winds 

The simulations that used the GRAM density and wind profiles are shown in table 12. These density variations also uncovered 
no flight control issues, and the total payload variation, when compared with the optimal profile, tanged from 22 to 611 kg. 

in addition, trajectoncs were also simulated using the same 10 perturbed profiles used by the all-rocket vehicle for a single date 
(July 1,1989). The results of these simulations are shown in table 13. The total amount of payload variation, when compared with the 
optimal profile, ranged from 452 to 546 kg. In addition, trajectories were simulated with a ± 3 o variation in the mean density for this 
same date. These results are given in table 13 and show a payload variation when compared with the optimal of 406 to 583 kg. 

Conclusions 

As with the veriical-takeoff rocket system, the addition of off-nominal atmospheric conditions did not uncover additional 
significant flight control issues over those uncovered during the determination of the optimal trajectoncs. However, when one 
compares the insertion accuracy of the vertical-takeoff system (tables 4-7). with the insertion accuracy of the honzontal take-off vehicle 
(tables 10-13), one notes that the vertical-takeoff rocket was inserted with accuracies of 1 m, whereas the honzontal take-off 
airbreathuig vehicle had insertion errors as high as 4.8 km. To improve this accuracy will require that the air-breathing vehicle be able 
to modulate its acceleration after the main engines are shut down (23.9 kPa to inseruon). The required change to the guidance algonthm 
would be minor, but more fuel would be requued for ascent. 

SUMMARY 

A study has been conducted that investigated some of the issues that affect the flight control and guidance system designs for 
vertical-takeoff and horizontal-takeoff vehicles. The study used a two-stage all-rocket vehicle to represent the vertical-takeoff system 
and a generic aerospace plane concept to represent the honzomal-takcoff vehicle. To conduct this study, a robust guidance algonthm 
was designed for both vehicles. These algorithms demonstrated very accurate inscnion capability under the conditions simulated for 
the venical-takeoff all-rocket vehicle and moderate insertion accuracy for the horizontal-takeoff air-breathing vehicle. 

Two flight control issues for the vertical take-off rocket were uncovered. The first was the large gimbal angle range required 
for pitch mm when using parallel mated vehicles. The second was control during staging. 

Two issues were also identified for the air-breathing vehicle. The first was that since the drag losses are a significant fraction of 
the total ideal velocity required, the drag associated with trimming needs to be reduced. Tlic second issue was that since the vehicle flies 
at high dynamic pressure for most of the ascent, the guidance system design will be more difficult to insure accurate insemon. 

FUTURE WORK 

No flight control issue has been identified in this paper that would preclude the selection of cither of these two classes of vehicle 
for the next latinch vehicle. However, this paper has been able to address only a few of the issues that will affect the design of the flight 
control and guidance systems for the next-generation spacecraft. Some major areas that were not discussed, but which arc cuircntiy 
being exanuned at the NASA l.anglcy Research Center, include additional atmosplienc anomalies such as gusts and turbulence, control 
during staging, as well as alternate trim techniques. 
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TABLE 1. CHARACTERISTICS OF VERTICAL- 
TAKEOFF ROCKET VEHICLE 



EQQSIES 

.453,742 


.48,699 

Number of engines. 

.6 

Vacuum engine thrust, N. 

.1.557x106 


.438 

Wing reference area, nfi . 

.144 


mmiES 


Gross mass, kg.538.361 


Payload, Kg. 

.9,100 

Number of engines. 

..4 

Engine vacuum thrust, N.. 

.1.557x106 

Fnoin^ I*-. 

g,--, .. 


Wing reference area, m^. 

.185 


TABLE 2. CHARACTERISTICS OF HORIZONTAL- 
TAKEOFF AIR-BREATHING VEHICLE 


Gross mass, kg.136,079 

Dry mass, kg.58,968 

Payload, kg.9,100 

Circulariration engine Ijp, sec.465 

Wing reference area, in^.335 

Span, m.18 

Mean acmdynamic chord, m.24 


Engine diiust and Ijp characteristics are shown in 
figures 3 and 4 
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TABLE 3. RELATIVE VELOCITY LOSSES OF ROCKETAND AIR-BREATHING VEHICLES 



rocks: 

AlBcBBEA] 

AV, m/sec 

9,334 

10,749 

AVloSS. nt/sec 

1,872 

3,372 

AV/^x, m/sec 

200 

0 

AVd, m/sec 

193 

2,725 

AVq, m/sec 

1,327 

636 

AVxv, m/sec 

156 

16 

AVcf, m/sec 

-4 

-5 

AVcirC, m/sec 

26 

162 

Velocity losses due to 
gimballing, m/sec 

.i7 

0 

Vector losses due to 
eleven deflection, m/sec 

0 

366 


TABLE 4. VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR CONSTANT FACTOR 

ATMOSPHERIC DENSITY VARIATIONS 



EAdORsfiLS 

FACTOR=0.9 

L-A.C1QR5.1..1 

EAaORsl.^ 

A Paylo.id, kg 

782 

464 

-849 

-3452 

A Time, sec 

-1.1 

-0.7 

1 2 

5.1 

AGrad. m 

-0.6 

■0.15 

0.2 

•0.03 

Ay, deg 

-0.0003 

-0.0001 

0.0003 

•0.0001 


TABLE 5. VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR GRAM ATMOSPHERIC 

DENSITY VARIATIONS 
(Monthly Mean Density With No Winds) 



MNUARY 

EEMIMRX 

MARCH 

APRIL 

MAX 

JUNE 

A Payload, kg 

-254 

-208 

-225 

-277 

-339 

-416 

A Time, see 

0.4 

0.3 

0.3 

0.4 

0.5 

0.6 

AGfaj, m 

0.44 

0.03 

0.24 

0.15 

0.12 

0.06 

Ay. deg 

0.0004 

0.0002 

0.0003 

0.0004 

0.0003 

-0.0001 


JULY 

AUGUST 

SEPTEMBER 

OCTOBER 

NOVEMBER 

DECEMBl 

A Payload, kg 

-504 

-470 

-411 

-334 

-286 

-282 

A Time, sec 

0.7 

0.7 

0.6 

0.5 

0.4 

0.4 

AGf.ad.m 

-0.09 

0.18 

0.33 

0.4 

0.4 

0.09 

Ay, deg 

■0.0001 

0.0002 

0.0004 

0.0004 

0.0004 

0.0003 
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TABLE 6. VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR GUAM ATMOSPHERIC 

DENSITY VARIATIONS 
(Monthly Mean Density With Winds) 



JANUARY 

EEBS.UARI 

MARCH 

Am 

MAX 

JUNE 

A Payload, kg 

-212 

-189 

-250 

-329 

-364 

-411 

A Time, sec 

0.3 

0.3 

0.4 

0.5 

0.5 

0.6 

AGrad- 

0.34 

0.03 

0.24 

0.15 

0.12 

0.06 

Ay, deg 

0.0004 

0.0001 

0.0003 

0.0004 

0.0003 

-0.0002 


JULY 

AiiOliSI 

SEBTEMBER 

OCTOBER 

tjOVEMPER 

DECEMBER 

A Payload, kg 

-504 

-449 

-398 

-315 

-269 

-255 

A Time, sec 

07 

0.7 

0.6 

0.5 

0.4 

0.4 

^Gfad* ^ 

-.09 

0.21 

0.37 

0.40 

0.40 

0.09 

Ay, deg 

-0.0001 

0.0003 

0.0004 

0.0004 

0.0004 

0.0003 


TABLE 7. 

VERTICAL-TAKEOFF ROCKET SIMULATION RESULTS FOR GRAM ATMOSPHERIC 
DENSITY VARIATIONS 
(Perturbations for July 1, 1989 With Winds) 


EEBIitl 

EEBIJ2 

EEBISI 

EERIM 

P.ERTJS 

A Payload, kg 

•603 

-502 

•564 

•566 

•570 

A Time, sec 

0.9 

0.8 

0.8 

0.8 

0.8 

AGfad* ^ 

-0.24 

-0.31 

0.15 

-0.18 

■030 

Ay, deg 

0.0004 

-0.0005 

0.0004 

•0.0003 

•0.0005 


PERT 46 

PERT #7 

PERT«8 

EEK02 

PERT #10 

A Payload, kg 

-562 

-562 

-528 

-526 

-472 

A Time, sec 

0.8 

0.8 

0.8 

0.8 

0.7 

AGrad. ™ 

0.06 

-0.21 

-0.18 

0.18 

•0.15 

Ay, deg 

0.0002 

-0.0001 

•0.0002 

•0.0001 

-0.0002 


3a PERT 

-BoPJEI 




A Payload, kg 

-1056 

-118 




A Time, sec 

1.5 

-0.2 




AGfad* m 

0.49 

-0.49 




Ay, deg 

-0.001 

0.001 
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TABLE 8. COMPARISON OF ROCKET VEHICLE WITH AND WITHOUT ENGINE GIMBAL CONSTRAINTS 


AV, m/sco 
'i^LOSS. 

AVraRUST. nv'scc 
^VaeRO- 
AVgraV> nVsec 
AV-fv, nVsec 
AVcoR. in/scc 
AVciro "Vscc 
Time to staging, sec 
Time to insenion, sec 



104.8 


114.4 


438.3 


449.5 


TABLE 9. VERTICAL-TAKEOFF ROCKET STAGING CONDITIONS 


AIttiudc, m.24,687 

Velocity, m/sec.835 

Y, (leg.37.5 

a, deg.-1.7 

Mach.2.8 


TABLE 10. HORIZONTAL TAKE-OFF AIR-BREATHING SIMULATION RESULTS FOR CONSTANT 
FACTOR ATMOSPHERIC DENSITY VARIATIONS 


FACTOR^.8 


A Payload, kg. 

-381 

-176 

150 

177 

A Time, sec 

15,5 

7.0 

■5.9 

-6.9 

A Apogee, km 

•0.6 

02 

0 

0 

A Perigee, km 

7.8 

3.5 

-3.3 

-6.9 
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TABLE 11. HORIZONTAL-TAKEOFF AIR-BREATHING SIMULATION RESULTS FOR GRAM 
ATMOSPHERIC DENSITY VARIATIONS 
(Monthly Mean Density With No Winds) 



JANUARY 

FEBRUARY 

MARai 

APRIL 

MAY 

JUNE 

A Payload, kg 

307 

249 

270 

475 

581 

557 

A Time, sec 

-8.5 

-6.8 

-5.2 

6.2 

■9.7 

-9.0 

A Apogee, km 

4.8 

3.5 

2.0 

2.6 

4.1 

3.0 

A Perigee, km 

-7.4 

-6.1 

-4.3 

-4.3 

7.6 

-5.7 


JULY 

AUGUST 

SEPTEMBER 

OCTOBER 

NQ-YEMBEB 

DECEMBER 

A Payload, kg 

485 

341 

295 

239 

38 

289 

A Time, sec 

-7.5 

-7.6 

■6.3 

-6.0 

-7.4 

-7.1 

A Apogee, km 

2.0 

1.7 

0.9 

1.5 

2.8 

3.1 

A Perigee, km 

.4 8 

-5.9 

-4.8 

-4.8 

-7.2 

-6.1 


TABLE 12. HOR'ZONTAL-TAKEOFF AIR-BREATHING SIMULATION RESULTS FOR GRAM 
ATMOSPHERIC DENSITY VARIATIONS 
(Monthly Mean Density With Winds) 



JANUARY 

CEBRUABY 

MARCH 

APRIL 

MAY 

JUNE 

A Payload, kg 

257 

198 

230 

458 

596 

611 

A Time, sec 

-8.2 

-5.7 

-4.3 

-5.3 

-9.5 

-10.3 

A Apogee, km 

4.6 

3.0 

1.5 

2.2 

4.1 

3.7 

A Perigee, km 

-9.3 

-8.9 

-6.9 

-5.6 

-7.2 

-3.3 


JULY 

Aueusi 

SEEffiMPER 

OCTOBER 

NQYEMBER 

DECEMBER 

A Payload, kg 

482 

369 

307 

240 

22 

249 

A Time, sec 

-10.3 

-8.9 

-6.9 

-4.8 

-5.2 

-5.0 

A Apogee, km 

3.0 

2.2 

1.1 

0.9 

1.3 

2.2 

A Perigee, km 

-2.4 

-3.9 

-4.3 

-6.5 

-10.7 

-9.1 


y 
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TABLE 13. HORIZONTAL-TAKEOFF AIR-BREATHING SIMULATION RESULTS FOR GRAM 
ATMOSPHERIC DENSITY VARIATIONS 
(Perturbations for July 1, 1989 With Winds) 



PERT#1 

mu2 

EERm 

PERIfM 

EEB1#5 

A Payload, kg 

487 

504 

508 

522 

507 

A Time, sec 

-9.0 

-11.4 

-9.0 

-11.9 

-9.6 

A Apogee, km 

1.1 

2.8 

1.4 

3.0 

2.4 

A Pcrigee.km 

2.2 

-3.3 

0.4 

-5.0 

-1.7 


PERT.#6 

PERT #7 

PERT #8 

PERT #9 

EERllifi 

A Payload, kg 

503 

452 

474 

509 

546 

A Time, sec 

-6.8 

-12.0 

-9,5 

-8.9 

-11.3 

A Apogee, km 

1.7 

3.7 

28 

2.6 

1 5 

A Perigee, km 

3.1 

-6.1 

-1.3 

-0.2 

0.6 


JqPERT 

-3oPRRT 




A Payload, kg 

CO 

406 




A Time, see 

-19.1 

-0.2 




A Apogee, km 

4.4 

1.3 




A Pongee, km 

-12.6 

9.4 






Figure 1, Vcnical-lakeoff rocket vehicle. 


Figure 2. Horizontal-takeoff of air-breathing vehicle. 
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Figure 5. Schemaiic of guidance algorithm for 
air-breathing vehicle. 


(b) Engine pitch gimbal angle and angle-of-attack histories. 
Figure?. Concluded. 
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Figure 8. Optimal ascent trajectory for horirontal-takeoff 
air-brcathing vehicle. 



(a) Engine pttch gimbal history. 

Figure 9. Comparison of control histories for venical-takeoff 
rocket vehicle with and without engine pitch g'mbal limits. 



< 1 » 

Figure 10. Booster pitch flight control system for 
separation maneuver. 


Vcjwai 

separatKjfi 



Figure 11. Separation time histoiy of booster and orbiter. 




(b) Engine throttle history. 
Figure 9. Concluded, 


(a) Angle of aitaek. 

Figure 12 Time histoiy of booster angle of attack and elevator 
deflection during separation maneuver. 



(b) Elevator. 
Figure 12. Concluded. 
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Summary 

An overview over the state of the art of trajectory optimization of aerospace vehicles is given 
with emphasis on applications to ARIANE V ascent trajectories and HERMES reentry 
trajectories. The paper briefly reflects on some of the numerical methods used in the past and 
describes in more detail two relatively new methods under development, both of which need 
efficient sequential quadratic programming for solving the associated nonlinear programming 
problems. A detailed description of the equations of motion, the boundary conditions and the 
flight path constraints for the ARIaNE V ascent and the HERMES reentry is presented and 
numerical results are given for an optimal ascent into geostationary transfer orbit, into a 

sun-synchronous orbit, into a 28.5® transfer orbit for the ARIANE V/HERMES combination, 

and an optimal reentry from a 28.5® orbit to Istres. The paper concludes with an outlook into 
trajectory optimization of space vehicles with airbreathing engines. 


1. INTRODUCTION 

Ascent trajectory optimization of rockets has been one of the driving applications for developing 
new optimization methods, more efficient algorithms and software for almost 30 years. 'ITiis is 
not surprising since only a small fraction of the total lift-off mass of a rocket can be utilized as 
payload and, therefore, it is most important to select the best ascent profile. For this purpose the 
motion of the vehicle can be analyzed by looking at the motion of the center of mass and 
neglecting the rotational dynamics. Mathematically this requires the solution of a set of ordinary 
differential equations[l] which are controlled by pitch- and yaw-angles from lift-off until 
burn-out of the last stage. The purpose of optimization is to select the time histories of the 
control functions in such a way as to maximize the payload in the desired orbit while observing 
all vehicle- and mission constraints. 

Descent trajectory optimization has been of interest ever since reentry vehicles are capable of 
generating lift forces during the reentry and using these to change their flight paths. Here, too, 
the analysis can be done by considering mass point motion only, and the control functions are 
for instance angle of attack and velocity bank angle. There are various performance criteria of 
interest such as maximizing the crossrange or minimizing the total heat load accumulated along 
the flight path. Most important are temperature constraints at various critical points of the 
vehicle, for instance at the stagnation point, at the leading edge of the wings, or at critical points 
at the lower wing/fuselage surface. Other constraints are on maximum permitted deceleration, 
on maximum permitted dynamic pressure and on maximum permitted hinge moments of some 
of the control surfaces. 


The above described optimization problems are optimal control problems which can not be 
solved analytically except in rare cases where one makes simplifying assumptions such as 

iiiv vAAWi vri iiiv aiiu wiidiuvixit|^ iaia|^uidiavuvav-aubauiid ua uu^avviaai^ 

the atmosphere and assuming flat earth and constant gravitational forces for the ascent problem, 
or assuming zero flight path angle and neglecting gravitational forces during for the descent 
problem. Solutions obtained with these kind of simplifying assumptions can serve the analyst 
quite well, they must be checked, however, by comparing them with numerical solutions 
obtained using a full order dynamic model. To this end various optimization methods are 
available. 


• KyS-Nl'-'. 
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The first class of methods are gradient and conjugate gradient methods which have been applied 
for these kind of problems successfully in the past, f.i.Ref.[2]-[5]. Parameterizing the control 
functions over a user specified grid has be''n a successful approach for solving trajectory 
optimization problems, too. This technique transforms the optimal control problem into a 
nonlinear programming problem and was first applied to rocket trajectories in [6], later in 
[7]-[9]. Improvements in methods for solving nonlinear programs have been utilized in the later 
papers. The ascent trajectory of the US-Shuttle has been designed using this approach. At the 
European Space Agency(ESA) there exists software based on this approach. In [10] and [11] the 
ideas of Davidon Fletcher Powell on Quasi-Newton Methods for nonlinear programming was 
extended to function space and applied to ascent trajectory optimization. All these methods are 
considered first order methods since they make use of first order information only. First order 
algorithms need the system- and the adjoint differential equations, which have to be solved in 
backward or forward direction once in each iteration. Second order information is built up - 
where required - during the course of the iteration sequence. 

Second order methods for solving trajectory optimization problems have been proposed early in 
the development, too. The most widely used one is the Multiple Shooting Algorithm (MSA) first 
presented in [12] with later extensions in [13]. Second order methods — except the MSA - need 
analytical second partial derivatives of the system equations which are cumbersome to get for 
complex trajectory problems. The MSA generates the second order information numerically and, 
therefore, is the only competitive optimization method in its class. Here, the system equations 
must be integrated forward together with the adjoints in each iteration. TTie switching structure 
of the optimal solution must be known in advance. It has been successfully applied to ascent and 
descent problems in [14] and [15]. 

A different computational method is due to Bellman's Principle of Dynamic Programming. Here, 
the constrained optimal control problem is discretized and a multistage decision making problem 
is obtained which is being solved by a special recursion formula based on Bellman’s 
optimization principle. This method suffers from the so called "curse of dimensionality" because 
computer time and RAM storage demands increase exponentially with the dimension of the state 
vector. This has limited its applicability to small problems, say three state variables at most. 
Indirectly related to the dynamic pro^mming method through the Hamilton-Jacobi partial 
differential equation is the differential dynamic programming method. In [17] numerical 
experience with a first and a second order version of the algorithm for aerospace problems is 
reported. This method needs adjoint differential equations and in its second order version even 
analytical second partials with respect to the state. DDP methods have seen only limited 
applications. 

The significant advance in solving constrained nonlinear programming problems has been the 
development of efficient quadratic programming(QP) solvers within the last 10 years and this 
has renewed the interest in trajectory optimization algorithms based on parameterizing the 
optimal control problem. In [18]-[21] recursive quadratic programming is applied to space 
trajectory optimization in connection with an indirect method. QP solvers are used in connection 
with direct methods in [22]-[23] and in [24], Here a multiple shooting structure is introduced 
into the parameterized optimal control problem thus making forward differencing for generating 
estimates for partial derivatives with respect to the parameters as efficient as using adjoints. In 
[25] a special integrator is presented which enhances the performance of the algorithms for 
parameterized control calculations even further. Results for ascent and descent optimization are 
given in [25]-[29]. Another new approach which utilizes the advance in solving QP's efficiently 
is presented in [30] using direct collocation for satisfying the differential system. The associated 
software is known in the United States under the Name OTIS and has found widespread use at 
many government laboratories, in industry, and at some universities. It has been applied 
successfully for analyzing the ascent trajectories of new launch vehicles with airbreathing 
engines. 

In this paper two new methods under development at DLR are presented, one based on 
parameterizing the control functions and multiple shooting for integrating the system equations 
numerically. This algorithm is presented under the name PROMIS. It has several advanced 
features such as a separate discretization grid for each component of the control vector, variable 
control model function selection options, a separate grid for handling state 
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i constraints, efficient integration of the system equations by using the integrator from [25], and it 

does not need adjoint differential equations. Tlie other method is based on direct collocation for 
satisfying the system differential equations. It is an extension of the method presented in [30] 
with additional features such as automatic scaling and variable grid selection. The system 
equations need not to be integrated explicitly and the method does not need adjoints. This one is 
presented under the name TROPIC. These methods are being developed with the primary goal 
of having efficient software for trajectory optimization of aerospace vehicles. Particular 
emphasis is placed on an advanced user interface which makes it easy to set up a new 
optimization problem, change the models, perform iteration sequences, analyze intermediate and 
final results, and switch from one type of method to another one. These methods will be 
applicable for trajectory optimization of winged launchers with airbreathing engines, for 
instance HOTOL or SANGER II. 


2. MATHEMATICAL MODELS for SIMULATION and OPTIMIZATION 
2.1 EqiiatiQns_of motion 

The point mass equations of motion in a flight path coordinate system over a spherical, rotating 
earth with no wind in the atmosphere are[l] 

• 2 2 

V = rc 0 g(cos 5 sinY-sin5 cos5 cosy cosx) — g siny + (T/m)cosa cose +X^m 

• 2 —1 
X = (V/r)cosy sinx tan8 + 2cOg(sin5-cosx cosS tany) + rcOg(Vcosy) sinx sin5 cos5 

- T(mVcosy)~^coso sine - Y^(mVcosy)~^ 

2 2 

Y = (V/r)cosY + 2o)gSinx cos5 + (r®gA^)(cos 5 cosy + sin5 cos5 siny cosx) 

- (gA')cosy + (mV)“^(Tsino+Z^) 

A = (V/r)cosy sinx (cos5)~^ (1) 

6 = (V/r)cosy cosx 
f = Vsiny 
m = - b 

Here, V is the vehicle velocity relative to an eartli fixed coordinate system, r its radius vector 
from the center of the earth, x.Y are azimuth and path inclination which measure the orientation 
of the flight path coordinate system relative to a local horizontal system. A,5 are geographical 
latitude and longitude of the vehicle. T is the thrust, m the vehicle mass, X^,Y^, Z^ are the 

aerodynamic forces acting on the vehicle. The angles a and e are the directions of the thrust 
vector with respect to the flight path coordinate system. They represent the control functions in 

_3 

the differential system. o)g(7.2921*10 rad/s) is the angular velocity of the earth's rotation, a 
and e can be replaced by body pitch and yaw angles 0 and through the transformation 


cosa cose 


sin0 cosiir sinx^ + sin\|/ cosx^ 

cosa sine 

= A 

sin0 cosvjf cosXq — sin\|/ sinx^ 

sine 


COS0 cost]/ 


where the subscript ^ indicates angles at t=0 and where A(Xy,8^,A,5,x,y) is a transformation 

matrix depending on the angles consisting of five orthogonal transformations from the local 
horizontal system to the body axis system, for details see f.i.[26]. With this expression a and e 
can be replaced in (1) by 0 and \}f, these being tlie new control variables for the differential 
system. For descent there is no thrust, and all terms containing 1’ are not present. In this case the 
control functions are angle of attack a and velocity bank angle p, both controls will be 
discussed below. 

i E 





4-4 


The aerodynamic forces are given in vehicle coordinates and are defined as 
Xj=qc^S, Yj=qCyS, Z£s=qc^S 

2 

with q-(p/2)V the dynamic pressure and S the reference area. The coefficients 

functions of angle of attack a, side slip angle P, and Machnumber M. For simplification we 
assume no wind. In this case asa and pse and a and p can be used as controls. Then 

dc (M) dcj^CM) 

c^=c^(M)=-Cdo(M). Cy=-3^ “fSintp, c=~^ a^coscp (3) 

with Cj^ as drag coefficient at zero angle of attack, a^. and cp as defined in Fig.l. The relation 
between a, P, and tp is 

a=ajCos(p, p=-a£sin(p. 

The coefficients for the ARIANE V with and without HERMES are taken from Figs.l and 2 and 
are approximated in the numerical examples by cubic splines or by linear functions. The 
aerodynamic forces in the wind axis system are 

X^=cosacospX£--sinPY^-sinacospZp 

Y^=cosasinpXj-'K:ospY^-si.iasinpZp (4) 

Z^=sinaXj.+cosaZp 

For descent optimization it is customary to use angle of attack a and velocity bank angle p. In 
this case the aerodynamic forces are obtained by 

X^ = -D = -qScj^(a,M), M: Mdchnurnber, 

Y^ = Lsinp = qScj^(a,M)sinp, (5) 

Z^ = Lcosp = qScj^(a,M)cosp 

where the lift- and drag coefficients as functions of Machnumber are given in tabular form and 
are approximated for the numerical examples by polynomial functions. 

Air density p(h) and speed of sound a(h) are approximated by differentiable functions using the 
U.S. Standard Atmosphere between 0 and 80 km(see Ref.[14]). The gravitational acceleration is 
given by 

g(r,5)=(p^/r^)(l-»-3/2J2(R£/r)^(l-3sin^5)) (6) 

with Rg(6378.155 km) as equatorial radius of the earth and J 2 (0.0010826) as oblateness 
3 2 

parameter, ^^(398602 km /s ) is the gravitational constant of the earth. With these equations of 

motion trajectories can be computed numerically once initial conditions are specified and 
control time histories 0(t),\(/(t) in the case of ascent or a(t), p(t) in the case of descent are given. 




[31] contains a good description of typical ascent trajectories for ARIANE V into geostationary 
transfer orbit(GTO), into highly eccentric 24h and 48h orbits, into so-called Molnija orbits, and 
into escape orbits. To achieve these orbits the ARIANE V vehicle has three stages. The first 
stage is the H155 together with the two boostere P230. The second stage is defined as the flight 
with the HI55 after jettisoning of the boosters. The third stage is the L5 after bum out of the 
H155 and stage separation. Tlirust of a P230 booster is a function of time as depicted in Fig.3. It 
is approximated as Tp 23 Q using linear interpolation. Thmst of the other engines is defined as 

’^H155~Vh155'^H155’^L5'^^spL5^L5 

with as the specific impulse of the respective engines and b the mass flow. Table 1 contains 
the numerical values. 


BBS 

55^*^ 

Is 

RSI 


^P23o(^S/s) 

bjL5(kg/s) 

430 

317 

253 

1933 

6.75 


Table 1: Spec. Impulses and fuel consumption for various engines of the ARIANE V 
vehicle 

For optimization it is sometimes useful to define "optimization stages". In each of these 
optimization stages the solution of the differential system (1) is continuous. Table 2 summarizes 
the ascent sequence and defines the optimization stages for an ascent into GTO. 



‘3 

Table 2: Stages in the optimization problem 


Stage 1 is the first stage of the vehicle and the first stage of the optimization problem. At t 2 the 
boosters are jettisoned, t 2 is fixed(119.177 s). t^ marks the bum-out of the H155 and is fixed 
too(600 s). Stage 2 is for t 2 ^t<t 2 . Stage 3 is the third optimization stage and is a coasting arc 
after separation of the H155 from the upper stage, t^ is to be chosen optimally. Stage 4 is the 
flight of the empty H155 for t 2 <t<t^. The empty H155 is supposed to splash 
down in either the Atlantic or the Pacific Ocean at t^. More about the splash-down constraint 
below. Stage 5 is the ascent of the third rocket stage from ignition of the L5 at t^ until bum-out 
at tj. which is to be selected optimally. 




The initial conditions are 

V(0)=5 m/s, 5C(0)=90°, 7(0)=90.0°, A(0)=-52.82°(Kourou).5(0)=5.25®(Kourou), 
r(0)=Rg+5 m, m(0)=m,, 
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where nij is the initial mass in the first optimization stage. Initial masses for the other four 
stages are given in Table3. 


mj(kg) 

(kg) 

m^ (kg) 

m4 (kg) 

m5(kg) 

717348 

150558 

13085 

14188 

13085 


Table 3: Initial stage masses 

The upper stage of the vehicle has to reach the desired target orbit. In order to relate the state at 
tj. to the orbital elements the state in the wind axis system is transformed into an inertial 

coordinate system. The relations for velocity, path inclination, and azimuth are 

V j=V^(tp+r(tpcOgCOs5(t£) j^2V(tj)cosY(t/.)sinx(tp +r(tpc0gcos5(tj) 
sinYj=V(tpsinY(tj)A'j (7) 

cosXj=V(tj)cosy(tf)cosx(tf)/(VjCosYj) 

where the subscript j designates variables in the inertial coordinate system. The semi-major axis 


a is obtained from 

a=r(tJ.)^lg/(2^ig-r(tpV^). (8) 

Eccentricity e and true anomaly f are related to the state vector by 

esinf(l+ecosO~^=tanYj (9) 

a(l-e^)(l+ecosO“'=r(tf) (10) 

The orbital Inclination i is computed from 

cosi=cos5(tj.)sinXj. (11) 

The argument of perigee ® is obtained from 

sin(co+f)=sin8(tp/sini, cos(ciH-0=cosaj^cos5(tj.) (12) 


where the right ascension with respect to the ascending node aj^ is computed from 

sinaj^=(sin6(tj)/cos5(tp)/1 cosi/sini | 

2 1/2 

cosa|^=sgn(cosXj)(l-sin ttj^) . (13) 

Altogether, perigee and apogee altitude, inclination, and the argument of the perigee are 
prescribed at injection. These are four conditions for the six state variables. Table 4 gives the 
required orbital elements for injection into GTO, into a sun-synchronous orbit(SSO), and into a 

28.5° transfer orbit for HERMES. 
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hp(km) 

hg(km) 

i(deg) 

®(deg) 

GTO 

300 

36000 

10 

180 

SSO 

800 

800 

98.6 

- 

HER 

100 

460 

28.5 

? 


Table 4: Target orbit parameters for three different missions 


2.4.Constraints for the ascent_withX5(automatic mission s! 

For the optimal ascent into GTO without the splash-down condition the empty H155 will fly in 
an elliptic orbit and it will be difficult to predict the splash down point. Therefore, the ascent 
trajectory must be modified to ensure that the empty rI155 will return in the first orbit. This can 
be achieved by requiring that the perigee altitude of the elliptic orbit be sufficiently low, see 
f.i.(32]. An additional deorbit Impulse might be necessary. In the same way as was done for the 
injection into GTO the state at burn-out of the first stage(at t^) is transformed into an inertial 

coordinate system. The relations for velocity and path inclination are 

Vyi25=v^(t2)+r(t3)o)gcos5(t3) j^2V(t3)cos7(t3)sinx(t3) + r(t3)c0gcos5(t3)j 

where the subscript designates variables of the empty H155 in the inertial coordinate 
system. These variables are related to the semi-major axis apjj 55 by 

“hi 

Eccentricity and true anomaly are related to the state vector by 

®H 155^‘"% 155^^ 155^°% 155^ 55 

“H155(1-«H155)(^-^'h155"°%155>"^=^('3> 

The splash-down constraint is imposed by requiring 

Vi55=^pH155-%=“h 155(‘'^155^-V ‘'p 

altitude. 

Alternatively, the splash-down constraint could be imposed by requiring an additional boundary 
condition on the state of the 5th optimization stage at t=t^, for instance. 

Further constraints observed during the ascent are the dynamic pressure constraint 

q(h,V) = BWv 2 < typically = 40kPa, (14) 

and a constraint on heat flux after fairing jettisoning 

q^(h,V) = B^v3<qj, ,t4.<t<tf (15) 

with t., indicating the time of fairine iettisonina. t.^t..<t... A tvpical value for q, is 



501cw/m^. 
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2,5 Constraints for ARIANE V with HERMES 

The empty HI55 is to splash down in the Atiantic. Mathematically this is handled in the same 
way as the splash down constraint for missions into GTO. In case the true anomaly is 

negative at t^ and the perigee altitude is sufficiently low the splash down will occur. It is not 

clear yet whether a deorbit impulse might be necessary to ensure splash down into the Atlantic 
well outside the African coastline. 

In case of a malfunction of the H155 after jettisoning of the P230's a safe return of the 
HERMES space plane restricts the altitude-velocity domain in which flight with the burning 
HI55 can occur, see Fig.4. 

h[km] 

125 - 

110 --, 


4.88 V[km/s] 

Fig.4: Altitude-velocity constraint for ARIANE V/HERMES 
2.6 Mission and vehicle data for descent 

The HERMES space plane is to return from a circular orbit with an altitude of 460km and an 

inclination of 28.5*^ to Kourou or to Istres(France). It has a mass of approximately 16000kg. The 
reentry is initialed by a deorbit impulse which generates a new orbit with a sufficiently low 
perigee. The amount, the direction, and the timing of the applied velocity increment determines 
the initial conditions for reentry into the atmosphere. Although this portion of the descent can 
easily be included in the optimization it is usually treated separately since for a given deorbit 
impulse the trajectory from that point down to a certain altitude is basically fixed. Thus the 
reentry phase really begins at a particular altitude, velocity and path inclination. Similar 
considerations are applied to the last portion of the descent: The space plane becomes "airplane 
like" at about M=2 and about 25km altitude. From this point on, the trajectory can be 
determined by a quasisteady analysis. This point is defined as the beginning of the 
TAEM(terminal area energy management) phase, which serves to guide the space plane towards 
the runway with the proper velocity, altitude, path inclination and heading. There is not much to 
be optimized in the TAEM phase. Therefore, the purpose of entry optimization is to find 
trajectories from a given initial altitude, velocity, path inclination, and heading(as a result of the 
deorbit burn) to the TAEM initiation conditions, satisfying all vehicle- and mission consuaints 
while extremizing a particular performance index. For this entry optimization the differential 
equations (1) are used with controls angle of attack - or lift coefficient - and velocity bank 
angle as given in (5). Lift- and drag coefficients as functions of angle of attack a and 
Machnumber M are taken from [39]. 

2.1 Performance indices.and boundary conditions for descent 

One of the most important performance criteria for a lifting entry vehicle is the achievable 
crossrange from a given initial state 

I(a,)i) = A(t^) = max. (16) 

This performance index is used in [15],(16],[33] and many other studies. Alternatively, one can 
ask for reentry trajectories minimizing the accumulated heat at a particular point of the vehicle, 
usually taken to be the stagnation point, along the flight path 

*f 

" Q(h,V,a)dt, f.i. Q = Qgp(h,V,0) = 


I(a,Ii) = 


(17) 





•j-y 


for the stagnation point where C is a constant for a particular geometrical shape. Of course, one 
could alsr) take other points on the vehicle such as points on the leading edge or at the lower 
surface of the wing. At angles of attack greater zero it is difficult to define analytical 

expressions for the heat flux 0 since it depends not only on the three variables given in (17) but 
in addition on the type of boundary layer, on the temperature of the wall and on other 
parameters. (17) is used as performance index in a study for designing a minimum weight heat 
shield for the US shuttle, see [34]. 

Anotlier performance index used in [28] is to minimize accumulated heat per crossrange 
‘f 

I(a,p)=J Odt/A(tp. (18) 

The initial conditions for a landing in Istres are given in Table 5. 


V(km/s) 


y(°) 

A(°) 

5(®) 

h(km) 

7.5 

77 

-1.65 

-25.9 

free 

122 


Table 5: Initial Condition for Reentry to Istres 
As final conditions altitude, velocity, and path-inclination are prescribed as given in Table 6. 


V(km/s) 

X(°) 

Y(®) 

A(°) 

8(°) 

h(km) 

0.76 

Wm 

BSi 

43.52 

4.92 

30 


Table 6: Initial Conditions for TAEM interface 
2,8 Constraints for descent 

Most importantly, the temperature at the skin of the heat shield must remain below a maximum 
value which depends on the material used and on the construction of the heatshield itself. This 
temperature constraint can be met by limiting the heat flux at critical points on the vehicle 
surface during the reentry. Usually, the stagnation point is used as the most critical point 
although flight results from the US shuttle have shown, that other points, f.i. at the engine pods, 
experience extremely high temperatures, too. Heat flux at the stagnation point is computed as 
given in (17). Other path constraints are due to maximum permissible hinge moments of the 
control surfaces - for HERMES less than 32kNm -, maximum pennitted load factor 
n=L/W<n^^^=2.5, and maximum permitted dynamic pressure q^^^^=10kPa. In addition, it is 

required that ySO throughout the reentry. This constraint arises from guidance considerations. All 
of these constraints define the so called "entry corridor" which is shown in Fig.5 for the 
HERMES space plane. All data are taken from [28]. Any reentry trajectory must lie within the 
boundaries and a typical optimal reentry trajectory first encounters the temperature constraint, 
then the hinge-moment constraint, and at the end the dynamic pressure constraint. The max. 
load factor constraint usually does not become active. 
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3 OPTIMAL CONTROL PROBLEM 

n 1 n* ____ /“v/^rv 




The equations of motion for a multi-stage system can be written in the form 

(PI) x(t) = f*(x,u,p^,t), tj < t < tj^j^ j = l,...,m-l; 

^0 ~ h’ *f “ ^m’ *0" '”*^*®* ***”‘^’ V' 

with m-1 stages where is continuous and continuously differentiable within each stage, is 
a vector of design parameters of dimension n^, the state vector x has dimension n, the control 
vector dimension I The objective is to determine u(t), the staging times tj, and the design 

j 

parameters p° such that the functional 
I = (J) (x(tQ), x(tp, p^^, tj) 

is minimized. At each staging time, boundary conditions of the form 

J 

Vi(x(tj), p , tj) = 0, i = l,...,n(^, j 6 {l,...,m) 
must be satisfied. Within each stage inequality consn^ints 
g(x,p^,t) < 0 or g (x,u,p‘^,t) <0, tj < t < tj^j 

have to be satisfied where g is either a vector or a scalar. In addition, at staging, jump 
conditions (stage separation) 

Xi(tt) = hj^(Xj(t:), tj), i€ (l,...,n) , je {2.m-1), k= l,...,n|^ 

might be imposed. The complete vector of parameters to be adjusted in the optimization is 
dX X 

p=(tj,...,t^, p“^)‘. Constraints are dynamic pressure consu-aint, integrated heat flux, spla.sh 

down constraints. Jump conditions are the jumps at booster jettisoning, and at stage separation, 
at payload fairing jettisoning. 
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X = f(x,u,p,t) , g (x,u,p,t) so, 0 < t < 1 
V (x(0), x(l), p) =0, 

diin(u)=l, dim(p)=n , dim(x)=n, dim(g)=l or n , dim{\|/)=nj^. 
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3..3Jaiamstedzsd2?piimaLgo n ttol( R RQJ V Ji$.) 

3.3.1 Parameter Vector and Constraints 
The problem under consideration is 

1 

(P3) min I(u,p^) = <!> (x(l), p^)-H f L(x(t), u(t), p^^.t) dt 

0 

subject to the same constraints as in (P2). The basic idea is to reduce the infinite dimensional 
problem to a finite dimensional one. Here, a version of an algorithm is described that uses 
multiple shooting in connection with parameterization of the control. To this end several grids 
are introduced: 

a multiple shooting grid 


0 = 


1 ‘2 ^j-hl ^m-1 

where at the gridpoint '^j>—the state vector is estimated to be x(Xj) = Xj, 

a control grid attached to each mesh of the multiple shooting grid 


T = 1 
m 


X. 

J 


>1 


Xj= Xj 


x“ 

^i+1 


where mV is the number of gridpoints in the control grid, 


x^u = X. , 
mv j+1 
J 


a constraint grid attached to each mesh of the multiple shooting grid 




Vi 






■^i+l 


■^mV ■ Vl 

J •' 


where mV is the dimension of the constraint grid in the j—th multiple shooting grid. 

The control vector u in (P3) is approximated over the control grid by piecewise constant, linear, 
or cubic spline functions. For a linear approximation one obtains in each subinterval of the 

control grid xV < t < xV^j 


u(t) = Ujj 


U. 




x“ - x“ 
M-fl ^i 


u.. 


(19) 


where Ujj, ar® estimates of the control vector at the control gridpoints, dim Ujj = f, 

where i indicates the control grid index in the j-th multiple shooting subinterval . Altogether, 
the control vector in each multiple shooting mesh consists of 
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Pj = (uTp Pj = j=*. 


( 20 ) 


For numerical reason, the design parameter p^ is copied (m-1) times and is designated as p^ in 
each multiple shooting mesh. The total parameter vector thus consists of 


( 21 ) 


with 


T T T T 

p = (Pi,P2....,Pn,_i) 


„ _ dT „uTJ 
P) “ (2^2> Pj > Pj ) 

P 2 — ("2’ P 2 ’ P 2 ^ 


„ „dT „uTJ 

Pm-1 " ^^m-1’Pm-1’Pm-P • 

The boundary conditions are assumed to be separable, that is 

Vj(Xj,p^) = 0,v^(p^_j) = 0 

dim \|/j + dim = n^^. (22) 

The following continuity conditions must be satisfied at the multiple shooting gridpoints: 
in the first subinterval 

Xi(t2, Xi-pj, pj)-X2«0, Pj-P2 = 0, Uim““^21“® 

in the j-th subinterval 

j = 2,...,m-2. 

The state inequality constraints arc to be satisfied at the gridpoints of the constraint grid as 
"point constraints". At the j-th multiple shooting grid one defines the constraint vector 


gjl = g(Xj.pJ,UjP 

g-k = g(x(T^,X.,pJ,pJ),p^,u(T.^,pV)) 

k = 2,...,mj,j = l,...,m-l, 

3.3.2 Parameter Optimization Problem 

Introducing the above definitions into (P3) gives the nonlinear programming problem 

. X. . 

. m-t pj+i ■ 

(P4) minimize F(p) = (!)(X^_^,p“_j)+ £ J L(t,x(t,X.,pV, pV) dt 

■‘i 


( 23 ) 
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subject to the constraints 

Xj = f(t,Xj(t,Pj)), j = 

\jrj(p) = 0 , vi/m(P) = 0 

Xj(Xj^j, Pj) — ~ j ~ 2 

gj(Pj)S0 , j = . 

For the special case m = 2 (P4) becomes a parameterized OCP with single shooting as presented 
in [22],[23], and [25]. In this case the continuity conditions are not present. The NLP-solver 
needs gradients of F ,\i/, and g with respect to the parameteu. Table 7 contains the gradient of 
the equality constraints for the special case m = 3, Table 8 contains the gradient of the 
inequality constraints w.r.t. the parameter vector. 


' 3¥i 
; ^ 
axj(t2) 

! 3X^ 

i 0 


dpj 

9^1 (''^2^ 
*3^ 


0 

dx. 


dp'l 

0 


-I 

0 

0 


0 

-I 

0 


0 

-I 


5X7 


9p5 


Table 7: Jacobian of equality constraints for PROMIS of dimension 

(nj,i+n4-n^+nji+nb2)x(n+n^+nji+n+n^+n“2). "pl-""p2="p 


5gj 5gj 5gj 

5X7 

1 dpj 5pj 


^gm-1 
5X 


3gn,_, 9gm_i 


=01-1 


9P,?,_1 9p“_, 


Table 8: Jacobian of inequality constraints for PROMIS with dimension 

(2*n )x(n+nf+n“, +n+nf+n!J.,) 
g P pi P p2 


3.3.3. Algorithm 

i) Find the numerical solution of the initial value problems 
X. = f(t, x.(t), p.) , T. < t < T.^j 
Xj(Xj) = Xj , j = I,....m-1 

Let Xj(t, Xj, Pj, Pj) be the solution in the interval (Xj, Xj^j). 
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ii) 

iii) 


iv) 

V) 


Compute the constraints at Xj, and compute the jumps at Xj, j = 2.m-1, compute 

the inequality constraints vectors gj along the constraint grid x?. 

Compute the gradients of the cost function and the constraints by numerical 
approximation, that is by solving initial value problems as in i) with perturbed 
parameters. 

Use an NLP-solver such as SLSQP to compute a new estimate of the parameter p. 

Repeat steps i) - iii) in each iteration of the NLP-solver until the convergence criteria 
are satisfied. 


3.4 Direct collocation methodfTROPIO 

Currently, optimal control problems(OCP) of the type (P2) can be solved with TROPIC. In 
direct collocation the OCP is reduced to an nonlinear programming problem(NLP) by 
approximating the state x(t) and the control u(t) by piecewise polynomials. To this end the 
interval [0,1] is partitioned into m-1 subintervals 0 =Xj<X 2 <...<Xj^=l, and in each subinterval 

the control u(t) is approximated by a linear (19) or piecewise constant function and each 
component of the state x(t) is approximated by a cubic Hermite polynomial 

qj(t)=aj+bj(t-Xj)+Cj(t--rj)^4 /t-Xj)^, Xj<t<Xj^j 

dim qj = n (24) 


with 


qi(Xi)=x(Xj), qi(Xj^i)=x(Xj^j), qi(Xj)=x(Xj), qi(Xi+i)=x(Ti+i) 

i=l,2,...,m-l (25) 

and the time derivatives of the state evaluated at Xj by 

Sl(Xj)=f(x(Xj),u(Xj),p,X.). 

From (24) and (25) one obtains the polynomial coefficients by solving the linear system of 
equations 


10 0 0 
0 10 0 
. h? h’ 

0 1 2hj 3h? 





1 

Ci = 


1 

^i4l 


/‘i+l 


T ‘ • 

where h.=T. .--x., C.s=(a.,b-,C;,d.) , X., X. arc the estimates for the slate, x- x. , are obtained 

11+11 1 1111 1 i+i 1 , 1+1 

from evaluating the differential equations with Xj,Xj^j. The subscripts i designate variables 
associated with the i-th node time Xj. Inverting the above 4 by 4 matrix yields the coefficients 


o 

o 

o 



0 10 0 



-3/h? -2/h^ 3/h? -1/hj 


^i4l 

2/h? l/h?-2/h? 1/hf. 
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The resulting piecewise polynomials are c' throughout [0,1] and satisfy the differential 
equations at all nodes Xj. As collocation checkpoints the center of the intervals are used, that is 

at the polynomials (24) are evaluated 


and the derivatives of the polynomials are evaluated 



(26) 


(27) 


As a measure how well the polynomial satisfies the differential equations the collocation error 
in each subinterval is defined as 


Kj = ^(Xi,U..Xj^j,Ui^j,p) = X? - f(x?,u(t?),x?,p). (28), 

where UpUj+j are the estimates for u(Xj),u(Xj^j). Assuming that the cubic polynomial can drive 

the collocation error to zero by systematically varying the values for Xj and Uj an 

approximation to the solution of P2 can be obtained. The constraints are enforced pointw'ise, that 
is at each collocation grid Xj constraints of the form g(Xj,Uj, 

^i+l’^i+p-® 


The NLP resulting from the direct collocation transformation can be stated as follows. Define 
the parameter vector P as 


T' T' nr T' ^ T' 

P=(X|,u|,xTuT.xTuTp)T 


collect all collocation- and boundary constraints. 


Kj(Xj,Uj ,X2,U2,p) 

K2(X2,U2,X3 U3,p) 


Km-l(Vl>U„-l’^n’U.„.P) 


(29) 


and all path constraints 

C,(P)=[gi(Xi,U,,X,^,,Ui^,.p)]£0, 

In this way the OCP can be transformed into an NLP 


(30) 


(F5) min F(P) w.r.t. F subject to C (?) = 0 and C.(F) < 0 

6 1 

where the number of parameters is np=m(n+l)+dim(p). The performance of the method of direct 
collocation depends crucially on the performance of the NLP code used for solving P5. 
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Several codes have been checked in [35],[36] for realistic trajectory problems and SLSQP [37] 
as well as NPSOL from the Stanford Optimization Laboratory show consistently better 
performance than others. 

3.4.1 Implementation Considerations 

Experience in developing the software has shown that two items strongly influence the numeric 
behaviour of the method. The first is concerned with scaling. It is expected in TROPIC that the 
user gives to the program a realistic range of critical parameters of his problem. TROPIC then 
scales all variables to [—1,+lJ. The second item is concerned with noding. The location as well 
as the number of nodes are crucial in satisfying a given collocatic.” error tolerance. A static 
stepsize control algorithm is added which determines the best location of nodes for given initial 
estimates(only once at the beginning). A dynamic noding, that is a node position change has 
been added recently, both features that previous versions, f.i.[30], of the collocation algorithm 
do not have. 


The NLP solver needs values of the cost function and the constraints as well their gradients. In 
TROPIC an approximation to the Jacobian is computed numerically by using either forward or 
central differencing. This Jacobian has a special structure 


ac 

dP' 


with 
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^1 
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Gi2 0 
^21 . '^22. 


^2 


^jl. ^J2 


0 G, 
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L J J. 
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•V 
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aK: 


axj^i aa^i 


’V 




ap 


(31) 


The last two blocks "'is the ser prescribed equality- and inequality boundary and path 
constraints. Although the matrix is sparse, the sparsity depends very much on the particular 
problem, and therefore no structure assumptions are made. The expressions in (31) are obtained 
by evaluating the right hand sides, assuming linear interpolation for the control as given in (19) 


SK. . .9f(X. ,U.,p,'C.) af(xV,uV,p,xpaxV 

- i — i—i -L_J—J-i, 

^ 9Xj axj ax. 


dx. 

3x9 , h. af(X. ,u.,p,t.) 
with —i = i I + J 

aXj ^ ^ aXj 

^ j af(x. -u.m^T.) af(v.j..v^ ,p,.., 

auj ^ auj au? au^ 


:i..c 

4-4.^ vvith —= 7T I. 

auj ^ 
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In the same way one obtains 


dK; ^ l3f(Xj+i.U.^j,p.tj^j) af(x9.u5.p,x5)3x? 

2 - -.c ax, ’ 


i_- ^ I '■ 


aXj^l 2 8 3X.,1 


axV 


j+1 


au 


■j+i 

'Y- 1 

-5 


j ■ * 

3f( Xi,i ,u„i,p.v,) _ a«K9.uX) ^ ^ 1, 

auj^i 3»9 auj^; 3Uj^, 


j+1 J'^* J 

Therefore, only the partials of f(x,ii,p,t) with respect to x,u,p need to be computed numerically 
to determine the Gjp ^J2 for j=l,...,m-l. 


4. NUMERICAL RESULTS 

Fig. 6 shows numerical results obtained with TROPIC for an ascent of the ARIAN’E V into a 
geostationary transfer orbit with elements as given in Table 4. The staging times t 2 and t^ are 

fixed, there is no coasting arc, the only design parameter to be optimized is t^. The objective 

function is the payload. The discontinuous OCP is transformed into a continuous one as 
described in section 3.2. In the normalized interval 8 collocation points are chosen which results 
in 8*(6 •f6-f7-i-2 + 24 2) + 3 = 203 parameters to be optimized in (P5). Initial estimates arc 
selected by integrating the differential equations (1) forward from given initial conditions 
assuming a gravity turn (a=0,IJ=0) for all launcher stages. The initial conditions for the second 
and third stage are selected by trial and error, such that a "crash" of the vehicle will not occur. 
From this estimate TROPIC needs about 3 iterations to produce a first optimal trajectory using 
SLSQP from [37] as the NLP solver. To obtain this first trajectory 3 function evaluations and 3 
evaluations of the lacobians of the constraints are needed. However, as is usually the case in 
optimization, the first solutions lacks accuracy and/or smoothness requirements, and therefore 
additional solutions have to be generated. The solution shown is obtained after 2 continuations 
steps. TROPIC needs about 47 CPU seconds per iteration on a APOLLO DN 10000 computer. 

Achievable relative accuracy in constraint satisfaction is about 10~^. 

Fig.7 shows an ascent of an ARIANE V/L5 vehicle into a sun-synchroneous orbit with target 
elements as given in Table 4, Fig.8 shows an ascent trajectory of ARIANE V with HERMES 
into a target orbit as specified in Table 4. Neither the splash-down nor the 
altitude-Machnumber safety constraints are imposed yet. The unconstrained solution violates 
the safety constraint considerably for M > 4.8(137 instead of 125km), slightly for M < 4.8(112 
instead of 110km). 

Fig. 9 shows a solution of a HERMES descent from a 28.5° orbit to ISTRES minimizing the 
performance index (17) with initial and final conditions as given in Tables 6 and 7. This 
solution is obtained with PROMIS using a multiple shooting grid with m = 7 taking 0.1, 0.2, 

0.4, 0.6, 0.8, 1.0 as gridpoints in the normalized interval. For the control grids mj = 2 spaced at 
0, 0.08, ni 2 = 2 spaced at 0.1, 0.15, m^ = 3 spaced at 0.2, 0.3, 0.32, m^ = 4 spaced at 0.4, 0.45, 

0.5, 0.55, m^ = 3 spaced at 0.6, 0.68, 0.74, m^ = 4 spaced at 0.8, 0.86, 0.94, 1.0. Altogether 

there are 6*6 + 18*2 1 = 73 parameters for (P4). Initial estimates for the states and the 

controls are obtained using forward integration of the differential equations (1) with initial 
conditions in each shooting interval from trial and error. A first 
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solution is obtained after 40 iterations, continuation steps need about 10 iterations each, CPU 
time on a APOLLO DNIOOOO is 10s per iteration. Achievable accuracy is higher than with 
Tropic since the integration accuracy can easily be controlled. In the solution presented 
constraints on dynamic pressure and hinge moments are not considered yet. 

5. CONCLUSIONS 

Some recent development in trajectory optimization of aerospace vehicles have been discussed 
in light of ascent and descent optimization of a conventional launcher and a future European 
spaceplane. Two new software packages under development generate solutions for the test 
problems with reasonable accuracies and relatively little CPU time. Both methods share the 
advantages of not relying on adjoint differentia! equations for gradient generation. This feature 
makes the methods flexible as far as changes in problem formulation are concerned. In addition, 
both methods have similar data structures and are being provided with an advanced user 
interface that will allow graphical input and graphical output assisting the user in changing 
initial estimates, in looking at intermediate results, in analyzing the results, and in displaying the 
results. Both methods share the disadvantage of not producing a feasible solution until 
convergence of the NLP solver has been obtained. PROMIS can be used as a .single shooting 
technique if needed. Both methods need efficient NLP solvers such as SLSQP or NPSOL, other 
solvers have been tested and shown to be inferior in performance, especially in connection with 
trajectory optimization methods where accuracies in function and constraint values and their 
panial derivatives are low. Presently, there is a limit on the maximum number of parameters of 
about 400—500 these NLP codes can handle and still work efficiently. It is desirable to be able 
to increase this number by exploiting the structure of the Jacobians in TROPIC and PROMIS. 
Both methods are robust with re.spect to modeling weaknesses such as linear interpolation of 
multidimensional tables. The penalty for not using smooth data is an increase in CPU time by a 
factor of 2. At present there are no accurate mathematical models available for the launcher 
ARIANE V with or without HERMES, all results presented are with data collected from various 
sources. The same situation exists for the HERMES spaceplane. Therefore, the results presented 
should not be considered as tfajectory design suggestions but rather as demonstrations of the 
capabilities of the new trajectory optimization software under development at DLR. A,scent 
trajectory optimization of future launch vehicles with airbreathing engines is of particular 
importance since engine performance and angle of attack time history are coupled, and engine 
design and operation depends on the selected trajectory. Here, the new methods offer an 
attractive tool for the analysis of these systems. 
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SUMMARY 

A concept for a near-term multi-stage space launch system has been proposed. The 
configuration incorporated full reusability, horizontal take-off and landing 
characteristics, and a payload goal of 50,000 lbs into a 100 n.mi. circular polar 
orbit. The first stage (booster) employed a multi-cycle high Mach number airbreathing 
propulsion system, augmented by conventional rocket propulsion as required. The 
second stage (orbiter) featured a high lift-to-drag ratio aerodynamic design with a 
dedicated high volume payload bay. Propulsion for the second stage was provided by a 
conventional rocket engine. The orbiter component was carried nestled within the 
booster mold lines and staged through a bottom drop mode. Sensitivity studies were 
performed on the synergisms between elements of the boost propulsion system; dynamic 
pressure effects on system performance; degraded ramjet thrust at high Mach numbers; 
and booster weight at staging. The configuration evolution and results from the 
sensitivity studies are described in detail. 

IN TRODUCTIO N 

Studies conducted over the past several decadas have clearly established that highly 
efficient, aerodynamically tailored vehicles boosted to orbital velocities and 
altitudes can perform a number of useful and unique missions, including synergetic 
plane changes and minor circle turns (Ref 1). In addition, high hypersonic 
lift-to-drag ratios (L/D) allow considerable flexibility in exercising re-entry 
options and abort modes, and in landing site sel(''tion. Although attractive from many 
perspectives, this class of vehicle has found lit-le favor within the space 
transportation community. This is due in part to the resulting slender configurations 
which are not compatible with the large payload bay volumes required for efficient 
commercial/logistics applications. For maximum flexibility, however, it appears 
prudent to re-evaluate the potential of the high L/D orbiter in concert with the 
resurging interest in the application of airbreathing propulsion in the boost stage. 

This paper addresses the concept formulation and performance sensitivities of a 
two-stage space launch system with a highly efficient orbiter design. The first stage 
(booster) incorporated a high speed airbreathing propulsion system, while the second 
(orbiter) stage relied on conventional rocket propulsion. Full consideration was 
given at the onset to the inclusion of a dedicated, high volume payload bay in the 
orbiter component. 

The study was initiated by the Wright Research and Development Center's (HRDC) Flight 
Dynamics Laboratory (FDL), and has been ongoing since 1986. Originally involving only 
a small study team within the FDL, the program was expanded in 1987 to include 
contractural support from the Boeing Aerospace Company (Fig I). The orogram to date 
has incorporated both analytical and experimental phases. 

Underlying precepts were that the concept: (1) be a near-term staged system; (2) 
represent doable technology levels; (3) use existing systems (particularly propulsion) 
wherever possible; and (4) offer significant performance improvements over current 
operational types. Specific study requirements (Fig 2) included full reuseability of 
all stages, all azimuth launch capability, horizontal take-off for the mated system 
with horizontal landing capability for all components, and a performance capability to 
place a 50,000 lb payload into a 100 n.mi circular polar orbit. To facilitate ground 
handling and logistics operations, the orbiter was to be mated to the booster lower 
surface and staged through a bottom drop mode. 

CO NFIGURATION DE VELOPMENT 


BOOST PROPULSION CYCLE 

A key element in the design synthesis process was to identify a realistic boost 
propulsion cycle compatible with the horizontal take-off requirement for the mated 
two-stage configuration, while meeting the study guidelines of using existing or 
near-term propulsion components wherever possible. For purposes of discussion in this 
paper, the boost propulsion cycle is defined as the propulsion mode employed during 
the acceleration phase from take-off to orbiter staging. The original cycle proposed 
used the orbiter rocket engine tor take-off and acceleration to the booster 
airbreather takeover speed (K=2 to 3). The orbiter rocket engine was then shut down. 
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with the booster accelerating the conbined systen to the staging point (iig 3). This 
approach had the advantage of maximizing the use of the onboard propulsion components 
while minimizing their size, weight and overall complexity. One salient feature was, 
however, that the orbiter be mated to the booster in s ch a manner that its propulsion 
system was free to operate in the combined mode. Dur .g the period when the orbiter 
rocket engine was in operation, fuel would be cross-fed from tanks in the booster to 
ensure orbiter staging with a full fuel load. 

Early in the study, JP fueled turbofans were added to the booster ...mponent to provide 
a measure of ferry capability and facilitate orbiter retrieval from remote landing 
sites. Logically, these turbofans could also assist the orbiter rocket engine during 
take-off and low Kach number acceleration. The boost propulsion cycle was upgraded to 
include this capability. 

Ul'inidtely, the synergisms between the boost propulsion components would become a 
major player in overall system performance, as will be discussed in more detail later 
in this paper. 

ST AGING MACH l<Uh!8 ER SELECTION CRITERIA 

The orbiter staging Kach number was selected based on several interrelated criteria, 
which included the theoietical velocity potential ( AV) capable of being built >nto 
the orbiter, the requirement for realistic near-term airbreatning and rocket 
propulsion systems for the booster and orbiter components, respectively, and the 
thrust/weight ratio of the orbiter at staging. 

The near-term rocket propulsion requirement virtually dictated that the orbiter be 
powered by an existing (or derivative) Space Shuttle Main Engine (SSKE). Since it 
would be required to operate efficiently from sea level to orbital insertion, a dual 
bell nozzle derivative was selected. This unit offered sea level and vacuum Specific 
Impulses (ISP's) of 393 and 464 seconds, respectively, with a vacuum thrust rating of 
516,000 lbs. To provide preliminary orbiter sizing and performance characteristics, a 
wing-body configuration (Fig 4) from a previous WROC study was selected as a starting 
point. Kith known mass and volume characteristics, the configuration was scaled using 
established procedures to yield the curve of theoretical AV vs gross stage weight 
shown in Figure 6. Narked on the curve for reference are the orbiter velocity inputs 
required to reach a 100 n. mi. polar orbit for several launch Mach numbers. Clearly 
the orbiter weight increases disproportionately fast as the staging Mach number drops 
below M=6 to 8, suggesting that this M,och range should represent the minimum staging 
speed. 

Figure 6 shows the typical operating envelopes for several candidate airbreathing 
engines for application to the booster stage. The near-term propuloon constraint 
precluded consideration of the supersonic combustion ramjet (SCRAMJLT), as this 
represented an "as-yet-to-be-proven" technology level. Turbojet propulsion was, on 
the other hand, limited to maximum Kach numbers in the 3 to 4 range, which would have 
resulted in orbiter weights on the order of one million lbs (Fig 5). Thu subsonic 
combustion ramjet appeared to be the only remaining near-term option. Consultations 
with propulsion specialists indicated that, fueled with liquid hydrogen (LH,), the 
subsonic combustion ramjet could operate with high levels of efficiency and^confidence 
up to K=6, and in all probability could be extended out to K=8. 

One final point to be considered was the thrust/weight (T/K) ratio of the orbiter at 
staging. For the K=8 case, preliminary assessments indicated an orbiter staging 
weight on the order of 550,000 lbs. This yields a T/K ratio (with a single SSME) 
sufficiently high that it does not degrade orbiter performance significantly. A M=6 
launch would be too heavy for a single SSKE, resulting in a more complicateo orbiter 
propulsion system. (More discussion on the impact of orbiter T/K ratio at staging 
appears later in this paper). 

Baseo on consideration of the above criteria, the final orbiter staging Kach number 
was fixed at H=8. Staging altitude varied throughout the study, usually between 
approximately 85,000 ft to 100,000 ft. In the final phases, however, it was fixed at 
100,000 ft. This altitude allowed the orbiter to separate, rotate to an angle of 
attack near L/0 max, and stabilize in a one ”g" flight condition prior to committing 
to the orbital ascent phase. 

ORBITER SELECTIO N 

The wing-body orbiter was replaced early in the design cycle by the lifting-body 
configuration shown in Figure 7, and remained essentially fixed throughout the rest of 
the study. This configuration had a high degree of aerodynamic efficiency (Fig 8) 
with lift/drag ratios of nearly 3.5 at M.= 10, H=1CO,000 ft, and K = 20, 11 = 200,000 ft. 

The results shown here were calculated using the Sunersonir Uynpraniiir tr-sr-y BnWy 
program, and were based on fully turbulent flow assumptions at H=10, ano fully laminar 
at H=20 (Ref 2). The lifting body design allowed room for considerably more internal 
fuel ano featured a dedicated payload bay measuring 15 ft x 40 ft., the latter sized 
specifically to carry the two-stage Inertial Upper Stage (lUS) plus payload. The 
payload bay, with in excess of 7000 cubic ft of volume, could also accommodate 
additional fuel which could be used for synergetic plane changes, orbital maneuvers, 
etc. The dual bell SSHE derivative used on the wing-body orbiter was retained. The 
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estiiiwt.ed weight of the orbiter at staging was 555,000 lbs, which included the 
50,000 lb payload and approximately 418,000 lbs of fuel (Fig 9). 

Further design iterations resulted in modifications to the upper body contours and 
payload bay door arrangement (Fig 10). A more indepth structural assessment resulted 
in a fully fueled staging weight of just over 603,000 lbs with the 50,000 lb payload 
(Fig 11). The heavier configuration fell short of meeting the reference payload 
mission from the K-8 staging point, but was maintained as the baseline configuration 
as It represented the practical upper limit of the orbiter size compatible with a 
single SSME propulsion system. Final capabilities included approximately 42,000 lbs 
to a 100 n. mi. polar orbit, and 64,000 lbs to a 100 n. mi., 28.5° Eastern orbit. 
Typical orbiter ascent trajectory parameters, as functions of time from staging, are 
presented in Figure 12 for insertion into a 100 n. mi. polar orbit. Trajectory 
parameters shewn were calculated using the optimization procedures described in Ref 3 
(More information on this subject will be presented later in this paper). 

As mentioned earlier, the payload capability to orbit is sensitive to the orbiter T/W 
ratio at staging. Figure 13 presents the results from a study conducted on the final 
lifting-body orbiter design, showing the impact of T/W ratio on payload capability to 
a 100 n.mi. polar orbit. If the orbiter SSME thrust could be increased by an 
additional 25-30X, the reference 50,000 lb payload capability could be met. 

BO OSTER EVOLUTIO N 

The booster design synthesis followed a more protracted development phase. Of 
particular concern was the development and integration of the airbreathing propulsion 
system in concert with the bottom drop staging mode. The orbiter integration was 
further complicated by the requirement that its primary propulsion system be free for 
operation at various times during the boost acceleration phase. Several concepts were 
suggested for the orbiter integration, ranging from external to full internal 
carnage, as discussed in the following paragraphs. The booster designs studied are 
identified according to series. Senes 4 representing the definitive design produced 
to date (Fig 14). A pictorial of the booster development is presented in Figure 15. 

Series 1 - This was an early concept formulation phase to investigate possible mating 
arrangements compatible with the bottom drop staging mode. Two generalized classes of 
Vehicles were looked at: a twin-pod arrangement with external orbiter carriage (Fig 
16), and a slender single body with the orbiter partially submerged within the body 
(Fig 17). The former featured two conical bodies connected by a central wing 
structure. Ramjet inlets were mounted on the lee side to minimize interference and 
facilitate landing gear integration. Although simple and attractive from structural 
and mating considerations, a number of drawbacks were noted, including analysis of the 
multi-body flow field interference problem, engine out asymmetries, and large wetted 
area for the required volume. For the latter concept several engine integration 
schemes were considered, ranging from the central lee side shown in Figure 17 to 
various 2-0 and 3-0 wing installations. The wing installations were compromised by 
bow shock ingestion at some points during the boost phase, plus the potential problem 
of engine out asynimetries, and were subsequently discarded. The submerged orbiter 
carriage did eliminate most of the multi-body flow field problems, particularly for 
the tee side engine installation, and hence was viewed as the most promising concept 
with which to proceed. There were, however, a number of points to upgrade. 

Propulsion specialists preferred a more uniform inlet flow field with some degree of 
pre-compression, and the new lifting-body orbiter posed -/ore complicated integration 
problems than did the wing-body design. This configuration concept thus became the 
subject for a new design to be developed in Scries 2. 

Series 2 - Developed to be compatible with the lifting-body orbiter, this design 
featureo full internal carriaoe of the orbiter component. The booster retained the 
central lee side installation for the hypersonic airbreathing system, and incorporated 
turbofans to act as accelerators and provide booster ferry capability. The basic 
booster body was an 8° half angle, half cone/cylinder with a flat bottom (Fig 18). 

The accelerators were conventional 30,000 Ib thrust class turbofans, mounted in two 
separate nacelles (4/nacelle) on the wing lower surface just outside the body mold 
lines. A number of wing planform parametric studies were completed. The design shown 
in Figure 18 represented a compromise between take-off and hypersonic flight 
performance. The complete integrated configuration (sans vertical fins) is presented 
in Figure 19. (Longitudinal control surfaces shown here were for sizing purposes only 
and do not reflect realistic installations). Specific booster details are presented 
in Figure 20. 

Complete aerodynamic and propulsion data sets were prepared and performance analyses 
run. However, the large base area and poor transonic area distribution precluded 
closure with the available propulsion system. A number of options were suggested, but 
ultimately a second SSME was added, this one to the booster component. The boost 
oroDulsion ryrle now inc’uded t.hc SiOcratio.s Of butn SSME's and luroofans trom take-off 
through H=2 (Fig 21). Above H=2 and to the staging point, total impulse was provided 
by the booster ramjet system. With bot.h SSME's operating at 115% power (above ref. 
max for the SSME) and the 8 turbofans, sufficient thrust was available to achieve 
system closure for a take-off weight of just over 2.0x10° lbs. A flight time history 
showing altitude, velocity and thrust for a typical ascent trajectory is presented in 
Figure 22. 
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Although system closure had been demonstrated, considerable concern had arisen over a 
number of specific propulsion related integration details. These included off-design 
performance, the design of a practical variable geometry inlet system, and the ability 
to integrate the ramjet/turbofan cycles into a common unit. Since there were limited 
options available to rectify these potential problem areas, work on the Series 2 
concept was terminated. 

Series 3 - This was the first iteration for a new booster concept with a more credible 
hypersonic airbreathing propulsion system. A general arrangement drawing showing the 
preliminary layout is presented in Figure 23. The wing was similar to that developed 
for the Series 2 concept with an overall span of 180 ft. The fuselage featured 
rectangular cross sections and was designed to incorporate a large internal volume. 

The wing was mounted high at the rear of the fuselage with the ramjet engines 
integrated beneath the wing, attached to the fuselage sides. Overall fuselage length 
and width were 260 ft and 60 ft, respectively. The arbiter was carried fully internal 
with its rocket propulsion system extending beyond the base. The booster SSHE 
installation introduced on Series 2 was retained. 

Specific details on the airbreathing engine design are shown in Figure 24. The units 
are 2-dimensional ramjets with the inlets arranged in a horizontal fashion to provide 
positive compression with angle-of-attack. A three-ramp variable geometry inlet 
system maintained shock-on-1ip conditions through H=6. The turbofan accelerators are 
integrated within the ramjet structure, and exhaust into the nozzle area to reduce 
nozzle base drag when the ramjets are not in use. Operational range for the ramjets 
was from M=3 to H=8. 

The propulsion concept shown, though never fully completed by the FDL, was 
sufficiently promising to warrant further development work. The booster concept was, 
however, overly large with high drag levels. Considerable re-design would be required 
to minimize the booster size and weight, and fully qualify the new ramjet propulsion 
system. The re-designed configuration resulted in Series 4. 

Seiies 4 - The final concept studied to date, this series was essentially a refinement 
of the Series 3 configuration and propulsion system. To improve the transonic drag 
levels, the fuselage cross-sectional area was reduced and the area distribution 
modified by moving the engine nacelles forward. The SSHE on the booster was retained, 
as were the 2-0 ramjets with integrated turbofan accelerators. The boost propulsion 
cycle included operation of both SSKE’s and turbofans through M=3 (Fig 25), with the 
ramjet operating alone from K=3 to 8. Figure 26 presents the general arrangement 
layout for the Series 4 concept as developed by the FDL. The booster had an overall 
bo^y length of 240 ft, a wing span of 180 ft, and a theoretical wing arcs of 14,100 

The concept was then subjected to a joint evaluation by the FDL and Soeing Aerospace 
Company to provide a more definitive analysis. The most challenging aspect was to 
fully qualify the booster airbreathing propulsion system, which had only been 
conceptually studied by the FDL. Additional configuration details in areas such as 
fuel disposition, control surface integration, landing gear designs, etc. were 
required, which could most easily be met by the expertise of a major airframe 
designer. 

Figure 27 presents a sketch of the upgraded airbreathing propulsion system. The unit 
IS a completely enclosed system with variable geometry inlet ramps and nozzles. Cold 
flow is maintained through the ramjet prior to ignition, which occurs at approximately 
Hi=l. Thrust developed at ignition is low, but this procedure is effective in reducing 
nozzle drag before full thrust is realized (i.e. M=3). The turbofans operate up to 
approximately H=3, after which they are shut down. 

A drawing of the booster design showing the integration of the fully enclosed ramjet 
propulsion system is presented in Figure 28. The fuselage area distribution and cross 
section shape have been further refined to reduce drag. The contractor also 
established that the current operational envelope of the SSHE does not include shut 
down/restart capability over the short period of time during boost cycle operation. 
Hence it was necessary to operate the orbiter SSHE continuously from take-off to 
orbital insertion. Subject to this, the boost propulsion cycle (here-after referred 
to as the reference cycle) becomes as shown in Figure 29. The booster SSHE operates 
at full thrust to K'3, then is shut down. The orbiter SSHE operates at full thrust to 
H=3, then IS throttled back to 65X (current minimum setting) for the remainder of the 
boost acceleration phase (after staging, the orbiter SSHE returns to the maximum power 
setting). The turbofans operate up to H^S and the ramjets from H=1 to K=8. 

The final design weight statement is presented in Figure 30. The 2.11x10^ lbs 
includes a fuel allotment of approximately 1.05x105 lbs for operation during the boost 
phase. The fuel allotment specified was for design purposes only, and was used 
primarily for fuel tank sizi.ig, structural loads assessment, landing gear design, etc. 
It does not reflect the actual fue’ ••equ'rcd to reacn the n-5 staging point. The 
weight specified in Figure 30 does, however, represent the maximum allowable within 
the current configuration design constraints. 
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A number of trade sensitivity studies were conducted on the Series 4 configuration to 
assess its performance characteristics during the boost acceleration phase. The 
Optimal Trajectory by Implicit Simuintion computer program (OTIS) was used to compute 
all trajectory results. The program features a three-degree-of-freedom trajectory 
simulation model that employs non-linear programming optimization routines to provide 
an advanced trajectory optimization capability. This approach differs from 
traditional (explicit) numerical trajectory optimization techniques in that it treats 
the equations of motion as constraints, then iterates within the constraints and other 
boundary conditions to find an optimal solution. The program can simulate and 
optimize the trajectories for a large variety of flight vehicles ranging from subsonic 
aircraft to hypersonic vehicles and spacecraft. The program was particularly useful 
for application during this study since known end points could be specified, then 
optimal solutions for the initial conditions developed, subject to specified boundary 
conditions. 

In all cases a target weight to be delivered to the orbiter staging point was 
selected, then the model worked backwards to establish the minimum lift-off weight. 

The reader is cautioned to note that the procedure was applied only to the lift-off 
point: no specific take-off analyses were run. Preliminary estimates suggested, 
however, that on the order of 80,000 lbs of rocket and JP fuel would be consumed 
during the take-off ground roll phase. The lift-off weights discussed in the 
following paragraphs do not reflect this weight addition. All analyses were based on 
a lift-off speed of H=0.5 (approximately 380 miles/hr). Unless otherwise specified, 
the target weight at staging was set at 1.1x10^ lbs, and consisted of the fully fueled 
orbiter (600,000 lbs) and the empty booster plus residuals and return JP fuel (500,000 
lbs). The analyses completed were limited to the powered boost acceleration phase 
only. No consideration was given in this paper to the performance of the booster 
after staging. 

Figure 31 presents typical boost acceleration phase trajectory time history results 
for the Series 4 reference configuration. A peak thrust of 2.25x105 lbs was reached 
approximately 200 seconds after lift-off. Total time to reach the orbiter staging 
point, exclusive of the take-off ground roll, was just over 500 seconds. Maximum 
angle-of-attack at lift-off was 5.4°. A minimum angle-of-attack of approximately -2° 
was observed as the configuration descended to pick up the reference dynamic pressure 
(q) line (1500 Ibs/ft^ for this case). 

The first sensitivity study completed was in response to the previously mentioned 
requirement that the orbiter SSME remain in operation during the ramjet acceleration 
phase (i-e from H=3 to M=8j. During the study, the orbiter SSME was run at full 
throttle up to H»3. Above H=3, separate runs were made with the orbiter SSME at 
selected throttle settings within its normal operational envelope. A reference run 
was also made with the orbiter rocket turned off at M'3. The dynamic pressure during 
the ramjet acceleration phase was stabilized at 1500 Ibs/ft^ up to H=7.5, then allowed 
to taper off to meet the staging conditions. The results, as presented in Figure 32, 
clearly show that operation of the orbiter SSME during the ramjet acceleration phase 
is highly counterproductive; the lift-off weight at the 65SJ reference throttle setting 
was some 265,000 lbs heavier than with the engine turned off at M=3. In keeping with 
the study guidelines of using near-term or existing systems wherever possible, the 65 % 
throttle setting position was retained as the reference value since no system 
modification would be required. However, it must be emphasized that very significant 
overall weight savings could be realized by modifying the SSME operational cycle. 
Lift-off weight for the 65S throttle setting case was 1.85x10^ lbs. Including the 
estimated 80,000 lbs fuel used for ground roll would result in a take-off weight of 
1.93x10^ lbs, well below the design maximum of 2.11x10® lbs. 

Another area of interest was the sensitivity of the system to the dynamic pressure 
during the ramjet acceleration phase. With the orbiter SSME operating at the 
reference throttle setting of 65% above H=3, the trajectory was varied to produce 
dynamic pressures (q) ranging from 1000 Ibs/ft^ to 2500 Ib/ft^ over the Mach range 
from 3 to 7.5. Above H=7.5, the trajectory was again tailored to meet the H=8 staging 
Conditions. 

Figure 33 presents altitude vs velocity, and thrust and dynamic pressure vs time for 
the cases considered. For the high q run a peak thrust of more than 3.0xlo5 lbs was 
reached when all engines were operating. Acceleration time to the H=8 staging point 
was 400 seconds. For the low q run, acceleration,times increased to over 600 seconds 
with peak thrust falling off to just under 2.0x10® lbs- The impact of dynamic 
pressure on the lift-off weight is presented in Figure 34. Although continuing to 
decline with increasing dynamic pressure, the lift-off weight is relatively 
insensitive to q for values greater than 1500 Ibs/ft^. Increasing q from 1500 to 2500 
lbs/ft2 decreased lift-off weight less than 6%, while decreasing q from 1500 to 1000 
lbs/ft2, increased lift-off weight by more thai. 6%. Considering the more critical 
thermal problems associated with high q flight, and the minimum reductions in lift-off 
weight realized, the 1500 Ib/ft^ value was retained for the reference miscien. 

A follow on study was conducted to determine the sensitivity of system lift-off weight 
to the booster SSME operational cycle. The booster SSME normally runs at maximum 
throttle setting from take-off to H=3, then is shut down. For this study, it was 
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systematically shut down earlier, until in the limiting case, it was not used at all. 
The results, as presented in Figure 35, show that the minimum lift-off weight was 
achieved by the reference cycle (i.e. running the booster SSHE to M=3). Little change 
was observed when the booster SSME was shut down at H=2, since the ramjet thrust had 
already built to a significant value by then. For shut down Mach numbers below 2, 
however, increased overall lift-off weights were observed. For the limiting case of 
not using the booster SSXE at all, an increase of approximately 160,000 lbs was 
observed compared to the reference case. Note here that adding the estimated 80,000 
lbs of fuel expended during the ground roll phase would result in a take-off weight 
approaching the design maximum. 

The performance of the ramjet units at higher Mach numbers was another area of 
concern, since the system was clearly operating on the outer envelope of the subsonic 
combustion ramjet. The problem was further complicated by a Series 4 design change 
which allowed bow shock ingestion at higher Mach numbers (to improve the transonic 
drag problem, the ramjet engines were moved forward). Although propulsion specialists 
were confident with the ramjet design, it seemed prudent to perform a sensitivity 
study to assess the impact of possible ramjet thrust degradation at high Mach numbers 
on overall system performance. For the study, the ramjet thrust at K =6 and above was 
reduced by 25% and 50%, and its impact on lift-off weight determined. Target weight 
at K =8 remained 1 . 1 x 106 ips. The reader is reminded that the orbiter SSME is also in 
operation during this phase, and even at the reduced throttle setting,, is producing in 
excess of 300,000 lbs thrust. The results from the thrust sensitivity study are 
presented in Figure 36, and show that a 50% reduction in ramjet thrust at M =6 and 
above, pruuuced a 170,000 lb ’ncrease in 1ift-off-weight. Figure 37 shows the 
corresponding thrust schedules as functions of velocity. 

The final study to be discussed here dealt with the booster weight at staging. During 
all of the preceding analyses, this bad remained fixed at 500, o5o lbs. For this 
st'dy, It was varied in 10% increments from -10% to +30%, yielding booster staging 
weights ranging from 450,000 lbs to 650,000 lbs. The target weights wore adjusted 
accordinoly, from 1.05x106 jbs to 1.25x106 lbs. The results are p-esented in Figure 
38, and show that a 200,000 lb variation in booster weight at staging produces a 
360,000 lb change in lift-off weight. 

CONCmOlNG REMARKS 

The results from the study verified the concept formulation and perforroanoe potential 
of a near-term two stage space launch system featuring a hioh L /0 orbiter component. 

A payload capability of approximately 42,000 lbs into a 100 n. mi. polar orbit was 
demonstrated for a lift-off weight of approximately 1.85xlo6 lbs. 

Significant perforrriance improvements may be realized by further upgrading the SSME 
propulsion system used on the orb’ter component. A 25% to 30% increase in baseline 
thrust will allow the 50,000 lb reference payload capability to be met. Modification 
to the basic operational cycle to allow shutdown/restart capability of the orbiter 
SSME would reduce lift-off weight by 265,000 lbs (14%) to 1.58xlo6 lbs. 

The system lift-off weight was only moderately sensitive to dynamic pressure, once a 
value of 1500 lbs/ft2 had been reached, increasing dynamic pressure during the ramjet 
acceleration phase from 1500 Ibs/ft^ to 2500 Ibs/ft^ reduced lift-off weight by less 
than 6 %. 

Reducing ramjet thrust by 50% at H -6 and above increased lift-off weight by 170,000 
lbs (9.3%). 

Weight sensitivity studies established that a 1 lb increase in booster weight at 
staging produced a 1.8 lb increase in lift-off weight. 
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Fj6. 30 SERIES 4-FINAL WEIGHT STATEMENT 


BOOST PHASE PROFILE 



FIG. 31 SERIES 4 REFERENCE CONFIGURATION BOOST 
PHASE PARAMETERS (THRUST /ALTITUDE/ 
VELOCITV VS TIME FROM LIFT-OFF) 



FIG. 31 CONCLUDED (DYNAMIC PRESSURE/ANGLE-OF- 
ATTACK VS TIME FROM LIFT-OFF) 


ORBITER THROTTLE SETTJNO EFFECT ON LIFT-OFF WEIQHT 



FIG. 32 ORBITER THROTTLE SETTING EFFECT ON LIFT¬ 
OFF HEIGHT 



BOOST PHASE DYNAMIC PRESSURE TIME HISTORIES 



FIG. 33 CONTINUED (DYNAMIC PRESSURE VS TIME FROM 
LIFT-OFF) 


FIG. 33 DYNAMIC PRESSURE SENSITIVITY RESULTS 
(ALTITUDE VS VELOCITY) 
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FIG, 33 CONCLUDED (TOTAL THRUST VS TIME FROM 
LIFT-OFF) 



eoosrtfl SSME CUT-OfF EFFECT ON LCFt-OFF WEIGHT 



FIG. 3B EFFECT OF BOOSTER SSME OPERATION ON 
LIFT-OFF HEIGHT 



FIG. 36 SENSITIVITV OF LIFT-OFF WEIGHT TO 
REDUCTIONS IN RAMJET THRUST 


DOOST PHASE THRUST PROFILES 



FIG. 37 THPIJST timf HISTCr.IES TROM KAI-IJET TiiRuSi 
SENSITIVITY STUDY 
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ABSTRACT 

In this paper we are concerned with two mission strategies for achieving a station longitude on 
the Geostationary Earth Orbit (GEO) starting from either a Low Earth Orbit (LEO) or from 
ground with no parking in LEO. Such trajectorj; profiles are somewhat different from the 
conventional ones used for targeting a longitude position in GEO for, typically, a telecommunica¬ 
tion satellite. Neither of profile types here presented requires a drift orbit. The new strategy would 
fully exploit the liquid bi-propellant engines and additional capabilities of some of the current 
commercial launchers for inserting a satellite beyond GEO. The final goal of these strategies is to 
reach the desired station longitude in a time ranging from tens of hours to a few days, at most, 
with no additional propellant consumption with respect to the traditional trajectory profiles 
involving drifts. The new profiles may result in a significant increase of mission success 
probability together with less workload for the ground control centre. 


1 INTRODUCTION 

It is a well-accepted idea that telecommunication satellites can exploit the advantages of the liquid 
bi-propellant (monomethyl-hydrazine and nitrogen tetroxide) propulsion [1-4]. Confirmations come 
from recent and near-future large satellites such as the INTELSAT VI and VII series, OLYMPUS, 
ITALSAT, ARABSAT, DRS, SARIT to cite few projects. However, these satellites are planned or 
have achieved their operatjonal orbits by means of the usual strategy of mission: a suitable 
Geostationary Transfer Orbit (GTO), where the satellite is left by the launcher or the perigee 
booster, is transformed into a Near-geoStationary Orbit (NSO) by means of one or more of 
so-called apogee burnings: after them, the satellite is generally found at a longitude somewhat 
different from its operational one. As a consequence, the semi-major axis of an NSO is made to be 
slightly higher or lower than the geostationary one (42)64.3 Km) according to the sign ( West or 
East, respectively) of the ensuing longitude increment the spacecraft has to run on in order to 
achieve its final longitude. In fact, in an NSO the satellite drifts with respect to the Earth surface. 
Because an NSO has both semi-major axis and inclination different from the GEO’s, an additional 
transfer is required (usually an Hohmann-like profile) to match the desired conditions on GEO. 
All transfer requires up to 20-25 days of flight, most of it being due to the drift orbit. The 
workload at the control centre is rather heavy for the whole flight, also because an optimal profile 
calls for a minimum of four manoeuvres: two large orbital thrustings from GTO to NSO plus two 
small ones to finally put the satellite into its station. A so long time of a space centre involvement 
means a high cost, especially if the GTO/NSO control centre is different from the 
operational-orbit control centre (as it often takes place in Europe). 

It may be interesting to remember that the above transfer strategy was born when the 
telecommunication satellites were equipped with solid engines (called the apogee kick motors) 
which fired only once at the prefixed apogee. Neither control upon the orbital vector radius nor 
engine restart were possible. 

Another consideration regards the future utilisation of the GEO. It will host large multi-payload 
platforms and/or large satellites for global direct broadcasting and Earth sciences. In-orbit 
repairing payloads and/or retrieving satellites could become an advantageous policy which adds to 
the normal operations of geostationary satellite positioning by a fully-reusable high-energy 
propulsion LEO-GEO-LEO shuttle. It is plain that a rapid ascent-phase, namely, of the order of 
tens of hours instead of tens of days, would increase the operational goals success significantly, 
especially wiien a long payload inactivity entails strong off-services and drawbacks to, ultimately, 
final users. 



6-2 


Cutting the drift orbit phase would mean not only a cost saving (that is, reduced opeio.ions at 
the ground control centre), but also an increase of mission success because the "transition time 
toward the final equilibrium" is reduced. In fact, (1) the number of manoeuvres - together with all 
that implies in terms of ranging/angles acquisition, orbit determination and attitude control 
on-board - is halved at least, (2) if the longitude change from NSO to GEO is large, the full 
satellite visibility from ground may entail additional tracking/monitoring stations or using a data 
relay satellite. Finally, rescue missions to GEO may become a reality in a future. 

The idea of studying optimal transfers which would avoid drift orbits for telecommunication 
satellites equipped with liquid bi-propellant engines can be traced back to the XXXV lAF 
Congress. In fact, in ref.-5 it has been proposed such strategy through an example showing one of 
the several capabilities of the Telespazio’s Mission Analysis Interactive System (MAIS) [61. The 
example regarded the Italian satellite ITALSAT, although too advanced in its development for the 
strategy being considered actually in the related project. Since that time no other potential no-drift 
applications occurred in Italy. However, other geostationary satellites powered by liquid 
bi-propellant thrusters are planned in Italy for the next decade. As a consequence, the importance 
of new trajectory profiles may be traded off with the classical ones. 

After the Shuttle-Challenger disaster in February 1986, many expendable rockets have been 
upgraded to as commercial launchers in USA. Some of them have a high-energy performance 
together with both a sophisticated Guidance (that means an high-accuracy targeting) (7). The 
possibility to achieve the GEO through an outer-geostationary transfer orbit, in order to decrease 
the fuel for the orbital change, has been studied by General Dynamics for its Atlas-G/Centaur 
launcher [7,8]. However, no no-drift profile capability has been included hitherto [9], 

Advanced liquid bi-propellant engines allow a spacecraft to control: (a) the orbital vector 
velocity and the vector radius during a finite-burn manoeuvre, (b) (indirectly) the time of the 
coasting following an intermediate burning, (c) the orbital inclination change, if any. Finite-burn 
losses and number of manoeuvres can be kept very low because liquid bi-propellant propulsion 
exhibits thrust acceleration comparable or higher than the GEO altitude gravitational acceleration 
(0.023 g). 

The no-dnft LEO-GEO trajectory needs nothing more than the already-existing above-mentioned 
properties. From a dynamics viewpoint, what is substantially requested to a mission analyst is to 
perform the optimisation of a trajectory the final state of which (the GEO satellite) is partially 
unspecified in an Inertial Frame. In contrast, the analyst has to specify the station longitude and 
the "actual GEO inclination" i. The flight time can be prefixed or left open, according to the 
mission constraints. This is what we are going to do in the next sections. 

2 STATEMENT OF THE PROBLEM 

Let us consider the mean-equinox-and-equator-of-date (for instance, date- launching date) 
Earth-centred inertial-frame (IF) for our calculations. We denote the spacecraft state by the vector 
S = |M, R, V] (M=instantaneous mass, R=vector radius, V=vector velocity), longitudes with respect 
to Greenwich by t, propulsion parameters (thrust and exhaust jet) by T and U, respectively. The 
time-dependent thrust direction in IF is denoted by u. In addition, vector magnitudes are denoted 
by normal-face symbols; the subscripts ’o’ and ’P are used to specify epoch and final quantities, 
respectively; variables referred to thrusting or coasting are superscribed by a T or C, respectively. 

Figure 1 displays the scheme for a GTO-GEO transfer. For simplicity of presentation, we have 
pictured an inner trajectory to a station longitude. By means of the fuimalism of the state 
transition matrices we can write: 


(1) 

•^2/- 1 

^ 1 

“ 1. N 


^2; 


1. N 


where j denotes the order number of the generic trajectory phase which is characterised by the 
transition matrix a,. Equations 1 imply that Thus, the satellite is required to pass through 

an even number of phases to achieve GEO. From Eqs.-l one carries out: 


(2) 5/ = 

*-iV 


1 U may be suitable that the final longitude be reached with a residua! inclination (instead of sero) for satellite station-keeping 
reasons. That, though, is independent of the particular transfer trajectory strategy 
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Fig.-1 Sclieme of o f^c-Dnlt GFO Inseflion. X-oxis points vernol point. 
G denotes the Greenwich Sidereal Angle. S denotes the Spocecroft 


Note the decreasing order of the matrix products. If we assume that the satellite matches (at the 
beginning of its operational life) a non-zero inclination GEO with the vector velocity parallel to 
the equator, then the final state can be expressed as follows: 


(3) 


5/ = 


f 


V 


R-ceo 

^C£0 

^ceo 

CEO 

0 


cos(t) 
cos(t) 
sin(() 
sin(A./ + C/) 
cos[A., + C/) 


cos(a. , + C 


SI 


1^1 




} 


where the orbit inclination is i and the final Greenwich Sidereal Angle (GSa) is given by: 
(4) C/ = Cq + CO 


w being the Earth angular speed. The spacecraft initial state can be related to the following cases: 
A: a lower-than-GEO GTO onto which a launcher leaves its payload; 

B a generally-circular parking orbit where a booster is activated to transform it into a 
lower-than-GEO GTO; 

C. a higher-than-GEO GTO onto which a launcher leaves its payload; 

It is important to determine the optimal no-drift profile by explicitly considering in the 
computation the vehicle boosting the proper satellite into a transfer trajectory (that the satellite 
engines will modify). That is essentially because the mission analyst has additional realistic degrees 
of freedom to optimise the flight profile in order to synchronise the satellite injectio.n at the 
desired iongitude. 

There are a number of constraints and realistic conditions of flight which one should consider in 
order to prove the feasibility of the no-drift concept: 
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1. the thrust orientation should be somewhat simple, possibly constant, during a burning in the 

inertial frame. That ultimately aims at easy mechanising the vector steering. The thrust 
direction generally changes from burning to burning; 

2. the liquid bi-propellant engine currently exhibits an intermediate level of thrust (490 N); that 

means long burning times in order to carry a heavy satellite into operation. The European 
Space Agency is supporting the development of liquid bi-propellant thrusters of 3 KN [1); 

3. the number of thrustings is to be kept as low as possible; however, it is not advisable at all to 

try to perform one burning; the multi-burn policy entails not only a saving propellant, but also 
allows to correct the satellite trt- actory dispersions by the last burning; 2 

4. although the total transfer time to station is short compared to the classical strategy, however 

both the satellite-Greenwich synchronisation and the spent propellant also depend on 
perturbations to the idea! keplerian field; 

5. no limitation on the station longitude value is desired for the no-drift concept is applicable; 
however, it is well known that there are GEO zones particularly attractive (and crowded) so 
that a real analysis is less severe 

A remark about points 2 and 3 is in order. When thousand-newton engines are available, one could 
obtain the insertion into GEO by one thrusting even for satellites as heavy as 6000 K.g. 
Nevertheless, point 3 could be particularly important for future GEO spacecrafts and a two-burn 
strategy may result in the optimal strategy. That would have the additional advantage to enlarge 
the launch window from the no-drift longitude achievement viewpoint. 

3 COMPUTER CODE 

The optimal constrained trajectory profiles have been computed through the special NO-DRIFT 
option of the program MAIS, a multi-burn minimum-propellant two-boundary trajectory 
optimisation code 16]. MAIS has been written in FORTRAN-77 and curiently consists of about 
25,000 lines, including comments. It runs in double precision on an IBM-3081 under the VM/CMS 
operating system and on a 25-MHz 32-bit COMPAQ/Weitek-1167 work-station under the MS-DOS 
3.31 operating system. The current version of MAIS requires up to 4 MB of memory to run; in 
fact, MAIS can perform a flight design optimisation involving up to 9 thrusting and 9 coasting in 
any sequence 2 . MAIS allows to simultaneously optimise up to 99 control parameters (90 of them 
describe independent azimuth/right-ascension and elevation/declination components of the thrust 
direction) while up to 13 state/time equality constraints and up to 37 control/mass inequality 
constraints can be specified altogether. Launching-from-ground simulations (with in-atmo- 
sphere-working engine behaviour), variable-thrust (for chemical and ion propulsion) and 
computation of stochastic trajectory dispersions are allowed. 

With regard to the current set of mission profiles, the spec al NO-DRlFT option allows a 
dynamical update of the unknown final state in order to synchronise the satellite orbit with Earth 
rotation to the desired station longitude at the end of the last burn. The transfer time is generally 
left open “i, while best epoch depends on the selected station longitude. Booster dry mass or other 
mass jettisoning, if any, and J2 perturbation and high-rtmosphere drag are taken into account. The 
high-atmosphere model consists of an exponential-like model with parameters coming from the 
NASA Standard Atmosphere-1977 8; no truncation is made in the differential field equations; in 
particular, the correct J2 perturbation has been considered in all phases of flight. The minimisation 
algorithm consists of a modified version of the Levenberg-Marquardt method [10] which allows the 
analyst to use a rough guess of the control parameters as starting solution. Although MAIS is 
designed to offer a very wide spectrum of thrusting control law, however it has been used here 
for constant thrust solutions, though varying from burn to burn,- in the light of what said in sect.-2 
(point-1). 


2 This last option can be increased in performance if the orbit determination process were either implemented onboard or 
accomplished in the control centre by a filtering technique. 

3 For instance, particularly complex flights could imply sequences such as CTTCCCTTTC, TTTCCTTCCCT and so on 
Thrusting and coasting sectioning in MAIS takes place through arc-dependent parameters. 

4 However, MAIS can be run in fixed-flight-time mode if a particular spacecraft requires to synchronise its final longitude at 
some specified time. 

5 When a launching-from-ground is computed, the whole standard atmosphere model is considered 
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4 APPLICATIONS 

We present results for the cases A-6 and C separately. From a dynamics point of view the 
launcher’s upper stage of case A is equivalent to the booster of case B; in fact, both can be fired 
in such a way to leave the satellite in that sub-stationary transfer orbit that minimises its fuel, 
while the orbit synchronisation with the Earth rotation to the desired operational longitude is 
performed by the satellite propulsion system. It is important to realise that, although the profile 
optimisation is accomplished simultaneously on all control parameters, is only the satellite 
propellant that is to be minimised in order to guarantee a long operational life. Thus, we discuss 
flights of type B only for the lower-than-GEO transfer. 

4.1 LEO-GEO Transfer by Inner-Stationary Trajectory 

Figures 2 through 4 show the impulsive delta-V from a classical GTO to GEO as function of 
the perigee distance and for GTO inclination angles ranging from 0 to 90 degrees. Such 
behaviours are useful to quantitatively evaluate how much excess propellant the no-drift best 
profile requires. Note that, since the perigee stage and the J2 perturbation are taken into 
account in the flight computation, the impulsive reference propellant consumption in cases A-B 
is determined by the osculaiing perigee and inclination just before the beginning of the first 
finite-thrust burn. Although the corresponding osculating apogee is generally lower than the 
GEO radius, liowever this difference is small so that Figs. 2-4 can be used; instead, it is 
correct to consider such discrepancy as a consequence of the finite-burn losses. 

In order to prove the feasibility of the no-drift concept, we have chosen a difficult mission 
configuration. The purpose is to prove the concept in a case of both limited booster 
performance and low thrust on the satellite, which, in turn, is more massive than the current 
telecommunication satellites ®. As a consequence, the low-acceleration propulsion system of the 
satellite has to accomplish both a strong inclination change and longitude synchronisation. 
Practical satellites may be in more favourable conditions for achieving station longitudes 
without uiiftine in an niSO. 

The considered otO satellite weighs 2500 Kg and is powered by 500-N 310-s liquid 
bi-propellant restartable engines. The specific impulse value is to be meant the effective one. 
The solid booster weighs about 4.5 tonnes (its propellant mass depends on the particular 
optimised profile) and exhibits a mean thrust of 100 KN and a specific impulse of 290 s. The 
booster+satellite vehicle is left in a circular parking orbit 300 Km high and 30 degrees in 
inclination. The booster type is not of particular matter in the no-drift calculation; in contrast, 
its class determines to what extent the first GTO may be adjusted. The same function could be 
accomplished by the integrated prcpulsion system of future spacecrafts. With no loss of 
generality we simplify the refe.ence frame of Fig.-l; in fact, the mean equatorial plane at 
epoch is considered as reference plane, whereas the X-axis coincides with the intersection 
between the (ideal) GEO and the parking orbit at epoch 7. 

One should realise that a no-drift trajectory is independent of the particular launch day 
during a year (at least, if we limit ourselves to dynamical considerations, thus excluding, for 
instance, solar array and sensor problems which, on the other hand, there also exist in the NSO 
option). In contrast, during a day the spacecraft longitude at epoch affects the propellant 
consumption to a desired final longitude in GEO; in other words, a launch window is expected 
®. The main purpose here is to show and discuss the launch window for the vehicle described 
above. Here, launch means the start of flight at some suitable point in the parking orbit (for 
instance, the instant of the vehicle separation from an orbiter); epoch is referred to such a 
point. Different initial points behave merely as a (small) scale shift for transfer time and initial 
longitude of the considered satellite. 

Figures 5a-5c show the behaviours of excess delta-V, propellant, flight time, right ascension 
at insertion and burn distribution as function of the spacecraft longitude at epoch. The final 
longitude is required to be 340 degrees here. The impulsive solutions of reference in Fig.-5a 
are in the sense of what said at the beginning of this section. In contrast, the impulsive 
solution in Fig.-5c is the best one, taking J2 and drag into account, for this vehicle, namely, a 
limited booster plus a satellite of mass beyond the booster capability with respect to the full 
orbital change. Figures 5a-5c refer to as the minimum fut' ’ights lasting the shortest time. In 
fact, real satellites could require to add to the first transfer 


6 Th.: envisaged satellite is about 10 percent heavier than the INTELSAT VIl senes satellites (whicb are in progress) 

7 Epoch is usually chosen in the half orbit preceding the perigee burn. This coTcsponds to the real arc where the 
booster+satellite complex is deployed by some low-altitude launcher. Ihus, the rclativr* nodes line at the perigee thrusting is 
very close to the defined X>axis 

8 The desired »ia;ion longitude represents a point witn a fixed arc from me intersection between me lacai 0£0 and the 
Greenwich meridian plane Thus, it may be pictured as a point-likc weightless body that revolves the Earth with a certain own 
phase. Thus, a real satellite should perform a "rendetvous" with such a fictitious body. 
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arc (about a semi-ellipse) a number of integral orbits because of some sub-system constraints. In 
these cases behaviours similar to those ones presented here (but corresponding to a different 
range of initial longitude) there exist. For this reason and the probable situation that future 
auton ated spacecrafts will perform flights to GEO in short times, we discuss about the 
minimum-fuel+minimum-time results. Another remark regards the final station longitude; the 
fact that we selected 20 degrees West (a zone rather crowded) for our discussion is of no matter 
for the no-drift concept. 

The most important result from Figs.-5a/5c is perhaps the existence of a launch window of 4 
hours to within which the spacecraft fuel penalty (with respect to the impulsive solution) ranges 
from 0.7 to 3.3 percent. Such values are less than the corresponding excess fuels spent by most of 
the large current telecommunication satellites which are delivered to their station longitudes by 
means of classical strategies. The amplitude of the above window is of the order of or greater 
than the usual telecommunication satellite windows. Beyond the 3 percent value, the no-drift 
penalty increases rapidly with the absolute value of the initial spacecraft longitude. In contrast, 
inside the window there exist a quasi-plateau zone and an optimum value of the initial longitude. 
The fine-structure of the launch window partially depends on the fact that thrust is to be kept 
constant in a burn for adding no further complexity to the satellite AOCS. That does not allow 
the thrust direction to be updated very smoothly as it happens in unconstrained-in-thrust-direc- 
tion solution. 

Figure 5b shows that the minimum time solutions entail flights lasting from 17 to 20 hours. In 
addition, the symmetric satellite burn solutions, either equal delta-V or equal burning time, are 
well within the above window and imply almost the same cost, namely, an excess of about 1.7 
percent. Such feature may be attractive from a hardware viewpoint (for instance, the battery 
subsystem). 

4.2 LEO-GEO Satellite Transfer by Outer-Slationary Trajectory 

From the data of [7,9] we have arranged a simulation of a launcher upper stage (a little 
different from the actual Centaur) capable to deliver a heavy payload into an outer-stationary (or 
super-stationaiy) transfer trajectory. The payload is endowed with liquid bi-propellant to 
perform two manoeuvres. The first one takes place at high altitude to simultaneously raise 
perigee and accomplish most of the orbital change; in fact, although better in performance than 
the boosters generally used for inner-stationary transfers, the current launcher upper stages are 
not yet able to change all of a high inclination {28.5 deg. this case) for a massive satellite (2500 
Kg). The second burn occurs close to the geostationary altitude to circularise, including a residual 
orbital change, and complete the synchronisation to the final longitude. Thus, the satellite has to 
use its own engines to transform a super-GEO trajectory into a GEO; the two long coasting times 
are to be controlled (by the previous burnings) in such a way the desired station longitude may 
be achieved at the end of the last thrusting. Such a thrusting is obviousiy a braking propulsion 
phase. 

Figure 6a shows the launch window for the outer-stationary flight in terms of delta-V and 
distance of the upper burning. The horizontal line represents the delta-V of the reference 
impulsive transfer of Fig.-5c, namely, 1740 m/s or, equivalently, 1089.5 Kg for a 2500-Kg 310-s 
satellite. The apparent gain is plainly caused by the high-altitude orbital change. Thus, 
incidentally, the current result also emphasises a particularly interesting application of what 
proposed in Refs. 8,9 about a super-stationary profile. Figure 6a is truncated on the right at the 
launcher limit. A launch window of 10 hours, at least, exists for the current case of 20 West 
station longitude. Figure 6b shows that such transfers last from 29 to 38 hours, a situation better 
than the sub-stationary transfer times with respect to the time required by some satellite 
operation (e.g. attitude acquisition). The same Figure also shows that there is an interval of initial 
longitude entailing the final thrusting inside the geostationary orbit, this interval is followed by 
another one where the satellite approaches GEO externally. Note that the final right ascension is 
always greater than 180 degrees in the considered interval of initial longitudes. In contrast to the 
inner-stationary transfer, the first satellite burning last much more than the second burning That 
ij displayed is Fig.-6c. There is also shown the upper stage’s propellant excursion, about 3 
percent over the current window. 

As a general remark, we point out that a super-stationary transfer is able to exhibit a large 
window simply because the transfer trajectory arcs are not constrained to evolve to within a 
limited zone such as the GEO circle. In addition, trajectory dispersions are more manageable; in 
fact, although the launcher upper stage errors are amplified at high altitude, however: (1) a long 
thrusting there could be adjusted to compensate for these errors, (2) the uncertainties caused by 
the apogee burning (are reduced at perigee and) could be corrected by the final short manoeuvre 
near GEO. The last long (from 12 to 18 hours) coasting could be easily observed from ground, 
the full trajectory state may be updated in real-time by means of a filtering technique, the 
braking manoeuvre may be rapiuiy compuieu ami tiie related euiiiiitaiids sent to the satellite lu 
time. In addition, the pseudo-period of the first quasi-ellipse could be chosen (by selecting the 
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iniuai S/C longitude (flag) 





FIG.-7 EXAMPLE OF SUPER-STATiONARY TRANSFER TO GEO. THE FINAL LONGITUDE 
OF THE SATELLITE ON GEO HAS BEEN FIXED AT 20 DEGREES WEST. THE ORBITAL 
INCLINATION BEFORE THE PERIGEE BURNING IS 28.5 DEG. 




6-!l 


appropriate initial longitude) close to 24 udeieat hoiiis (about 86164 s), namely, the first 
transfer orbit could be a iyiichroiiou.s orbit. This '..cild have the advantage to add a few periods 
for satellite and ground operations, without dunging tits "rendezvous conditions" to the station 
longitude and keeping the total transfer time less than three or four days. Figure 7 and Tab.-1 
show an example of outer-stationary no dr!f; minimum-propellant transfer to insert a spacecraft 
into GEO at 20 deg. West in longitude. 

TABLE 1. Parameters of the trajectory shown in Fig.-7. 

Epoch (before the perigee thrusting): date = 1991 Dcc. 31 

time = 17:00:00 

Initial Spacecraft Longitude = -264.62 deg 

Coasting + Launcher Upper Stage Burning Time 


First Transfer Coasting: 
Initial semi-major axis 
eccentricity 
inclination 
asc. node R.A. 
perigee argument 
eccentric anomaly 
longitude 

Final semi-major axis 
eccentricity 
inclination 
asc. node R.A. 
perigee argument 
eccentric anomaly 
longitude 
coasting time 
satellite mass 

Super-Stationary Burning; 
Final semi-major axis 
eccentricity 
inclination 
asc. node R.A. 
perigee argument 
eccentric anomaly 
mass 

longitude 
burning time 
Thrust: magnitude 

right ascension 
declination 

Second Transfer Coasting: 
Final semi-major axis 
eccentricity 
inclination 
asc. node R.A. 
perigee argument 
eccentric anomaly 
longitude 
coasting time 

Brakiiig/Insertion Burning: 
Final semi-major axis 
eccentricity 
inclination 
right ascension 
declination 
mass 

longitude 
burning time 
Thrust: magnitude 

tigiii a.vcunsiuii 
declination 


= 1274.40 s 


47449.5 

K.m 

0.86252 


23.817 

deg 

181.200 

deg 

0.625 

deg 

359.019 

deg 

-181.47 

deg 

47096.5 

Km 

0.86143 


23.806 

deg 

181.126 

deg 

0.76 

deg 

172.262 

deg 

-195.73 

deg 

46833.0 

s 


2500 

Kg 

64944.6 

Km 

0.35079 


1.155 

deg 

183.952 

deg 

1.244 

deg 

177.283 

deg 

1779.3 

Kg 

-210.61 

deg 

4381.8 

s 

500 

N 

Vi.o9 

deg 

16.07 

deg 

64946.8 

Km 

0.35083 


1.155 

deg 

183.949 

deg 

1.250 

deg 

356.270 

deg 

-20.40 

deg 

82927.8 

s 

42164.3 

Km 

0.00000 


0.00000 

deg 

187.305 

deg 

1.IE-10 

deg 

1507.5 

Kg 

-20.000 

deg 

1652.a 

s 

500 

N 

96.27 

deg 

-8.22 

deg 



S CONCLUSIONS 


In this paper we have analysed the possibility for liquid bi-propellant propulsion telecommunica¬ 
tion spacecrafts of achieving their station longitudes without using the drift-orbit strategy. Two 
configurations have been studied: (a) transfer trajectories whole inside the geostationary orbit, (b) 
transfer trajectories going beyond the geostaiionary attitude. Launch windows in terms of delta-V 
as function of the initial spacecraft longitude have been carefully computed for both mission 
configurations. The considerable advantages of a no-drift profile with respect to the traditional 
strategy have been emphasised. These are by no means definitive in selecting a strategy to put a 
satellite in a GEO station. The spirit of this work is to suggest, on a quantitative basis, to consider 
- in a real spece project - a careful trade-off between classical transfers and new transfer profiles 
offered by boih satellite unified propulsion systems and high-performance launcher upper stages. 
Such an analysis could and should start since the phase A and, in any case, should be completed 
during the phase B. 
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Summary 

There arc several possible methods to increase the cross range capability of a winged reentry vehicle, for instance, skip 
trajectories, a powered cruise phase, or high lift/drag ratio flight. However, most of these alternative descent strategics 
have not yet been investigated sufficiently with respect to aero-thermodynamic effects and the design of the thermal 
protection system. This problem is treated by two different means. First, a nominal reentry trajectory is generated 
based on a phase concept, and then the same problem is again solved using a numerical optimization code to determine 
the control functions, i.c., the angle of attack (AOA) and the roll angle schedule. 

The nominal reentry trajectory design presented first subdivides the total reentry trajectory into several segments with 
partially constant control/statc parameters such as maximum heat flux and deceleration. The 'optimal' conditions for 
a given segment can then be selected In contrast, the parameterized optimization code selects the control functions 
"freely', i.c., local perturbations arc judged with respect to the effect they have on the entire trajectory. Both approaches 
consider a mass point simulation which u.scs realistic model a.ssumptions for atmosphere, earth, and gravity. Likewise, 
both approaches satisfy all flight regime limitations and boundary conditions such as thermal constraints throughout the 
flight jjath and specified speed and altitude at the final time. For the optimization of high cross range reentry trajecto¬ 
ries the cross range per total absorbed heat represents an appropriate cost function. The optimization code delivers quite 
a different flight strategy than that usually generated by the nominal reentry design program, first flying longer along 
the temperature boundary at highest possible AOAs (utilizing higher average turn ratc.s), and afterwards performing 
flare-dive segments to reduce heat flux and to increase range. 

Finally, the report considers the aspect of guiding the nominal or optimized reentry trajectory during a cross range flight. 
The vertical guidance is performed with both angle of attack and toll angle control. The roll angle is primarily used for 
controlling sink speed, thus correcting the altitudc/spccd profile to the predetermined nominal profile. Range control can 
be affected by AOA modulation using predetermined gradients as a function of range-to-go. 


1. Introduction 


Since European space transportation concepts such as ARIANE V/HERMES and SAENGBR/HORUS define new 
mission requirements with respect to the maximum cross ranges of the winged upper stages, the need for higher 
lift/drag-ratio vehicle design as well as optimal control of the reentry trajectory flight path and guidance becomes in¬ 
creasingly important. 


Figure 1. compares the nominal cross range requirement of several c.sisting and future concepts. Due to .he different 
geographical locations of European landing sites, trajectories yielding large cioss ranges arc needed >_onsidcring a ref¬ 
erence orbit 300x300 km and 28.5“ inclination, th" Sacngcr-HORUS p'ldcr concent, for example nas a minimum mis¬ 
sion requirement of about 2500 km cross range, in --rder to perform a landing maneuver on German territory. Even the 


.HERMES vehicle needs 1700 to 2000 km cross 
range to achieve specific mission requirements, 
e.g.. a landing at istre In addition, the required 
angle of attack in the hypersonic regime differs 
greatly among the vehicle types. Compared to 
the .successful SHUTTLE concept, the Saengcr 
model shows a significant decrease from 40“ 
down to around 25", which also yields increasing 
acro-thcrmodynamic loads (heat flux and total 
absorbed heat). For the HERMES vehicle, the 
AOAs required in the hypersonic regime arc on 
the order of 32“ to 35“ 

Four different flight strategics have been identi¬ 
fied for the purpose of flying extended cross 
range trajectories: 

• Nominal Trajectories (High L/D) 

• Skipping Trajcctories (See Ref. 1,) 
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• Reentry Trajectories with a Boost Phase 
(H”50Km) (Sec Ref. 2.) 

» Optima! No-Skip T rajcctory Control 
(Y < 0) 


Fig. I. Nominal cross range mission requirement for several 
space glider concepts. 


1 nc basic effects on the design of a thermal protection system (TPS) and the corrcsjionding heat load assessments arc 
described in Ref, 2. The main design drivers for a TPS for high cross range mission requirement arc identified in Ref. 

2 as: 


• Maximum heat flux level determines selection of f PS material 

• Total accumulated heat dimensions the TPS overall weight 

• Max. temperature gradients influence the mechanical strength of the TPS. 
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This paper deals with the aspect of optimizing the control functions of a nominal trajectory in order to fly a certain 
cross-range at the lowest possible heat loads. The conventional method of achieving a high cross range is to fly at the 
highest lift/drag-ratio levels which can be utilized inside the flight regime limitations for as long as possible during a re¬ 
entry mission However, such a flight strategy, due to the extended flight time, leads to high values of total absorbeo 
heat with the corresponding adverse effects on the thermal protection system design. Hem.,- .ht optimization performed 
consists of minimizing the absorbed heat for a given cross range, without violating the max. reference heat flux level of 
the corresponding nominal trajectory too much. 


2. Control Function Effectiveness 


The control functions for the reentry trajcctoiy are the angle of attack, a, a.id the roll angle, p. 

This section summarizes the influence of the control ftinctions on the long period trajectory dynamics (mass point sim¬ 
ulation). Whenever the trajectory lies above the equilibrium glide condition (balance of lift, centrifugal force, and 
weight), the actual vertical lift is less than needed to maintain a horizontal glide trajectory; for flight below this condi¬ 
tion, the opposite is true. As a result the vehicle performs long period oscillations around the equilibrium glide trajec¬ 
tory. This trajectory motion possesses dynamic stability for speeds below circular speed. 

In order to understand the following nominal reentry trajectory design, the typical control function effectiveness on the 
flight dynamics is discussed briefly. A change in the angle of attack, for example, results m a sudden change of the total 
lift/drag situation (fixed dCL/da characteristic), however, a change in the roll angle changes "only* the vertical lift 
component. This control characteristic of the total aerodynamic forces is used for the design of nominal reentry trajec¬ 
tories and the vertical guidance of a glider. 


Figure 2 uses a simple block diagram to illustrate the relationship of both controls on the flight dynamics. (Sec Ref. 3.) 
The control of downrangc by lift constitutes a fourth-order system, involving vertical velocity, altitude, horizontal ve¬ 
locity, and downrange. (This is the product of four integrations, 1/s, where I/s is the differential operator notation.) 
The lift force is acting essentially in the vertical direction and affects the rate of change of the vertical velocity. The in¬ 


tegration (1/s) of the vertical velocity gives a vari¬ 
ation in density altitude. This change in density 
affects the drag force and consequently the rate of 
change in horizontal velocity. An integration of the 
horizontal velocity results in variations in the 
range along the path. 

The change of vertical lift can be generated by 
both controls, but a direct change in the total drag 
can only be achieved by a change m AOA. Nev¬ 
ertheless, as a secondary control effect, total drag 
can also be modulated by flying at a different 
density altitude, which is also possible by changes 
of the vertical velocity, controlled by the roll angle. 
In principle, the roll angle control would be suffi¬ 
cient to fly a nominal reentry trajectory, which has 
a specified range requirement. Thus, for the design 
of a nominal reentry trajectory the roil angle pri¬ 
marily controls altitude inside the flight regime li¬ 
mitations, and the angle of attack level primarily 
determines the downrange. Additionally, there arc 
flight segments, in which both controls need to be 
used, for example, in the final descent to the ter¬ 
minal area in which final speed and altitude re¬ 
quirements must be matched. 


CONTROLS 



VERTICAL VELOCITY 


horizontal velocity 


RELATIONSHIP CONTROL ANP D-.-NAMICS 


Pig- 2. Schematic diagram of control function effects on 
flight dynamics. 


3. Operational Constraints 

In addition to the requirement of having sufficient cross range to reach a certain landing site from a fixed orbit, the re¬ 
entry trajectory has to satisfy several operational constraints. These constraints result from the limited load capacity of 
the structure and the thermal protection system, as well as from comfort considcrtions for the crew on board. (Sec 
Appendix I.) 

Figure 3, in an altitude versus speed plot, shows the relevant constraints and the nominal reentry corridor for a descent 
from a low earth cicular orbit (H “460 km) with 28.5® inclination. These constraints arc a function of both Mach 
number and (with the exception of the dynamic pressure limit) angle of attack. For determining the limit lines, the 
AOAs along the spccd/altitude profile of the nominal trajectory arc used, i.c. for a given speed, the altitude limits are 
calculated. The shaded area between the highest and lowest nominal path is the nominal atmospheric entry corridor. 
Any actual guided trajectory is assumed to lie within this area which takes into account all types of nonstandard con¬ 
ditions, such as density deviations or errors in the predicted aerodynamic data. The two extreme trajectories arc deter¬ 
mined from the standard nominal trajectory by adding a deceleration margin of ± 20%. This corresponds, for example, 
to a deviation in density of + ?0% 

The temperature limit curve in Fig. 3 represents an envelope of the different temperature limits corresponding to critical 
points on the surface of the vehicle, for example, at the stagnation point of the fuselage or on the body flap. This en¬ 
velope IS also a function of the angle of attack and is difficult to compute. The reference heat flux limitation can be taken 
as a substitute for the temperature limits if they arc not available. The reference heat flux is the heat fiux at the stag¬ 
nation point of a sphere with I meter radius and is (as a first approximation) proportional to the wall temperature at 
this point The temperature constraint limits the reentry path at altitudes between 70 an 80 km, which is the portion 
of the trajectory at which the first flare occurs. 

In addition to the absolute wall temperatures, the total accumulated heat during reentry is also of interest. This value 







7-3 


determines tlie heat buildup inside the structure and is a design parameter to be minimized. The absorbed heat is 
strongly influenced by the flight time. To find the best compromise between having sufficient cross ••angc and minimizing 
the absorbed heat is an optimization problem. The absorbed heat in this report always means the integrated reference 
heat flux. 

The dynamic pressure, the load factor, and the hinge moment represent the structural loads. In the example presented, 
the allowable hinge moment limits the reentry trajeetory at medium velocities (roughly, 12 < Mach < 18) while the 
dynamic pressure becomes critical towards the end of the trajeetory (Mach < 9). 

Skip-out and recovery ceiling are not considered here for the design of nominal trajectories at circular entry speeds. 


4. Physical Modeling 

The modeling of the vehicle is based on a realistic physical model including the equations of motion with all physical 
effects that influence the trajectory (See Appendix 2.). Since the use of analytic models having simplified assumptions 
for earth, gravity, and atmosphere can lead to sizeable discrcpcncies compared to results obtained with detailed modeling 
of these features (see, c.g.. Ref. 4), the model considered incorporates the following: 

• Earth form : GEM 10 (rotating ellipsoid) 

• Gravity • radial and lateral components of gravity arc taken into account 

• Atmosphere ; US Standard 1966 mid latitude spring/fall 

• Reference heat flux : Dctra/Kcmp/Riddcll cold wall (reference radius 1 m) 


The three equations of motion (force equations) arc given with respect to the earth fixed system using the spherical co¬ 
ordinates longitude, latitude, and altitude. The earth nodding includes the (1) oblatencs of the earth which results in 
radial and lateral components of the gravity, and (2) the constant earth rotation which leads to additional terms in the 
differential equations. The gravity and the atmospheric data arc functions of both the geometric altitude and the lati¬ 
tude (Ref. 5). 

The temperature over altitude profile of the standard atmosphere consists of several linear segments with abrupt slope 
changes. Using such a model gives a simulation of a constant heat flux phase with unrealistic jumps in the roll angle 
profile occurring at these slope discontinuities in the temperature profile, "o avoid these unrealistic edges, the temper¬ 
ature profile has been smoothed by inserting circular arcs in the regions of abru 'i slope change. These modifications 
provide a smooth temperature profile and atmosphere. To investigate non-standard atmosphere profiles it is n''w possi¬ 
ble to define a factor on the oensity as a function of the altitude and to define the sea-level conditions. 

The reference heat flux is a characteristic design parameter for comparing two trajectories with respect to the thermal 
loads. In first approximation, the reference heat fiux is proportional to the temperature occuring at the stagnation point 
of the fuselage. The model defines the heat flux as being that at the stagnation point of a sphere with one meter radius. 

The aerodynamic data arc given in the form of trimmed aerodynamic coefficients. These coefficients for lift, drag, and 
hinge moment are functions of the angle of attack and the Mach number. The discrete tabular data are interpolated li¬ 
nearly. 

The control parameters for influencing the reentry path arc the angle of attack, a, and the roll angle, p. For the dcorbit 
maneuver a constant thrust m the X-body axis direction is used After this dcorbit impulse (which determines the state 
parameters at the entry interface, 120 km altitude), no more thrust is available for the atmospheric reentry trajectory. 

To compute the nominal reentry path, the control functions arc selected so as to maintain a specified constant state 
parameter level, e g., a heat flux of 375 kW/m*, and arc input for the simulation module (See Appendix A2.) using the 
above physical model (The optimization package, on the other hand, selects the controls using the strategy outlined in 
Section 6.) In either ease, the trajectory is the result of a real point mass simulation with all dynamic effects. 

The boundary conditions of the trajectory arc; 

• Initial condition : State parameters of the orbit at begin of dcorbit maneuver. 

• Final condition Altitude » 24 5 km, Mach ^ 2 (Start of terminal a-ca energy management phase) 


5. Nominal Reentry Trajectory Design 

Nomina! trajectories are required to provide reference data fora flight control system. For the nominal design loop, only 
standard conditions without disturbances in the atmosphere or in aerodynamics data arc considered. Such disturbances 
are then later incorporated for determining a complete flight path corridor. 

A very simple and yet effective method for satisfying ail constraints and boundary conditions during reentry consists of 
subdividing the path into .segments, each of which is dominated by a specific critical parameter, c.g., by heat flux or 
deceleration. The maenitiidr of thew paf9'"?tcr: determines the altitude,'speed puifiie of iiie path as weii as me transi¬ 
tion points between the various phases. (See Refs. 6 and 7.) 

During each phase, a certain schedule of the control function is required to satisfy the fixed parameter level The end 
of one phase is reached, when the parameter of the subsequent phase becomes a more critical parameter than the current 
one. Accordingly, by a variational study of these phase parameter magnitudes, a sub-optimal solution for the complete 
trajectory can be found. 

Special effort has been made to obtain a smooth transition between these phases. A direct concatenation of the phases 
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would cause jumps in some statu variables, esjKcially in the path angle. To avoid these difTiculties, several short transi¬ 
tion phases have been inserted between the main phases. 

All segments of the reentry trajcctoiy (deorbit maneuve:, Keplerian flight path, atmospheric flight phasjs) are calculated 
with the equations of motion (given in Appendix 2) ana with the physical model described in the previous chapter. The 
program takes the initial state variables at the deorbit point (defined as time i - 0) and calculates the path in fixed time 
steps. Thus, a real mass point simulation is performed, which incorporates all dynamic effects. Due to the iterative 
selection of one control function at each time interval (which is, in principle, a simple vertical guidance concept), dis¬ 
turbances in atmosphere and errors in the predetermined aerodynamic coefficients can be analyzed which still give tra¬ 
jectories lying within the flight path corridor. 


The next chapters describe the different flight 
phases. Figures 3 and 4 show (1) the profiles of 
altitude and deceleration over velocity and (2) 
the controls as functions of time for the phases 
described. These results are also illustrated in 
Table 1. 


ALTITUDE OVER VELOCITY 

ORBIT; 4e0'460 KM/8e.5 DEG oie=35 DEG 7b=-1.44 DEO 
<Jq/dlmax=36“ dv/dtnomjnap-T. m /»"2 


5.1 Hypersonic Flare 

The first phase after the deorbiting maneuver is 
the initial flare in the hypersonic Mach regime 
which begins at a defined entry interface of 120 
km altitude. Although the atmosphere above 
this attitude has been taken into account during 
the computation of the deorbit maneuver, the 
density effects on the magnitude of the aero¬ 
dynamic forces actually fust becomebi^nificant 
during the computation of the hypersonic flare, 
i.e., only in the regime below 120 km altr.udc. 

During the hypersonic flare the angle of attack c 
0 - a-entry remains constant and the ro)' angle 
is zero (giving maximum possible vertical Ijf.). ^ 

S 

The reentry path angle and the maximum avail¬ 
able lift both have a strong effect on the maxi¬ 
mum temperatures oc-iring djring the first part 
of the reentry trajectory. For given aerodynamic 
characteristics and wing loading. Fig. J shows 
the relationship between (I) the angle of attaek 
durina the initii' reentry phase, (2) the entry 
path angle, and (3) the maximum reference heat 
flux. Since o-entry has be withir certain 
boundaries which result from thermal require¬ 
ments, the maximum allowable heat flux defines 
the entry window of the path angle. The thermal 
angle cf attack corridor used in this report ranges 
betweei; 32” and 40° and is active as long as the 
reference heat flux is above 175 kW/m*. y-entry 
is determined jy the selection of a defined dcor- 
bit impulse, i.e. the duration of the deorbit en¬ 
gine burn, with the requirement to achieve a 
specified ’•■rai flux at the end of the first fiarc in 
the hypersonic regime. 

The end of the hypersonic flare (or the start of 
the heat flux phase) is defined as the point at 
which the heat flux begins to decrease again 
(path angle .learly zero). 


120.0 


110.0 
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5.2 Heat Flux Control Phase 

The heat flux control phase is initiated by a roll 
angle buildup, which is required in order to avoid 
an uncontrolled ..dipping of the vehicle into 
higher atmosphere. The objective is to obtain a 
flight path which has a continuous deereasc in 
both .speed and altitude and which also complies 
with the thermal limitations (max. wall tcmpci- 
ature). 

This requirement can be met by keeping the ref¬ 
erence heat flu^ constant at the maximum value 
of the preceding flare phase. As already stated, 
this approximately corresponds to constant wall 



-I —I—I—I—I—I—I—1—I—I—I—r- 
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Fij,. 3. Altitude vs Speed profile for nominal rc-rntry corridor 
(showing phase concept partitioning, equilibrium 
glide condition, and active constraints) along with the 
control functions: a and p as functions of speed. 







'cmpcraturc. Flight path control during DECELERATION OVER VELOCITY 

this phase is performed by roll angle ad- ORBir.tsirtsoKM/SssDEC opasDEO 7 e«- m deg 

justment, while the angle of attack is held <lii/<itm»ic'3Miw/nV2 dvydi„|,m,n„=-7 0 ni/j "2 

constant (at a-cntry). Constant heat flux 
during this phase simultaneously corre¬ 
sponds to a continuous buildup of decel¬ 
eration. 

5.3 Transition Phase 

A 

The steadily increasing decek, :.tion during f* 
the heat flux control phase is combined < 
with increasing load factors. To limit the £ 
load factor to the maximum allowable va- v 
lue, it is necessary to limit the deceleration ^ 
of the preceding phase. This can now be -S 
done by controlling the deceleration via 
the angle of attack. To obtain a constant 
deceleration level, decreasing angles of at¬ 
tack arc required as the altitude decreases. 

However, decreasing the AOA also implies 

higher thermal loads, which could lead to v <kinA> 

a violation of the thermal limits. Hence, 

prior to reaching the maximum deeder- Pj ^ Deceleration vs Speed profile for t 

ation limit, a reduction of the heat flux coffjjor 

level is necessary to provide for a regime ^ 

within which the AOA can be adjusted 

without violating the thermal angle of attack corridor. This is the purpose of the transition phase. 



OJi 10 1.0 2.0 2.0 0 0 0.0 40 40 0.0 OO OO OO 70 70 

V <icm/s> 

Fig. 4. Deceleration vs Speed profile for the entire reentry 
path corridor. 


The reduction of the heat flux is achieved by limiting the increasing sink rate. In the transition phase, the roll angle 
controls the sink rate, while a is held constant at a-cntry. The sink rate slowly stagnates to a constant value, and the 
deceleration continues to increase. 


The transition phase ends when the maximum deceleration is reached. This maximum deceleration needs to be limited. 


5.4 Deceleration Control Phase 

In the deceleration control phase, the magnitude of maximum deceleration is used as a dimensioning phase parameter. 
Deceleration during this phase is held constant by a continuous reduction of the angle of attack (v «> const). Its 
magnitude also determines the maximum load factor that occurs, and it also has a great effect on cross range and lon¬ 
gitudinal range, yielding reduced distanCvS for high values of deceleration. 

Additionally, the sink rate is held constant m order to keep the dynamic pressure at a moderate level at the end of this 
phase The sink rate at the end of the preceding transition phase can be .sustained throughout the deceleration phase 
by continuously adjusting the roll angle. This limitation of the sink rate prevents the dynamic pressure constraint at the 
end of this phase from being exceeded. It also increases the flight time and, consequently, the cross range of the vehicle. 


5.5 End Phase 

The purpose of the final reentry phase is to ensure that the end condit.ons are in compliance with the starting conditions 
defined for the landing phase, generally referred to as the Terminal Area Energy Management Phase' (TAEM). This 
is achieved by predetermined profiles for deceleration and sink rate. These profiles (v (H) and v, arc determined such 
that, at the defined final altitude, a defined 
speed is also obtained. 

The end phase starts at a fixed Mach number 
(c.g. Mach - 10), with the corresponding alti¬ 
tude, deceleration, and sink rate as obtained 
from the preceding dccclcraiion phase. As in 
the deceleration phase, a is used to maintain a 
predetermined deceleration profile, and the roll 
angle is used to adjust the sink rate. Deceler¬ 
ation as well as the sink rate at the defined final 
altitude arc free parameters. However, by as¬ 
suming a linear change in the sink rate Vj(H), 
and a parabolic change in the deceleration 
Y (with vertex at the phase starting point), one 
of the two free parameters becomes fixed, if the 
other one is assigned a specified value. 

5.6 Main Design Parameters 

The reentry path is mainly influenced by the , . . . . , 

hypersonic angle of attack a-cntry and by the Table I. Phase structure of nominal trajectory: critical pa- 
maximum deceleration during the deceleration rameters and switching conditions 

control phase. These two parameters determine 
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the ranges and the absorbed heat and can 
be chosen freely within certain bounds. A 
third important parameter is the value of 
the maximum heat flux in the heat flux 
control phase. This value corresponds to 
the maximum wall temperature reached 
and also has a strong influence on ranges 
and absorbed heat. In this study the max¬ 
imum heat flux is held fixed and is deter¬ 
mined through the maximum allowable 
wall temperature for the nominal reentry 
path. The reference orbit for the following 
results is a 460 km circular orbit with 
28.5° inclination. 

In Fig. 5 the absorbed heat and the longi¬ 
tudinal range are presented as functions 
of cross range, showing the effect of a 
variation in a-entry. The main effect of a 
change in a-entry is a change in the hy¬ 
personic L/D ratio. The greater the value 
of a-entry, the worse the resulting 
L/D-cntry. The fact that a-entry remains 
constant for a long time during reentry 
greatly influences the resulting trajectory. 
The longitudinal range, as well as the cross 
range, increases as a-entry decreases. The 
longer ranges require a longer flight time 
for the path, which results in a higher ab¬ 
sorbed heat, meaning a larger loading on 
the thermal protection system. 

If the orbit and the landing site are speci¬ 
fied, the required cross range is fixed. The 
plots show, the maximum value of a-entry 
that one can have and still satisfy the cross 
range requirement. This maximum o-en- 
try should be chosen, because lower values 
would increase the thermal load (absorbed 
heat). The specific thermal load (defined 
as the ratio of absorbed heat per cross 
range) becomes smaller for greater values 
of a-entry. a-entry is bounded through the 
thermal angle of attack corridor (in this 
example between 32° and 40°). 

Figure 5 also shows the results of the var¬ 
iation of the maximum deceleration during 
the deceleration phase. An increase in the 
deceleration results mainly in a decrease in 
the flight time. For a larger deceleration, 
a larger a is necessary to increase the drag. 
A higher o causes more lift, so that a 
higher roll angle is necessary to maintain 
the same vertical lift force. The decreasing 
flight time shortens the ranges and also 
decreases the absorbed heat. 


MAIN DESIGN PARAMETER 

ORBIT: 460*480 KM / 28.5 DEG 
Varialion of ag and dv/dt^onilnal 



Fig. 5. Absorbed heat and longitudinal range as functions 
of cross range, showing effects of a-entry and dcccl- 
Icration bounds. 


The specific thermal load becomes smaller with smaller decelerations. But this effect is reversed when a certain mini¬ 
mum deceleration is reached (in this example about -6 m/s’). With smaller decelerations, the roll angles, and thus the 
turnrates during reentry become very small. The smaller turnrates then decrease the cross range, thus increasing the 
specific thermal load. 


6. Optimal Trajectories with STOMP 

The reentry trajectory problem discussed in Section 5 has been investigated further using the parameterized optimization 
program, STOMP (Ref. 8). The STOMP package is an MBB improved/extended version of Trajectory Optimization 
by Mathematical Programming (Ref. 9). (The "S" stands for "speedy' due to the features recently incorporated for re¬ 
ducing CPU time.) In this section, we discuss recent improvements made to STOMP at MBB, and how these im¬ 
provements have been effective in determining optimal trajectories for high cross range reentry problc.ms. The mode! 
used is the same as that in Section 5, with the control functions and the final time to be selected by the STOMP package 
rather than by the controls laws discussed earlier. No phase concept is incorporated. Rather the optimization package 
itself determines the optimal strategy. 

6.1 Cost Function and Boundary Constraints 

The STOMP program, used in conjunction with a parameterized optimization code, is required to minimize a user-sup¬ 
plied function while satisfying given constraints at the final time (and/or throughout the entire flight path). These con- 
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strainls may be either equality or inequality constraints. 

Applied to a Hermes or Horus, no-skip, reentry trajectory problem, a typical cost function would be 
To minimize; Total absorbed heat per cross range 
while satisfying the equality constraints at the final time; 

Mach number “ 2.0 Altitude ” 24.5 km 

Boundary constraints arc imposed throughout the entire flight path: (I) the thermal and structural limits in Section 3, 
as v.-cll as (2) the no skip condition, Ynjax < 0. A function, f-violation is defined which measures any violation of these 
constraints, and the STOMP program drives this violation towards zero by imposing the inequality constraint: f-vio- 
lation < cps at the final time. 

6.2 Control Functions and Design Parameters 

The STOMP package receives a set of 'points* from the parameterized optimization code and constructs continuous 
control functions out of subsets of these points. In addition, STOMP labels a subset of the points as design parameters, 
e.g., final time. Control functions for the reentry 
trajectory arc angle of attack, a(t), and roll angle, 
l*{t). 


6.2.1 Definition of Control Functions 


The control functions arc defined as follows- 

c 

1. The user defines a set of grid points for each “ 

control function. (Sec Fig. 6.) g 

These grid points arc: (I) distinct points in £ 
time, (2) they need not be evenly spaced, and ^ 

(3) each control function may have different g 
spacings. Most important, the user may dcs- «> 
ignatc any of the points to be 'movable', and 
the positioning will be selected optimally dur¬ 
ing the solution of the problem, i.c., these 
points become elements in the optimization 
vector. 

2. Subsets of the optimization parameter vector Fig. 6. Typical control function with both 'fixed' ( 0 ) and 

will then be used to define the control func- 'movable' (•) control points and grid points, 

tionsat the grid points. 

These control function values at the grid points may be designated as 'fixed' or 'free'. The fixed values arc not 
changed during the solution; the free points arc adjusted during the optimization process. 

3. The controls arc defined as a function of time by connecting the values defined at the grid points using: (1) linear 
segments, (2) cubic splines, or (3) .spline and linear sub-segments. 

4. The user may place upper and lower bounds on all movable control points and on all movable grid points. 

5. The structure of each control function is independent of the other controls in type, grid spacing, bounds, etc. 



6.2.2 Improvements in STOMP concerning Control Functions 

The movable grid point feature is one of the most important new a.spccts in the STOMP program. Such points permit 
optimal positioning of sudden changes in the control functions, e.g., placement of roll reversals, and they allow for po¬ 
sitioning of local maximum and minimum. 

For example, the reentry problem requires a strong roll in the early part of the trajectory followed by a roll back toward 
zco to avoid violating thermal and structural constraints. STOMP can position both the onset of the roll and the time 
corresponding to the minimum value of the function for an optimal roll back point. (Naturally the magnitude of the roll 
is also optimized.) 

'Fixed' and 'free' points in the control function can be switched on and off easily (between optimization runs) so that 
the model can be adapted during development as the user detects 'problem areas." 

In general, linear roniroi functions are used because thi, STOMP program has features which reduce the CPU time by 
about 30% over that required using the smoother cubic splines. A splinc/linc control is also available which has user- 
selected combinations of spline and linear segments. The splinc/linc feature has some CPU reduction potential and 
provides more smoothnc.ss than the linear functions. 


6.2.3 Design Parameters 

The STOMP program also supplies design parameters: .scalar parameters which can be incorporated into the model. In 
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the reentry problem, the final time is used as a design parameter to be adjusted optimally. The most frequent use of 
design parameters is to supply switching times for which changes in the system occur, c.g., the time to eject the thrust 
system. However, the design parameters need not be time-related. 

6.3 System Modeling and the Integration Package Root-solver 

The STOMP program is linked with a Rungc-Kutta-Fchiberg integration package which has been adapted to locate all 
zero points of a user-supplied vector of stopping conditions (Refs. 10 and II.) The root-solver is an excellent tool for 
constructing differential equation systems in which branching occurs. 

For example, the thermal angle of attack corridor in Hermes reentry problem is in effect until the heat flux is 175 
kW/m’. By defining a stopping condition: PHI - q -175, a new branch of a control function could be activated at 
the time for which PHI - 0. Switching out of the thermal corridor optimally reduces computing time. The alternative 
is for the optimizer to isolate the switching time using penalty functions which requires more CPU time. 

The user may also specify time-values as stopping conditions. These are located particularly efficiently and enable the 
user to define branching accurately. 

7. Optimization Results 

While the nominal reentry trajectories (generated by introducing partially constant control and/or state parameters 
during prescribed phases of the flight path) provide good cross range and acceptable total absorbed heat values, control 
schedules can be determined which generate flight paths having even more favorable conditions. The application of the 
STOMP program to the reentry problem has yielded (1) trajectories which have significantly lower absorbed heat with 
no sacrifice in cross range and (2) trajectories which have extended cross range for equivalent absorbed heat values. 
Savings in absorbed heat per cross range arc as high as 22% . 

The questions arise: (I) what strategy has the optimizer developed to reduce heat flux and/or to extend cross range, and 
(2) can such adaptations be incorporated into the strategy in Section 5 ? 

7.1 Numerical Results 

Figures 7,8,9, and 10 present the results for an optimized trajectory fora HORUS ,'ccntry from an orbit of 460x460 
km, 28.5“ inclination. The comparison nominal trajectory has been computed using identical conditions. The physical 
model for both trajectories is that described in Section 4 and in Appendix 2. 

The trajectory has been optimized from the dcorbit point to the TAEM interface (24.5 km). The effects of the dcorbit 
burn result in 'initial conditions' at the atmospheric interface which can be expressed as a function of y-entry. In the 
nominal trajectory, y-entry is selected to control the maximum heat flux level. In the optimal trajectory, y-entry is a 
design parameter for reducing the cost function (total absorbed heat per cross range). For the nominal trajectory, 
y-entry “ -1.4®, for the optimal trajectory, -1.2®. 



Fig. 7. Altitude-velocity diagram for optimal and 
nominal trajectories for a Horus reentry 
problem. 



Fig. 8. Heat flux profile for optimal and nominal 
trajectories. (Absorbed heat equals the 
area under the respective curve.) 
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Pig- 9. Optimal trajectory control Tunction, a ; 
a function of time. 


The H-\ diagram (Fig. 7.) compares the nominal 
and optimal trajectories, showing the different 
structure of the two flight paths. The optimal 
trajectory has a higher initial flare and incorpo¬ 
rates a sequence of flare-dive segments at the end. 

The effect of the initial flare at higher AOA, cou¬ 
pled with the optimized value for y-entry, is clearly 
evident in Fig. 8. The absorbed heat is equal to 
the area under the q (heat flux) curve. There is 
clearly a large 'pocket' of savings due to the posi¬ 
tion of the first flare. An equally substantial sav¬ 
ings is evident due to the flare-dive sequence.^ The 
optimal solution is allowed to overshoot the q ^ jjj 
curve but docs so only slightly. 

Figures 9 and 10 compare the control functions 
for the optimal trajectory with those for the nomi¬ 
nal trajectory, in the optimal flight path a is ini¬ 
tially raised to 40 " and then reduced to near the 
thcrmal-a corridor limit after the initial flare. For 
altitudes between 50 and 70 km, the optima! and 
nominal a-profilcs arc fairly similar. The optimal 
trajectory reduces a below the thcrmal-a limit as 
soon as the conditions allow, white the normnal 
trajectory delays this reduction. The final fluctu¬ 
ations in the optimal a-profi!c are needed to match 
the prescribed boundary conditions. 

The initial roll and the time point corresponding 
to the global minimum of p arc nearly identical for 
both the nominal and optimal trajectories. Below 
60 km altitude, the two profiles arc somewhat dif¬ 
ferent but they follow similar trends. 

7.2 Optimal Strategy for High Cross Range at 
Low Total Absorbed Heat 

7.2.1 Strategy in the Initial Flare 

In the initial flare regime, the STOMP solution 
raises the angle of attack to the maximum permit¬ 
ted value. Such a strategy causes a reduction in 
cro.ss range in the nominal trajectory approach. 

The optimal flight path, however, avoids this loss 
by achieving cross range through higher average 
turn rates (higher side force at 40® a) and a flare- 
dive strategy in the latter portion of the trajectory. 

The savings in absorbed heat, which is clearly evident in Fig. 8, is achieved because of the optimal y-entry value and 
because the flare occurs at a higher altitude for a - 40° than it docs for the nominal trajectory value, a - 25° (the two 
limiting values). 

The movable grid point option has been used to locate three critical cmtrol function points in the initial pan of the 
trajectory: (1) the positioning of the strong roll, f2) the time at which t ic roil back starts, and (3) the point at which the 
initially high alpha is reduced from 40° 
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Fig. 10. Optimal trajectory control function, p as 
a function of time. 


7.2.2 Flare-Dive Strategy 

The trajectory has been restricted by the no-skip condition, y < 0. As a substitute for skipping, the optimal flight path 
has developed a sequence of flare-dive scgmcnts-ncar skips foliowcrl by dives. These flares cause strong braking, re¬ 
ducing the velocity optimally, and they extend range-both desirable features. The movable grid point option has been 
used to locate the critical point in the development in the flare-dive sequences, namely, the location of the heat flu.x re¬ 
lated'a-switching condition’: q “ l75kW/m^. Below this heat flu.x bound the vehicle may fly at an improved L,D for 
extending range. 

7.3 Summary of Optimal Strategy 

The optimal trajectories have three important segments in their structure 

• high angles of attack in the initial phase of the iraieemrips, whtrh g'C effcc!!''e ir. redu ciPg absorbed beat (anu nccv* 
not affect cross range), 

• flight along the thcrmal-a bound, which gives rise to the peak heat flux values, and 

• a flare-dive strategy, which is an excellent means both for reducing velocity (and hence heat fluxj and for extending 
cross range. 

Both (1) the high values of a in the hypersonic flare and (2) the later flare-dive sequences have favorable effects on the 
total absorbed heat and the range. However, the flight along the thcrmal-a bound is a critical portion of the trajectory 
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because of the high heat flux values attained. Thus, the transition into and out of the flight along the thcrmal-a bound 
must be located optimally. 



Fig. II. Range control effectiveness: dRange/da and 
dRange/dp as a function of (normalized) range-to-go. 


8. Range/ Terminal Speed Control 
Effectiveness 

For the vertical guidance and control of a re¬ 
entry trajectory, it is important to know how a 
change in the nominal control functions would 
effect the terminal speed and range of the vehi¬ 
cle. The nominal trajectories, derived from the 
control concept described in Section 5, arc used 
originally to generate these gradients. Both 
control inunctions arc changed (by a constant 
amount of I to 3 degrees), for example, as a 
function of rangc-to-go for the remainder of the 
trajectory. The resulting gradients deliver time 
dependent influence cocfTicicnts, which can eas¬ 
ily be used in a guidance concept to predict the 
final range and speed at terminal area interface. 

The gradients also depend upon the basic nom¬ 
inal AOA in the hypersonic regime. In addi¬ 
tion, they arc useful 'numbers', which show the 
control efficiency of both controls around the 
nominal trajectory design. Figures 11 and 12 
show typical gradients dR/do, dR/dp, dVc/da, 
and dVc/dp for a nominal reentry trajectory of 
HORUS. These gradients ca t be analytically 
described by linear segments and easily stored 
without a great storage requirement. As a re¬ 
sult it can easily be seen, that the final range 
and especially the final speed at the terminal 
area interface can best be controlled by the an¬ 
gle of attack (per degree angular change). Also, 
speed corrections by change in a are still possi¬ 
ble as the range to go becomes small. 

9. Guidance Aspect 
9.1 General 

Winged space vehicles, during the initial phase 
of atmospheric reentry, arc confined to a rela¬ 
tively narrow band of specd/altitude variations. 

Any significant deviations from the nominal or 
optimal profile of speed vs. altitude may result 
in excessive heat loads. Hence, the primary ob¬ 
jective of flight path control must be to follow 
the correct profile as closely as possible. The 
most critical parameter during this phase is the 
angle of attack of the vehicle. On one hand, in 
order to obtain maximum flexibility for adjust¬ 
ing range - as well as cross range, it would be 
favorable to utilize the entire regime between 

maximum lift and optimal lift/'drag ratio. However, for heat load considerations as well as trim requirements, the angle 
of attack is confined to a limited operational regime during the initial portion of the reentry flight path, c.g. 30°-40*’. 
Accordingly, the second objective of flight path control must be to 'make the best' of the available control regime. 



Fig. 12 


Final speed control effectiveness: dV^/da and 
d Vj/dp as a function of (normalized) rangc-to-go. 


Another control parameter is the roll angle which docs not suffer from rigid limits and which provides for instantaneous 
normal-force variations. Accordingly, roll-angle control is best suited for achieving the specific sink rate schedule which 
results in the required altitudc/specd profile. 


Considering the guidance concept, it is important to note that a sink-rate control by means of roll-angle variations has 
practically no short time effect on deceleration compared to the deceleration of the nominal schedule. At the small flight 
path angles typical for reentry (below 1 degree), the gravity component in the direction of flight, which is a function of 
s:nk-r 2 le, :s ncglig-Mc comp?"'! in ihi> aerodynamic drag. The problem of achieving a predetermined altitudc/spccd 
profile can therefore be decoupled from the problem of controlling the range. 

There IS, however, a basic difference between these two control tasks: In order to maintain the altitudc/specd profile, a 
continuous roll-angle modulation, as a function of instantaneous speed, sink-rate and altitude is required Range con¬ 
trol, on the other hand, can be regarded as a long term strategy, i.c., it is immaterial whether the vehicle is flying on a 
fixed nominal path as long as it can still reach iu> landing area with the correct speed and altitude. For this purpose it 
IS appropriate to adjust a predetermined a schedule by a corresponding correction. Contrary to the altitudc/sp^ con¬ 
trol, there is no need for continuous a-modulaiion. Since the magnitude of the a correction is made according to pre- 
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determined derivatives dRange/da, it is considered fully sufficient to perform an update after a fixM time interval (c.g., 
one minute), during which da is held constant. This update will produce a 'correction of correction', c.g. the a -change 
relative to the nominal schedule will be relatively small. This, too, is an important feature, because any a-changc per¬ 
turbs the vertical balance of forces and has to be counteracted by a roll-angle change. Hence, any step-control input with 
respect to a should be as small as possible, which is a strong motivation for spreading a range correction over the major 
part of the reentry path rather than for forcing the vehicle back onto its nominal trajectory by introducing powerful 
control inputs. In the latter case, the decoupling of the spccd/altitude-control and the range-control (resulting in a very 
simple overall control concept) would no longer be possible. This guidance and control concept has been inscstigated 
in more detail in Ref. 6. 

9.2 Guidance Aspect of an Optimized Trajectory 

The optimal traj'ectories derived in Sections 6 and 7 have quite different schedules for control functions and state pa¬ 
rameters (such as deceleration and heat (lux) than do the nominal trajectories described in Section 5. Due to the im¬ 
provement in the total accumulated heat, a (light strategy change compared to the nominal higher L/D strategy would 
be desirable. Future work should therefore concentrate on designing a phase concept having, for instance, partially 
constant control and/or state parameters and simultaneously incorporating features of the optimal trajectory, c.g., the 
flare dive segments. 

Such a phase concept could be designed, in principal, out of the following flight segments: 

• Flare in the hypersonic regime (a » constant) 

• Thermal control phase at max. a (high turn rates) 

• Transition phase to high L/D. 

• Flare-dive phase below max. deceleration limit. 

• Flare-dive phase below max. dynamic pressure limit. 

• End phase matching final speed and altitude requirement. 

Such a new phase eoncept would deliver improved (near optimal) nominal trajectories, whieh could be generated without 
a great amount of computing time. Those improved nominal trajectories could then be used as basis for improved gui¬ 
dance strategics combining the reouired coupling strategy of the a and p profiles needed (or flare-dives, and still giving 
smoother control profiles than those required by the optimized trajectories in Section 7. 

10. Conclusions 

A nominal trajectory strategy has been presented based on a phase concept. The flight path is subdivided into segments 
during which a specific state or control parameter plays a dominant role. The magnitudes of these parameters have been 
varied, with the selected values producing reasonable, sub-optimal flight paths. Such an approach has several advan¬ 
tages: (I) one obtains a good overview of the entire reentry problem, (2) such trajectories can be simulated using simple 
control laws, (3) model variations can be studied cfTicicntly yielding an entire flight path corridor, (4) the results can be 
easily verified, and (5) the entire anali'sis re ,uircs a relatively small amount of CPU time. 

The same piuulem has been studied using a numerical optimization program. It has been shown that for equally large 
cross range mission requirements, the aeciimulatcd heat is significantly less for an optimized reentry strategy than fora 
conventional nominal reentry design trajectory, although the final flight times arc quite similar. During the first part 
of the optimal trajectory, ttvo advantageous features have been exploited. On the one hand, max AOA provides for 
moderate heat flux levels at the temperature boundary (flying at a higher density altitude), and. on the oth-'i hand, 
higher average turnrates can be achieved aftenvards which resuit in faster heading change at higher average deceleration 
levels. The nominal trajectory, in contrast, flies at higher L/D levels which results in a lower flare altitude and conse¬ 
quently higher heat flux values. 

in the final part of the optimal trajectory, flare dive-segments, (y < 0) arc performed at reduced AOA values to take 
advantage of reduced heat flux levels as well as ' skip-likc' range (light characteristic. However, this sophisticated re¬ 
entry cross range strategy can deliver somewhat fluctuating control functions. This might he a disadvantage for a gui¬ 
dance and control system, but could be managed by designing a similar trajectory shape as the theoretical one but 
utilizing partially constant control/siatc parameters. This new concept then, would deliver all relevant information, i.c., 
deceleration schedules and control functions, in order to satisfy the guidance and control requirements of a selected 
system. Finally, the resulting TPS weight could be reduced significantly, which would be favorable for the overall design 
of the reentry vehicle, especially for the payloads achieved. 
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0. ftSgTRftCT 


HERMES emergency reentry trajectories occur in 
case of any failure during that part of the launch phase 
from jettisoning the burn-out solid propellant boosters till 
the ignition of the MPH. In that case the Cro.w Escape Module 
cannot be used because of high MACH numbers and very severe 
constraints that would result of its low lift coefficient. 

The maximum constraints on the HERMES space 
plane are obtained in the atmospheric reentry phase of the 
emergency trajectories. Their important level is due to the 
deep flight path angle attained during the ballistic arc of 
the trajectory. Their values are depending on the instant of 
launch abort. 


These maximum constraints are very depending on 
the launch trajectory. The maximum HERMES constraints have 
been represented in the altitude-velocity plane as a maximum 
altitude boundary for the ARIANE 5 launch trajectory. 

Unfortunately a performance loss is the result 
of the requirement for a reduction of the culmination 
altitude. This has lead to a launch trajectory optimisation 
that will be detailed in this paper. 

As an out-come of this study two important 
decisions have been made by CHES : 

- choice of a L6 for the HERMES propulsion module. 

- choice of the boundary that constraints the launch tra¬ 
jectory. 


Important efforts have been made on HERMES in 
order to reduce the maximum constraints, in the field of 
aerodynamics (moment coefficient reduction, increase of the 
maximum angle of attack), centre of gravity location (in 
order to reduce control surfaces hinge-moments and tempera¬ 
tures) and clcvon-body-flap differential deflection. 
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INTRODDCTIOH 


Ce papier a pour but de presenter les consequences de la prise 


en conpte d'un dchec du lancenent d'ARIAHE 

5 sur le 

dinensionne- 

nent du planeur hypersonique HERMES 
trajectoire de lancenent. 

Ct 

sur 

le 

choix 

dc 

la 

Le sednario de lancenent d'ARIAHE 

5 

est 

presentd 

sur 

la 


figure 1. 

Cc papier ne traitc que des dchecs survenant aprfes le largage 
des Etages Accdldrateurs A Poudre (EAP) jusqu'i I'allunage du 
Module Propulsif d'HERMES (MPH); dans cettc phase la propulsion 
est assurde par le VOLCAIN, noteur de I'Etage a Propulsion 
Crycgdnique (EPC). 

En cas de panne juste avant I'extinction nomale de I'EPC, HERMES 
est injectde par le MPH sur une orbite coins dnergetique que 
prevu. Cettc aanocuvrc, envisagde pour I'ORBITER, est baptisde 
Abort To Orbit (ATO). 

L'obj^ctif en cas de panne est de tenter de ranener 1'avion 
sur une piste d'atterrissage. Malheureusenent, pour la plupart 
des instants de panne, HERMES ne peut atteindre aucunc piste. 
L'acerrissage d'HERMES n'dtant pas envisagd, la cabine est 
separde de 1'avion en fin de trajectoirc de sauvegardc. Elle 
assure la linitation de la ddceldration Icrs de 1'inpact A un 
niveau supportable par I'dquipage, ainsi que sa survie en uer. 
Dans cc cas 1'avion est ddtruit. 

Le niveau des contraintcs structuralcs et thcmiques subics 
par HERMES Iocs d'unc rentrde en sauvegarde est trds dlevd. Ceci 
est dCt A des conditions de rentrde sdvAres qui sont ddpendantes 
de 1'instant de panne ct de la trajectoire de lancenent. 

La prenidre partie de ce document prdsento les trajectoires 
de rentrde en sauvegardc d'HERMES et les contraintes assocides, 
ceci pour une trajectoire de lancenent donnde. Les lois de 
connandc enploydes pour nininiser les charges subies pendant la 
rentrde y sont ddcrites. 

Cependant les fortes contraintes rencontrdes par HERMES en 
sauvegarde ndccssitent une action sur la trajectoire de lance- 
cent. La seconde partie de ce docucent nontre connent la 
linitation des contraintes de sauvegarde sur HERMES a dtd 
introduite dans la boucle do ddfinition des trajectoires d'ARIAHE 
5. La prise en conpte de ces linitations par ARIANE 5 se traduit 
par une rdduction de la Basse en orbite de transfect dont il faut 
nininiser I'cffet sue la pecte de charge utile d'HERMES. 

Les rdsultats prdscntds ici ont dtd obtenus sur la base de 
1'avion HER.MES 94 (5H2) et de la configuration H150-P230 du 
lanccur ARIANE 5. La nission considdrde est la cission de base 
pour le dincnsioi.nenont d'HERMES: e'est une nission LEO (Low 
Earth Orbit) correspondent A une orbite d'inclinaison 28,5*. 

Le site de lancenent est KOUROU. 
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TIUiJECIOIRES DE RENTHEE D'HERMES EN CRS DE PANNE AO 


LANCEMENT 


Ii'objet de cette partie est de ddcrirc les trajectoires de 
sauvegarde d'HERMES avec les lois de connande qui pemettent de 
ninlniser les contraintes subies par 1'avion. 

La trajectoire de lancement d'HERMES par ARIANE 5 est supposes 
fixde et constitue une entrde dt I'dtude. One trajectoire 
d'ARIANE 5 non contrainte par les problfemes de sauvegarde a 6td 
choisie comme exeraple pour cette presentation. 

Les cas de panne consideres ici sont ceux qui ndcessitent 
1'interruption du lancement, ce qui est rendu inevitable en cas 
de perte des capacites propulsives du moteur VULCAIN. Les 
instants de panne etudies vont de 126s (largage des P230) A 585s 
(extinction du VULCAIN). La panne est supposes n'induire aucune 
perturbation sur la position et 1'attitude nominales du composite 
HERMES+HPH 4 1'instant de panne. Les conditions initiales de la 
trajectoire de sauvegarde d'HERMES (V,Z, '( ) sont done identiques 
aux conditions nominales de vol A 1'instant de panne. 

Cette partie prAsente successivement les trajectoires d'HERMES 
sans propulsion, qui correspondent A la separation d'HERMES seul 
sans MPH, puis les trajectoires de sauvegarde avec utilisation du 
MPH. 


2.1 Cas sans propulsion 


L'objectif est de ainimiser, pour un instant de panne donnA, 
les contraintes maximalcs rencontrdes A la ressource. Ces con¬ 
traintes sont de nature mAcanique (pression dynamique, facteur de 
charge, moment de charniAre des gouvernes) ou thermique. 

Cet objectif conduit A pratiquer une rentrAe A gite nulle A 
1'incidence la plus forte possible pour maximiser la portance, ce 
qui peraet d'Alever au maximum le point de ressource et par lA de 
rAduire les contraintes liAes A la masse volumique. Cette 
incidence maximale dApend du nombre de Mach et provient de 
diverses limitations, par exemple thermiques, de stabilitA aAro- 
dynaroique ou de braquage des gouvernes. 

Cependant la minimisation des contraintes tellcs que Ic 
facteur de charge ou les moments de charnifere qui dApender.t 
directement de 1'incidence conduit A modifier la loi de commande 
A incidence maximale. Dans ce cas, la phase A incidence maximale 
est suivie d'une phase dite d'Acretage qui consiste A rAduire 
1'incidence pendant la ressource. Cette manoeuvre est rAalisAe en 
choisissant A chaque instant la valeur de 1'incidence qui permet 
de conserver une valeur constante pour la contrainte concernAe. 
Cette valour d'AcrAtage est minimisAe en profitant au mieux de la 
plage d'incidence autorisAe. La limite basse de la plage d'inci- 
dence est dfle A des limitations thermiques (e.g. sur le pare- 
brise) ou de pilotage. 

AprAs la ressource hypersonique, les contraintes vont 
dAcroitre. L'objectif va Atre alors de rejoindre un prof.il de 
rentrAe analogue A celui de la rentrAe normale. Ceci peut Atre 
rAalisA par un rebond contrdlA A incidence et gite constantes. 

La planche 2 montre un exemple de trajectoire de rentrAe en 
sauvegarde d'HERMES pour un instant de panne de 250 s. Les 
courbes reprAsentAes sont 1'incidence, la gite, la pern et les 
contraintes de facteur de charge, de moment de charnjAie .‘levons 
et de tempAraturo (ici sur les premiAres tuilcs d'intrados) en 
function du temps. L'origine du temps correspond A 1'instant de 
panne. Le profil de vol est Agalement prAsentA dans le diagramme 
altitude-vitfissp avec i» trajectoire de lancAiaunfc nominaie. 




Un 6chantillon dc quelques trajectolres de rentrde en sauve- 
gardo figure dans le dosaine altitude-vitesse sur la planche 3. 
'Jn rdseau d'iso-pression dynamique et d'iso-flux y est dgalement 
presents; il s'agit ici du flux de rSfSrence dSfini par CQ* 
avec CQ“1.7E-4SI. Ce flux de rSfSrence correspond au flux 
attaint au point d’arret d'une sph6re de rayon Im et donne unc 
indication sur le niveau des contraintes thermiques. 

En situant les points de ressource des trajectoires de sauvegarde 
dans ce rSscau d'iso-pression dynamique et d'iso-flux, il 
apparait que les contraintes structurales sent naximales pour des 
instants de panne de I'ordre de 250 s pour lesquels la vitesse 
initials est proohe de 3 Jon/s. Les contraintes thermiques sont 
naximales pour des pannes survenant dans la zone des 450 s, ce 
qui correspond 4 des vitesses de I'ordre de 5 4 6 km/s. 


POINT HALT 


La loi de conunande dtant oaintenant ddfinie, les contraintes 
naximales rencontrdes ne vont plus ddpendre quo des conditions 
initiales de la trajectoire de sauvegarde, soit 
La position initiale a 4td prise dans tous les cas 4 une latitude 
nulle et avec une route de 61.5* (inclinaison de I'orbite visde: 
28.5*). En effet, pourvu que la relation latitude-route soit 
celle correspondant 4 I'orbite choisie, la position du point 
initial a une influence ndgligeable sur les trajectoires de 
sauvegarde. 

Dans 1'ensemble de tous les points initiaux (2,7,/), il est 
possible de ddfinir la relation d'dquivalence suivante: 

(Zl,Vl,yi) EQ (22,72,^2) 
si et seuleaent si 
Zal=2a2 et Val=Va2 

avec : 2a et Va altitude et vitesse de I'apogde de la 

trajectoire balistique passant par (2,V,y). 

Une classe d'Equivalence est done 1'ensemble des conditions 
(2,V, y) qui proviennent d’un mEne apogEe qui sera appelE point 
haut. e'est aussi 1'ensemble des conditions (2,V,y) d’un mfime 
arc orbital. 

Par consEquent toutes les conditions initiales d'une classe 
d'Equivalence, pourvu qu'elles soient on dehors de I'atmosphEre 
(ou plus prEcisEmment dans une zone ou les forces aErodynamiques 
sont nEgligeables vis 4 vis des forces d'inertie), vont conduire 
aux memes contraintes 4 la rcntrEe. Ces contraintes peuvent Etre 
associEcs au reprEsentant de la classe d'Equivalence qui est le 
point haut: 


(2a,Va) =• contraintes: pc,Moment,tempEratures 


Il est alors possible de tracer dans le doraainc 2a,Va des 
points hauts des iso-contraintos HERMES a la rentrEe en sauve¬ 
garde. 

Un rEseau d'iso-contraintes est reprEsentE sur la planche 4. Il 
s'agit d'iso-facteurs de charge, d'iso-moments do charniEre 
gouvernc et d'iso-tempEratures dans la zone de I'intrados avant. 
Le dEcrochement observE sur les iso-tempEratures d'intrados 
traduit la discontinuitE des tempEratures au passage de la 
transition larainairc-turbulent. La remontEe rapide des iso- 
tempEratures correspond 4 des points de ressource venant 
tangenter la limite de transition. Pour les vitesses les plus 
fortes, I'iso-contrainte est obtenue pour des altitudes 2a trEs 
ElcvEes car la ressource a lieu en Ecoulement laminaire. 

Le rEseau prEsentE sur la planche 4 montre que le niveau des 
sor.traliiCes naximales croit rapidement avec 1'altitude du point 
haut. 




2.2 cas avec propulsion 


II est int6ressant d'utiliser le MPH d'HERMES pour rdduire 
les contralntes subies k la rentrde en sauvegarde. 

Cette reduction des contralntes est obtenue en remontant 1'alti¬ 
tude du point de ressource par une utilisation adequate de la 
poussde disponible. 

Les conditions d'utilisation du module propulsif sont cepen- 
dant limitdes par 1*instability adrodynamigue du composite. Cette 
instability rend ndcessaire la syparation d'HERMES du MPH dis gue 
la pression dynamigue attaint un seuil critique qui a yty pris 
ygal h 20 hPa pour la configuration ddcrite dans ce document. 

Le point haut est Invariant sur une trajectoire balistique 
sans propulsion. L*introduction d’une poussOe va modifier k 
chaque Instant le vecteur Vitesse et done ddplacer le point haut 
associy au point de vol considyre. 

Pendant toute la phase propulsde 1*orientation de la poussde a 
yty supposye libre de toute contrainte. Cette orientation {qui 
correspond & I'assiette d’HERMES) est dyterminye de fagon k 
dyplacer, pour un point de vol donny, le point haut correspondant 
perpendiculairement aux iso-contraintes dans le domaine Za,Va. 
L'assiette optimale de poussye, i, est alors ddfinie par: 


Ea+d«Va 


tg(i)=Vv*- 

d*(Va*Vh-/*R/Ra*2)-Va*R+Ra*Vh 


( 1 ) 


avec (l»d) 

Za,Va 

Ra 

R 

Vh 

Vv 

/* 


direction de la tangente aux iso-contraintes 
au point (Za,Va) 

point haut associy au point de vol 
Za+rayon terrestre 
altitude+rayon terrestre 
composante horizontale de la vitesse 
composante verticale de la vitesse 
constants gravitationnelle gdocentrique 


On peut vyrifier par (1) que le signe de i est donnd par Vv. 
La loi de commands obtenue consiste done k pousser vers le bas 
tant que la pente est positive, et vers le haut dfes que la pente 
est ndgative. Un exemple de trajectoire de sauvegarde avec MPH 
est prysenty sur la planche 5. Le MPH considyry ici est un L6, 
ytage utilisant deux moteurs de 30 kN et chargd k 6t d'ergols. 
Les contralntes maximales sont rdduites par rapport au cas sans 
propulsion. Elies sont prysentdes en fonction de 1’instant de 
panne sur la planche 6. 


Elies sont cependant trds supdrieures aux contralntes en 
rentryc normals et aux limites acceptaoles pour la sauvegarde. 
la rdduction des contralntes roncontryes en sauvegarde peut etre 
obtenue par une modification de la trajectoire de lancement. Ceci 
fait I'objet de la seconde partie de cette prysentation. 






3. CONSEQOENCES SOR LA TRAJECTOIRB DE LANCBHENT D'ARIAME 5 


Dans le processus <Je dimensionnemont en sauvegarde d'HERMES, 
la trajectoire de lancement a une importance essentielle. 
Cependant la modification de la trajectoire d'ARIANE 5 pour 
rdduire les contraintes atteintes en sauvegarde s'accompagne 
d'une desoptimisation de cettc trajectoire, cc gui conduit A une 
reduction de la charge utile au lancement. 

II faut done envisager une solution globale du problAmc de la 
sauvegarde d'HERMES qui ndeessite de nombreuses iterations de 
calcul de trajectoires d'HERMES et d'ARIANE 5. 

Dans le but de rdduire le temps ndeessaire A ce processus 
iteratif, un interface entre les trajectoires d'HERMES et celles 
d'ARIANE S a ete ddfini sous la forme de gabarits. 

La description de ces gabarits dans les cas sans ou avec 
propulsion ainsi que 1'optimisation de la charge utile globale 
font 1'Objet de cette seconde partie. 


3.1 cas sans propulsion 


Les iso'contraintes presentees dans le domaine des points 
hauts (2a,Va) assocides A des limites sur les contraintes HERMES 
pour la sauvegarde, permettent de ddfinir un domaine de points 
(2a,va) qui respecte ces contraintes limites. 

La limite haute de ce domaine est appelde gabarit. 

Ce gabarit de contraintes HERMES est direotement utilisable 
pour la determination des trajectoires d'ARIANE 5. II permet de 
verifier immediatement si une trajectoire de lancement satisfait 
ou non les contraintes maximales imposAes A la rentrde en 
sauvegarde d'HERMES. 

Pour cela il suffit d'associer A chaque point de la trajec- 
toirc d'ARIANE 5 le point haut correspondant et de situer le lieu 
des points hauts de la trajectoire de lancement dans le gabarit 
HERMES. Les contraintes seront respectees si les points hauts 
associds A la trajectoire de lancement sont en dcssous du gabarit 
de sauvegarde. La trajectoire reprAsentee sur la planche 7, qui 
dApasse le gabarit HERMES, conduit done en sauvegarde sans MPH, A 
des niveaux de contraintes inacceptables pour HERMES. 


3.2 Cas avec propulsion 


Dans le cas ou le MPH d'HERMES est utilise pour les 
trajectoires de sauvegarde, la simplification employee dans le 
problAme sans propulsion n'est plus applicable. 

En effet deux points de vol de la m6me classe d'equivalence (pour 
la relation d'equivalence dAfinie au $ 2.1) ne conduisent plus au 
m6me niveau de contraintes, ceci parce que la propulsion ne 
s'appliquera pas durant la mAme durAe dans les deux cas et done 
ne modlfiera pas la trajectoire de la mcme fagon. 

Dans ce cas la notion de point haut n'est plus utilisable. 
Cependant des gabarits de contraintes HERMES peuvent encore Atre 
dAfinis en se plagant dans le domaine des conditions initiales 
(Z,V,5r). 

L'utilisation do ce type de gabarit est la suivante : 
pour une trajectoire de lancement donnAe, la limite d'altitude 
pour une vitesse V est fournie par le gabarit HERMES avec la 
pente de la trajectoire de lancement A cettc vitesse. 





La figure 8 prdsente le gabarit des contraintes pour HERMES 
avec un MPH L4 (le L4 est un dtage utilisant 2 moteurs de 20 kN 
et chargd 8 4 t d'ergols). Le fait de disposer d'un module 
propulsif permet it HERMES de rdduire les charges subies & la 
rentrde en sauvegarde et done de relScher le gabarit des 
contraintes. 

Les courbes d'iso-flux de rdfdrence gui figurent sur ce gabarit 
donnent une indication sur les contraintes thermiques subies par 
le composite ARIANE 5-HERMES lors du lancement. La trajectoire 
d'ARIANE 5 devra se situer au dessus de 1'iso-flux admis pour le 
lancement. 

La figure 9 prdsente le gabarit des contraintes dans le cas 
d'un MPH L6. Ainsi que I'on pouvait s'y attendre, le gabarit 
de la configuration L6 est moii.s contraignant que celui de la 
configuration L4, et A plus forte raison que celui sans nodule 
propulsif. 

En plus de cet effet favorable sur le gabarit de sauvegarde 
HERMES, le L6 permet, A iso-performance et A iso-contraintes 
lanceur (e.g. problAme de retombde de I'dtage EPC), et hors 
problAme de sauvegarde d'HERMES, de faire descendre la trajec¬ 
toire de lancement. 

Ces considerations ont conduit A retenir le L6 pour la 
propulsion d'HERMES dans la configuration 5M2. 

lia planche 10 presents une trajectoire de lancement L6 qui 
respecte le gabarit HERMES. Les contraintes de sauvegarde 
associees A cette trajectoire figurent sur la planche 11 et 
respectent bien les limites acceptables pour la sauvegarde 
d'HERMES. 


3.3 Compronis antra la parformanca at les contraintes HERMES 


Nous avons jusqu'A present ralsonne A contraintes avion 
fixees. La trajectoire de lancement peut §tre modifiee de fagon A 
respecter les contraintes acceptables pour la sauvegarde 
d'HERMES, mals ceci au prix d'une perte de performance. 

Cependant le niveau des contraintes acceptables par HERMES 
en sauvegarde peut 6tre augments tant que des butdes de 
faisabilitd ne sent pas rencontrdes. 

II faut done traiter un problAme d'optimisation global de la 
charge utile. En effet si I'on relAche les contraintes sur la 
trajectoire de lancement dfles A HERMES, la rdoptimisation de la 
trajectoire va conduire A un gain de performance du lanceur, mais 
1'augmentation des charges sur HERMES va exiger un accroissement 
de la masse de 1'avion. 

Ce problAmc d'optimisation de masse sous contraintes peut 
etre simplifid et paramdtrd par rapport au point de culmination 
de la trajectoire de lancement. 

A titre d'illustration, la figure 12 donne I'dvolution de 
la perte de performance du lanceur en fonction de cette altitude 
de culmination. 

Lorsque 1'altitude de culmination croit, la masse de 1'avion 
compatible des contraintes de sauvegarde et la performance du 
lanceur augmentent. L'Acart entre ces deux grandeurs represents 
le gain de charge utile embarquee par HERMES, qui est maximisde 
pour une culmination proche de 125 km. 
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4. CONCLOSION 


Ce papier pr^sente la mdthode originale qui a 6t6 employde 
pour optimiser globalement la configuration ARIANE 5-HERMES pour 
la trajectoire de lancement, ceci du point de vue de la 
maximisation de la charge utile et compte tenu des contraintes 
imposdes par la sauvegarde d'HERMES. 

Ce processus a conduit 4 une trajectoire de lancement de 
rdfdrence pour la mission LEO HERMES. Cette dtude a 6t6 rdalisde 
sur la base de 1'avion HERMES 94 (SM2) et est effectude 4 
nouveau sur la base de la configuration 00 . 

Plus gdndralement cette mdthodologie est applicable A la 
ddfinition de la trajectoire de lancement optimale de tout 
vdhicule spatial habitd posant le problAme de la sauvegarde de 
I'dquipage. 


5. FLAMCHES 


LISTE DES FLAMCBES 


1. Scdnario de lancement 

2. Trajectoire de sauvegarde sans propulsion pour une 
panne A 250 s 

3. Trajectoires de sauvegarde dans le domainc altitude-vitesse 

4. Iso-contraintes HERMES dans le domaine des points hauts 

5. Trajectoire de sauvegarde avec propulsion 

6. Evolution des contraintes maximales en fonction de 
1'instant de panne 

7. Exemple de trajectoire d'ARIANE 5 dans le gabarit 
HERMES sans propulsion 

8. Gabarit L4 

9. Gabarit LC 

10. Gabarit associd A une trajectoire de lancement L6 

11. Contraintes maximales fonction de 1*instant de panne 

12. Perte de performance en fonction de 1'altitude de 
culmination 
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SUMMARY 

The Space Shuttle flight control system (PCS) is a digital fly-by-wire system that provides vehicle stability, response, and 
handling qualities necessary to return safely from orbit, ending with a pinpoint landing on a 300-by-lS,000-foot (90-by4,600- 
meter) runway. Furthermore, on its first flight, it had to fly successfully the entire envelope—manned Thus, titc PCS was sub¬ 
jected to one of the most c-xtensive programs of certification by analysis and simulation ever conducted. 

This paper starts with an overview of the entry and landing FCS along with the requirements and considerations used in the 
design process. The next section addresses the netsvork of simulation programs used in the FCS design and verification. The final 
sections present the flight test results and the current issues related to landing and roll-out. 


SYMBOI.S 

A/A Accelerometer assembly 

A/L Approach/landing 

ADTA Air data transducer assembly 

ALDF Aircraft Landing Dynamics Facility (NASA Langley Research Center) 

Alpha Angle of attack 

CCS Control stick steering 

DAP Digital autopilot 

DOF Degree of freedom 

FCS Flight control system 

FO/FS Fail operationai/fail safe 

FSL Flight Systems Laboratory 

FSSR Functional Subsystem Softw.ire Requirements 

GPC General-purpose computer 

HAC Heading alignment cone 

JSC Johnson Space Center 

KSC Kennedy Space Center 

L/D Lift-to-drag ratio 

L/R Landiiig/roll-out 

LVAR Lateral variation uncertainty 

MDM Multiplexer/dcmiiltiplcxcr (soflware/hardwarc interface) 

MIL Man in the loop 

NWS Nose wheel steering 

OFT Orbital flight test program 

01 Operational increment 

PIO Pilot-induced oscillation 

PRL Priority rate limiter 

PTI Programmed test input 

RCS Reaction control system 

RGA Rate gyro assembly 

RM Redundancy management 

SAIL Shuttle Avionics Integration Laboratory (NASA Johnson Space Center) 
SES Shuttle Engineering Simulator (NASA Johnson Space Center) 

STS Space Transportation System (Space Shuttle) 

T.FS Total In-Flight Simulator 

VMS Vertical Motion Simulator 

WOW Weight on svheels 


INTRODUCTION 

For the new generation of spaceplancs, such .is the Space Shuttle, flight regimes extend beyond wind tunnel capabilities and 
flight testing is limited. Therefore, simulators offer a viable means to achieve robust designs while reducing risks. 

Unique features of the Shuttle program demanded a robust, descent-phase FCS verified prior to flight test. First, the Shuttle 
orbiter is a hybrid spacecraft/aircraft, using pure reaction control effectors in cxoatmosphcric flight and conventional aircraft 
surfaces in subsonic approach/landing, with a blend of the two in hypersonic and supersonic fliglit. Second, the lack of an aero¬ 
dynamic data base for much of this vast flight regime required heavy dependence on wind tunnel testing. The difficulties in 
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matching similiuido parameters imposed large unccrtaiiuies on the resulting aerodynamic data base, particularly regarding the 
reaction control system (RCS) and aerodynamic interactions. Finally, the first flight had to cover the entire flight regime: the pro¬ 
gram denied the lu.xury of starting at benign flight phases with the customary gradual extension of flight envelope. Si.ice the 
vehicle lacked sufficient static margin for unaugmented control, the FCS had to work properly the first time with sufficient 
robustness to handle large uncertainties. 


DESIGN REQUIREMENTS 

The basic guideline used during design and verification can be summarized as follows: maintain acceptable nominal st.abil- 
ity, response, and handling qualities while providing ina.\imuin coverage for off-nommal aerodynamics, cnvironmenial condi¬ 
tions (atmosphere, mass properties, trajectory dispersions, winds), navigation errors, sensor/eftetor uncertainties, and uncer¬ 
tainties in structural char.acteristics (modal frequency, mode shape, damping). 

Spccifieal'y, the flight control rcquircineiits are classified in three basic performance levels designated as Level I, Level 2, 
and design assessment (Figure 1). Each is defined below; 

• Level 1 performance 
Stability 

Gain margin = >6dB 
Phase margin = >30 degrees 
Pilot rating (Cooper Harper): 3 or belter 
Step response within specified envelopes 

• Level 2 performance 
Stability 

Gam margin = >4dB 
Phase margin = > 20 degrees 
Pilot rating; 6 or belter 
Large-signal operation stable 

• Design assessment 

Performance is such that there is no loss of vehicle control. 

These rcquircnieiiis must be maintained under the following conditions; 

• Winds 

Steady stale, up to 99-pcrcentile directional (worst month) 

Discrete gust 
Turbulence 
Wind shear 

• Atmosphere (annual extremes) 

Density 

Temperature 

■> Aerodynamic uncertainties 
Lift-to-drag ratio (L/D) plus pitching moment coefficient 
Stability derivatives 

Reaction control systcm/acrodynaimc interaction 

• Bent airframc/Ycg offsets 

• Failures—fail oiierational/fail safe (FO/FS) 

One failure: Level 1 performance except for loss of air data (Level 2) 

Two failures: Level 2 iicrformance except for the loss of two RCS jets (Level i) or of two auxiliary power units 
(design assessment) 

Similar requirements apply to the stability of the structural inodes, as summarized m Figure I. 


OVERVIEW OF 1 HE DIGITAL AUTOPILOT 

Satisfying these requirements would produce a robust design. 7 his goal was achieved through careful considcratiu f the 
subsystem off-nominal performances and the aerodynamic uncertainties. 


iMissiuii Prolilc 

During entry, aliiiosphcric drag is used to dissipate the orbiter’s energy. An angle-of-atlack (alpha) profile, scheduled as a 
function of earth-relative velocity, is flown and roll angle is used to control energy dissipation. The cross range is controlled by 
alternating the sign of the roll coiniiiands. Typical alpha, roll angle, and drag profiles arc shown in Figure 2. The orbiter is 
steered to intercept cither of the two heading aiigiimem cones (HAC’s) located tangent to and on either side of the runway cen¬ 
terline. The approach/landing (A/L) phase normally occurs at 10,000 feet (3 kilometers) in altitude and 290 knots (150 meters 
per second) equivalent airspeed (KEAS), when the orbiter acquires the 19-dcgrce steep glide slope; the transition to a 1.5-dcgrce 
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Inn-r glide slope is made at 2,000 feet (610 meters) above ground. Nominal touchdown is at 2,500 feet (760 meters) past runway 
..ireshold at 195 KEAS (100 meters per second). After touchdown, directional control is achieved by a combination of rudder, 
nose wheel steering, and differential braking. 


Flight Control 

The digital autopilot (DAP) has both manual (with stability augmentation) and automatic flight control modes. All inner- 
loop flight-critical functions (e.g., rate damping and stability augmentation) arc computed at the fast minor-cycle rale of 25 Hz. 
Other less critical computations, such as updating gain schedules, are done at slower rates. 

The control effectors consist of aerodynamic surfaces and aft-mounted reaction control jets (Figure 3). The four elevons are 
moved symmetrically for e'evator and antisymmetrically for aileron com. J. The rudder panels split open for speed brake func¬ 
tions. The primary aerosurfaccs arc driven by three independent hydraulic systems—one active and two standby. A software rate 
and authority limit function is used to maintain the commanded surface rales within the capability of the hydraulic system. The 
utilization of the control effectors during entry is illustrated in Figuie 3. 

Figure 4 shows an overview of the entry FCS. The quad-redundant system architecture ensures compliance with the FO/FS 
requirement. Four general-purpose computers (GPC’s) operate in a parallel redundant set, and the fifth acts as a backup reserve 
in case of a generic software failure of the primary redundant set. The FCS sensors consist of four sets of rate gyro assemblies 
(RGA set = pitch, roll, yaw rates), four sets of accelerometer assemblies (AA set = lateral, normal accelerations), and two air 
data transducer assemblies (ADTA's) with two probes on each. The software redundancy management (RM) system has failure 
detection logic to identify and remove faulty signals, and a selection filler to send the “best” sensor estimate to the FCS. The 
effector systems have a similar level of redundancy (e.g., force-summing acrosurface secondary actuators, jet selection logic, and 
reaction-jet-driven assemblies). 


Acrndynamic Uncertainties 

Aerodynamic uncertainties played an important role in the design of the FCS. A set of seven “worst ca.se” uncertainties, 
called lateral variations (LVAR's), was developed on the basis of wind-tunncl-to-flight-test differences from past aircraft pro¬ 
grams and used to certify the FCS. They represented a reasonable estimate of the maximum possible errors in the prefhght pre¬ 
dictions (Figure 5); 


LVAR 2: 
LVAR 9; 
LVAR 11: 
LVAR 12: 
LVAR 19: 
LVAR 20: 
LVAR 23: 


poor bank-angle control 
poor latcral/directional damping 
worst case aileron control 
best-on-best aileron control 
maximum aileron control for Ycg trim 
maximum RCS required for Ycg trim 
maximum beta during healing region 


The sensitivity of flight control performance to aerodynamic uncertainties is illustrated in Figure 6, in which the progressive 
destabilizing effect of LVAR 9 is evident. The system damping ratio of 0.82 with nominal aerodynamics is drastically reduced by 
the pariials of CIA (rolling moment caused by aileron. Increments 5 to 6) and CIYJ (rolling moment caused by yaw jet. Incre¬ 
ments 11 to 12), forcing a well-behaved syslcni to be slightly unstable (damping ratio less than zero). The FCS sensitivity to off- 
nominal aerodynamics is further aggravated by the aerodynamic scnsuivity to angle of attack, as showti in Figure 7, in which 
coaligiiincnt of the vectors is evident. 

While RCS effectiveness in a vacuum was well defined, there were large uncertainties in the effect of the interaction between 
the flow from the jets and the normal airflow around the orbitcr. These RCS uncertainties were combined with the LVAR's to 
further stress the FCS design. The general technique was to combine very effective jets with high-gain aerodynamic conditions 
and less effective j'ets with low effective aerodynamic surfaces. 

The pitch-axis aerodynamic uncertainties received similar attention; but since they arc tiiore benign than those in the lateral 
axes, they are not discussed in this paper. 


DESIGN AND VERIFICATION BY SIMULATION 

The inability to conduct a normal progression of flight tests requires the FCS to be designed and verified extensively by anal¬ 
ysis and simulation. Three basic approaches arc used in the design process: (1) classical linear stability analysis with describing 
functions representing key nonlinear clenients, (2) nonlinear time-domain analysis, and (3) man-in-the-loop (MIL) simulation. In 
addition, extensive integrated hardware/softwarc MIL testing is performed to verify .system readiness for flight. 

The Use of Simulation 

The simulation programs differ in complexity but complement each other. A design normally starts in the frequency 
tiomain- iit? •ub'yste.m dy.namic: arc modeled as uiicai iiuiisfer runctions, the airiraiiie dynamics arc linearized at a flight condi¬ 
tion, and the system transport delays atid sampling effects arc properly included. The total system sensitivities to aerodynamic 
variations, subsystem off-nominal performances, vehicle dynamic uncertainties, and feedback variables arc established in terms 
of stability margins. Then analyses using off-line time-domain simulation programs follow, employing a more accurate represen¬ 
tation of the nonlinear characteristics of the eiemcnis of the system, such as acrosurface and RCS effectors. The FCS design is 
assessed along the trajectories flown while subjected to environment changes and even subsystem failures. These time-domain 
analyses offer limited evaluation of the system margins but provide excellent assessment of the system performance. 
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The MIL digital engineering simulators are the next facilities used to evaluate the dcsigti for uian/niaclune/mission compati¬ 
bility. The math models used arc normally of the same fidelity as the off-line simulation programs, but here the challenge is to 
represent the system timing delays accurately while maintaining the correct system dynamics. The inherent delays in the real-tim- 
simulators that generate visual displays or produce the motion cues have to be conipensated for; otherwise, the pilot ratings suf¬ 
fer. Delays caused by the effects of sampled-data system feedbacks also have to be adjusted for. Usually, a combination of special 
imegration techniques to introduce phase lead into the system along with the reduction of known orbitcr flight systems delays is 
employed to offset the simulator hags. The possible subsystem failures also must be modeled to assess the pilot’s responses. 

The design process is always an iterative one among the frequency domain, off-line time domain, and real-time MIL; confi¬ 
dence in the design is progressively built by evaluation from different viewpoints. However, to gam confidence for flight, an inte¬ 
grated MIL simulator is needed that brings together all the hardwarc/avionics subsystems, the flight software, and tlie astro¬ 
nauts. Here, the software and the ititcrfaces can be thoroughly checked out. The redundaticy matiagcment scheme is verified 
through the facility’s ability to simulate any combitiation of subsystem failures and/or off-nominal performances. When it is 
impractical to include the actual hardware, a high-fidelity model is substituted and the verification efforts are supplemented with 
testing at the Kennedy Space Center (KSC) or the nuanufacturers' facilities. The crew checklist atid procedures arc also verified 
for nominal missions, aborts, or failure recoveries. 

Common to all the simulation programs and facilities is the extensive aerodynamics data base. It ranges from Mach 0.25 to 
an altitude of 600,000 feet (183 kilometers), an alpha of -10 to 50 degrees, and sideslip of up to ± 10 degrees, providing more 
than adequate coverage of the flight envelopes and ensuring that drastic pilot maneuvers will not invalidate the results. 

Key Simulation Programs and Facilities 

Linear Stability Analssis Programs (CKAM, DIGIKON). CRAM and DIGIKON computer programs arc linearized tlirce- 
degrcc-of-frecdom (DOF) point-stability tools used to assess rigid-body as well as flexible stability margins 

CRAM solves simultaneous liticar cqinations in the S-plane and derives transfer functions, root loci, frequency rc,s|)onse. 
and step-response solutions The system’s transport lags and sampling effects arc modeled with second-order Fade approxima¬ 
tions. DIGIKON solves stale-variable equations in the Z- and W-planes. It also derives transfer functions, frequency response, 
and step-response solutions, and accurately simulates multirate sampling and transport lags. Because the two programs produce 
matching results over the frequency range of interest, they serve as a good cross check of each other. DIGIKON is further used in 
the assessineni of Ilex stability and the design of bending fillets. 

Non-Real-Time Siinulation Programs (SOAP, SIMEX, SDAPFLEX, SIMPLEX). These nonlinear tune-domain simulation 
programs vaiy m complexity—from a relatively simple point-response tool (SIMEX) to a complex six-degrec-of-freedom irajec 
tory program (SDAP) complete with emiikations of flight software, sensors, nonlinear effectors, earth motion, gravitational and 
atmospheric eiiviroiimcm. SDAPFLE.X and SIMPLEX arc used to analyze integrated orbiler/payload flexures and their potcn- 
' effects on RCS consumption. All of these non-real-time programs are extremely useful for parametric and sensitivity studies 
well as anomaly resolution. They are validated not only .against c.ich other but also by comparison with stability predictions 
ade by CRAM and DIGIKON. 

MIL Engineering Siimilalors (SliS, VMS, TIPS). MIL engineering simulators arc absolutely necessary in the design process 
to ensure tnan/machine/mission compatibility and to assess flying and handling qualities. The fixed-base Shuttle Engineering 
Simulator (SES) at NASA JSC has a cockpit iiiockup with digitally generated visuals of the commander’s forward view. This 
user-friendly and readily available tool can be operated by one person without compromising the quality of the results. Normally 
the first facility employed to obtain pilot comments on a new design, it plays an important part m many software changes affect¬ 
ing vehicle performance and safely. 

The Vertical Motion Simulator (VMS) at NASA Ames Research Center is a motion-based, six-DOF facility (Figure 8). The 
siiiiulator cabin is filled to replicate the orbiter, with scats in the commander and pilot positions, hand controllers and pedals, 
critical instrumciil displays (including the head-up display), and switches. The cabin has forward and cornei windows wiili high- 
rcsolutioii, conipuicr-gcncrated visual scenes. Motion limits arc ±30 feel (9.1 meters) vertically, ±20 feet (6.1 meters) lalerall), 
and ±4 feel (1.2 iiiclers) longitudinally. In .addition, pilch, roll, and yaw actuators provide the three rotational degrees of free¬ 
dom. Maximum simulated accelerations approach 2/3 g vertically and 1/2 g horizontally The valuable motion cues produced b> 
this simulator greatly influence the assessment of the approach, landing, and roll-out phases. The pilots quicker reaction to the 
motion feedback soniclimes leads to loss of vehicle control if the gam of the control effector is too high (c.g., the nose wheel 
steering), which might not be the case if the test is conducted in the SES. 

The U.S. Air Force’s Total In-Flighl Smiulalor (TIPS) is a lest simulator used solely (in the Shuttle program) to evaluate the 
approach/landing phase. It is a highly modified C-I3I aircraft with an evaluation cockpit in addition to the noimal C-I3I cock¬ 
pit manned by safety pilots. The simulation pilot’s control commatids arc input to the model’s computer, which calculates the 
orbitcr response to be reproduced. These responses, along with TIPS motion sensor signals, arc used to generate feed-forward 
and response-error signals that drive the six TIPS effectors (elevator, aileron, rudder, throttle, direct-lift flaps, and direct side- 
force surfaces). The result is a higli-fidclity reproduction of the motion and visual cues at the pilot position. Figure 9 is an illustra¬ 
tion of TIPS. 

MIL Verification Sitnulators (PSL, SAIL). The Flight Systems Laboratory (FSL), located in Downey, California, was used 
to verify entry avionics/softwarc integrated performance ■•■>!:! !93l, when tlta: fuiwiioii vs .is itanstcrred to NASA’s Shuttle Avi¬ 
onics integration Laboratory (SAIL) in Houston, Texas. The Downey facility was a multistation laboratory that permitted 
simultaneous studies from simple end-to-end checks of the flight software to mission veiification tests using the full six DOF with 
MIL. The laboratory used a mockup of the orbitcr cockpit and contained flight instruments and controls necessary for pilot 
evaluation of system performance. Actual avionics flight hardware included the GPC’s, miiltiplcxcr/demultiplcxcrs (MDM’s), 
PCS sensors, disphay electronics, and pilot controls and flight instruincms. A model board for visual scene projection was av.ail- 
ablc at the commander’s window for A/L tasks. Digital computers simulated vehicle dynamics and environment, and allowed 
test engineers to insert failures. Analog computers were used to model acrosurfacc actuators, hinge moments, and turbulence. 
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The FSL could also be connected with the full-scale model of the orbiter hydraulic system, located next door m the Flight Control 
Hydraulies Inboratory, to assess performance of the hydraulic actuators 

SAIL, equipped with a full shipset of flight avionics hardware, is used to perform verification tests of all mission phases 
from ascent through cnti y. As in the FSL, digital computers simulate vehicle dynamics, the vehicle states acting as stimuli to drive 
hardware (or software-modeled) sensors and test sets. SAIL has no hardware actuators and limited capability to troubleshoot 
software within the GPC’s. Figure 10 is a functional block diagram of the facility 


Site Acceptance Tests 

A process called site acceptance, or validation, ensures that all tools used in FCS design, analysis, and verification produce 
accurate and similar results. A series of static, dynamic, and integrated performance tests is conducted. The static tests (aerody¬ 
namic slices, effector step and frequency responses, sensors, etc.) verify that the unit models by themselves are correctly imple¬ 
mented. The dynamic tests (barc-airframe frequency and step responses, FCS open-loop frequency responses, closed-loop step 
responses, gam margins, navigation drift check) provide further detailed verification of the integrated system dynamics and the 
models’ interfaces The integrated performance tests, also called common facility tests, consist of si.vDOF trajectories selected to 
demonstrate integrated system performance. The site aceeptance signature data are obtained from other validated simulators. 

Tool validation is a continuing process, condueted each time a major data base, control system, or model is updated. The 
av.ailability of independent and validated simulators ensures the quality of the results and helps avoid setup problems. 

Verification Process 

The scope of the verification process is to validate FCS stability margins and m-fhght performance against the previously 
stated design requirements. The verification process starts with the Functional Subsystem Software Requirements (FSSR) docu¬ 
ments, which contain the requirements for the software to be coded by IBM. Point-stability analyses using CRAM/DIGIKON 
are performed for selected test conditions of the fliglit envelopes created by Monte Carlo runs with variations in winds, L, D 
uncertainties, and atmospheres. Analyses using non-real-time simulation programs supplement closed-loop performance verifi¬ 
cation at SAIL The majority of SAIL testing falls into two categories: verification of 01 (operational increment) .software 
release and verification of mission-specific software for every flight. New 01 software, relcaserl about every 6 months, incorpo¬ 
rates changes resulting from safety concerns, performance improvement, system management, and software memory scrubs. 
For each set of 01 software, a matrix of intcgiatcd performance tests is designed to validate correct implementation of the 
changes and their compatibility with existing software/hardware requirements. A generic test matrix used foi each mission covers 
mission specific flight conditions (c.g., mass properties, atmospheiic condiliuiis, landing site) to denioiistruie system rcvidmess 
for flight. Testing also includes all the abort modes. 

Supplcnienting system performance verification is the vehicle/subsystcm interface checkout at Palmdale, California, and 
KSC m Florida. Astronaut training is done in the Shuttle Training Aircraft and the Shuttle Mission Simulator. 


FLIGHT TF.ST DEVELOPMENT 

The first four orbiter missions constituted the orbital flight test (OFT) program, and subsequent flights were considered 
operational flights. This definition was more programmatic than an actual reflection of testing status in that testing continued 
into the "operational era" and payloads were carried during OFT. To dale, more than 30 successful missions have been flown. 
The success of these missions is made possible by the robustness of the design, the ability of the system to overcome multiple 
hardware failures, and the extensive verification efforts by simulation. 


OFT Rights 

The OFT flights performed nominally, .as evidenced in the comparison plots of the roll reversals between STS-I and FSL- 
prcdicted time response (Figure 11). Good agreements arc seen during the initial response with auto engaged until the planned 
manual takeover occurs. A guidance phase change from equilibrium glide to constant drag occurred only 13 seconds earlier than 
predicted. From this first mission, only four anomalies were noted, two of which demonstrate the robustness of the FCS. 

A low-frequency, high-amplitude lateral oscillation seen during the first roll maneuver was attributed to yaw jet .aerody¬ 
namic interaction (Figure 12). In the low dynamic pressure region, the roll caused by yaw jet firing wtis found to be less than pre¬ 
dicted, at about the variation level of uncertainty. This problem showed the wisdom of designing the FCS to handle large aerody¬ 
namic uncertainties. A software fix adding a filter on the sijlcshp angle feedback was implemented on STS-5. Stability analyses 
predicted this low stability margin in the automatic but not in the manual control stick steering (CSS) mode, consequently, later 
flights were flown in CSS through the first roll maneuver with good response until the fix was implemented. 

An undamped, low-amplitude l/d-Hz oscillation in the Mach 2 to 1 region was seen on every flight (Figure 13). This anom¬ 
aly resulted in restrictions of the allowable X-a.xis center of gravity for several years. Subsequent flight lest dat.v indicated lowcr- 
than-prcdictcd aileron roll effectiveness (near the variation level) and higlicr rudder roll effectiveness with small surface deflec¬ 
tions, which approached nominal effectiveness with larger surface motions. A software change was incorporated on STS-13 to 
increase the aileron forwtird-loop gain and reduce the lateral acceleration feedback gain in the rudder loop in this transonic 
region. Again, this anomaly illustrates the necessity to include uncertainties in FCS design. 


Operational Flighis 

Flight testing continues in the operational era to support ano.maly resolution and FCS enhancements, and to expand the 
ccmcr-of-gravity envelope. Beginning with the STS-5 mission, a progr.immcd test input (PTl) logic wa, implemented in which 
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specific coiimiaiids are preprogrammed to pulse the control effectors at a predesignated flight condition to garner aerodynamic 
data. The PTl logic significantly reduces the pilot's work load and facilitates the data reduction task of separating out the effec¬ 
tiveness of various control effectors. 

The results of the operational flight tests have allowed quite a few PCS enhaiiccments: c.g., pitch RCS usage was extended 
from Qbar = 20 to 40 psf (957.6 to 1,915.2 N/m2) to improve the pitch-axis low-frcqucncy gain margin (STS-41B); the rudder 
activation point was moved up from Mach = 3.5 to Mach = 4.2 (STS-5ir) and subsequently to Mach = 5 (STS-2Q because it 
was found to be effective earlier than predicted, thus eliminating the lateral trim problem m this region; tlie CSS no-yaw-jet 
dowiuiioding system was certified for emergency use (STS-26). 


I,ANDlNG/ROLL-OUT (h/R) UPGRADES 


Background and Issues 

Many issues remain in the L/R phase. A combination of factors, including the lack of a taxi test progiam, the increase in 
vehicle gross weights, and the orbiier's high-speed landing, has shown the L/R subsystem design to be very marginal. The origi¬ 
nal design called for rudder and differential braking as the primary mode of control, the nose wheel steering (NWS) serving as 
backup. This decision resulted in reluctance to use the NWS at all because of iiiiccrtamties in the nonredundant system and the 
potentially disastious effects of a hardover nose wheel. Other program concerns in the area of L/R include severe lire wear in 
KSC landings because of the “corduroy” runway surface, brake energy margins for high-cross-wind and/or short-field landings 
(abort runways), and orbiter controllability in the presence of cross wind and/or tire failure 


Simulations and Test Programs 

Since 1983, the VMS has been used extensively as a substitute for a taxi lest program in assessing L/R characteristics and 
potential improvements. Supporting this effort are testing programs at the NASA Langley Aircraft Landing Dynamics Facility 
(ALDI") and the Wright-Patterson Air Force Base dynamometer facility to garner landing gear, brake, tire, and tire failure fric¬ 
tional characteristics. The VMS features realistic motion and visual cues and the highest fidelity landing dynamic models. Topics 
studied include improvements in handling qualities and flying techniques, evaluation of DAP changes to enhance gioiind direc¬ 
tional control, and feasibility of hardware modifications to reduce lire wear, lessen chance of lire failure, and increase braking 
capability. The simulator also serves as a realistic training ground for orbiter pilots to practice cross-wind landing and failure 
recovery. 

As a result of the many simulations conducted, the following upgrades have cither been implemented or approved for imple¬ 
mentation (Figure 14): 

NWS Improvements. In the STS-51D landing at KSC, the orbiter suffered a lire blowout near the end of roll-out. Overheat¬ 
ing of the brakes because of the need for differential braking was identified as the major cause. This incident demonstrated the 
need for an operational NWS system, since the current mode of operation lacked sufficient authority to control a high-speed 
blowout A two-pliasc approach was auihori-red in which the system would be made fail-safe (fail to castor) for immediate imple¬ 
mentation and an FO/FS system would be developed for future use. 

The original NWS had three selectable modes; manu.al direct (the pedal commands went directly to the steer box), castor, 
and GPC (the pedal commands went through the CPC’s). The NWS w,as operated by a single power source and single hydraulic 
system The steer box accepted commands from a single GPC, making it susceptible to hardover lailure that could result in loss 
of control of the orbiter. In addition, both steering modes were too sensitive at high speed. 

To achieve ihe Phase I objective, several changes were authorized. A software logic detects hardover failures m the GPC 
mode by using information from the new triplex position feedbacks: a fault is declared if the nose wheel is not moving in the cor¬ 
rect direction or if it is moving too slowly and would tiip the system to castor. To reduce steering sensitivity at high speed, the 
GPC mode was augmented with lateral acceleration feedback and the direct-mode command transducer was changed from linear 
topaiabolic shaping. 

The Phase 1 activities allowed an increase in cross-wind capability f.'om 7 to 12 knots (3.6 to 6.2 meters per second), and 
eventually to 15 knots (7.7 meters per second). The system was flight-tested on STS-61A with very good results. 

Phase 2, which is nearing completion, will provide redundancy in the command path, the power sources, and the hydraulic 
system. The unaugiiientcd direct mode will be deleted because of Us sensitivity at high speed -and replaced by a second GPC mode 
similar to the first one. 

KSC Runway. Because of unpredictable weather at Ihe KSC landing site, Ihe runway is grooved both laterally and longitudi¬ 
nally for good drainage. Tins surface has good frictional characteristics whether dry or wet. However, it also causes excessive lire 
wear, especially at spin-up, which could lead to tire blowout. Tests at Langley’s ALDF and at Ames’ V.MS showed that grinding 
the first 3,5(X)-fool (1,067-nieicr) touchdown zones at holli ends of Ihe runway can sianificaiiily reduce nre we-vr eaiKcd by spin- 
up while luaiiiuiiiiiig good frictional characteristics during roll-out. file grinding of the KSCi runway was completed in April 
of 1988. 

Drag Chute, it became apparent during numerous VMS simulations that the addition ol a drag chute significantly improves 
margins, both in stopping distance and directional control, for the landing and deceleration subsystems. The drag chute allows 
the orbiter to slop safely on short abort runways, even with high gross vehicle weights. Furthermore, it stabilizes the vehicle 
directionally and drastically improves lateral control during recovery from a tire failure. Because of its attach point, the drag 
chute induces a pitcli-up moment, forcing the elevator down for trim and, in the process, reducing the main gear loads (lessening 
the ehance of lire failure) and increasing longitudinal eoiilro! authority during dcrolalion. Recognizing its many benefits, pro- 
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gram management approved the implementation of a drag chute system for all vehicles. The first test l light will occur in early 
1991 VMS simulations dictated a baseline chute of 40 feet (12 meters) in diameter, reefed to 40 percent of its aua for 3 seconds to 
reduce the transients caused by opening shock. It will be deployed after main gear touchdown. 

Weighl-on-WliccIs (WOW) Redundancy. The current system of WOW recognition is simplex, based on one proximity switch 
per main gear and two on the nose gear. Early WOW moding because of failure while the PCS is still in the airborne mod" would 
most certainly cause a loss of vehicle control from incorrect PCS. Therefore, the design of current softw.irc logic is extremely fail 
safe, issuing a WOW dilemma for any failure and keeping the PCS in the airborne configuration. This scenario would result in 
degraded slapdown handling qualities after touchdown, making the orbiter susceptible to pilot-induced oscillations (PIO’s), as 
seen on STS-3, and possibly making NWS unavailable. Purthermore, in the automatic landing mode, a hard nose wheel slap- 
down would occur, since the orbiter would try to continue descent onto the runway The system will be upgraded to triple redun¬ 
dancy for each gear, and wheel spin-up signals will be incorporated in the WOW decision logic in early 1992. 


CONCLUSION 

Simulation is an indispensable process. It provides a safe environment for the design of lobiist systems, maximizes flight 
safety, and can drastically reduce the cost of a flight test program. However, it cannot, and should not, be used as a substitute for 
a flight test program, since it has its limhations. the results can be only as good as the models used, and the fidelity of a simulator 
can be refined only with flight data A well-planned simulation/flight test program ensures a robust design and a safe expansion 
of flight envelope, and reduces future design changes 
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(a) Fltghl Control Hardware Effector Elements 
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Figure 5. Lateral Aerodynamic Uncertainties 
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Figure 10. Overviewof NASA’s SAIL at JSC 
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Figure 12. First Roll Maneuver. STS-! Versus STS-S 
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UNE IHTRODUCTIOM AUX TRAJECTOIRES SPATIALES 
par 

J.-P. MAREC 

Office National d’Etudes ct dc Rcchorches Aerospatiales (ONERA), 
92320 Chattllon^ France 


RESUME 


Get expose introductif a la Session sur les "Trajectoires" du Symposium "Space 
Vehicle Flight Mechanics" de I'AGARO/FHP (Luxembourg, 13-16 octobre 1989), est destine a 
rappeler les notions de base de 1'etude des trajectoires spatiales, naturelles et 
optimales, et a presenter les autres communications de la Session. 

L'expose est divise encinq parties. 

Les trois premieres parties rappellent les differents formalismes bien 
connus : newtonien, lagrangien et hamiltonien, et les appliquent, a titre comparatif, a 
la resolution d'un meme probleme, volontairement trcs simple mais essentiel, 1e probleme 
des 2 corps. 

Dans la premiere partie, le forraallsme newtonien permet d'etablir les formules 
de perturbations de Gauss, qui sont appliquees a 1'etude des perturbations d'orbites 
dues au freinage atmospherique. 

Dans la deuxleme partie, le formalisme lagrangien conduit aux formules de 
perturbations de Lagrange, qui sont utilisees pour etudier les perturbations d'orbites 
dues aux dissymetries du potentiel terrestre. 

Dans la troisieme partie, le formalisme hamiltonien permet d'obtenir les 
formules de perturbations anoniques et d'introduire la methode de von Zeipel. 

La quatrieme partie souligne le lien entre la mecanique variationnelle et les 
methodes modernes d'optimisation (Principe du Maximum de Contensou-Pontryagin). 

Enfin, dans la cinquieroe partie, les methodes d'optimisation sont appliquees a 
I'etude du probleme des trajectoires spatiales optimales (transferts et rendez-vous 
optimaux, corrections optimales d'orbitesjetc.l. 


IHTRODUCTIOH 


Lorsque la Commission de Mecanique du Vol de I'AGARD a envisage d'organiser ce 
Symposium sur la "Mecanique du Vol des Vehiculcs Spatiaux", il est rapidement apparu 
qu'une des difficultes serait d'introduire convenablement le sujet aupres d'un auditoire 
dont au moins une partie risquait d'etre peu familiarisee avec ce theme. En effet, 
I'interet de la communaute AGARO a ete, dans le passe, plus oriente vers 1'aeronautique 
et les missiles que vers I'espace. 

Aussi a-t-il etc decide de faire preceder certaines sessions d'un expose 
introductif, destine a rappeler aussi siraplement que possible les notions de base et a 
presenter les autres communications. 

C'est le but du present expose, en ce qui concerne les trajectoires spatiales, 
naturelles et optimales. 

Les theories de la Mecanique Celeste, des perturbations d'orbites des satel¬ 
lites artificiels, des transferts et rendez-vous optimaux, peuvent paraitre assez eloi- 
gnees des preoccupations d'un specialiste de la mecanique du vol des avions et des 
missiles. II decouvrira cependant tres vite, au cours de cet expose, que les concepts 
utilises 1u1 sont plus familiers qu'il ne pouvait le croire et que I'extension de son 
domaine d'interet a I'espace est plus facile qu'il ne le pensait. 

11 est alors possible d'esperer que ce symposium ne restera pas un cas isole 
et que la Commission de Mecanique du Vol de I'AGARD pourra, apres ce colloque a carac- 
tere general, envisager des symposiums plus specialises, sur des themes spatiaux, 
vraisembiablement en cooperation avec d'autres Commissions corame celles de la Oynamique 
des Fluides, des Structures et Hateriaux, de la Propulsion et Energetique, du Guidage et 
de la Commande etc. 

D'aores ce qui vient d'etre dit. on comorendra oue 1 ' ori qi nal i te de cette 
communication ne residera pas dans les resultats presentes, qui sont tres classiqucs 
pour les astrodynamiciens, mais peut-etre, tout au plus, dans la maniere d'introduire 
les differents concepts (Fig. 1). En particulier, I'accent sera mis sur le lien qui 
existe entre la Mecanique Analytiquc Vari ati onnel le bien connue et les theories 
modernes d'optimisation comme le Principe du Maximum de Contensou-Pontryagin. 

On evitera solgneusement d'aller trop loin dans 1'abstract!on et les deve- 
loppements raathemati ques. Rappelons cependant que la Mecanique Analytique et la Meca¬ 
nique Celeste viennent de beneficier d'eclairages nouveaux apportes, en particulier, par 
les theories de la Geometrie Di f ferentiel le (varietes symplecti ques, groupes de Lie), 
des Systemes Dynamiques et des Developpements Asymptoti ques. 
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n est demande au lecteur specfalfste d'Astrodynamique de bien vouloir excuser 
un expose aussi elemental re, qui presente peut-etre I'avantage de rassenibler, de faqon 
condensee, quelques resultats classiques importants. Pour plus de details, voir, par 
exemple, les references [1] et [2]- 
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Figure 1 

L'expose est divise en cinq parties (Fig. 1). 

Les trois premieres parties rappellent les differents formal i smes bien 
connus : newtonien, lagrangien et hamiltonien, dans I'ordre d'abstract! on croissante. II 
a paru interessant, a titre d'i 11 ustration comparative, d’appliquer ces differents 
formalismes a la resolution d'un neme probleme, vol ontai rement tres simple, mai s cepen- 
dant essential, le problemt des Z corps. II apparaitra que, dans ce cas trivial, le 
formalisme le plus abstrait n'est pas necessai rement le plus commode ! L’lnteret des 
raethodes les plus elaborees doit etre recherche plutot dans leur capacite de permettre 
la resolution des problemes difficilement solubles -voire insolubles- autrenient (par 
exemple :■ le probleme d‘‘s deux centres fixes), et de faciliter grandement I'etude des 
mouvements perturbes, en particulier de preciser la structure des solutions et le 
comportement a long terme. 

Plus sped fiquement, la lere partie est consacree au formalisme newtonien , 
applique a I'etude des systcraes de N points materiels . Ce formalisme permet de trai ter 
de fagon particulierement simple le probleme des deux corps, d'etablir les formules de 
perturbations, dites de Gauss, et de les appliquer a I'etude des perturbations d'orbites 
dues au freinage atmospherique. 

Les deux parties suivantes traitent, plus genegalement, des systemes mate - 
riels dlscrets , tels que toute configuration a 1'instant t pui sse etre de f i ni e pTr Ta 
donnee d'un nombrc fini rt de parametres . 

La 2eme partie est ainsi consacree au formalisme lagrangien, qui permet 
d'etablir les formules de perturbations de Lagrange et de Tes appliqueV a I'etude des 
perturbations d'orbites dues aux dissyraetries du potential terrestre. 

La 3eme partie introduit le formalisme hamiltonien , dont un des avantages 
majeurs est de faciliter les changements de variables par utilisation des transforma¬ 
tions canoniques. Ces transformations perraettent, d'une part, d'introduire une nouvelle 
methode d'integration, dite de Jacobi, appliquee a la resolution du probleme des deux 
centres fixes et a I'ecriture des formules de perturbations canoniques, et, d'autre 
part, de definir une methode de resolution systematique, par approximations successives, 
des equations de perturbations :• la methode de von Zeipel. 

La 4eme partie souligne le lien qui existe entre la Hecanique Yariationnelle 
et les methodes modernes d' Optiroi sation (Principe du Maximum de Contensou-Pontryagi n). 

Enfin, dans la Seme partie, les methodes d'optimisation sont appliquees a 
I'etude du probleme des trajectoires spatiales optimales : definition d'un traiisfert 
optimal ; model'sation del systemes Sc propulsion ; application de 1'optimisation 
parametrique aux transferts impulsionnels, en particulier dans le cas simple du 
transfert de Hohmann ; transferts optimaux dans un champ de gravitation general ; cas 
particuliers d'un champ de gravitation uniforme et d'un champ central. Des exemples sont 
donnes de corrections optimales d'orbites, de transferts de duree indifferente et de 
transferts a poussee faible. 
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1 - FORHALISHE NEMTONIEN 


1.1 - Hecanique newtonlenno 


La necanique newtonienne a pour objet i'etude du tnouvement des systemes mate- 
riels discrets constitues d'un nombre fini M de points materiels , de masses m- ( P = 

1, 2.N). ^ ^ ' 

La loi fondamentale de la dynamique (Fig. 1) se traduit par les lois de 
Newton, que nous n'cxpliciterons pas. 

Dans le cas ou les actions mutuelles entre t4{petsont des attractions 
newtoniennes :• ' ' 


1 




( 1 ) 


ou'Xest la constante de la gravitation, on est conduit au probleme des /V corps de la 
Me'^anique Celeste. 

L'application des lois de Newton permettrait d'obtenir quelqucs resultats 
generaux concernant ce probleme (integrales premieres, par exemple) ou, dans le cas 
N= 3, de tirer deja certaines conclusions i nteressantes relatives au celebre nrnhiemc 
des 3 corps (figures d'equilibre relatif, courbes de Hill, par exemple), probleme qui 
suscite actuellement un regain d'interet (theorie des Systemes Oynamiques). 

Mai s il parait plus interessant de passer sans tarder a 1'etude, triviale mais 
fondamentale, du probleme des 2 corps , qui presente 1'avantage d'etre integrable et qui 
servira de base a ranalyse des perturbations d'orbites des satellites artificiels. Cela 
nous permettra, au passage, de rappeler quelques notations utilisees en Mecanique 
Celeste et dont la connaissance est indispensable a la comprehension des exposes sur le 
sujet. 


1.2 - Probleme des 2 corps 


L'etudedu probleme des 2 corps est tres importante, car il est frequent que la 
resolution d'un probleme de M corps puisse etre ramenee, en premiere approximation et 
avec une bonne precision, a la resolution d'un probleme dt 2 corps (cas du mouvement 
d'un satellite proche de la Terre), ou de plusieurs problemes de 2 corps (cas dr 
mouvement des planetes autour du Soleil), ou encore de la succession de problemes de 2 
corps (cas du mouvement h41iocentrique et des mouvements pianetocentriques d'une sonde 
i nterpi anetai re). 

Oe plus, corame nous 1'avons dit, le probleme des 2 corps etant completement 
i ntggrable , sa solution sert de solution de bas e pour resoudre des problemes plus 
compli ques (theorie des perturbations). 

1.2.1 -Mouvements absolu et relatif de 2 corp^ 

Les corps (de masse »), ) et (de masse/xit) sont supposes ponctuels (ou, 
du moins, a symctrie materielle spherique' et i sol e s dans I'espace (Fig. 2). 

Le centre de masse a un mouvemenT rectiligne et 
absolu et peut done etre choisi comme centre d'un systeme d'axes 

La loi fondamentale de la dynamique : 



(- = /n 7^ 


(1) 

appliquee 

successivement aux points materiels et 

A^i , peut etre ecrite. 

dans 

systeme : 



(2) 


.mMi- , 


(3) 






Sr etant le centre de masse, on a : 




. 1 y -y 

G^ -f- f^'2 ^^^2^ “ ^ > 

(4) 

d' ou : 







(5) 


( 6 ) 

(7) 


rnx 


o t f1n A 1 om0 n t 


S' 7 ”/ 






= — -Ac 


C IX7W V-Wj. y^- II (rt^All • 


uni forme dans 1 espace 
gal i leens ffnf. 
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X 


Figure 2 



En pratique, les observations ne peuvent pas etre faites depuis le centre de 
masse W" des deux corps, mais plutot depuis I'un des corps, par exemple. II est done 
souvent commode de rapporter le mouvenent relatif de cHi. par rapport a a des axes 
non gal i leens Eig. 2), centres eno4>a et paralleles aux axes gal i leens rfa-. 

La difference (3) - (2) peut etre ccrite :•_ “ ^ 




( 8 ) 


Les relations (6) et (7) montrent que, dans le mouvement absolu , tout se passe 

comme si chaque corps etait attire par le centre de masse (x »“ serait concentree la 

masse : 

r)i'= __ (9) 

(tn+n 

ou IV est la masse du corps etudie et Mcelle de I'autre corps. 

Oe meme, la relation (8) montre que, dans le mouvement relatif , tout se passe 

comme si le corps etudie, de masse hi , etait attire par une masse : 

H+ m- (10) 

egale a la somme des masses D et rn des deux corps. 

Comme le montre (5), les mouveraents absolu et relatif sont homothetiques. II 
suffit done d'etudier I'un des mouvements. 

On pose :• 

^ J r>i' ^ + 

(mouvement absolu)> (11) 

I ~ m,') (mouvement relatif)- 

Notons que si />i<f<rM(c'est le cas pour le mouvement d'un satellite artifi- 
cfel de la Terre), ces deux mouvements sont (pratiquement) idcntiques. 

1.2.2 - i,n^cgratj_oj) elemcntaj^re du_p£Obl£me Ae$ Z £orps - Trajectoires keplerienne£ 


L'integration du probleme des 2 corps est triviale. Elle est rappelee ici 
essentiellement pour fixer les notations. Les appellations geocentriques seront utili- 
sees, de preference aux appellations heliocentri ques, puisqu'on s'interese ici surtout 
au mouvement des mobiles circumterrestres . 

Soit a etudier, dans les axes F paralleies aux axes absolus (Fig. 3 :F 
est mis pour "foyer", ce qui sera justifie par la suite), le mouvement du poi nt i./<?,de 
masse m- , soumis a 1'acceleration de gravitation : 


1 ^ 



( 12 ) 


ou u, ala valeur (11). _ 

' Dans le cas du mouvement d'un mobile circumterrestre « gene- 

ralement le plan equatorial et Fx. I'axe des poles. Far est oriente vers le point 
vernal Y . ° 
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La loi fondamentale de la dynamique s'ecrit simplement : 



et conduit au systeme differential d'ordre 6 •: 



(13) 

(14) 


dont la resolution necessite 6 integrations scalaires, qui introduisent 6 constantes 
d‘integrations scalaires appelees "elements orbitaux" . 


L' i ntegrati on est facilitee par I'existence de trois integrales premieres 
(vectorielles ou scalaires ; au total : 5 integrales premieres scalaires), dont les deux 
premieres sent Ires connues ; la troisieme est peut-etre moins bien connue, elle n'en 
est pas moins tres utile. 

* L' integrale premiere vectorielle du moment cinetique (massique) : 

TC A'^ - ^ vecteur constant ^ (15) 

equivaut a 3 integrales premieres scalaires. 

Le fflouvement est done soit rectiligne : 

Jt'' A T = X! = '^ 

(cas etudie a part), soit plan , dans le plan perpendicul aire 
Fig. 4), repere soit par le vecteur orientation , unitaire : 

t = X/-L C-t ^ \X\\) , 

soit par les deux angles : 

[O 7 ( incllnalson ) (18) 

et 




( pi an orbital , 
(17) 


Ip°i ( ascension drolte du noeud ascendant /J ), (19) 

ce qui ne ry)resente, dans les deux cas, que 2 constantes d' i ntegrati on scalaires. 

est la ligne des noeuds , orientee vers le noeud ascendant N , e'est-a- 
dire de fagon telle que le triedre ( f^., ) soit direct. 

4/(/Xy2- sont les axes orbitaux tournants ( : radial / ci rco nfe rentiel . 

dans le plan orbital ; i^Zr~perpen^TcinaTrr~aTTTan orbital, done parallele a'^etTT). 
Dans le pi an orbital, 

-'I y 5 -i*' 3 2 (Vitesse a re o) a i re) = 

iAt" ^ _ constante (= -^cVe (niK ). (20) 

e'est l’integrale premiere de la loi des aires, qui introduit la troisieme 
constante d'integration scalaire En des 'teinps egaux, les aires dc balayees par le 
rayon vecteur ^ sont egales . Cette deuxieme loi de Kepler a ete historiquement enoncee 
pour les planetes, avec F ^ Soleil. 



X 



Figure 4 


Figure 5 



I 
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* L Mntegrale premiere de 1‘energle fait intervenir Ic potentiel newtonien 

massigue : 


^^ ffv ( 21 ) 

et s'ecrit :• 

t ^ t - C^nst-cnhe = ^L- t )> ( 22 ) 

X A. X -Xc ' 

ou ' est I'energie cinetigue massigue, ce gui introduit une guatrieme constante 
d'i ntegration scalaire, I'energie totale massigue £. , independante de 1'orientation de 
la vi tesseini tia1 e ^ . Dans un nouvenent donne ( )& fixeTi la grandeur V 3e la vitesse 
ne depend gue de I a di stance ■'l. au centre d'attracti on. 


* L' integrale premiere vectorielle de laplace : 

V /) = vecteur constant ^■= Vc ~ ^ ~ J > (23) 

molns connue, eguivau'' a trois integrales premieres scalaires ( & est mis pour "excen- 
tricite", ce gui sera justifie par la suite). -ff 

A la difference de l'integrale premiere du moment _ci ne ti gue (valable pour 
tout champ central) ou de celle de 1'energie £•, (gui peut etre etendue a tout champ 
central du type ), l'integrale de Laplace^ n'est valable gue pour un champ 

central en l/V . 


Les 7 integrales premieres scalaires citees ne sont pas independantes : 5 
seulement sont distinctes. En effet, on a les 2 relations scalaires suivantes, comme on 
le verifie aisement : 

-L . e. = 0 , (24) 

s. ^. (25) 

fix 

L'obtention de l'integrale de Laplace ne necessite done, en fait, gu'une 
integration supplementai re (cinguieme integration) et n'introduit gu'une constante 
d'integration supplementaire (cinguieme constante), 1' argument du perigee co (Fig. 5), 
gui repere le vecteur ^ (ou encore I'axe dirige suivant 2 ? ) dans le plan orbital. 

Si (2 relations scalaires, car on sait deja par (24) gue C - O ), 

Co est inddtermine. Ce cas (mouvement circulaire ) est etudie a part. ^ 

Le mouvement est etudie maintenant dansles axes orbitaux orthogonaux, 

ou h ^ est perpendicul di re au plan orbital (Fig. 5). 

Les angles Si , i et to apparajssent done comme les angles d'Euler gui 
permettent de reperer le triedre orbital par rapport au triedre absolu 

La trajectolre peut etre cbteTiue, a I'aide de (23) et de (15), sans nouveTle 
integration , son eguation polaire est :■ 


72- = 


P 


(26) 


ou €- = )) 1? il X iit Oil 't7== / 7? ) ^ ^ est 1 ' anomal ie vraie (Fig. 6). 

La trajectoire est dohe une coni gue de foyer F ( premiere loi de Kepler , 
enoncee hi stori guement pour les pi anetes dans I e cas F = Soleil), de grand axe ps 
est dirige vers le perigee .P ), d'excentrici te e. et de parame tre : ^ 


ff /f- - 

gui ne depend gue de la grandeur'A- du moment cinetigue. 

Le vecteur"^ est appele vecteur excentricite ou vecteur perigee. 


(27) 



% 


X 


Figure 6 


Figure 7 
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La relation (25) montre que la trajectolre est une el 11 pse ( ■&< 1) ou une 
hyperbole ( 1) , selon que I'energle tii- est ^ o . Le cas cT' 1 correspond sol t a 

une paraoole, si ^ • 0 (l^relation scalaire), sol t e une conlque plate (mouvement 
rectfllgne deja cItS), si ^ = 0 (2 relations scalalres seulement, a cause de (24)), 
c'est-a-dlre une ellipse plate, si S,< 0, ou une hyperbole plate, si £> 0. 

Le deml-grand axe O- de 1‘orblte est donne par ;■ 

a = —£- = _> o ' (28) 

Dans le cas elllptique, on a : 

a. (■4- , (29) 

CVz: /I g- , (30) 

Le deml-grand axe ne depend que de I'energle de I'orblte. 11 ne depend done 
pa s de 1'orientation de la vitesse 1 nltlale (Fig. 7). 

Le demf-petit axe est : 

h= a. \ji—e^ . (31) 

La deterni nation de la lol horalre '!/'{^)necessi te la slxleme et dernlere 
integration scalaire et Introdult Ta sixieme et dernlere constante d' 1 ntegratl on 
scalaire "C , Instant de passage au perigee . Elle est donnee, dans le cas elllptique, 
par les equations : 

M= , (32) 

Mr: _ e S.V t g , (33) 

ir - \ldt^ U ^ , (34) 

? 2 V^_e (7 X 

ou M est 1' anomalle raoyenne, )v est le moyen mouvement, tel que : 


=; 


^ done ST n.a.b') p (35) 


et E est I' anomalle excentrlque (voir Fig. 8), 
La perlode orbitale est : 




e'est la troisleme lol de Kepler*, enoncee hi storlquement pour les planetes 
dans le cas f » Sole!I. 

La quantite :■ 

Mo = - nz (37) 

(anomalie moyenne pour t”= 0) est appelee anomalie moyenne de I'epoque. 





Figure & 


Figure 9 


otons que la dene loi de Kepler les carres de penodes des mouvements des planetes 
sont proportionnels aux cubes des demi-grands axes de leurs orbltes" n'est 
qu' approchee , .car si M designe la masse du Solell et rn. la masse de la planete, le 
coerrIclentn^-K^flimlvarle quanc/on passe d'une planete a 1'autre. Comme la valeur maximum 
du rapport ni/M , obtenue par Jupiter, n'est que de I'ordre du mlllieme, elle constl- 
tue neanmolns une bonne approximation. 
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Lorsque T = 1 Jour slderal, I'orbite est dlte geosynchrone. Un exemple en est 
donne dans 1'expose [3]. Si, de plus, elle est circulaire et dans le plan equatorial, le 
satellite est geostationnalre . 

Les relations (32) - (34) perraettent de calculer aisement 1'Instant de passage 
'■ a une position V donnee. Le problerae inverse (calcul de ^ a c donne) est plus 
delicat, car il exige la resolution de I'equation (33), transcendante en E" , ce qui se 
faisait jadis a I'aide de developpements en series ou de tables, et qui est maintenant 
grandement facilite par ('utilisation des calculateurs numeriques. 

Olsons maintenant quelques mots des mouvements particuliers :• 


* Le mouvement circulaire ( € = o ) (Fig. 9) est un cas particulier du 
mouvement el 1 i pti que, Te perigee p~ et les angles jf (et done £" et H ) sent inde- 
termines, mais la somme 6 - Co + nr ( argument ) est bien definie. 

Le mouvement est etudie dans les axes • C'est un mouvement circulaire 

uni forme : ^ 


0 = n. ((r_ ) , (38) 

oO est 1'instant de passage au noeud ascendant. La vitesse orbitale circulaire C' 
a la distance a. est donnee par (22), ou - constante = d. ,et (iO), d'ou : 





(39) 


Elle decroit comme ('inverse de la raci carree du rayon de I'orbite circulaire. 

par exemple, dans le cas de satellites circumterrestres, on a le Tableau 1. 


Tableau 1 


— 

Type de sottllife 

Altitude 

' 

z 

Rayon do 
l*orbtte 

circuioire 

a 

Periode de revolution 
(en tempt soloire moyen ) 

T 

ViUsse 

ofbitole 

circuloir* 

C 

Sati'lhtif ‘ ra^Qiil ‘ 

(pJjysiqucmcnc impossible 
a cause (ic Tatmospherc ) 

( Terre sphenque ) 

i 

" •? 

0 

6 371 km 

84,5 nin 

7,9 Icm/ s 

1 

I Satellite "has" 

\ 1 'I'errc sphenque ) 

100 km 

(> 671 km 

90 inn 

7,75 km/s 

; 

I Satellite equatorial 

1 '* gcostauonnaire " 

1 (Terre aplane) 

1 

33 786 km 

4> 16-4 km 

23 h 56 mn 4,1 s 
( 24 1) sidcralcs ) 

1,073 km/s 

l.mn- 

( pour meinoire, en suppo- 
sani I'orbiie circulaire ) 


384 400 km 

37 1 7 h 43 mn 11,5 s 

1,017 km/.s 


* Pour le mouvement parabolique { £ ^ O S- = 1), on notera seulement qu( 
la Vitesse /_ , dite parabolique ou de Tiberation (Fig. 10), est donnee en tout poini 
pa,- (22) , d'ou :■ 

l(A.)z= yifL/n, = VT COt,) . (40) 

Remarquons que la relation (22) pent etre ecrite, quelle que soit la nature du 
mouvement : 

_ t- => constante = -d £ ^ Vo'^— /.^ , ( 41 ) 

* Pour le mouvement hyperboll que ( >0 ), on notera seulement 

que la vitesse residueI le Voo a t'intinl du centre d'attraction (Fig. 11) peut etre 
obtenue en iaisant n _>. , done C _ O , dans (41), d'ou : 

en fonction du point courant) . (42) 
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Figure 10 


Figure 11 


1.2.3 - £lem£nts_ 0 £bi_t^ux 

Comme on 1'a dit plus haut, on appelle elements orbltaux les 6 constantes 

d' i ntegratl on ^ - !• 2.6) qui definissent un mouvement kcplerlen partlcu- 

lier. Ce nonbre'est reduit a 5 dans 1e cas parabollque (1 relation scalaire :■ <£ = O ) 
et a 4 dans les cas circulaire (2 relations scalaires -. =0 ; Fig.9) et 

rectiligne. 

Dans le cas elliptique, il cst possible de choisir pour elements orbitaux 
( dl, e- , i , 31 , CO ,"Z ) ou ( dJ. , e , i, , o2> ,u> , tie). Le sixierne element est souvent 

remplace par I'anomalic moyenne M , qui n'est pas une constante du mouvement keplerien, 

mais varie simpleraent (de fagon affine) en fonction du temps et presente I’avantage de 
fixer directeraent la position,du mobile sur I'orbite. On obtient alors les elements 
orbitaux de Lagrange (<:L,e.t .il.Co.M). 

Les elements orbitaux precedents ne sent pas bien adaptes au(x) cas des 

petites excentricites et/ou des petites inclinaisons . 

En effel, lorsqiie a,=r<? , la posi tion du perigee jP est mal definie, les 
angles oi , H et Mo sont mal determines, et il est preferable de remplacer la donnee de 
€. , to et M (ou Mo ) par celle de = ICeilo , = ■t’C.Mto et (ou co+io) (argu¬ 
ment moyen ou argument moyen de I’^poque). ” 

Oe meme. lorsque idO, la position de la ligne des noeuds rxt est mal defi¬ 
nie, les angles-fl et to sont mal determines, et i,l est preferable de remplacer la 
donnee de i ,3letto, par celle det»*Si'«i StuXL , i'i.i =tri-1 etiir* (ascen- 

sion droite orbitale du perigee ; noter que I'on ajoute deux angles, /let to , coraptes 
dans deux plans dliterents, raals voisins). 

Enfin, lorsqu'a la fois et i ^O , ii est preferable de remplacer la 

donnee de e. , t , rt , w , bq (ou Mo) par celle de ecoiaf, et>ntr- , s,„ JT- , -Smtto'j.n. 

et CT+M (ou czr+-fqo ) ( ascension droite orbitale moyenne , ou ascension droite orbi¬ 
tale moyenne de 1'epoque , dans le cas geocentrlque). 

- 

_ ^ Il est parfois commode d’utiliser les elements orbitaux vectoriels ( 'S- , , 

,M1 ou Mo ) (Fig. 12), qui ne dependent pTs 3u choix de I'orientatlon des axes 

, mais presentent 1'inconvenient de ne pas etre independents, mais 
d'avoir a satisfaire (24) et (25). 11 est souvent preferable de faire alors appel aux 

composantes "utiles" de 1/ et "S’en choisissant pour elements ( t^ , <- , 

M ouMo ) (Fig. 13). Le remplacement de M (ou Mo ) par nr -f M fou er'-t-Mo ), ^u 
toute autre variable convenablement choisie, evite alors tous les 1 nconvenients 
mentionnes pour e~ 0 et/ou . 

Nous noterons de fagon generale c) ou la matrice colonie 6X1 des 

elements orbitaux a/ ou ( > = 1, 2 "6), en convenant que les -ji et les 

(-K ' 1, 2, ..., 5) sont constants et que q( varie simplement en fonction du temps. 

^ ,u> , , (43) 

^ , M . (44) 

Hnnnoo Hoc olomontc Cj OU mouvement keolerien : 


v’= VC^I ^6), 





I•■|f-urc• 12 F'/ixfc 


^ ) > (47) 

V = T (Cji ) . (48) 

Inversemcnt, la donnee des elements cinematique ^^et V.a 1'1nstant ^ , 
determine les elements orbitaux :• 


q = 

^ 4 = q.(^y) 


Signalons/a la fin de ce paragraphe consacre aux orbites kepleriennes/que 1e 
probleiiie de la determination d'une orbite a partir des observations (trajectographie) 
est evoque dans I'expose L4j. 

J.2.4 - Ap£l icat2_0£ 2 <li ffe''en£e_ent£e_deux mouvements_t:ep2e rien£ proc]ie£ 

_ P Le calcul du vecteur difference ^ A, — entre les rayons vecteurs -4- 

et ''1. de deux mouvements kepleriens proches, sur des orbites O'’’ O +50 et O 
voisines,est tres important pour les applications pratiques en Astrodynamique (mouvement 
relatif des vchicules, dans le cas d’un render-vous ; cet aspect est evoqu^ dans 
1'expose [5]. Notion de "satellite moyen", etc.). 

1.2.4.1 - Calcul du vecteur difference . 

11 s'agit de calculer la difference correspondant a un petit ecart sur 
les elements orbitaux. — 

La linearisation de (45) conduit a : 

ST- . (51) 

'"c>q 

Le calcul effectif est asset laborieux et conduit a 1'expression suivante : 

St ^iSr- . JL(y,S7)y- t (t. Sr)+(zV.3tv )Ik= , ( 52 ) 


<^<r = Sho + k It h.\ (53) 

o- ' £- _^ 

5e// est la composante de Sd- dans le plan de 1'orbite. y et h sont les vecteurs 

unitaires des axes et 5^ . ' 

On remarque iramediatement que si tfA = O (les deux orbites ont la raeme 

periode). le terme on t d’'s?ara:t ct 1'exp-ciiioii de oaO , done le mouvement relatif, 

est periodique, de periode T . 


Dans le cas ou 1'orbite de reference ^ est clrculalre ( & ” O ), 1'expres¬ 
sion (52) se simplifie et devient : , , . 

= ay's (T-a. Se^-a.(y.St)yl CL - I (S4) 

ou X et ? sont les vecteurs unitaires des axes et 1^65: , 





10-11 


Cholslssons corarae plsn de reference f^ry-le plan de O ( L = 0 , Fig. 13) et 

reperons 1e mobile par 1‘ascension droite {Fx,FX)- Les composantes ie 

dans les axes orbitaux tournants sont :• 

i $X- So. -(oSs-nc CdSU _ Sino4 , (55) 

Sy=: ClScT — 2 nt Sex, .f.20.iS^x i’Ho( „ 2 ct COSU , (56) 

Si — -ceC^. ^)~ -oSix eax _ Fi ot-\. sip^oi. (57) 

Si ^0.= O (les deux orbites 0 et 0 ont meme periode),^^^ decrit une petite 
ellipse autour du point d'ordonneeiV =n^(voir sa projection sur le planr^A"/ 
sur la Fig. 14a), avec la periode orbitale'T . 

5 )i 5a-^0, I'ellipse est centree en (6tt.o<Scr) et le terme en-(•Vi')nt6a condui t a une translation 
parallelemcnt a I'axe^/dylet dans le sens des y negatifs si 6ci>0 ), et la projec¬ 
tion du mouvement sur le plan cU'yy conduit aux festons representes sur la Fig. 14b . 
Cette figure est essentielle, car clle se rencontre tres souvent dans 1'etude des 
rendez-vous en axes relatits. 



1.2.4.2 - Notion de "mobile moyen” 


Considerons on mobile (Fig. 15) decrivant une orbite keplerienne 
quasi-circulaire ). de faible inclinaison ( i'ce O ). 

ue f 1 ni ssons un mobile , voisin dep^^, decrivant une orbite O circulaire 
( ^ = 0 ), d' i nc I i nai son nulle (i=0), de meme periode qu« O''(donc 'ixx- O ), 
d'anomalie moyenne de 1'epoque telle que Sf - o . 

Les expressions (55) - (57) se simplifient en : 


CosU — SiVio^ ^ (58) 

-I 2a.S^ z iirxX„ HczJe^^ccS'oe^ (sg) 

- a Si':r CcioC ^ uf ii'no-i , (60) 

Le mouvement du mobile Uo peut done etre decompose en : / 

- mouvement circulaire d'un mobile "moyen" c/O . a la meme periode que cXO , 

- mouvement de t/O a utour du mobi le moyen iXC • i/ ' 

Dans les axes orbitaux tournants de pW , le mobile MiezfW une petite 
ellipse, centree sur , dont les dimensions sont de I'ordre de 1'excentrici te et de 
1' i ncl i nai son oe 0' • Le mouvement "e M represente une bonne approximation (circu¬ 
laire) du mouvement de . 

Cette decomposition est utile pour I'etude de certains rendez-vous (rendez¬ 
vous "moyen"). 




Figure 15 


Figure 16 
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1.3 - Houvement keplerien perturbe : formules de perturbation de Gauss 


Comme i1 a deja etc dit plus haut, le problene des 2 corps cor_respond, en 
qeneral, a unc schemati sati on assez grosslere. En realite, dans le repere deja 

utilise (Fig. 16), le point 6^6 est soumis non seulement a 1 acceleration de gra?itation 
mais encore a une acceleration perturbatrlce y qui peut avoir des 
oTIgines tres diverses (pour un satei n le arti ticie i da la Terre :■ effet des 
dissyme tries du potentiel terrestre, attraction des autres corps, freinage 
atmosphe r1 que, pression de radiation, poussee des propulseurs, etc.). 

(.'acceleration perturbatrice , qui sera precisee dans chaque exemple, est 
generaleitient function de la position et du temps t , parfols egalement de la vitesse 
V* - It . Les equations (13) et (14) sont done reraplacees maintenant par :■ 

Z’ + 7 , (61) 


et 


it = - 


(62) 


t 7 

Dans un premier temps, il ne sera fait aucune hypothese sur les grandeurs 
comparles de Z et "Z • En effet, les formules de perturbaVion de la Mecanique celeste 
peuvent etrb tFiaBTITr"! ndependamment d'une telle hypothese. . - ^ -ui 

Dans un deuxieme temps, 1'acceleration perturbatrice o sera supposee faible 
vis-a-vis de 1' acce 1 e rati on de gravita. an ^ , ce qui est souvent le cas dans la 

pratique. hypothese T « ‘y ("hypothese des petites perturbations", H-P-P-) 

facilite 1' 1 ntegration des equations de perturbation. L'existence d'un " petit p arametre 
r/ov- permet en effet ('utilisation de la theorie des developpements asymptoti quep ^On 
se hdTncra ici a une linearisation des formules de perturbation, ce qui sera tres_ utile, 
dans la Seme partie, pour i■optimisation des corrections d'orbites. Enfin, a titre 
d'application des formules de perturbations de Gauss,_ 1'effet du freinage atmospher1 que 
sur les orbites des satellites artificiels sera etudle. 

1.3.1 - Formules de perturbations de Gauss 

II s'agit done de resoudre le systeme differentlel du 6eme ordre (62) J3 
equations seal ai res du 2eme ordre), qui peut etre encore ecrit sous forme d un systeme 
de 6 equations scalaires du ler ordre :■ 

7^ _ = "o^ (63) 

■y" ^ (64) 

aux fonctions inconnues ^(t) et V Cf). 


1.3.1.1 - Methode de la variation des constantes 

Le point de depart de la theorie des perturbations est la remarque suivante 
Le systeme sans second membre de (63) - (64) : 


T _ V ^ 


V 


(65) 

( 66 ) 


est equivalent au systeme (14) du probleme des 2 corps. II est done integrable et la 
solution obtenue est le mouvement keplerien (45) - (46), oO £j est Ta matrice des 6 
constantes d'1ntegration, ou elements orbitaux. - 

Dans la theorie des equations differentiel les, et plus generalcment des 
systemes differentials, une methode classique de resolution du systeme avec second 
membre (63)-(64) est la methode de va7iation des constantes . Cette methode consiste a 
chercher la solution de (63) - (64) sous Ta forme (46) - 146), ou cj est considere, 
cette fois, comme fonction inconnue du temps :■ J. 


q = ^ (t) . 

La solutio;. peut alors etre ecrite : 

(67) 


(68) 


(69) 


Gii nc testreini pas ainsi la generallte de la famille des solutions, compte 
tenu de 1' equivalence qu'il y a entre la connaissance a tout Instant des elements clne- 
matiques ^ et celle des elements orbitaux correspondents ^ 

Avant d'aborder le probleme de la determination des fonctions , 
donnons immediatement une Interpretation georaetrique de la methode. i 
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Figure 17 


Figure 16 


1.3.1.2 - Orbits osculatrice 

Dans le mouvement perturbe, 1‘orbite keplerlenne “osculatrice" a 1'Instant t 
est, par definition , I'orbite keplerlenne dont les elements orbitaux q sont egaux a 

- II est evident, jpar (45) - (46) et (68) - (69), que, a I'instant C , les 
elements cinematiques , "v sont les memes dans le mouvement perturbe sur la trajec- 
toire rg^elle T (Fig. 17) et dans le mouvement keplerien fictif sur I'orbite oscula¬ 
trice O . En particulier, T' et O sont tangentes en lAj , mais, contra! rement a ce qui 
laisserait supposer 1 'appel 1 ation de O , ces deux courbes ne sont pas (en general) 


osculatrices a u s ens geometrique. En effet, le plan osculateur a Ta tra.iectoire n' esT 
de ti ni pTr T^et “ • alors que le plan osculateur a 0 est defini par V 

“W . c'est-a-dire par et . Pour cette raison, 0 est quelquefois appelee orbite 
tangent e, ce qui ne rend neanmoins pas compte de 1'egalite des grandeurs dcs v1 tesses 
dans Tes deux mouvements. Cette egalite faitquele mouvement keplerien "osculateur” 
represente une bonne approximation du mouvement reel sur un intervall^de temps 
suffisamment ccurt. En effet, dans le mouvement reel sur la trajectoire T :■ 

7t(\: f ti)-i -i , (70) 

et dans le mouvement keplerien fictif sur I'orbite osculatrice 0 a I'instant 

(fc 1- At )= At‘^+ 0 , (71) 

ce qui conduit a un ecart : 

i 0(At^), (72) 

d' ordre At seulement. II en serait cependant de meme si I'on choisissait comme mouve¬ 
ment fictif le mu vement -ectiligne uniforme :■ 


% )= V At , 


ce qui conduirait a un ecart :■ 

At)_ 1 T^) At^+ 0 (74) 

Toutefois,^ dans le cas d'une faible perturbation ( ^<^3-), le mouvement 
keplerien''oscul ateur"devient une tres bonne approximation du mouvemenv reel, car 1'ecart 
(72) devient tres faible. C'est tres souvent le cas dans 1‘etude des mouvements naturel s 
en Hecanique Celeste et c'est pour cette raison que I'orbite 0 a ete appelee "oscula- 
trice". Ce terme sera conserve egalement dans le cas general. 

L'orbite osculatrice 0 a I'instant t est done I'orbite qui decr1rait 4^ , 
si, a partir de I'instant t , cessait toute action perturbltn ce . Pans la theorie des 
perturbatlons, Te mobile (M) n'est plus considere comme detrivant la trajectoire 'T' , 
mais comme decrivant une orbite keplerlenne O , qui se defor me progress!vement (Fig. 
18^. I ' ^^4 anP rfp 1 a mpthortp SV** 1*? pi?*' ana 1 y 11 nn qijolquiv cn»*tS 

la "partie integrable” du mouvement perturbe. 
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a somme 
nu11es, 


Sur le plan geometri oue, et dans 1e cas ou la perturbation est faible 
( la seconds interpretation permet eli general 3e mieux se representer Te" 

mouvement. 

Sur le plan numerique, et toujours dans I'hypothese ^ , il est qenera- 

lement plus interessant, dans les calculs, d'utiliser les elements orbi taux an lieudes 
coordonnees cartesiennes, car ils varient plus lentement. Cependant, la possibilite 
d'utiliser maintenant des calculateurs tres puissants fait perdre aux elements orbitaux 
une partie de leur interet ; il n'est pas rare que certains calculs d'orbites se fassent 
en coordonnees cartesiennes, si la duree (nombre de revolutions) n'est pas trop longue. 
L'expose [4] insists sur ce point. 

1.3.1.3 - Formules de perturbations 

Les formules de perturbations peuvent etre obtenues par differentiation de 
1 'expre^^sion (50) des elements orbitaux Cj^ de O en function des elements cinematiques 

La variation pendajnt I'intervalle de temps (dt “.st done egale a la somme 

de la variation "keplerienne" (dont les^S premieres composantes sont nulles, 

puisque les elements orbitaux <r3rrespondants sont des constantes du mouvement 

keplerien), . et de la variation ( lU , ou la posi tion 7 est figee et ou (jTpest 

rempl ace "ydt. .. - ^ 

En divisant par AZ, on obtient les formules de perturbation : 

- 'dv' 

Ces formules peuvent etre explicitees, d'abord pour les elements orbitaux 
vectoriels, puis pour les elements orbitaux scalaires. ^ 

Pour les elements orbiM^x ^ctoriels ( , fi , n ), les axes dans 

lesquels sont reperes les vecteurset , ainsi que ceux dans lesquels est repere'v’ 
ne sont pas specifies, ce qui conduit a des formules vectoriel les . particul ierement 
condensees, qui permettent une certaine souplcsse d'uti 1 isatlon. [ - 

Pour les elements seal ai res de Lagrange a, - [ it, is. , i , , Co , MJ , Y 

est repere soit dans les axes orbitaux tournants yy 2: (Fig. 19), Is matrice 

colonne 3 X 1 representative etant alors notee T‘[ D^, "2? , WT I"'", soit plus rarement 
dans les axes intrinseques classiques t/6tnt>''> is matrice etant alors notee Y ' 
rift, TTr"^ passe aisement d'un systeme de composantes a I'autre grace aux 
relations :■ 

oif'sT = /V - /jiV f (77) 

inn Y ■= /\j:: ■4ie!>!yt'ir IP V. (78) 

L'angle (notation norraalisee) est la pente locale de la trajectoire, a ne 
pas confondre avec 1'accelerati on perturbatrice ! 

L'explicitation des formules (76) est asset laborieuse, aussi ne ferons-nous 
le calcul que dans deux cas parti cjil iers, a titre d'exemple, en etablissant les formules 
de perturbation pour I'energie £ et pour le moment ci ne ti que ^ . Nous donnerons 
ensuite 1'ensemble des formules. 

1.3.1.4 - Perturbation de I'energie orbitale 

La differentiation de ^ donne en (22) conduit a :■ 

‘d'E -=■ cd - el = V, - \l, ^c’U: = V dt j ( 79) 


V. y , ( 80 ) 

et, par derivation 1 ogari thmi que de (28), qui s'ecrit encore ; 

CL- - JL (81) 

47 e, 

pour une ellipse (resp. une hyperbole), on obtient facilement : 

d ~ V.y- z — - t 'if- ■ (®2) 

Remarques _^ 

1) Scule la composante tangentiel le de 1'accele rati on perturbatrice 

perturbe I'energie ou le demi-grand axe. 

L'energie fc croit (resp^decroit) selon que la composante tangentielle 
est , e'est-a-dire selon que V est appliquee dans le sens (resp. en sens 

contra! re) du mouvement. 
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I'lgurc t9 


Figure 20 



One acceleration perturbatrice ^ dans le sens du mouvement ( fait 

croftre (resp. decroftre) le demi-grand ax^d'une ellipse (resp. hyperbole). 

Une acceleration perturbatrice T perpendicul ai re a I'orbite ( = O ) 1 ai sse 

I'energie ou le demi-grand axe inchanges . 

2) Une impulsion de vitesse elementaire ^clt, perturbatrice, tangentielle 
( t'i ^ 0 ), est d'autant plus efficace pour perturber I'energie ou le demi-grand 
axe que les variations specifiques : 

|V,|. 

et 

^ JL \J, (84) 

proportionnelles a la vitesse V au point d'application, sent plus eleves, e’est-a-dire 
que la vitesse V est plus grande. 

Elies sent done maximales au perigee et minimales a I'apogle (ellipse) uu a 
I'infini (hyperbole). 

1.3.1.5 - Perturbation du moment cinetique 
La differentiation de (15) conduit a : 

=■ ^Ax alt f (85' 


On en deduit r.isement les formules pour, ./i, et t . 


Remarques :• 

1) Seule la composante V)' Aq I' accelerati on perturbatrice 'X qiii est orthogo - 
nale au plan de I'orbite perturbe 1'orientation de ce plan, qui tourne >lors auteur du 
rayon vecteur ^ 1 *"= P24i>'3u point d'application~ (Fig. 20) (et n^n pas ",>'itour d'une 
direction qui lui serait oerpendiculaij-e !l. ,, 

Une impulsion elementaire Yrfl 3>rthogonale au plan de I'orbite W ' y oit ) 
produit la rotation :• 

M =.11 dill- TcUr . (87) 

■ft- 

L'impulsion est d'autant plus efficace que la rotation specitique : 

■I! - 

y, = , (88) 

rA , 

proportionnel le a la distance , est plus grande done que la ^4. est plus 

grande. 

Dans le cas elliptique, pour une impulsion orthogonale au plan oe I'orbite, de 
grandeur donnee, la rotation cst roaxiraale lorsque cette impulsion est appliquee a 
1'apogee. La rotation a alors lieu autour du grand axe. 
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d' ou 


1.3.1.6 - Formules de perturbation 

Le calcul complet conduit aux formules suivantes :• 

Perturbation des elements vectoriels :• 

<*> —*7 ' 

c = V, y 

7/^1’+vX^’Ay^)|= fig. an] 

M= fu- 7,7-A 77 , 

n,=: i- /_27 ^ 3^7 \ 7 _ i- 7 - 7 . 

Perturbation des elements de Lagrange (cas elHptique) ; 

<ilr ^jetirv , 


lAix. 


■&. = M- jrSlntri)^4^S'l'“-t£0s£')'S’^= A^2.fe4^Cl!V-)y^ _ fiMt" IlT^J 


' ...v- 

i = ur , 

A- ‘vy, 

-KSim 


89) 

(90) 

(91) 

(92) 

(93) 

(94) 

(95) 

(96) 

(97) 


i rj- (98) 

rt _ n 4 . 4L| ('liTv-- U n e £ 


os'e 1 


Insistons encore sur le fait qu^ces formules sent valables quelle que soit la 
grandeur de (‘acceleration perturbatrice ); . 

Les formules (94) - (99) peuvent etre ecrites sous la forme matricielle 


conde nsec 


I Of 


et ou 


^i = -h } 

est la matrice colonne 6X1: 

X' = lo,o,o,o,o,,vy 

K< = /£4('<?4) 


( 100 ) 


( 101 ) 


( 102 ) 


est la matrice 6X3 de perturbation . Le second membre de (100) n'est fonction que de 
1 ‘acccleration perturoatrice 'f’et des elements orbitaux 4?i . 



Figure 21 
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L'utiHsatlon de I'anoraalle moyenne de I'epoqilt au lieu de 1 'anomalle 
moyenne M conduit a des formules du type : 

cj = k y (103) 

ou cette fois ~ 

K = ji-) (104) 

depend du temps t . 

1.3.1.6 - Cas des petites excentricites et/ou des petites inclinaisons 

Les difficultes rencontrees ,dans 1'uti 1 isation des elements orbitaux de 
Lagrange dans le cas ou 0 et/ou ont d 6 Ja ete evoquees au paragraphe 1.2.3. 

Elies S(yit evidentes sur les formules (94) - (99), ou ‘O^caet h-^co lorsque &—^o , 
et ou -A ^oo et (t)- 5 , 00 1 orsque II faut alors faire appel a d'autres elements 

orbitaux, tels que ceux proposes au paragraphe 1.2.3. Les formules de perturbation de 
ces nouveaux elements peuvent etre obtenues aisement a 1‘aide de (94) - (99). II est a 
noter que ces nouvelles formules, qui ne seront pas developpees ici, sont rigoureuses, 
et non pas seulement valables pour 6.^0 et/ou i.O'O : elles sont seulement mieux 
adaptees a 1 'etude de ces cas. 

1.3.2 - ^ineari^s^tio^ de^ J[o£mjjl£s_de perturbation 

1.3.2.1 - Hypothese des petites perturbations (H.P.P.) 

Oans de nombreux problemes d'Astrodynamique, 1'acceleration perturbatrice V 
est faible ) (perturbations naturelles, propulsion a faible poussee) ou appli- 

quee pendant de ^res courts instants (poussee eventuellement forte, mais impulsion 
totale de vitesse faible). 

Oe faqon plus precise, il sera suppose que : 

1- YM: <?r V , (105) 

ou It, ,t4] est I'intervalle de temps pendant lequel on s'interesse au mouvement, etV 
est la Vitesse orbitale moyenne. » 

II apparaft done un " petit paramltre” £= 1 dans le p.robleme et 

1'i ntegration du systeme (103) de FI a tv montre que les variations Aiil 6es ele¬ 
ments orbitaux sont telles que Aaf: = 0 (f ) et, compte tenu de (93), ^ * 

0 l£ Lhf-(:■>)}■ L'orbite oscul atriee ' 0 reste done toujours proche de O ou Or . I'ecart 
etant d'ordre £ . ' 

1.3.2.2 - Orbite nominale 

_I 1 est encore possible de dire que 0 reste toujours voisine d'une orbite 
nominale 0 , fixe, proche de Oc etQj , les ecarts etant d'ordre £ . — 

Compte tenu du role particiilier joue par l'orbite nominale 0 , il est commo¬ 
de d^ prendre son plan comme plan de reference f'p(r^(rig. 22 ) et, dans le cas elliptique 
( 0 <e<l), son grand axe, oriente vers le perigee; comme axe de referencefx.Dans le cas 
circulaire ('?'=0 ), Fx est choisi arbitrairement dans le plan de V) . Notons qu'il est 
possible de prendre S' - O lorsque <?c et sont d’ordre € . 



Figure 22 
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1.3.2.3 - Choix du sixleme element orbital 

Pour aboutir a des forinules de perturbation linearisees generales, il est 

souhaitable de ne pas avoir a les modifier dans le cas ou 1’excentrici te v, est faible. 

11 est done commode, puisque nous avons vu qus 1'inclinaison est egalement faible, 

d'utiliser les elements (1^*3- 13) et de remplacer nc par Cr + Ho , 

ou mieux, compte tenu de la foraie partictftiere de 1‘equation (93) en , par : 

(T^ E or -h Mo , (106) 

puisque 0* peut alors etre eerft : 

cr = £ + h' = i. /-2TV ),7\ , (107) 

"no*'-. a. J ^ ' 

et le dernier terme s'annule lorsque 0 coincide avec 0 , ce qui sera suppose a chaque 

instant, dans les seconds membres, lors de la linearisation des equations. 

II est important de remarquer que, dans la derivation de (r , le facteur hla. 
est considere comme one constante . 

1.3.2.4 - Choix de la variable de description 

11 n'est pas recomnande de garder ’e temps comme variable de description. En 

e f f e t :• 


1) A chaque Instant, la position angulaire qui intervient dans les seconds 
membres des formules de perturbation doit etre calculee sur I'orbite osculatrice 0 a 
partir de la donnee de t et <r . Dans la linearisation, cette p_o,sition devra etre rera- 
pl acee par la position nominale, calcul4e sur I’orbite nominale o a partir de la donnee 
de tr et de ? . L'errelir angulaire, de 1 ‘ orore 3e £ ( fpi - to ) du plus, peut devenir 
importante dans le cas d'une longue duree, disons de I'ordre de 1‘unite pour kf-to = 
0(l/f ), ce qui conduirait a une erreur relative plus grande que O(^), et de ce fait 
inacceptable, sur les seconds membres des equations de perturbation, qui contlennent des 
fonctions tri gonometrl ques de la position angulaire. 


2) Le temps tT n'est pas une variable d‘i ntegration commode, car 11 intervient 
le plus souvent 1 mpl i ci tement par 1' i ntermedi ai re de la position angulaire sur I’orbite 
osculatrice (anomalie vraie q/ ou anomalie excentrique£ ), dont le calcul en fonction 
de cnecessite la resolution d’une equation transcendante. Une variable angulaire est 
preferable et il vient d'etre vu qu'il est essentiel qu'elle exprime, avec une precision 
suffisante, dans les equations linearisees, la position angulaire vraie du mobile. 

Les considerations precedentes conduisent a choisir, comme nouvellc variable 
i ndependante, la pseudo*-ascenslon droite du mobile i.2d{Fig. 22), ou mieux, dans le 
cas elliptique ( C ><y , l anomalie excentrique ^ correspondent a I’anomalie vraiec< 
sur I’orbite nominale Q . 

Le temps (r est alors deduit du sixieme clement orbital en utilisant He + 

nt. 


Dans cette ap_£rochc, le mouvement est done ^crit expl ici tement en fonction de 
la position angulaire e (ou, dans le cas circulaire e-0 , en ibhetlbn de 1’ascension 
droiteoCl, et seuleraent de fagon implicite en fonction du temps t. 

Il est important de remarquer que jusqu’a present aucune approximation n’a 

ete faite. 


1.3.2.5 - Linearisation 


Seul le cas ou 1'acceleration perturbatrice est faible est 
cas ou elle est forte,mais appliquee pendant des intervalles de temps 
traiterait de meme. r- ^ 

Comme "if = 0 ^ -fo)J , les equations (103) peuvent etre 

forme : 


trait6 ici . Le 
tre s courts , se 

mises sous la 


ii . £ fo.?'. 


(106) 


en faisant apparaitre le petit parametre" £ du probleme. 

Compte tenu de la presence de den facteur dans les seconds mambres, on 
obtient une approximation suffisamment bonne des vari ations en remplagant dans le 

second membre les elements orbitaux par leur valeur nomi nale* q . La linearisation des 
formules (106) consiste done simplement a "figer" dans 1es seconds membres les element 's 
orbitaux a leur valeur nominale . 

Compte tenii du choix des axes, on a evidemment ; 



(e'est-a-dire^L = O ) > 
(c'esi-a-oi re,® = C> ). 


(107) 

(108) 


O'aj^tre part, (T est constant, ou mieux, en prenant pour or'gine des temps 
I’instant ou e » O(ouo<°o), et compte tenu de (108T : 


(T = O . 


(109) 


* En ettet, Te plan de reference pxi^, qui eTt TcT Te plan de g , ne coi ncide pas Tn 
general avec le plan equatorial. v 
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Corapte tenu du role particuHer joue par I'orblte nominale 0 , 11 est commode, 
pour simplifier les ca1c£ls, de cholsir les unites suivantcs :• 

Unite de longueun ; a = d emi-gra nd axe de 0 . _ 

Unite de temps :T/5rt = \/3 ^/u, = (perlode sur 0 )/j7r . 

<<'ou : _ J— 

Unite de Vitesse : C{a) * rK/a ” vitesse circulalre | — 

_ I a la distance (■<■ - i. 

Unite d'acceleration : ^ (A) = ^/A*= acceleration de 

On peut done falre :• 


cjrdvitAtVan 


a ■=■ 'I 
n ='1 


done 


( 110 ) 

( 111 ) 


^ ~ jA~ d. , (112) 

dans les equations, au risque de ne plus pouvoi r verifier les formules par des conside¬ 
rations d'homogenelte . 


Compte tenu de toutes les hypotheses, la linearisation des formules (106) 
conduit a 1'expression sulvante, ou pour simplifier les expressions, 1e slqne ( ) a ete 
omis sur les quantltes nominales :■ 

^ ^ V , (113) 
ou, la matrlce de perturbation nominale K prend la forme slmpliflee sulvante : 


K- 


0 

0 

0 

0 


Kgy 



Key 

Key 


4y 


K. Z 
0^ 
0 
0 
0 


(114) 


Les elements sent donnes dans le Tableau 2, en fonction de 1’anomalie excen- 
trlque C dans le cas el 1 i pti que (fiji'O), e t de I'ascension droite o< dans le cas circu- 
laire («• = 0). 

Sous forme developpce, ei fonction des composantes ^ ,'UJ I'accelera- 
tion perturbatrice 'f' dans les axes orbitaux tournants nomlnaux , on a : 


Cas el 11ptique ( n ^ 0 ) : 

~ r ; (116) 

A - (116) 

^ , (117) 

^ = iyi,^E-D°-t-b(2ccsB~eu>,^£--e.) , (118) 

(119) 

^ ^ (■ imB3h M . (120) 


Cas cl rcul ai re ( 6'= 0 ) : 
do( 

dy _ _ <rei5^ W' , 

X = 2 '2° , 

^ 2.asU ^ , 

r/fy,. - 2 “2? , 

cBZ 

Ces dernleres formules sent particullerement simples et tres Importantes,car 
elles permettent d'etudier les perburbations nature) Ics ou arti nciel les 1 poussee) au 
voisinage d'une orblte nominale clrcul aire,ce oui souvent le cas dans la pratique. 


o 'V? 3 /Oo 

V T V 5 V 


( 121 ) 
( 122 ) 

(123) 

(124) 

(125) 

(126) 
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Tableau 2 : Elements de la matrice K 


.ivcc ,» = 


(1 - 1 , b 


\/l —c' . p = ! — c‘ 


•= I — c-cosE , M - E—esinE . 



c -A 0 

wm 

K 

1 / 

X 

sin H 

sin 0£ 

K 

1 Z 

y 

( c — cos E ) / b 

— cos C£ 

“„x 

( 2e/ f) sin E 

0 

> 

2b/ r 

2 

K 

c X 

X 

( p/r) sin E 

sin a 

. 

’'o Y 

I 

( b/r) ( 2 cos H — c cos^E — c ) 

2 cos d 

1 

K 

c X 

y 

(b/r) ( e — cos E ) 


K 

c Y 

y 

s:n E (2 -ccos E —c^)/r 

2 sin Cl 


— 2r + ( 5 41c sin E/ r ) 

-2 

^OY 

3biM r 

3 a 


1-4 - Application : perturbation des orbites des satellites artlficlels p ar le 
i rei hage atmosheri que ' ^ ^ ^- 

On se bornera id a quelques remarques, essentiel lement d'ordre quaiitatif. 

1.4.1 - Hypotheses 


La resistance acrodynamique, bien que tres faible des que I'altitude est 
suffisante, a pour effet de limiter la duree de vie des satellites artlficlels de la 
Terre. Get effet sera estirae dans le cadre des hypotheses simpl i ficatrices suivantes : 
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(1) Terre spherique. 

(2) Atmosphere non tournante , c'est-a-dire non entrafnee par la rotation de la 
Terre sur elle-meme. 

(3) Masse specifique de 1'alr fonctlon parfaltement connue de 1'altitude 
par exemple, fonctlon exponentlelle par morceaux, du typo : 

^ (J27) 

ou les valeurs et Hi (facteur d'echelle, appele encore “pas" de 1'atmosphere) sont 
valables dans la “tranche" d'altitude M‘‘/ JiVa C • 

En fait, one grande Incertitude pese sur la connalssance de la densite atmo- 
spherlque a haute altitude. Cette densite depend essentlel lement de I'activlte solalre 
et de I'activlte geomagnetl que. On observe, de plus, des variations sal sonnicres, 
diurnes et geographi ques (latitude et longitude), lies modeles emplrlques ont cte 
constrults (NASA, CERGA, ...). Stall sti queraent, 11s representent la reallte a 25 % pres 
sur 95 % de la durSe de vie d'un satellite bas. Sur les 5 % restants, des orages magne- 
tlques, dont la duree est de 1'ordre de la journee, peuvent etre responsables d'une 
erreur allant Jusqu'a 100 %. Cette erreur est ccpendant relatlvenent falble au minimum 
du cycle solalre, de perlode 11 ans environ. L'importance de ces orages peut etre connue 
a posterlorl , avec un delal de 1'ordre de 15 jours, t'effet peut done etre pris en 
compte dans un traltement on temps differe. 

(4) Lol de “trainee aerodynamique" de la forme : 

(128) 

oO -S est le maftre couple'' et Cx le coefficient de trainee , compris entre 2 et 4, et 
suppose parfaltement connu. En fait, 1 'erreur sur Te'T'J—peut etre de 1'ordre de 20 a 
50 %. Hals la connalssance du Ca- pent etre ameiloree a partir des mesures de poursuites 
de satellites. 


1.4.2 - Pe rt]irbatl 2 n_de 1 ' orbi te 

L'acceleratlon perturbatrice JT est done : 

Y’s f 8 (129) 

ou SOt/diost le coefficient ballstique du |atel 11 te. 

Puljque 1' acce lerati on perturbatrice 'y agit dans le plan de 1'orblte oscu- 
latrlce ). les Equations (96) et (97) montrent que ; 

C — conitante. f (130) 

done que le plan de I'orblte n'est pas roodifle . 

O'autre part, eomme j) <"0 , (9A) montre que O.40, done que le demi-grand axe 
decroit toujours. '• 

Tant que le perlgde est suffisamment haul, ('acceleration perturbatrice 
reste falble ( Y<Srfl--) et 11 est possible, comme 11 a ete vu au paragraphe 1.3.2 de 
calculer approximatlvement les variations Aejf des elements orbitaux scr une revolu- 
tion en figeant I'orblte osculatrlce 0 dans les seconds membres des formules de pertur- 
5Tfrons.~^- - 

SI I'orblte InItialeC/oestellipti que, le freinage a lieu au debut essentlel- 
lement au volslnage du perigee .T et le relation (91), qui s'ecrit id ; 

p M T”, (131) 

alns^ que les Figs. 21 et 23, montrent que les contributions demer.talres et 
a dje’, pendant le temps dt , correspondent^ a deux points c't-f et symetriques paj' 
rapport au grand axe. sont elles-raemes symetriques par rapport au grand axe. Oonc_jS/ 
et, par sommatl on,/2S^ sont portes par le grand axe et diriges en sens Inverse de "5 . 
Done la direction du grand axe est invarlante et I'excentrlcl te decroit . 11 est possible 
de verifier qu a I'lssue de cette premiere phase l'excentn cl te s'annule. 



Figure 23 
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on raisonnement analogue montceralt que la seconde phase est une spirale 
"circulalre" de rayon decroissant . 

Enfin, lorsque Te sate 11 i tc arrive dans les couches denses de 1' atmosphere, 
I'hypothese X«c^ n’est plus valable et il faut reprendre 1e calcul a I'aide des formu- 
les de perturbation rigoureuses (89) - (92) ou ( 94) - (99), ou plutot revenir aux equa¬ 
tions cart^siennes (62), pour decrire la troisieme phase de rentree proprement dite. 

En resume, la deformation de I'orbite s'effectue en trois phases (Fig. 24) : 

(1) d'abord une "circularisation" progressive, ou 1‘altitude de 1'apogee decroft, a 
altitude de perigee quasi-constante ; 

(2) puis, une "spirale" de rayon lentement decroissant ; 

(3) enfin, une “rentree" rel ativeraent rapide dans les couches denses de 1'atmosphere. 



Figure 22) 



Figurc 25 


2 - FORHAtlSHE LAGRAHGIEN 


2.1 - Hecanique lagrangienne 


La mecanique lagrangienne a pour objet 1'etude du mouvement des_ systemes 
materiels discrets, tels que toute configuratio.n a I'instant t puisse etre definie par 
la donn6e d'un ndmbre fiiii de pararaetres dj‘( i = 1, 2, ..., rv ) (coordonnees g^nerali- 
sees) et eventuel lement de . 

Le systeme de W points materiels de la premiere partie apparait ainsi comme 
un cas particulier. II est possible de prendre, par example, pour parametres 4' les 
coordonnees ( S = 1, 2, 3) des<.2ip(p = i, z, ... ,N ) . Dans ce cas fl= 3f/. 

L' appl i cati on du principe des puissances virtuelles, equivalent a la loi 
fondanentale de la dynamique (Fig. 1), conduit aux equations de Lagrange bien connues, 
qui , dans le cas particulier d'un systeme a Lagrangien, s'ecrivent : 


ci 




(132) 


2.2 - Probleme des 2 corps 


Le systeme des 2 points materiels etudie au paragraphe 1.2 est un systeme a 
Lagrangien. La symetrie spherique du probleme (Fig. 25) suggere 1 ' uti 1 i sati on des 
coordonnees sphe ri quo s ( g. , , i ) ( : di stance ; j 2 : ascension droite ; S^.'decl i nai- 

son), e'est-a-dire le parametrage : 


= 



(133) 

L'energie cinetique s' 

r- iv’' 
2 

LC PCvCmvICi . 

ecrit :■ 

2 ^ 


(134) 

et le lagrangien : 



(135) 

'-K= - 


1 

(116) 
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sent des quantites mass! ques (par unite de masse). K est mis 

pour "kfiplerlen". 

Le mouvement peut etre obtenu par Integration des equations de Lagrange : 

4: - O . (137) 

L'angleo< est 1 gnorable ( ^ =0 ), d'ou I'lntegrale premiere : 

'^}l z. ^ - constante =-^(composante du moment clnetlque surF^),(138) 

"dU ^ r.. 

Le systeme est conservatl f (oUl’dt = 0), d'ou, pulsqu’ll n'y a pas de 
liaison, I'lntegrale premiere de I'energle : 


/ t 




» constante 


= ^ , 


(139) 


qui sera utilise a la place de 1'equation de Lagrange pour-2. . L'equatlon de Lagrange 
restante, en % , peut etre ecrlte : 

4 / L!r ]_ + cel f S^’nf 'X =. O . (140) 

dt^ d’g > 'iS ettr 

L'utl11satlon des equations (138) ( 139) et (140) permet d'lntegrer le mouve¬ 
ment. Cette Integration est asset laborleuse, plus laborleuse qu'au paragraphe 1.2.2. En 
partlculler le fait que le mouvement est pi an ne s' obtient pas Immedl ateraent comme dans 
le cas de 1' utl 11 satlon de I'lntegrale premie re du moment clnetlque. 

L'1ntegratlon conduit a : 

^ ^ (jj) 9 

4* - 4 ( i- ) ' 


X- [a. ,e,c,Sl ,co 


(141) 

(142) 

(143) 


sont les elements orbltaux de Lagrange, 1ntrodults au paragraphe 1.2.3. 11 y a blen 6 
constantes d'1ntegratl on 




-ir- 


(144) 


Comme au paragraphe 1.2.3, la donnee des ellments orbltaux est equlva - 
lente a celle des elements <5® , . (f 


2.3 - Formules de perturbations de Lagrange 


Dans de nombreux problemes de perturbation d'un mouvement keplerien (effet des 
dlssymetrtes du potentlel terrestre ou effets 1 uni - sol al res sur I'orblte d'un satellite 
artiflclcl, perturbations planetalres, etc.), 1' acce leratl on perturbatrlce derive 
d'un potentlel perturbateur f? = R (3j;^ , fc ), fonctlon de la position ^et, geneiale- 
ment, du temps i 

7 = _ VR . (145) 

Les formules de perturbation des elements orbltaux (94) - (99) peuvent alors 
etre ecrltes sous une forme particullerement commode, dlte "de Lagrange", ou les seconds 
membres sont exprimes en fonctlon des derives partlelles DR/'dOf du potent!el pertur¬ 
bateur par rapport aux elements orbltaux Cli . '■* 

Cette terme pourrait etre obtenJe, par un calcul asset laborleux, en portant 
I'expression (145) de dans les formules de Gauss (94) - (99) "en ", 
en exprlmant les composantes du gradient VR en fonctlon des dcrlvees partlelles. Hals 
11 est preferable, dans ce paragraphe consacre a la mecanlque 1 agranglenne, d'utlllser 
I'approche elegante sulvle par Lagrange pour resoudre le probleme. 


Le sy'teme "perturbe" est encore un systeme a lagrangien : 



L = IT, 

(146) 

ou, cette fols, le potentlel 

2/^devlent :■ 


ir-. 

. . t , 

(147) 

dvee 





(148) 
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Si 1'on pose : 

P- ^Jz — {moments conjugues des Q^) (149) 

les equations de Lagrange s'ecrivent : 

P= , (150) 

^ '3(3^ 

La methode d'integration utilisee est encore une methode de variation des 
constantes. Elle consiste a effectuer le changement de variables (141) {14'<!) portant a 


variables : ce sont le's 


les et les Q* , ou les a/ sont mai ntenant 
orbitaux de I' orbite osculatrice O . O'ou, egalement :■ 

fi= 


Les equations de Lagrange (150) deviennent 

2B qi = ^ 

'dcji ' 


Lagrange : 


et la derivation de (141) conduit a : 

<153) 

Le but est d ellminer les variables et et d'obtemr des formules de 
perturbation en . Cette elimination est possible. Elle met en jeu les crochets de 

Lagranqe : 

J ^ H ^11 

qui peuvent etre consideres corane des fonctions des ‘■jf et qui sont en fait des cons- 
tantes du mouven'ent keplerien , ce qui n'est pas evident a priori car = I'i vane en 
'tonction 3u temps. TT est 3onc possible de les evaluer en un point particulier de 
I'orbite osculatrice O , le perigee £ par exemple, ce qui simplifie beaucoup les 
calculs. Tous calculs faits, on obtient finalement les formules de perturbation de 
Lagrange :■ 

d ~ (155) 


d A. rt ir 7 , 

i _i(_ M. _ J. _ IS. 

Jl = - ^ ^ 

tl- - -1 — M. _M 

, hc.b fti . '9 i 

hr n- V- M. 4- JL- ^ 

'd CK <i- c ^ 


R=lify 4 ,i-)= R. (a , u-,n . ( 161 ) 

L ■ On verifie evidemraent que, dans un mouvement keplerien ( R - 0 ), les 
Z, .... 5) sont constants, et = h dSt toncii on affine du temps. 

2.4 - Application : perturbations des orbites des satellites artificlels dues aux 
dissymetries du potentiel terrestre 


11 est bien connu que la Terre est spherique en premiere approximation(t) {Fig. 
26). Si elle est supposee. de plus, formee de couches spheriques homogenes, tout se 
passe comme si sa masse m^etait concentree en son centre, ce qui conduit a 1'expression 
simplifiee du potentiel nevitonien :• 

( 162 ) 


A, 


utilisee en (21) et (135), et aux classiques orbites kepleriennes. 

En seconde approximation, la Terre peut etre assimplee a un ellipsoTde de revo¬ 
lution aplati ® . Le renflemcnt equatoriel est responsable, en particulier, de pertur¬ 
bations dites "secul ai res", qui, contrai rement aux perturbations "peri odi que s", croissent 
ilnSairoraent on function du temos. et Peuvent done devenir tres importantes_^au bout d'un 
temps suffisamment long. Ces perturbations, qui concernent les elements -J- (ascension 
droite du noeud ascendant), UJ (argument du perigee) et M (anoraalie moyenne) (Fig. 27), 
peuvent atteindre plusieurs degres par jour comme nous le verrons plus loin. 

L'influence des autres dissymetries sera egalement etudiee de fagon tres 
sommai re, ou' 1 1 s'agisse de dissymetries de revolution (par exemple, forme en "poire" de 
la Terre(3n, ou de dissymetries 1 ongitudinales (par exemple, ellipticite de I'equateur 
terrestre(T)). 
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Figure 27 


Figure 26 schcmattquc). 


celeste 



Figure 28 Figure 29 


Notons qu' 1 nversement , I'observation des perturbations des orbites des satel¬ 
lites permet de se renseigner sur la forme de la Terre (geodesie dynamiquel (Fig. 28) ; 
ce point sera souligne dans 1‘expose [4]. 

Signalons enfin que, dans les etudes tres precises, il faut tenir compte du 
fait que la forme de la Terre depend du temps , a cause de I'elasticite et de la visco¬ 
site de ce corps (theorie de Love), soumis au champ de gravitation d'autres corps 
celestes (Lune et Soleil). 


2.4.1 - Le potentiel terrestre 

Dans le cas general (Fig. 29), il faut utiliser I'expression du potentiel : 

■■ (163) 

ou ^ est la masse volumique et a(P,cAi)^ II Pc^ Il 

Il est bien connu que, a 1‘exterieur du corps, le potentiel newtonien est une 
foncsion harmonlque : 


0 


(160 


Il est done logique de s'interesser a la solution generale de (164), ou plutot 
a une famille de solutions suffisamment generale pour qu'elle puisse servir de base pour 
reperer la foncticn'l/ definie en (163). Ce sont les harmoniques spheriques . 

La forme quasi-spherique de la Terre suggere le choix de coordonnees spheri¬ 
ques pour rearer la position du point courant w . Soit done F le cenjue de masse ae 
Torre ot • "t-'acoa; les oAeS geocuniriques lies a la lerre (Hg. iOT. 

Il peut etre montre que le potentiel terrestre 'W', defini en (163), admet 
un developpement en harmoniques spheriques , que I'on ecrit souvent :• 


( 165 ) 
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Figure 30 


en separant les harmoniques zonaux { m = o ) et tesseraux. Les termes en 4-4 sont nuls 
car 1'origine cst prise au centre de masse de la Terre. 

Dans ce developpement, cte est 1e rayon equatorial de la Terre ; 

est le polynome de Legendre de degre 2 ; 

?. Qx) = (167) 

est la fonction de Legendre associee ; Ji , sont des coefficients qui carac - 

terisent le "corps" terrestre ; jji est le coefficient de I'harmonique zonal Je 
degre 2 \ Ci , sont Tes coefficients des harmoniques tesseraux de degre Z et 

ordre m . 


On possede actuellement plusieurs modcles de potentiel elabores a partir de 
mesures de poursuite de satellites et de mesures gravimetri ques. II s'agit de : 

- GRIM 3, modele europeen ; 

- GEMTi , modele du Goddard Space Flight Center ;■ 

- WGS 84, modele du DoD. 

Ces modeles sont complets au moms jusqu'au degre et a 1'ordre 36 pour les 
deux premiers, et 180 pour le dernier. Cependant le modele MGS 84 est classifie et seuls 
les coefficients jusqu'a c = to = 18 sont publics. II reste le modele de reference 
utilise pour la localisation des satellites NAVSTAR, situes a 20 000 km d’altitude. 

Les modeles ne sont pas inddpendants, puisque les memes satellites ont ete 
utilises pour les elaborer. Les coefficients les mieux connus sont ceux qui ont le plus 
d'influence aux altitudes des satellites observes. 

DCS matrices de covariances d’crreurs d'estimation existent, mais elles sont 
rarement publiees. 


II est important de remarquer que, le terme "d’ apl ati ssement" ^ 2 . _ est 

de 1 'ordre de 10~3 et que les autres coefficientsT^C ou S sont de 1'ordre de 
10-6 au plus. 


2.4.2 - Pcrt^rba^ion^ dues_aux_dj^s^yroc^rie 2 du potentiel terrestre 
2.4.2.1 - Potentiel perturbateur 

Le potentiel terrestre t^donne en (165) peut etre ecrit :■ 

est le putuiiiie) perturbateur :■ 

i-il- 


-- Jt ^ R , 

(168) 



i 



(169) 



^ Qm +■ Sl'i m A ^ , 

(170) 


avec 




IO ->7 


Afin de pouvoir appliquer les foriiiules de perturbations de Lagrange (155) - 
(160), 11 est necessaire d'exprimer R non plus en function de la position "geogra- 
phlque" { 'T' , X , Cp ) du point mals en function des elements orbitaux oscula- 

teurs (\ = fA,o.,hYet du temps t , comne Indlque en (161). 

"■ Le temps tr s'introdult eviderament par 1' 1 ntermedia1 re de 1'angle 

(171) 

de rotation des axes lies a la Terre ^(T-. pe>' rapport aux axes 

Haiest la vltesse de rotation de la Terre = 1 tour/jour sideral , et fc est 
alors I'heure siderale de Greenwich. 


Un calcul asset fastidleux, detaille dans le llvre de Kaula [ 6 ], conduit a 
I'expresslon : ^ ^ 

^ ^ (i) Ce) S. (U' (172) 


prc 




^ I a, 




'^-ir.pq= +(-i- l» -®) . (174) 

Comme 11 fallait s'y attendre, le temps t n'apparalt done , par I'lnterme- 
dlalre de I'angle © , que dans les termes tesseraux ( ). 

Les foncti ons rt ( l ) et, 1 e ) olTl des expressions generales asset 
compllquees. I 

II est Important de renarquer que, dans tous les cas, la partle principale de 
( d ) est en < 2 ,l'li , et que seuls les termes en tj=o sont non nuls pour *2 = c). 

2.4.2.2 - Calcul des perturbations 


Les formulas de perturbation de Lagrange (155) - (160) peuvent etre ecrites 
sous la forme matriclelle sulvante r -,r 


ic»uiva(it,c r .-»*r 

i = f.. 4 (ij ) [ , 


ou fJ^j. correspond aux variations des elements orbitaux dans le mouvement keplerlen 
osculateur ; - 

" 0,0,0 ,0 ,n~} ' , (176) 

et ou L est la^ matrice 6 X 6 de perturbation de Lagrange . Dans le potentlel pertur- 

bdtSUr } dOnilG tArmP niro nnnrto ra II t- oet Yo t<> rmo H • '* a n 1 a f < e camA n " . 




e terme preponderant est le terrae d ”a 


errae d’"aplatlssement" 


<7<’ f,<) 


+-(^ - ’ <178) 

car Ji= • Cii est de I'ordre de 10"8 alors que les autres coefficients Cc et Q 
sont de I'ordre de 10 - 6 . t'xi cm 

II est alors commode de poser : 


R = Rje 4- Rc , (179) 

OU Rc est le potential perturbateur "complementai re", correspondant aux autres termes 
zonaux ou tesseraux. Les formulas de perturbation (175) devlennent alors : 

1' = + <- (v + L 

soit, en introduisant le petit paranidtre''" ' 

i' = ^ k" (V ^ ^ ■ ‘ 

La solution de (181) peut etre alors cherchee sous la forme d'un developpement 
uSymptotique du type : 


(l^)[ 


/<-)■ 


^ ^ ^ <‘82) 

L'fi'ivi uuucLion de cette expression dans (181), 1c developpement du Second 
membre par la formula de Taylor et 1'identl ficatlon des termes de meme puissance 
en <5 permet, en prIncIpe, d'obtenir la solution pas-a-pas, par la resolution des 
systemes differentlel s correspondant aux differents ordres d'approximatlon. 
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a) Solution d'ordre zero 

La solution d'ordre zero est donnee par : 

%( 0 ) ~ 4 ( 5 ) ) > 

et correspond au mouveitient keplerien noli perturbe . 

b) Solution d'ordre 1 

Le terme d'ordre 1 est donne par : 

cf _ ''t'’]'"'(K) ^ J fn \ 

soU : ■“ 


1(«i' 


^‘1 


La,„) 


J't0> 




'■it 


Jz 






«« M 




(183) 


(184) 


(185) 


(186) 


done 


‘1 








Oans le systeme differentiel (185), les , ) sont des fonctions affines des 

11 est done possible de superposer les solutions. Or I'expression (188) montre 


(187) 


(188) 


qu'il^^^aut distinguer dans Rj„ deux types de termes :■ 

1) Perturbations seculaires (2 - 2|> + t] = 0): 

Lorsque 2 - 2p+ ^ 8. ( "^zrpa )«>> bst constant par rapport au temps j il 

en est done de memed<< 8^;^ et du deuxieme terme du second membre de. (185). on peut 
montrer qje 1' i ntegrati o.n de (185) conduit alors a des expressions des ‘JL affines en 
fonction du temps. Ces perturbations sont appelees seculai res , car elles“ sont curnula- 
tives et peuvent devenir tres importantes au bout d'une duree suffisamment longue. 


Tous les calculs faits on trouve les resultats suivants :• 

Les elements ct, e etc ne subissent pas de perturbations seculaires . M ne 
subit pas de perturbatfon seculai re induite par une perturbation seculai re sur ct-, 
puisque celle-ci est nulle. 

Les elements^,to etbl subissent les perturbations seculaires : 

-d. = _ 1 7^ Me , (189) 

= I (1. (yee'^c.-A) . (1911 

Ces perturbations dependent de o.„. He et I'c . Par exemple, pour une orbite 
circulaire ( ^< = 0 ), Passe (altitude - 300 km), on a = 16 rcvol utions/jour = 16 X 
360’/j, d'ou :■ 


_ CcUe 7^ , 


(192) 

jj.,Z Qscc^'to -'I ) 


(193) 

4-,Z ^Scer'^ I'e - a') 


(194) 


Ces perturbations seculaires sont importantes . • 

Le noeud (V se deplace dans le sens retrograde (-^i<0) pour une orbite 
directe (0-^ <90'), d'autant moins rapideroent que l ’ 1 nc I i nai son est plus forte, il 

n' y a pas, de perturbation seculaire dn la ligne des noeuds dans le cas d'une orbite 
po I ai re 1 i-t ■= 90'). 

. Le plan de 1'orbite garde la merae orientation par rapport au Soleil lorsque 

I’/j, done 1/8,5 et 96*,75 (orbite retrograde). Cette orbite est dite 

" hefiosynchrone" . 

La _ rotation du perigee P dans le plan de 1'orbite se fait dans le sens du 
roouvement ( 0) pour une orbite d' i ncl i nai son fainio ( (." o) , et dans le sens oppose 

( t«c< nl nn.,..- lire o.;b!tv de forte inclinaison ( <-t — 90*). La perturbation seculaire 
est nulle pour ou 180* - t'j, , ou est 1' i ncl i nai son cri ti que :• 

t, r 4; = ' ■ 

V? 


(195) 
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2) Perturbations a courtes periodes dues a (2 - 2 p 0) : 

Lorsque 2 — 2f * 0, ( '^u>fcj)(p) est one fonction affine du temps, ( 

est une fonction sinusoidale du temps,^t i1 en est de meme du deuxieme terme du seqond 
membre de (185). L' i ntegrati on de (185) conduit alors a des expressions des “Ilf,, 
periodiques a courte periode (frequence egale a ( 2 — )r)^ , done periode egale a un 
sous-mul ti pie Te la penode orbitale To ). 

L ■ 1 ntegrati on i ntrodui t Te facteur (l/i><c)^ lO^. Hais comme, 

d'une part, Oo* est en facteur dans fJij , par 1' i ntermedi ai re de M- , et, d'aytre part,nc 
figure en denominateur dans les formules de perturbations, les derivees sont bien 

de I'ordre de I'unite, et les perturbations sur les elements orbitaux de I'ordre de 
7^ cr 10"3. Ces perturbations ne seront pas detaillees. 

c) Perturbations d'ordres superieurs 


II est hors de question d'etudier ici en detail les perturbations d'ordre 
superieur. On se contentera de quelques considerations qual i tati ves, pour mettre en 
evidence les perturbations les plus importantas. , 

L'etude precedente a montre qu'une bonne approximation de etait :■ 

0^ = (-f- ip ) ^ tp t -f ® > (196) 


avec : 


h = Mo -1- hj , (197) 

ou SI ,(v^ et tis sont donnees en (189) - (191). ^ 

L' 1 ntegrati on des formules de perturbations introduit le facteur l/ot . Les 

perturbations les plus importantes sont obtenues lorsque est potit. C'est le probleme 
des " petits denomi nateurs ", classique en Hecanique Celeste. Cela conduit a distinguer, 
de fagon generale i 

. 1) Les effets seculaires, dus aux termes tels que i- 2p = -Z- 2 p + rj = 0. 

Alors .2 = 0 et 1 ‘ i ntegrati on conduit, en fait, a un effet proporti onnel uU temps T . Ces 

effets seculaires sont dus aux termes zonaux (fti= 0), pairs (-<= 2 p) . 

2) Les effets a longue periode , lies au mouvement rotation du perigee dans 

le plan de I'orbite. Ils apparaissent pour les termes tels que ■( - 2 p * ^ rn ^ 0 et 
X~2p4^0, done w (<j5t 0). Comme 0 ("-e'l'), I'effe^t, pour une orbltequasi 

circulaire i e.s! 0)est sur tout important 'pour dj'il- Alors/o<)=(24/ -sir (l . La pen ode 
est alors celle de la rotation du perigee .dans lefilan de I'orbite, soit 86 jours pour 
une orbite basse ( 2, = 300 km), polaire ( i<>= 90'). Ces effets a longue periode sont dus 
aux termes zonaux ( m= 0), impairs (^ = 2P+ 1), dans le cas d’une faible excentrici te. 

3) Les effets resonnants , dus au couplage entre le mouvement d'orbitation du 
satellite et la rotation terrestre. 

Dans 1 ‘expression : 

<x 2 '('^- 2^ + “] revol uti ons/jour sideral, (198) 

le moyen mouvement rc depend de 1'altitude 2-,, de I'orbite. Par example, pour 567 km 

i 89A km, on a 15 5- n ■> 14. , 

Les effets resonnants {d- 0) les plus importants correspondent aux condi¬ 
tions -v - 2p*,<] - 1, done rn= 14ou 15 (a cause du facteur r , qui conduit a 

chercher des petits) et ^ = 0 (pour avoir un effet direct important sur cu, done un 
effet indirect important sur M ). 

4) Les effets journaliers ou serai-journal iers, dus au termes d'ordre faible' 
( hi = 1 ou 2). Lorsque U - P * ‘\ - l>, * z; -mdi est petit pour m petit, par example 
m. = 1, d'ou k.y - 1 tour/jour, soit une periode de I jour. Les effets les plus impor¬ 
tants sont obtenus pour <8=0, done J = 2 P (termes tesseraux pairs d'ordre faible). 


3 FORMALISHE HAHILTOHIEH 


Le formalisme haniltonien est encore plus abstrait que le formalisme lagran- 
gien. Les variables utilisees perdent de leur sens physique, mais la forme condensce des 
equations du mouvement ( forme canonique ) se prete bien a leur resolution et, en particu- 
lier, aux changements de van ables ftransformations canoniques ). La recherche d'une 
telle transformation conduisant a des equations 3u mouvement particul ieremer.t simples 
suygere une nouvelle methode de resolution du probleme mecanique : 1 a methode de Jacobi . 
Cette methode tres appropriee pour le traltemcnt du probleme des 2 centres tlxes, eTt 
d'assez peu d'interet dans le cas du probleme des 2 corps, r.ependant, elle conduit a 
definir un jeu de variables canoniquement conjuguees, qui permet de traiter elegamment 
le probleme du mouvement keplerien perturbe (formules canoniques de perturbations et 
methode de von Zeipel). 



3.1 - Equations canoniques 


3 . 1.1 - Hamiltonien 


de 1 agranglen i,(<^ ). 


Soit un systene a lagragien, a iVdegres de liberte 
Les equations de Lagrange ( 132 ), rappelees ici : 

). ik- o 

- / 

constituent une systeme de equations differentielles du second ordre oour ipc 

fonctions inconnues --------—^ 

Ce systeme est equivalent au systeme 


C‘ " , 


( 199 ) 


'li' = r> 

M- ' 

\ ■3<i‘ / 3^)* 


( 200 ) 

( 201 ) 


cue ' ‘'<1 / 

2equations di ffere ntie) les du premier ordre pour les 2 a. fonctions i nconnues 

.systeme (200) (201) est qu'il n'est pas entierement resolu 

par rapport aux derivees premieres hit des fonctions inconnues a- , , 

inconnues. La fo°rme "de'' (“oo)“t (2^1) ’ sugWre" u" cho’i x" ^%r,'”^.(t)^,'^avec^?* fonctions 

Pc = ' (202) 

■p. est appele le moment conjugue de cp ■ 


3 . 1.2 - ^y£teme canonique 


(203) 

(204) 


<‘ans le systeme ( 200 ), (201 ) le changement de variables 
qui fait passer des variables de Lagrange q', 4 i aux variables de Poisson t>. r’l on 
trouve que les nouvelles fonctions inconnues^ pT)) , Q^Tnioivent satisfaire ?e’svsteme 
de 2 r^ equations differentielles du premier 'ir^dre, molu par raonor? a„x 
premieres, et de forme particulierement simple et symetrique :-^- 

a'- 

p ^- 21 . , 

oil : 

/-!= L = H 

est le qamrn^^Uransform^ ,, 

Be merae que, dans le rormalisme lag.angien, toute" 1 'information concprnant Ip 

Tnf^J^nVsV lagrangien L , dan’s le formalisme hamnton“^ 

^information est contenue dans 1 ' hami 1 tonien M . * ■ 

^■hamiltonie^,''c'‘’eVt.Vl^e''?i T' ®“ e"e ne figure pas dans 


( 205 ) 


iJi = O . 

i, 1 'e< 


( 206 ) 


etre ecrite'’”'’"® ignorable, I'equation de Lagrange ( 204 ) correspondante peut 


P.‘ = O , 

dont 1 integration conduit a I'integrale premiere : 

p^. .= Cor^stcinte ^ d' 

d'frdre^n -“'''‘2 V'"® finale, apres la resolution du systeme 


( 207 ) 


( 208 ) 


Iff 

p.= .an. 




( 209 ) 

( 210 ) 


dans rexpre%sN^oTd"'e" f-^'amm o T i ^ h ' ,"; ' Vst -l-dl U expl ici tement 

aw 
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Or on a toujours : 

^ ^ -211 /2ll ).,i£ - ^ , ( 212 ) 

'3fA dcj--/ d- 9t 

aH 


soit :. H 

cln _ _ 

Jt ' dt ' 

Lorsque le systeme est conservatif, on a done 

O , 
eft 

dont 1'integration conduit a I'integrale premiere de 1'hami 1 tonien : 

H — Consfanhl ■ 


(213) 


(214) 


(215) 


Cette integrale reduit d'une unite d'ordre du systeme differentiel restart a 
resoudre. 11,est possible de le reduire d'une unite supplemental re par le choix d'une 
composante , ou meme d'une composante pj , comme nouvelle variable i ndependante, en 

considerant alors que le temps f comme une composante fl*' supplemental re (une variable 
ignorable puisque le systeme est conservatif). ' 

II est,bien sOr, impossible d'uti1iser, .comme nouvelle variable independante, 
le moment p,' conjugue d'une variable ignorable q* , de meme que la variable ignorable 
elle-meme. Autrement, le benefice de la quadrature finale correspondante serait perdu. 

De fagon generale, 1'analogie entre les equations ( 204) et (213) d'une part, 
et les integrales (208) et (215) d'autre part, (vontre que le temps t joue un role 
rclativement symetrique par rapport aux composantes . Cette analogie peut etre 
developpee en posant (r=. i)''*"' et en choisissant une autre variable de description c . 
Cela montre en particulier que le role de p„j., est joue par_H , comme cela est 
visible sur (213), qui peut encore etre ecrit ' 


d(-M) 2u 


(216) 


3.1.3 - Ap£lKaUo^ £u_p£ob1eme des 2 corps 


II s'agit seulement de montrer comment se presente ('integration du probleme 
des 2 corps dans le formalisme hamiltonien, afin de comparer avec 1'approche lagran- 
gienne du paragraphe 2.2. s 

En coordonnees spheriques (Fig. 25), les variables ig , conjuguees des O , 
s’ecrivent : 




^ = .4. 


ce qui conduit a 1 ' lami 1 tonien : 2 




tonien 


-I'- ocs^S / 

L'angle o( est i gnorable , d’ou I’integrale premiere 
R, Cons/cxn/e - tx, . 

L'angle od pourra etre obtenu par une quadrature finale . 

Le systeme est conservati f ( ‘ 0), d’ou I'integrale premie re de 1' harai 1 - 


(217) 

(218) 
(219) 

( 220 ) 

( 221 ) 


R 


Jt — Ccnilai'lh = § , ( 222) 

< . 


Tt = i fp.\ H , _ 

qui Sira utilisee a la place de I'equation d'Hamilton en Pj. . Oe plus, le temps C" 
pourra etre obtenu par une quadrature finale, a condition de changer de variable de 
descri pti on. 

Les equations canoniques restantes peuvent etre ecrites :■ 

'' ( 223) 


h - ‘'4 _ P 

u-ii - d- - - 

P ■= - M. = - _ 

f 'dS 


•> 


( 224) 
( 225) 
( 226) 


Ce systeme peut etre integre comme au paragraphe 2.2. On retrouve les trajec 
toires keplcrienne s. 
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Dans cet exemple particuller, 1' uti 11 sati on du formal i sine hamiltonien ne 
presente pas un avantage marque. Cependant la structure des equations canoniques 
d'hamilton est plus simple que celle des equations Lagrange, et le formalisme hamil¬ 
tonien s'avere particulierement interessant lorsqu'il s'agit, par example, d'effectuer 
des changements de variables. 


3.2 - Transformations canoniques 


L'integration du systeme canonique d'Hamilton est evidemment d'autant plus 
simple qu'iVy a un nonbre plus important de variables ignorables. Or le nombre de ces 
variables depend du choix du parametrage. Ayant effectue un certain choix initial, il 
peut etre desirable de changer de parametrage en cours de calcul, tout en preservant la 
forme canonique des equations . On appelle transformation canonique un tel changement de 
van ablcs. 


Theoreme 


Soit P , 4 . lai- variables canoni quement conjuguees, d' hami 1 tonien 




, (t'= -t.Z, .... ), ( 227 ) 

p.- Itt. . (228) 

On peut demontrer que la transformation :• 

p.'= p.'(p,--)'>) -0-". 

est canonique, c’est-a-dire p ; , «'■- sont 2 n. variables canoni queme nt conjuguees, 
d ' hami 1 tom en H'( p', C|', I ) , soit' / 

, (231) 


h' r - iil''. 

f I C'A/t 


et seulement si, la difference entre les formes differentielles 

pc 




et 


( 232) 

( 233) 


07 = j>/ h'M:, 

est la di fferentiel le d'une fonction Fy, / fj P ), soit : 

~ (^p' - H'AtJ ~ , 


(234) 

( 235) 


On deduit de (235) 


P.-- 





Ih 

M 


( 236) 

(237) 

(238) 


II en resulte la methode suivantc pour obtenir une transformation canonique. 
On choisit arbi trai rement la fonction d’ou les relations (236)—( 238). Si 
les relations (236) sont solubles par rapport aux n. variables q'S elles definissent 
les equations de transformation (230). Les relations ( 237), ou les ont ete rempla- 
cees par les expressions obtenues, definissent les equations de transformation ( 229). 
Enfin (238) definit le_nouvel hamiltonien. 

On di t que F est la fonction generatrice (de premiere espece) de la transfor- 
mation canonique . 


3.3 - Hethode d'i ntegration de Jacobi 


Soit a integrer un systeme canonique engendre par I'hami 1 tonien H. Une 
methode de resolution consiste a rechercher une transformation canonique conduisant a un 
nouvel hamiltonien particul ierement simple, nul par exemple . 


H = 0 


( 239 ) 
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car alors, 1e system® canonlsiue (231) (232) , qui devient :• 

O , 

f>'c 


(240) 

(241) 


peut etre Integra atenient : 

ti 


r ’ 


constant® = CL 


( 242) 

p( = constant® . ( 243) 

Supposons connue la fonction generatric® K, { ^ d'une tell® transforma¬ 

tion. Ell® doit satisfaire la relation (238), qui comp'te tenu d® (ii9),(2i6) IP^i?) et en 
posant : i /)> / 


/-t ; a ^6), 


peut etre ecri te 


d)S 

Jt 




. 5 / 6 ) = 


o, 


( 244) 


(245) 


Cette equation aux derivees partielles du premier ordre est appelee equation 
d Hamilton-Jacobi a fv+ 1 variables q , (r . la fonctionS( ^ ou a t' sl 

une constante additive arbitraire. en constitu® une integral® complete (famille de 
solutions a k-w pa ram® tre s ^ y ci”'*'*), de laquelle i1 est possi b)e de deduire sans 
integration toutes les solutions de 1'equation. 

Inversement . supposons connue use solution ^ i^>^) de 1'equation ( 245) 
dependant de tu constantes arbitreires a. , non additiveT (S+a"*' est done une inte- 
grale complete). La fonction : ~ 

^.x(l (Z'ic) 

est la fonction generatrice cherchce. Fn effet : 

Les fonctions P,(t) sont obteniies sans integration. Les premieres 

sont telles que :■ ' ' 

, (248) 

ce qui les definit impl ici tement en fonction du temps et des 2 ft constantes arbitrjires 

CL , t * 

~ ~ Ces fonctions etant connues, les moments conjugues sont obtenus a partir des 

relations ; 




0CJ 


( 249) 


L'integration des equations canoniques est done ramenee a la recherche d'une 
integral® complete de I'equation dTTami i ton-Jacobi i 

Remarque : Separation des variables 


D'une fagon gencrale, on peut oontrer que l'integration du system® canonique 
et la recherche d'une integrale complete de I'equation d'iiami 1 ton-Jacobi sont des 
problemes equivalents (les trajectoires dans I’espace des phases q ,p sont les carac- 
teristiques de I'equation d'Hami1ton-Jacobi). Cependant dans de nombreux cas importants 
Te second regoit une solution simple par separation de variables , et la methode de 
Jacobi n'est utilisee pratiguement glTe dans cette hypothese . 

yn dit que Tes vanables q et'(r figurant 'daris' I'equation (245) sont sepa ¬ 
rables s'i) existe une solution de la'forrae : 

) + S, (cj) )f- (250) 


3.3.3 - Premi^ere application_: integration_du probleme des 2 corps £ar la methode 
de~JacobT' “ ~ 


d'Hami1ton-Jacobi correspondent a 1 


L'equation 
(220) , s'ecrit : 

C'o 


dont 1'integr ition est possible, bien qu'ess^z 
On retrouve les trajectoires kepleriennes. 



/Pi 

0 

) 

} -V- ' 





hami1tonicn 




donne en 


laborieuse, par separation de variables. 
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La encore, 1'integration du mouvement kdplerien par la tnethode de Jacobi est 
comparativement plus lourde que 1'Integration par les theoreuies generaux. En particulier 
le fait que le mouvement est pi an n'apparait ici que tres en aval dans la demonstration, 
alors que le risultat peut etre innediateraent obtenu par application du th^oreme du 
moment clnetique. Cependant la nethode de Jacobi permet la determination des 
constantes ( constantes de Jacobi ) :■ 





•=:. ~hCdi^ , 


(262) 


dont la connaissance est cssentielle pour I'ftude des mouvements perturbSs consideres 
plus loin. 


3.3.4 - Deuxleme application : integration du probl^eme_des_deux centre^ fixes par 
Ta~me’tfro3e~dr~3acol>i “ " ~ 

Le mouvement d'un point materiel autour de deux points matfirfels fixes 
dans I'espace absolu, qui I'attirent selon la loi newtonienne (Eig. 31), peut etre 
completcment integre de faijon particulierement commode par la methode de Jacobi, car les 
variables sent separables en coordonnees spheroidales . Ce resultat est particul if rement 
important en Astrodynamique, car, pour un choix convenable des parametres, (masses OM et 
Ibj. , distance le mouvement ainsi integre constitue une excellent approxima¬ 

tion du mouvement d'un satellite artificiel au^ur d'une Terre a symetrie massique non 
spherique. On peut rendre compte du terme en (cas m, = mu ) et meme en (cas 

nui^mii). Ce mouvement peut servir de solution de base pour une etude de perturbations 
par les autres termes du potential terrestre (et les puissances de et, eventuel lament 
de 3)). Par rapport a la methode classique utilisant le mouvement keplerien comme solu¬ 
tion de base, la precision e^t g lobalement amelioree dans un rapport 10^. 

Ce c a I c u j ne sera pas deveioppe TcT) Ce lecteur est re nvoye a la reference 

[7]. 



.'•igorc 31 


3.4 - Formules canoniques de perturoations 


3.4.1 - Formules de perturbations 


Dans le cas d'un mouvement keplerien perturb! par le potentiel perturbateur 
1 ' hami 1 tonien peut etre ecrit :■ 

Ta- ^ ( 253) 

o'l 1'hami 1 tonien "keplerien" Micest donne en (220). 

Supposons (ce qui est le cas ici) que le mouvement keplerien, engendre par 
1'hamil tonien /-(;<, ait ete integre par la methode de Jacobi , c'est-a-dire qu’il ait ete 
possible de trou^r une tonction generatnee r., ( u ! O'-) engendre une traiisforma- 

. noyyg) hamiltor-'en HL soit nul ; 


( 254 ) 


tion canonique ( P /O ))—) telle que le 

SonS 1'elude du mouvement perturb! engendre par 1 ' hami 1 tonien H > donne en 
(253), il est possible d'eliminer le terme Kic, c'est-a-dire d' eHminer la partie 
“inteqrdble" du mouvement, en appliquant la meme transformatfon canoriioue que 
precedemment. En eitet, IT nouvel hamiltonien i 

)-/'= M +- = A/^ + R a- = R 


( 255) 
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est egal a I’hamUtonien perturbateur R , qui doit etre evidemnient exprine en fonction 
des nouvelles vanaoies canoni quenent conjuguees . Ces variables nc sent autres 

que les constantes d ‘ i ntegrati on (elements orbitaux) do mouvement keplerien. La 

methode utilisee est done, ici encore, une raethode de variation des constantes. 

Dans 1e formalisme hamiltonien, les formuTel cle perturbation pTuvent etre 
ecrites imnedi atement**: 



( 256) 

99' 

p; - _ . . 

( 257) 



( 258) 


De plus, ces formules sont sous la forme canonique, particulierement commode 
pour les manipulations ulterieures. 

Expliciton'. le systeme (256) (257) ;■ 

f x '-A g) _ 2E, 

) ci(^z ) 9R d(-cd ) 

ou R est suppose exprime en fonction de &-4/, cfs c 


dC-Si) 9rz 
Mr pIActsi:>' 

z, co,Jlet t. 


(259) 


3.4.2 - Pa^s^ge aux variabl^e^ de Delaunay 


II est evident sur (259) que les variables - ^/ Z,cOjJ9. (variables 
de Jacobi) sont egalement canoni quement conjuguees, 1 ' hami 1 tonien correspondent et'an't^.A 
chaque Tnstant, ces variables definissent les elements orbitaux de 1 ' orbi te kSple- 
rienne osculatrice au mouvement. 

Hous uti'iiserons de preference,dans la suite, un autre systeme de variables 
canoniques, les variables Delaunay , qui a eu une grande importance dans le developpement 
de la theorie de la Lune TE qui reste un des systemes les plus efficaccraent utilises 
dans les problemes do perturbations. Verifions que les variables de Delaunay ; 


Ls. , 1-1 = u>s>. (ne pas confondre avec 1 ' hami 1 tonien H ) 

« = CO , 4= _n. , 


(M= anomalie moyenne ; n. = rooyen mouvement, 
sont canoni quement conjuguees et calculons 1' hami 1 tonie n (f> corre spondant 




Une condition necessaire et suffisante pour que la transformation : 

(_ "g;! 4'WjJ, tr; I —, p A ,0') 

soi t canoni que,est qu'il existe une fonction (£,L,t') telle que ; 

— "C d ^ + (Zclt—^JdL ^ (lii f ferentielTe cxacte) r (261) 

Portant ^4- il jdr Z- b.Lzt-''— dans (154), la CHS s'ecrit : 

.21.^ /i ut' 

— olL :=z (<Ji f ferentielle exacte). (E62) 


Cette condition est verifieo si et seulement si : 



-2 f- 

it' 

( 263) 


dt 

7 L> 

d ou 

R-h - 

-K 

^ Consfar-i^e- • 

( 264) 

1 1 suff 1 1 de prendre 

11 

-O' 

E 

_ R . 

( 265) 


L’hami 1 tonien (p dolt etre exprime en fonction des variables de Delaunay. 


* 


Ceci est a comparer avec les developpcments des § 1.3.1.1 et 2.3. 
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3.4.<5 - PfJ.ncl£e de 1 a_ni£tl)ode de von Zetpel 


La metliode consiste a rcsoudre 1e systems canoniqiie : 

f cIl _ '£>(i> D(t> B(^ 

j ^ sF ' cU~ ~ ' ett ~ P'K', 

\ dL — M ^ ^ = - y 


( 266 ) 


2Z. ' aT?"” ^ ^ p? ~ 2M 

pariineserte de changements de variables canoniques independants du temps, realises a 
1 'aide de fonctions generatrices du type pj*'*, que nous noterons f ( ^k.) 

Le changement de variable est : ” ” 

/- C-- 

H ' n ' 

Ji If , i ^ ^ y 

St-' ?/ ^ 

et 1 ' hami 1 tonien est conserve v Cp . La fonction generatrice I", arbi trai re , est 
choisie de fagon que (p^ ne depends pas d‘une des variables angulaires dont 9 !) depend. 
L'iteration de la methode permet d'eliminer toutes les variables anqulaires et la 

derniere expression (p^> de 1 'hami 1 tonien n'est plus fonction que de U' .tr^'et t-F ■ 
Les trois premieres equations finales :• 

^ d-t ' / dt ' 

montrent que l!\ y et sont des consxantes. Portant ces va)eurs dans les trois 
dernieres equations finales : 

on voit que X ,4 , et-K sont fonctions affines du temps. On revient aux variables 

initiales L , & , , X. , ^ , k. . ® I'aide des diverses transformations ( 267 ). 

L' appl i cati on de cette methods permet, en particulier, de retrouver simplement 
les perturbations seculaires (189) - (191). 


( 268) 


5 ^ cte - Ha dl'--i^'^ds =nji , ( 269 ) 


4 - HECAHIQUE VARIATIONNELLE - LIEN AVEC LES THEORIES 0'OPT 1M1 SAT I OK 


L'evolution des systemes raecaniques consideres plus haut est regie par un 
principe variationnel global (minimum de 1 "'act 1 on"), dont le principe des puissances 
virtuelles n'est qu'une expression locale (dans le temps, e'est-a-dire " 1 nstantanee"). 
11 s'agit de rappeler ce principe et de montrer le lien entre cette m^canique variation- 
nelle et les nethodes modernes d’optimisation, comme le Principe du Maximum de 
Contensou-Pontryagin (Pig. 1). 


4.1 - Principe du Maximum de Contensou-Pontryagin [ 8 , 9] 


Le lecteur est certaineraent familiarise avec la theorie classique du calcul 
des variations et 1 ' uti 1 i satl on des equations d'Euler . Cette theorie est suffisante pour 
traiter le probleme de la mecanique van atl onne Me. (Tependant, le Principe du Maximum de 
Contensou-Pontryagi n, qui en est une generalisation, presente I'avantage de pouvoir elre 
egalement utilise dans 1'etude des trajectoires spatiales optimales de la Seme partie. 
C'est pourquoi nous 1 'introduisons des a present. II sera applique, a titre d'exemple , 
a la mecanique variationnel le, puis largement utilise dans la Seme partie. 


4.1.1 - £robl_eme_de Pontryagin [9] 

Sol t un systeme evolutif quelconque, defini a cheque instant t par la donnee 

du vecteur etat i) = fs:‘ R"". vecteur colonne a n. composantes pc'( i = 1 , 2 .n.) 

(par example ; coordonnees de position, composantes de la vitesse, masse, etc.). 

L'evolution de ce systeme est gouvernee par les equations du mouvement ; 

^ f r? , « yt (270) 

ou K est le vecteur coomande a composantes uX { 1 ' = 1 , 2 , ..., Ti, ) , qui 

sont des fonctions arbitraires du temps (par ; posltforrJea guuvurnes, orienta- 

iion et grandeur de la poussee, etc.), soumises a des contraintes (par exemple : 
debattement maximum d'une gouverne, poussee maximale, etc.), telles que 

a ^ ifc r". 


m 




(271) 




oD if est le domaine de comtnande . Les -fr sont des fonctions generalement non linealres 
des arguments, que nous supposerons suifisatnment regulieres [3] pour que les resultats 
qui solvent soient valables. 

Le probleme de Pontryagln (Fig. ^2) consi ste a chercher la loi de conmande optimale 
qui fasse passer des conditions initiales fixSes : 

x' 

to fixS , ( 272) f 


^(?ro)= / ( 273) Jx(t,) 

aux conditions finales :■ / 

fixe ou non ^ (274) ^^ 

fixe (0^*1, 2.77t ) ^ (275) 4:^ 

telles que la fonction lineairc des conposantes non fixees xj 

de 1 'etat fi nal ; ((>.= Mf-i^ ,,,, , n.^ , ( 276) 

soit maximum. 

Cet enonce parait assez rcstrictif. En fait de nombreux problemes d'optimisa- 
tion peuvent etre ramenes a un probleme de Pontryagin. (Problemes de Mayer, de Lagrange, 
de Bolza ; voir [2]). Un exeraplc de probleme de Lagrange sera donne plus loin. 


4.1.2 - Enonce du principe du maximum de Pontryagin 


Pour resoudre un probleme de Pontryagin, il suffit ; 

1 ) d'lntroduire un vecteur adjoint P-fp-l> vecteur ligne a n conposantes ; 

2 ) de former 1 ' hami 1 tonien ; - ‘F'' ' 

^‘(f /2 /ii /t)= p ^ = f -((^ ,(■) ; ( 277 ) 

3) de determiner, a chaque instant, la conmande optimale U* qui maximise cet hamilto- 

nien : ~ 

arg ma^ (278) 

4) de calculer 1 ' hami 1 tonien maximal, en portant la commande optimale dans 
1 ' hami 1 tonien : 

5) enfin, de resoudre le systerae canonique engendre par : 

■= jLil* ^ ( 280) 

P: .= - litL^ 2 (281) 

par rapport aux 2 rv fonctions inconnues it, p,'(t), avec les conditions d'extremites 

= ^0 fixe (■«- ) ( 282) 

Oc^^f)= 5: f fixe 1 (283) 

/[ 1 / M'’ ^ 

pA(tp)= J (284) 

t; est fixe ; est fixe ou, s'il est libre, il est calcule a partir de ; 

— O . (285) 

La methode est simple. La resolution est dependant, en general, difficile, 
m.'me par voie nuraerique, car le probleme se ramene a la resolution d'un systene diffe¬ 
rential non lineaire avec conditions aux deux extremites . 

important'5c~souTTgner~qiJe le Principe Maximum n'est qu'une condition 
necessaire d oplimalite : si une solution optimale existe, elle satisfait au Principe 
du Maximum. Hais elle n est pas suffisante :• 1' appl i cati on du Principe du Maximum peut 
conduire a des solutions parasites qui nc correspondent pas a un maximum global, ni meme 
eventuellement local, de Tindice de performance. 
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4.1.3 - Demonstration du Prinope du Maximum dans un cas sitnple 


La demonstration du Principe du Maximum peut etre trouvee dans [9]. Nous en 
donnerons un aper^u dans un cas simple, qui peut etre traite en faisant appel au calcul 
des variations classique. Les hypotheses simplificatrices sont : 

1 - pas de contrainte sur la coniraande (1/ = R*) 

2 - on cherche seulement a rend re ^ stationnai re . 

3 - trestfixe. 

' Pour rendre S stati onnai re, il faut et i1 soffit d'annuler la variation 


premiere 


SS> (tf.'J , 


( 286) 

Dans cette expression, les variations SxP(tf) ne sont pas independantes, a 
cause des contraintes non holonomes (270). ' 

One methode classique d’eiimination de la contrainte (270) consiste a intro- 
duire un nul ti p1 icate ur de Lagranqe (inconnue auxiliaire) vecteur ligne a it. 

composantes p' toncti on oTu temps fpuisque la contrainte (27 
cheque instant). 


toncti on oTu temps fpuisque la contrainte r270) doit etre ecrite a 
et a rendre stationnaire 1‘indice de performance augmente 


1= 


(287) 


ou H est 1 ‘ ham) 1 toni en ( 277). Les h- fonctions inconnues sont determinees a 

posteriori grace aux ft. contraintes (270). 

La variation de X s'ecrit 


JT . I !> % _ Jp. I , 


J ^ f ^dx =. J ^ p ^ ^ = [f> fx J ^ 




(288) 


(289) 


Compte tenu des contraintes initiales (273) et finales ( 275), on a 

SXo = O , (290) 

= O , (291) 

et (288) s'ecrit : (;/ 

I f/.' 




( 292) 


ou, grace a 1 ' i ntroducti an du mul ti pi i cateur de Lagrange PO-'A les vecteurs et 
5u. peuvent etre consideres conme independents. La condition i 


SX- O , ^ ? 


conduit alors a (281), (284) et a : 

1 

qu) est la forme "faible" de (279). 


= O 


( 293) 

( 294) 


4.1.4 - Interpretation geometrique - Hen avec la theorie de Contensou 


L'approchc de Contensou C8], d'ailleurs anterieure a celle de Pontryagin, est 
plus geometrique. Contensou introduit les notions de domaine de manoeuvrabi 1 i te et de 
domaine accessible (Fig. 33). -(-r/V 4- 

Le domaine de manoeuvrabi 1 ite /-7C£/V_, dans I'etat 2 , a 1'instant C , est 
1 e domaine de l"espace hodographe icoordonnecs v' ), ou peut etre choisie instantanement 
la Vitesse * . Cost done le transforme du domaine de commande IT par les equations 
(270), a 2 et t constants. 

Le domaine accessible A(tf) , a I'instant tf fixe, a partir du point ^ a 
I'instant ] eTt l 'ensemble des points *(ty) de 1'e'space d'etat (coordonnees -x:' ), 
accessibles en donnant a la commande toutes les "valeurs" possibles. La connals- 

sance de la frontiere 'T^Aurtl du donaino accessib’o permit dc rissudre la plupart oes 
problemes d'optimisation interessants dans la pratique. Par example, la resolution du 
probleme de Pontryagin du paragraphe 4.1.1 dans le cas particulier ou il n'y a aucune 
contrainte finale de type (275), revient a trouver la loi de commande optimale (t) 

conduisant au point *'•'(pp) de la frontiere9/l((/) le plus eloigne dans la direction du 
vecteur c de composantes Ca (oO Ici, 3=1, 2, ..., n. ). Le balayage de la direction 
de C perraettrait d'ailleursf de determiner la frontiere7)/)(-^). 
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conAinE DOMAinE DonAint 

de COntlAnOt de tl^hOEUVRABlLITE ACCEWIBLE 



Fiq bi . Th4or!'- de ConUnsou 



La^condltion du maxitnum (278) (279) Indique que, localement, le point de fonc- 
tlonneffient ^ (vitesse) doit etre cholsi dans le domaine de manoeuvrabi 1 i te t>C^ 
aj point le plus eloigne de I'origine dans la direction du vecteur P , qui I’ndique, 
en quelque sorte, la route a suivre (Figs. 33 et 34). Notons que si le domaine de 
manoeuvrabi 1 ite 35 ne depend pas de I'etat-j: , les equations adjointes (281) montrent 
que p est constant, done "" 

I fi ~ ' ( 295) 

Considerons, par exenple, le cas simple a deux dimensions (Fig. 35) oO le 
domaine de manoeuvrabi 1 i te est, en tout point oc , un disque de rayon fixe, centre en 
^ . La trajectoire est alors rectiligne, de a w , et la frontiere du domaine 

accessible a 1'instant tf est un cercle centre en . ' 

^ Si le domaine de manoeuvrability est un bisque J7 de rayon fixe, mais excentre 

d une quantity ffxeeA(Ffg. 36), la trajectoire est toujours rectiligne, mais non coli- 
neaire a J* = £ et la frontiere dA{if) est un cercle excentre par rapport a “X,. ■ 

"Le vecteur £ sert bien encore a indiquer la direction a suivre, mais 
la direction reellement suivie tient compte de la forme particuliere du domaine de 
manoeuvrabi li te . File n'en maximiTc'pas'raoi ns I'mdicede performances .- 
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Considerons maintenant le cas ou le domaine de tnanoeuvrabi 1 i te est uti di s- 
que centre en t , mais de rayon croissant avec (Fig. 37). Dans ce cas,M* 

depend de 2 et ^ n'est plus constant, a cause de (281). II est evident que pour 
s'eloigner “au naximum dans la direction oe t , i1 y a interet a se deplacer d'abord 
vers les '>c'*>0. Le vecteur p sert bien encore a indiquer la direction a suivre, mais 
en tenant compte de la depeUdance du domaine de manoeuvrabi 1 1 t e D par rapoort a la 
position pr . 




Considerons enfin le cas ou le domaine de manoeuvrabi 1 ite est identique dans 
tout le plan et a la forme indiquee sur la F’g. 38. C'est le cas d'ur. voilier da^ns un 
vent uniforme W . 11 est possible de “remonter le vent" en utilisant la vitesse -x* 
(resp. S'* ), ce qui conduit au point x' ^f.){resp. 'Xlitp)). Mais il est egaiement 
possible" d'atteindre tout point sfG/) du'segment ( ) par une succession 

de virements de bord c.'est-a-dire'par dcs commutation's succeslives (utilisation ds 
pendant Ata tPU's de pendant A(rj. etc.). A la limlte, pour des vi rements de “bord 

"infiniment" rapides, ~1 a, trajectoi re est le segment ( Cela revient a utili- 

ser la vitesse fictive 2 * sur le segment (^5 ,«!)■ Ainsi le domaine de manoeuvrabi- 
lite peut etre convexise. Contensou propose de c'onstruire le domaine convexise cotistJo 
(F ig. 39) des Te debut. Les points de fonctionnement oitimaux sont sur sa frontiere 
'i>c<mvj>. Les points de P "reel 1 erne nt" utilises sont ceu< de 1' i nte rsecti on ]>n2>um^rP, 
L' uti 1 i sati on d'un point tel que x d'une partie semi-aifine artificielle de pCmirP 
equivaut a une reticence. Contensou poursuit alors 1'etude par un pa ran' trage de 9 (sctiv-Jj 
et se ramene a un probleme de calcul de variation, qui est a rapprocher de celui ctudie 
au paragraphe 4.1.3. 

Le Principe du Maximum sera largement utilise dans la Seme partie, pour 
1'etude des trajectoires spatiales oplimales. Mais donnons des a present un exemple 
simple d ' appl i cati on dans le cadre de la mccanique vari a ti onnel 1 e . 


4.2 - Application a la mecanique variationnel le 


Le Principe du Maximum de Contensou-Pontryagin utilise un formalisme hamilto- 
nien, qui n'est pas sans rappeler celui rencontre dans la 3eme partie consacree a la 
mecanique hami 1 tonienne. Cette similitude n'est evidemmont pas fortuite et peut etre 
eclairee en faisant appel a la mecanique vari a tionnel le. II est bien connu en effet que 
I’evolution d'un systeme a lagranrien obcit a un principe variationne’ de "moindre 
action", c i peut etre deduit des equations de Lagrange ou de Hamilton. 


Princi£e de moindre acticji-f i fa a i\ fL\ 

^oTt~un "systeme “a~l'ag'rangien Wn De tous les mouvements C* ' faisant 

passei' des conditions :■ fixes7 aux conditions : t(-, fixes(Fig.Ao)> 

leraouvement reel (regi par les-equations de Lagrange ou de Hamilton) e'st I'un de ceux qui 


rendent minimum I'action lagrangienne 
4 _ ('fc'C / f „ 


' 1 


/ \ //_ 
C j <?M. 


(296) 


(On n'est pas 
imposees ne sont pas les 


assure de 1' unlcite de la solution. En effet, les conditions 
conditions de Cauchy pour les equations de Lagrange). 
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Fiq. 4|0 


PontryaginT 


Verl fi ons cet enonce, en appllquant 1e Principe du Maximum de Contensou- 


Oeflnissons 1‘etat a fv + 1 dimensions :■ 

J 


C|-' = J*" 

to 

Les equations du mouvement s*ecrivent : 


(297) 

(298) 

( 299) 
(300) 


Le probldme d' oe'.i mi sation se ramene a choisir les commandes (vltes- 

ses), telles que 

^ Q^f-) - ~ A ( 301 ) 

soit maximum, avec les conditions d'extreraites, a et fixes :• 

= Cjr‘ fixe / (302' 

y^(to) = g , ( 303) 

^‘(^ 1 ' )~ fi>'e • (304) 

C'est un probleme de Pontryagin, qui peut etre resolu en appliquant la methode 
exposed au paragraphe 4.1.2. 


( 305) 


1) On introduit I'adjoint 

p" [fi h ' K.J- 

2) On forme 1'hami1tonien (augmente) : 

= f.' <306) 

3) On le maximise par rapport a la commando ^ . Pour les systemes mecaniques, a 

lagrangien de la forme (146) U-T-V que I'on considere id, IT ne depend pas des g*- . 
Le lagrangien L est alors,, comme 1'energie cinetiqueT", une forme quadratique definie 
positive par rapport aux . En supposant que p <0(ce qu' sera verifie par la 

suite en (313)), cela revient a ecrire : 

I?.- - P. - y <303) 

^ i U- 

La commande optiraale est tiree de (307) en function de et t : 

= (^‘■' /4|'/0‘ <308) 

. 4) On porte cette expression dans H , Qui devient alors une function 

de et tr : 

« fe (309) 
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5) On resout 1e systeme differentiel canonique 

<?£/ ^ 

Pr- ' 

avec les conditions d'extremites (302) - (304) et 


Comme 


done 


a,, =-4 . 

^ est ignorab)e (2ii- = c) ) , on a p 


= O, 


dL- 


(3J0) 

(311) 

(312) 

(313) 


tonienne 


Par (307) on a alors :■ 

0 =. '^Jz — O 

2w' ~ • 7 )(^‘-' 

Les sont done les noments conjugues des C| 

On verifte d'autre part aisement que 


(314) 

definis en mecanique hanil- 

(315) 


est 1‘ hami1tonien de la mecanique. ^ 

Les' equati ons canoniques (310) - (311) s’ecnvent alors, pour (O et 0 ; 

4‘'= ^ , - 

^ '<?fc 

p = - M , 

Ce sont les equations canoniques d'Hanilton de la rnecani que,tjai re^.ssen/^le 

reel. 


(316) 

(317) 


5 - TRAJECTOIRES SPATIALES OPTIMALES 


L' opttmi sati on des trajectoires spatiales et, en particulier, des trans fe rts 
et rendez-vous, est I'un des donaincs privilegies d'application du controle optimal. 

A16~rs que 1'etude des mouvements nature) s des corps dans I’espace a ete entre- 
pnse depuis fort longtenps et "a conduit au deve 1 oppement bien connu de la Mecanique 
Celeste dont certains aspects ont ete rappeles dans les Parries 1, 2, 3, I’etude des 
mouvements propulses optimaux est evidcrament beaucoup plus recente [10-26,2-5 ], bien 
qu'abordee asset nettement avant 1'ere de la conquete spatiale proprement dite. Seuls 
les aspects deterministes (c.a.d non stochastiques) seront consideres ici. Le Lexte qui 
suit est, a quelqucs details pres, le texte condense figurant dans [25]. 


5.1 - Definition d'un transfert optimal 


Les equations du niouveinent d’un vehicule spatial 
reference galileen (ou assimile a un systeme gal i 1 ecn) Oit j ^ , 


iMi , dans 
s' ec ri vent 


un 


systeme 


de 


YT) A. ^ F i- m ^ , ( 318 ) 

—y " —■> —■) / 

ou Utest^la masse instantanee, - 2 - la position, ^ 0 ( -O' , f ) le champ de gravita¬ 

tion et F=/>iIi^la force de pousscc due a un^ejection de masse, avec le debit—rA tJ- 
a la Vitesse d'ejection relative effective vv . 

—» De faqon generale, un "transfert" est un changement de position 't et de Vi¬ 
tesse V du vehicule, e'est-a-dire le passage des cond^i ti ons cinematiques initiales , 
^ aux conditions cinematiques finales tf, ■ Les m ouvements nature! s 

etudies plus haut sont des transferts particuliers, de cout nul. Le transfert peut etre" 
completement impose (cas d^“rendez-vous''), ou parti el lemenL libre (par exemple, dans le 
cas d'une "interception", Vf est libre). 

Ce transfert doit etre effcctue de facon onrim.-ile. o.^ri les fiumbreuses taqons 
de definir cet optfrum, ssule la minimisation de la consommation de masse , e'est-a-dire 
la maximisation de la masse finale fhc sera consideree id, car ce probleme est souvent 
rencontre dans la pratique. Cependant les methodes presentees sont tres generales et 
pourraient etre utilisees pour resoudre une grande variete d'autres problemes (par 
exemple : transfert a temps minimum). 

I) s'agit done de choisir a chaque instant les meilleurs paramet'-es de 
comnande : n - P / F (direction de poussee), c[ =-ivi (debi t) et F" (grandeur de la 
poussee), conpte tenu de contralntes eventuelles. 

II sera suppose id que Te systeme de controle d'attitude du vehicule permet 
la libre orientation de la poussee, mais des resultats concernant le cas ou la direction 
de poussee est contrainte sont egalement disponibles. 

Les contraintes sur ri et F dependent du systeme de propulsion considerd. 
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5.2 - Hodelisation des systemes de propulsion 


Les systemes de propulsion consideres le plus souvent sont des deux types 

suivants; 


5.2.1 - Sy^temes_de propijl Mon_a_vHes£e d'ej^e£ti^o]i £onstante (V£C) 


et 


Dans ces systemes, les contraintes s'ecnvent :• 
W- = constante , 


0 < F ^ F, 


(systeme a poussce conpletement modulable)^ 


(319) 


F = 0 


(possibilite d'exti ncti on/real 1 umage). 


(320) 


Si 1'exti ncti on/real 1 umage peut etre "i nf i nime nt" rapide, (320) est theorique- 
ment equivalent a (319). 


Selon la grandeur de la poussee maximale 


il est possible de distin- 


guer : , , 

- les systeme.. a forte poussee ( f^^ygrand, W petit), c'est-a-dire la propulsion 

chimique classique. Parmi eux, les systemes idealises a poussee infinie ( —roo ) 

ou systemes impulsionnel s sont capables de delivrer des impulsions, c'est-a-dire des 
changements instantanes de vitesse "iF . Un exemple en est donne dans 1'expose [3]. 

- les systemes a faible poussee ( f>„„j,peti t, W grand), c'est-a-dire la propulsion 

electrique. 

Pour tous ces systemes VEC, la masse instantanee fn- peut etre avantageusement 
remplacee par la vitesse caracteri stique ; 


Tclt' - - J (W/>yi)cfm- = IV Loc^(^rhQ /rrv') , 


(321) 


Ysf^/rrest 1 ' acce le rati on de poussee. L' indice de performance a maximiser est 
Pour un systeme de propulsion impulsionnel, est la somme arithmetique des 


ou 

alors -Cp 
impulsions 


9 


4V; 


5.2.2 - Systemes de propulsion a puissance 1 imi tee_i deal i ses_( PLj^ 


Pour ces systemes la seule contrainte concerne la puissance d'ejection : 

P=(^/z)cjW'=c FH//2 = fV2^ ^ 

Ces systemes sont des systemes de propulsion electrique a faible poussee. _I1 
est possible de montrer aisement que seule la borne superieure doit etre utilisee. 

La vitesse d'ejection W , et done la poussee F , peuvent etre modulees. 

L' i ntegrati on de la quantite 

^ V*- /2, ^ 

entre t et t , conduit a 

('l/fy, ) _ (Vm. j = J/ , 


ou 



(322) 


peut remplacer avantageusement Ht 


L'indice de performance a maximiser esf alors _ 


Jr. 

/ 






5.3 - Optimisation parametrique : le transfert de Hohmann 


L'etude des transferts optinaux a ete, tout d'abord, limitee au cat d'un champ 
de gravitation central et de systemes de propulsion impulsionne1s. Si I’on admet, 
pour 1 'instant, que le transfert optimal est alors reellement impu’sionnel, une methode 
simple de resolution, tres souvent utilisec dans la pratique, consiste 3 fixer a priori 
le nombre m. d'impulsions (le plus souvent Z) et de determiner le point d'applica- 
tion, la direction et la grandeur de chacune de ces impulsions, pour que leur somme 
arithmetique soit minimale. Le probleme est ainsi ramene a un probleme classique d' opti- 
misation parametrique avec contraintes, qui peut etre resolu numeri quement (voir, par 
example , 1 'expose [D) ou raeme_ analyti quement dans les cas simples. L' uti 1 i sation de 
manoeuvres atmospheriques peut etre envisagee, comme dans 1 'expose [26]. 

Par exemple, il peut etre raontre aisement que le transfert optimal bi-impul- 
sionnel, de duree i ndi f fe rente, entre orbites circulaires, coplanaires, est le transfert 
de Hohmann bicn connu (Fig. 41). 

Cependant, pour etre en mesure de determiner le nombre optimal d'impulsions 
(par exemple, dans le probleme expose en [3], trois impulsions sont necessaires) et de 
pouvoir traiter le cas de systemes de propulsion non impul sionnel s, il est necessaire de 
faire appel a une methode d'optimisation plus elaboree, 1 'optimisation fonctionnelle, et 
plus precisement le Principe du Maximum de Contensou-Pontryagin qui a ete presente dans 
la 4eme Partie. ^ 



Fig. A). Le transfert de Hohmann. 


5.4 - Transfert optimal dans un champ de gravitation general 


j. —> 

^ L'etat du vehicule a I'instant t peut etre defini par ■'I et J (PL) 

ou ^ (VEC). O'apres (318), les equations d'etat s’ecrivent :■ 

^ s V , (323) 

'y s (f X , (324) 

et, d'apres (321) et (322) : 

(PL) (325a) 

C -Y (VEC) ( 325b) 

Les commandes sont V et 'if , soumises, pour les systemes de propulsion VEC, 
aux contraintes (319) : 


0 Y ^ — Fmci.>r /191 (Cli} ) 


ou (320) . 


—> Tf* -r 


Le probleme consi^te_^a passer de l'etat ( , Vj , J,. = 0 ou C-= 0 ) a 

I'lnstanttu, a l'etat { ^ , Of ou Cc ) a I'instantifde fagon que 1' i ndi ce 

de performance^-ou - Cp soit_maximal. In's co''d’t1ons cInemoLiquus initiaies et/ou 

finales, Ca. Y, Vy et fc/t , Vf. pcuvent etre particl lemenj^ fibres. Ce probleme est 
typiquement un probleme de PbntrVagin (qu moins si to > ^ sont fixes, seul cas 

i.' hamiltoni en s'ecrit : considere ici). 

. I ft'[Af, 

Pn ’ Pv' > Pv Pc adjoints aux elements d'etat , V ,0" Ou C . 


'-■= n 4- 


_> '■ La direction optimale de poussee P* , qui maximixe H < est la direction de 

Py appele le " primer vector " [ 12 ] :• 




L'hami 1 tonien s'ecrit alors ; 
f D_ /« 


H — T> Y 4 - J ^ + termes independants de la commcnde. 

1 Pc V 

Pour les systemos PL, H est maximum par rapport a pour :• 

/i) T = ^ y - o, 

3 = Pj <r O (condition qui sera verifiee plus tard), 

d' ou : 

- Pv / Pj • 

La poussee optimale est modulee. 

Pour les systemes VEC, H est maximal par rapport a pour 

ou (Lpc)est la function de Heaviside (echelon unite) : 

U(X) = (1 + signe oc )fz - l ou 0 , selon que Pr. ^ O ■ 

La poussee optimale est un " tout-ou-rien" c'est-a-dire une alternance d' arcs 
a poussee maxinale (AMAX) et d' arcs balistiques (ABl .sauf dans le cas singulier ou 

C>W/2V = pv ■*' Pc - ° 

pendant un intervalle de temps non nul [ ti, ]. Dans ce cas la seule Condition du 

Maximum ne fournit pas 1'acceleration optimale. On obtient un arc singulier AS , Ctui 
peut etre soit un arc singulier a poussee intermedi aire (ASPl) ou ur arc si ngul i er" r§ ti- 
cent (ASR) (voir paragrapne 4.1.4) selon que (319) ou U'liU) est utilise. 

L'harniltomen maximal est 

H'x p.n p7. fcg-.ty I 

ou '5c est 1 ‘echelon unite de vitesse. 

Le systeme adjoint s'ecrit : 

-9H*/'dV = _p^\e , ( 329) 

d /dv\ ^ , ( 330) 

j Pj ■ ' dH*/dj = O J (PL) (331a) 

i Fc)' '331b) 

ou /^^est le tenseur gradient de gravite. ^ 

11 faut noter que 7 est i^orable (c.a.d. ne figure pas dans H ) mais non pas 
G car le domaine de coramande pour ^ , donnee par (326), depend de C . 

Pour un systeme PC, 1 ’ i ntegrati on de (331a) conduit a 


Pj = constante = 
puisque c'est -[J^qu'il 


= PoA = - 1 < 0, 
i 1 s' agi t de maxii 


git de maxiraiser, d'ou, par (327) : 

T’' ^ ^ . 


, Pour un systeme VEC, Pc $ Oonc P(-cst non croissant. Plus precise- 
ment p^= 0 et p^= constante lorsque p,,+Pc ^ C> , c'est-a-dire sur les AB et les AS. 
Par exemple, su_r une trajectoire ne comportant que des AMAX et des AB, 1'evolution 
de Pv , - Pc et F peut avoir I'allure indiquec sur la Fig. 42a. Sur les AS, I'accelera- 
tion optimale (ASPI) ou 1'acceleration raoyenne (ASR) 'f* peut etre obtenue par deriva¬ 
tion successive par rapport au temps t et sur i'as_ de l? rnnHitinn h; singularitc 
(328), Jusqu'a obtention d'un equation contenant Y • Cela se produit g^neralement pour 
la derivee quatrieme :• 


= a y + (B = O 


par 1 ' i ntermedi aire du terme (x , d'apres le resultat general qui veut que la coramande 
optimale apparafsse(de fagon affine) dans une derivee d'ordre pair ( 2 ^). 
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Fig. iZ - Fvolution de et - et ioi de pouasee opiimale. 
a) systdme VEC : bj systeme "impohionnel". 


L'acceleration dc poussee optimale est alors egale a 

V* ^ _ (S>/CL , 

et 1 a condition necessaire d'ootimalite de Kel 1 ey-Contensou [18, 21] s'ecrit : 

^ ^Ci <0, ( 332) 

puisqu'ici ^ - Z. 

Pour les iystemes inpul si onnel s, P^, = constante = - 1, p^,, 1 (Fig. 42b), et 

les impulsions ne peuvent etre appliquees que lorsque py = 1 ; pour les impulsions intS- 
rieures, on a f/ = 0. Sur un AS, py' ° be raccordement d'un AB et d'un AS se fait 
gcn^ralement a Vaide d'une impulsion. — 

Dans le cas d'un champ de gravitation ^ ' independant du temps, en plus des 
integrales premieres habituelles du systeme (323) - (325), (329) - (331), apparait 
I'intograle premiere de 1'hami 1 tonien : 

= constante ^ 

Les conditions d'extremites, et en particulier les conditions de transversa- 
1 i te, dependent du probleme particulier a resoudre. La difficulte de resell tion du 
probleme diff^rentiel non lineaire, a valeurs imposees aux deux extremites, depend de la 
complexite du champ de gravitation considere. 


5.5 - Transfert optimal dans un champ de gravitation uniforme 


L'approxiraation ^ = constante peut etre faite lorsque le transfert a lieu 
dans une region limitee de I’espace (par exeraple, hypotheses : terre plate,= cons- 
tante, dans le cas d'un missile balistique a courte portee). L' approximation = 0 peut 
etre faite loin des masses attirantes (transfects i nterstel 1 ai res). ^ ^ —■> 

Le systeme adjoint cj[nfnatiquc (329) - (330) devient alors P.= 0 et 
et peut etre integre selon : = constante et '■ / / 

+ ■ 

La loi d'oriantation de_Ja poussee est affine ou homog r aph! que selon le c,hoix 
des axes. Si 1 a position finale ■pt. est libre ( ^ = 0) ou Ti fa vi tesse finale 
est libre ( = 0), la direction de poussee est fixe. Dans les cas non singuliers, ou 

^ 0, le'coroportement hyperbolique de montre qu'il y a au plus deux AHAX (ou 

a la limite deux impulsions) separes par une AB. 


5.6 - Transfects optimaux dans un champ de gravitation central 

Ce probleme est evidemment fondamcntal. L'approximation du champ central : 

—■> —> / 3 

- jL A- f'l ( p.« constante) (Fig. 43) 

est generalement excellente pour I'etude d'un transfert geocentrique (plus generaleraent 
pi anetocentri que) ou de la phase heliocentrique d'un transfert i nterplanetaire. 
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Fig. 44 - Spira'.e de Lawden. 


Fig. 4i- Champ central. Le centre est F, "Foyer" 
des orhites k^pli'nennes osculatrices 

Historiqiiement, !e probleme a d'abord ete etudie cn utilisant les coordonnees 
cartesiennes (ou plutot spheriques) comme conposantes d'etat. Cette metliode reste encore 
interessante pour 1‘etude de certaines questions comne les arcs singuliers ou les condi¬ 
tions de commutation [19, 22] dans le cas des transferts de duree indifierente. II est 
generalement preferable d'utiliser les elements orbitaux afin de pouvoir faire appel aux 
methodes puissantes de la Mecanique Celeste el en particulier de la theorie des pertur- 
bations exposed dans les Parties 1, 2, 3. Le passage d'un systeme 3c coordonnees a 
I 'autre peut etro realise elegamment en utilisant des transformations canoniqucs [16] 
rappelees dans la 3eme Partie. 


5.6.1 - Utilj^saUon de£ coordonnees cartesiennes (ou spheriques) 

L'equation adjointe (329) pour devient, sous forme matricielle ; 
p, = _p, f , (333) 

■■II— 

ou p^i eti? ont ete definis par leurs conposantes dans les axes orbitaux tournants 
(Pig. 43), en particulier gy = I,S, Owj' 

I'hypothese du champ central introduit de nouvelles integrales premieres ; 

Z'* P-v ^ ^ P/ ' vecteur constant ■ A > 

5'J f -2 V. _ I/, _ 3 >4= constante » B (pour les systemes PL)^ 

-p,Cf- - 3,4^ (P- = constante = t3 (pour les systemes VEC 

sur les AB et les AS, et p our les Impulsions). 

L'el imi nation de entre (330) et ( 333) conduit a . 

^ ). 

Cette equation diffcrentielle vectorielle lineaire du second ordre peut etre 
integre sur un AB [12], ce qoi conduit a :■ 

S AC'f dA" y- ^ Sin V" •+■ ICj ^y~ ) ^ 

VJ = i--r e f 

ou 6 est 1' excen tri ci te de I'arc kdplericn, V' est 1'anomji^iie v^aie (Fig. 43), 

sont les six constante s d'lntegration et JiCy'), J-iO'") sent des fo notions 
connues de V , non cxolicitees ici. i » Heu ) du point j/S," vvydafii les axestsc/yiE- 
est appele le " primer locus " [ 12 ]. 

Si on laisse de cote les questions d'origines, d'orientation et d'echellc, les 
arcs singuliers dependent de trois parametres. la condition necessaire de Kelley- 
CoPtensou (332) conduit a S< 0. £n particulier la "spirale de Lawden" (Fig. 44) [12] 
n'est sCrpment pas optimale. I'etude de I optimalite veritable des arcs singuliers qui 
satisfont a la cendition necessaire conduit au resultat siivant : dans les transferts de 
duree indifferente ( H*= 0) entre ellipses extencures a la planetc attiranie, les arcs 
singuliers ne sont jamais optimaox. 
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6 . 6.2 - UtJ^HsaUon dc^ e 1 ements_orblt£ux 

Conme _y a e_te vu au paragraphc 1.2.3, la donnec a IMnstant t des elements 
cl nematiques .A*,!/ du vehicule est equivalente a la donnee des six Elements orbitaux 
'jc ( I = 1 , 2 , ..., 6 ), constantos du mouvetient keplerien qui definissent 1 'orbite 
osculatnce O (Fig. 43) et la position de t-^ sue cette orbite. Lorsqu'on utilise I'etat 
orbital g * £‘l* '3,les equations d'etat coincident avec les formules de perturbation de 
Gauss (IiTG) de la Hecanique Celeste : 

olq /dt ~ ^ (4J /<■ ) T , ( 335) 

oO ^ est la matrice du perturbation 6X3 et Y 'S’z est la matricc 3X1 des 

coeiposantes de 1 ' acce le ration "perturbatrice" ? dans les axes arbitaux tournants ^ 4 >Xy 2 : 
L'uti 1 isation des elements or-bitaux presente de nombreux avantages ; 

- L' i ntegration sur les AB ( T = 0) est immediate : ‘I = constante. 

- Pour les systemes ^ propulsion a faible poussee,”les elements orbitaux varient moins 

rapidenent que . 

- Les conditions d'extremites font souvent Intervenir I'orbite osculatrice O elle- 
meme. 

Une theorie generale peut etre developp 6 e .t parti r des equations d'etat ( 335 ), 
mais c'est dans trois cas particuliers que 1 * 6 tude analytique peut etre poussee rel 5 - 
tivement loin. 


5. 6 .2.1 - Theorie linearisee ; corrections optimales d'orbite elliptique 

Lorsquc la Vitesse caracte ri sti que Cf est petite vis-a-vis de la vitesse 
orbitale noyenne V , il apparait un “petit parametre" £ » / V dans le probleme, 

qui peut alors etre linearis-e comme indique au paragraphe 1.3.2. L'i ntegration des 
equations de perturbation (335) montre que, pendant le transfert, I'orbite oscula¬ 
trice O ne s'ecarte jamais de plus de £ par rapport a 1 'oroite initiale , ou encore 
par rapport a I'orbite finale Of , ou enfin par rapport a une orbite nominale o , 
choisie asset proche de 0,61 Of (ecarts de I'ordre de £. ). La linearisation est effec- 
tuec "autour de 0 Rappelons que la linearisation des formules de perturbation ( 103 ) 
conduit a "figer" I'orbite osculatnce O dans sa position noninale o dans le second 
membre de (336), qui devient : 

)Y , 

Ou ^ est grande^ent simpMfiee : ses elements non nuls sont des polynomes en 
Cae eventuel lament £" (Tableau 2). 

L'equation de consommation (325) linearisee s'ecrit ; 

•= vi /a , (PL) ( 337a) 

o{C/(dB = JlY , (VCC) ( 337b) 

ou A' 1 . . Pour les systemes VEC, la contrainte (32b) 1 ineari see s'ecrit : 

V ^ W /m, . 

La maximisation de 1'hami1tonien : 


f(cfc^/dE) 


i (VCC) 

par rapport a la commande X fournit 1 'acceleratlon de poussee optimale : 


r - ~ pj/p, ^ 

I*- '^'(pv->-Pc)pV /pv > 


(PL) 

(VEC) 


£ L R.'X / fr~^ 

est I'adjoint orbital, et 

= P 

est le "primer vector", dont il a etc question plus haut et qui peut etre ecrit sous la 
forme vecto’-ielle : 

et 


(338) 


oO ■^=b-AV est le moment cinetique. La similitude entre les expressions (338) de p,^ 
it (52) de bb n'est pas fortuite (voir [2]). 
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Dans 1'hami1tonlen maximal 


9e'‘= ' 

2 : iPc)- 

toutes les variables d'etat sent Ignorables. Done 1' adjoint [ P , Pr ou Pc 3 est cons¬ 
tant . En particuller = p^ » - 1 et 


I Pv/pv 

L'expresslon (2,38) peut etre considerle corame fournissan^l‘evolutlon de Pi/ 
sur 1'arc “ballstique" o ■ Les composantes correspondantes de pjT sur le^ axes orbi- 
tajix tournants dO'><'yi sont done de la forme ( 334), ou les constantes i'r.oO ,10 ,2) , 


tajix to 

X , F 


sont llees aux composantes (constantes) de p 


Pour un transfert sans rendez-vous, ou P(;-= S = et done Y sont 

perlodlques en g" , de perlode 2 n, : la meme lol de poussee est appllquee a chaque 
revolution. 

Lorsque (339' est utilise, les formulas de perturbation (336) devlennent : 

dc^/dB = ^ Y^(pJ'/pJ=(yVp,)^ ^rf''=(VV^ 

OU Br-'^ifie'est une matrlce symetrique 6X6. Done, par Integration de BoS . on 
obtrent ' 

Ac| = £j^ _ ^ pT ^ (340) 

^ = J (V /pj, ^ 0 (341) 

est une natrice symetrique 6X6. 

Le cout est obtenu par integration de (337) :• _ 

j AT = Tj. = (i/z )j Vr :(j/z)\ P ^ =\Vl)p p’^( 34 2 a) 

\ ^C:. Cj= it ^ cdE . ( 342b) 

Co 

Pour les systemes PL, (341) fournit alseraent la matrlce Cr , car ^ ’ fy et 
les elements de ,3 sont des polynomes en ,c-0s£^ et eventuel foment B . Comme la 


Pour les systemes PL, (341) fournit alseraent la matrlce dr , car ^ ’ fy et 
les elements de ,3 sont des polynomes en ,c-0s£^ et eventuel foment B . Comme la 
matrlce £ ne contient pas p , le systeme (340) est lincaire par rapport aux Inconnues 
(composantes non nulles de“l'adjoint orbital et variations non imposees des elements 
orbitaux). Par exemple, s1 toutes les variations des elements orbitaux sont imposees, 
1'inversion de (340) conduit a ;■ 

p = G 


et (342a) donne 


AJ = (4a ) Ai}’’ 


Le cout est une forme quadratique des variations des elements orbitaux. Le 
probleme est completeroent soluble analytl quement (e'etait un probleme 11 neai re-quadra- 
tique). Pour un transfert sans rendez-vous ( Pj- * 0) en un nombro entier f.| de revolu- 
ti ons { - Be ' 2 fv'll ) , (343) se simp) 1 fie en : 

AJ = [y^iSp_ . < 3'*'*> 

Pour les systemes VEC, les points de commutation, ou les extinctions ou 
reallumages se produisent, sont donnees par ^ 1 , ou encore- 4 ,, soit : 

4Z, pj- = J 2 . pj - Y p k P ~ d-ecerB , 

Pour un transfert {fj- “ 0), 11 y a Au plus six solutions en t , done trois 
AMAX ou impulsions par revolution. L’integratlon sous forme explicite de (341) sur les 
AHAX ( 7* = Vi«„„) est qeneralement ironosssihio j rA.,«D ho ij p>-sce''cc do P,. a:; denomina- 
teur de 1' 1 ntegrande. L’inversion de (340) est egalcment difficile, car * contient £ . 
Le probleme ne peut etre resolu analytl quement que dans un nombre limite de cas. Deux 
exemples sont donnes ci-dessous. 
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1 - Modification ijifinHesi_iii^l£ optimale du demlj^gran^ axe 

La seule composantc de P qui ne sol t pas necessairenent nulla cst Pa. . 
L'expresslon (338) montre alors quc'lc “priraer vector" ^-^pa'^ est proportionnel a la 
vltesseT^. La loi de poussee optimale est tres simple (Fig. 45'. 

Pour un systeme ¥EC, Aa/ w Y«t„y et AC/A/ytyia* peuvent etre exprimees sous 
forme parametrique en fonction de I'anonalie excentrique du point de commutatlon,/^^, 

2 - Transferts opt1nauj<,_mul ti^lmpul slonnel s , entre orbite^ ^uasj_ ci£c^1^i£e£, 

Jr'ocHe? 

Pour un tel transfert, defini sur la Fig. 46a, 11 est possible de prendre & = 
0 , et 1e "primer locus" C'P) est une ellipse (Fig. 46b). Si 1e transfert prend plus 
d'une revolution, cette ellipse doit se trouver a I'interieur de la sphere de centre 
tMi et de rayon i. Les points de contact avec ^ correspondent aux points d impulsions 
sur I'orbite (Fig. 46c). II y a quatre types de solutions : I, II, III et 1' ; les types 
in et r sont singuliers (J>v- D- Le donaine accessible avec la vitesse caracterls- 
ti que AC peut etre represente par ses sections Aa.- constante dans 1‘espace tridimen- 
sionnel Ae^ , Aa^ , Aj. (Fig. 46d). 
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5.6.2.2 - Transferts de duree i ndi fferente (systemes VEC) 

Dans ce cas les transferts entre parabolas sent theoriquement de cout nul, 
puisqu'ils peuvent etre realises a I'alde d'impulsions infiniment petites, appliquees 
infinlment loin ; 11 est done possible de separer les phases elliptique et hyperboHque 
de tout transfert. II reste done trois problemes : 

1 - 1'acqui sition optimale du niveau parabolique (c.a.d. n'importe quelle parabola) a 

partir d'une ellipse ou d'une hyperbole (et inversement) ; 

2 - les transferts ellipse-ellipse ; 

3 - les transferts hyperbole-hyperbole. 

four les trans.erts de type 2, toute poussee peut etre decomposee en parties 
appliquees au cours des revolutions successives. On rendez-vous eventual ne coflterait 
pas plus que 1e transfert correspondant. Cn effet, 11 serait suffisant pour le realiser, 
d’attendre, par exemple, assez longtetnps sur une orbite i ntermedi ai re tres proche 
de I'orhite finale. Dans cette theorie, on peut se contenter d'utiliser 1'etat orbital 

redui t 'f ” [ (iK “ 1. 2.5), en laissant de cote le sixieme element orbital, 

uti le seulement pour les rendez-vous. 11 est egalement commode de prendre la vitesse 
caracte ri sti que C comma variable de description [11, 14]. 

Les formulas de perturbation (335) deviennent ; 

^ /dC - k(^ h , 

ou K est la matrice de perturbation reduite 5X3. v /./ 

“ Les commandes sont la direc'tion de poussee 2~-/^ (matrice 3X1) et 1 ' ano- 
malie vraie T [11, 14], car i1 est toujours possible d'attendre sur I'orbite 6'scu I a- 
trict O jusqu'a ce qu'une position convenable soit atteintc. L'harai1tonien est : 

= f W = f 5 ^ = fx ^ ^ _ 

ou est le "primer vector". M est maximum pour ^ /P\/ et alors pour la 

valeur "qui assure le maximum absolu de la function p^fu-).”Un changeroent brutal du 
point de fonctionnement est une commutation. La reticence entre deux (ou plusieurs) 
points de foncti onnement -v:;*, correspond aux arcs si ngul iers alternatifs (ASA) qui 

ne sont jamais optimaux (la condition necessaire ( 332) 3e Kel ley-Coritensoii" n'est pas 
remplie). a 

Lorsque la dimension du probleme le permet, cette maximisation de U peut etre 
effectuee en considerant le domai ne de manoeuvrabi 1 i te SZ>(<)), e'est-a-dire le domaine 

de I’espace "hodographe" ( . /clqf/dO' obte"nu en dj^nnant aux commandos 

P , V" toutes les valours possibles, pour une valour fixeo de 0 (voir paragraphe 
4.1.4). Par exemple, dans le cas d'un transfert entre orbites elliptiques cool anai res ,■ 
d'orientation indifferente (Fig. 4?), 1'etat orbital peut etre defini par C. ct 4 
a(l_e’’)W (demi-petit axe) seulement, et le domaine de manoeuvrabi 1 i te JD est la rigion 
a quatre pointes representee en grise sur la Fig. 47b. Le point optimal de fonctionne- 
ment (V'',ar*) est necessai rement choisi dans 1' i ntersec ti onde cS) et de son 
contour convexe'9uiit'2)( rectangle P* P~ A~ ), e'est-a-dire parmi les quatre pointes 
p*-, A* , P' , A~ > dui correspondent a ir=C> ouTl et (i ndependamment) (^ * 0 ou TE. 
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Fig. A7- Transfert entre orbites elliptiques, coplanaires, d'onentation indifferente. 
a) notations ;b} domaine de manceuvrabiUtd: 

cieldC :z {b/na^)r^.o yy i'm'f'-t (tes ir-r cob £)co^ ‘f' J 

dbldc Z. {'ifn)fes>n-&-sid'Y -f [2te(af.i3--<.o5£:)Jtos'['j 

^ c) transfert bi-elliptique 



La "''■issee dolt done ctre appliqufie seulement au pericentre ou a I'apocentre 
et larigetitiellament vers I'avant ou vers I'arriere. Le choix de la “pointe" de fonc- 
tionnement depend du signe de p«fct pj, . Les commutations peuveiit etre etudlees a I'aide 
du systeme adjoint. II peut ctre montre que le transfert optimal appartient a la 'imille 
des transferts Pi-cl 1 i pti ques (rig. 47c) et la conparaison directe de > couts jc tels 
transferts (le cdut depend d'en paranetre, la distance de I'apocentre i iitermedi ai re A ) 
montre que le transfert optimal est soit de type llohmann soi t bi parabol 1 que (Fig. 48). 
Entre cercles, le rapport de rayons limite est ■'tfl'ic - 11,94. 

Bien d'autres resultats analytiques sont disponibles dans le cas de la duree 
indifferente [19], en particulier pour les transferts entre ellipses coplanaires ou 
coaxialcs et les transferts entre hyperboles. 

Par contre, 1'etude des tansferts de duree fixee necessite le plus souvent une 
approche numerique. Cependant, 1'etude analytique peut etre poussee asset loin dans le 
cas particulier ci-dessous. 

5.6.2.3 - Transferts a temps fixe, a grand nombre de tours . entre orbites 
elliptiqucs (systeraesPL) 


Le nombre N de revolutions du vehicule autour du centre attractif est suppose 
grand. II est alors possible d'utiliser une methode de "moyenne''. On calcule tout 
d'abord le cout elementaire pour une revolution par la formulc ( 344) (dans laqu^le 

1'homogenei te a ete preal ablement restauree). On choisit ensuite le trajet optimal 
dans I'espace d'etat orbital reduit, de fagon a minimiser le cout total : - 

t'fi 

Les, re sul tats principaux de cette approche sont :■ 

1 - le cout 'J est une function linlaire du temps t ; _ 

2 - I'energie £ •= (V'/z. ' - ( u/vj de I'orbite osciilatrice O est une fonction 

quadratique du temps ; ' 


3 - 


pour un choix conven<.>-Ie des axes, le systeme differentiel des trajectoires opti 
males prend la forme si-lilc suivante :■ 

M, j dd =: U'i(J hnU) SnViL , 
fM/d& C 


- (J/5 )■/' ^*( 2 ^ *'► 1^447 , 

d est un "o.eudo-cemps". (p - IWc,\r.y<. ^ et-^est une constante. 

La Fig. 49 montre un exempli dc trajectoire optimale en forme de spirale. 



Fig, Ab -DiiMSsion du type de transfert. Fig. 49- Projection de la trajectoire de 

transfert siir ie plan de Og. 


/ ■ 7 - Rai.AKX-vuus 1 nterpi ane tdl res 


Oans cc cas, le champ dc g>-avitation est tres comple.'.e. II res ite de 

1 attraction du Soleil el des planetes du systeme solaire. Le probleme d'optimisation 
est generalement simpHfie en negligeant I'attraction des planetes pendar.t la phase 
i/elioeentriqiic du rendez-vous et I'attraction du Soleil et des autres planetes dans 
chaque phase pi and tocentri que, et en raccordant les differentes solutions "chamn 
central' alnsi obtunues. 
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Le passage au voisinage d'une planete ou d'un satellite naturel peut donner 
lieu a un effet de “trenplin* . qui peut etre utilise pour 1'optimisation. 

■four ITs sy Sterne s de propulsion "inpul sionnel s", le transfert de Hohnann 
(Fig. 41) est encore le transfert optimal bi-impulsionnel entre deux planetes massives 
sur des orbites circulaires et coplanaires. Chaque impulsion doit etre appliquee aussi 
pres de la surface de la planete que possible. 

La propulsion electrique (Fig. SO) est particul ierement interessante pour les 
voyages vers les planetes lointaines. 




Fig. 50 - Rendez-votn Terre - Mars. [ ihj 

a) trois exernpies de rendez-vous correspondani d une durie hdiocentrique to — iours — 6 mois 
b) coOt de la phase hitiocentrique en fonction de la date du dibut de cette phase 


CONCLUSlOH 


Nous esperons que cet expose introductif aura tonvaincu le lecteur specialiste 
de mecanique du vol mais non necessairenent specialiste d'Astrodynamique, que 1'etude 
des trajectoircs spatiales est plus simple qu'il n’y paraft. Le modcle de depart est 
simple : les forces d'attraction newtonienne sont bien connues, certainement mieux que 
ne le sont, en general, les efforts aerodynamiques qu'il doit egalement introduire dans 
ses calculs. Le problene se ramene finalement a la resolution du systeme differential 
non lineaire, alors que le necanicien des fluides doit faire face a des systeracs d'equa- 
tions aux derivees partielles complexes. La theorie des perturbations repose sur une 
metliode classique de variation des constantes. Cela nc veut pas dire qu'il ne subsiste 
pas des difficultes, comma, par exemple, I'etude du comportenent a long terme des solu¬ 
tions, 

Cet expose a ete volontairenent Unite aux aspects les plus fondamentaux pour 
I'etude du nouveraent, naturel ou coitrole, des satellites artificials. Des problemes 
importants n'ont pas etc abordes : problene des 3 corps, aspects relativistes, aspects 
stochastiques, navigation et trajectographie, guidage et pilotage. L'accent a ete mis 
sur 1‘approchc analytique, plus que sur 1'approche numerique. O'autres exposes de cc 
Symposium -voire de Symposiums futurs- conbleront cette lacunc. 

Cependant la portee des raethodes exposees depas'e largement le cadre de 
I'etude des trajectoires spatiales. Les fornalismcs newtonien, lagrangien et hamiltonien 
sont evidemnent applicables a d'autres problemes d'astrodynanique ou, plus generale- 
ment, de mecanique :■ par exemple, mouvenent d'attitude (y compris dans le cas de satel¬ 
lites "flex'bles", si une iiiodeiisation de type masses + ressorts + dashpots,ou une 
approche modale,est utilisee). Le Principe du Maximum de Pontryagin peut egalement 
servir a resoudre des problemes de commande ou de controle d'attitude, ou d'optimisation 
de trajectoires de lanceurs ou de vehieules de rentree. 

Cette "introduction aux trajectoires spatiales" a presente quelques outils et 
quelques exemples d'application. Elle ne se congoit que par les prolongenents qui 
pourront lui etre donnes. 
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RESUME 

Depuls de nombreuses annAes, le CNES est impliquA dans les pcoblgmes de calcul 
d'orbite. A I'orlglne ces 6tudes ont 6t6 men6es dans un but cxpdrimental. Puis elles 
ont 6t6 affluxes pour des besolns opArationnels concernant les satellites en orblte 
basse, gdostatlonnalres et les sondes interplan6talres. Plus rdeenunent, le CNES a 
entreprls, en coopdratlon avec la NASA, I'dtude d'un satellite, TOPEX-POSEIDON, destlnd 
A dtudier la circulation ocdanlque. L'emploi d’altimdtres embarquds trds prdcis (5 cm) 
Impose une ddtemination d'orbite dgalcment trds prdcise (de I'ordre de quelques 
centimetres sur 1'altitude). 

Cet article prdsente quelques aspects des techniques modernes de determination 
d'orbite. 

Le probldme des satellites artificiels de la terre s'apparcnte, en premidre 
approximation, au probldme A deux corps. En fait, le corps central principal (la Terre) 
ne peut Atre conslddrd comme une sphAre homogAne et riglde. La difference principale 
est son aplatlssement, les plus faibles sent les Inhomogeneites dans la distribution 
des masses A I'intArleur de la terre. De plus, ces irregularites varient avec le temps 
A cause de l'61astlcit6 et de la viscosite (hypothese de Love) du corps central qui se 
trouve dans le champ gravitationnel d'autres corps cAlestes (Lune, Soleil). 

La trajectoirc du satellite est dgalement perturbde par des forces d'origine non 
gravitationnelle. Les premiAres determinations d'orbite effectuAes A la division 
Mathematiques Spatiales du CNES ont pris en compte le freinage otmosphArique afin de 
prAvoir 1'evolution des trajectoires des satellites en orbite basse. 

De nos jours, d'autres effets non gravitationnels sont A prendre en compte dans une 
modeiisation dynamique rAaliste pour des applications requArant un calcul d'orbite de 
plus en plus precis (TOPEX-POSEIDON). 

Un satellite artificiel de la terre peut Atre considArA comme un dAtecteur de 
forces dans I'environnement spatial. Ainsi le principe fondamental de la dynamique pout 
Atie appliquA. L'acceleration rAsultante du satellite dans un rAfArentiel inertiel est 
Agale A la sommo de toutes les forces (par unitA de masse). L'extrapolation d'orbite 
consiste A rAsoudre cette Aquation diffArentielle du deuxiAme ordre A diffArentes 
Apoques, A partir d'une position et d'une Vitesse initiales. 

Historiquement, du fait de la faiblesse des moyens de calcul algAbriques ou 
numAriques, les "raAcaniciens" ont essayA de dAvelopper des mAthodes de resolution 
analytiques qui transforment les Aquations classiques de la dynamique en un nouveau 
systAme d'Aquations diffArentielles plus faciles A intAgrer. Dans ce type de 
transformation de mAcanlque cAleste, on applique la mAthode gAnArale des perturbations 
A la solution keplArlenne trivlale. Les calculs sont dAveloppAs Jusqu'A un certain 
degrA de coraplexitA qui donne le niveau de precision de la solution du mouvement 
orbital. Lorsque I'on recherche une solution de precision AlevAe, ces mAthodes 
analytiques sont maintenant abandonnAes au profit de mAthodes d'integration purement 
numAriques des modAles de forces les plus rAailstes. 

La determination d'orbite consiste A comparer les solutions numAriques du systAme 
diffArenticl dynamique aux observations fournies par les systAroes de poursuite de 
satellite (raesures angulaires, de vitesse radiale, de distance ...). Cette comparaison 
permet d'araAllorer la connaissance des conditions initiales de la trajectoirc et de 
certains coefficients empiriques utllisAs pour combler les pctlts Acarts entre la 
rAalitA et la modAlisation des forces. Cette amAlioration est obtenue A I'alde 
J'algorithmes d'ajustement gAnAralement basAs sur la mAthode des moindres carrAs ; en 
fonction de 1'application, on a recours ou filtrage de Kalman ou A des mAthodes 
globales de moindres carrAs. 

ABSTRACT 

For many years, CNES has bCisn involved in orbit computation. At the beginning 
these calculations have been made for experimental purposes. Then, they have been 
improved for operational projects such as low earth orbiting satellites, geostationnary 
satellites and interplanetary probes. 

More recently, CNES has decided to work (in ccllabcraticr. with 'JS.A) on TOPBX-POSRinON 
project which is realized for oceanic circulation determination. The use of a very 
accurate (5 cm) on-board altimeter requires a very accurate orbit estimation (some 
centimeters on altitude). 

This paper presents some aspects of modern technics of orbit determination. 
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Eorth artificial satellites problem corresponds theoritically to the restrained 
two-body problem. In fact the main central body (the Earth) cannot be considered as an 
homogeneous rigid sphere. The main difference is the oblateness of the Earth and the 
least ones are the irregularities in mass distributions inside the Earth. Furthermore 
these irregularities are time dependant because of the elasticity and viscosity (Love 
hypothesis) of the central body which is in the gravitational field of other celestial 
bodies (Moon and Sun). 

In the same way, the satellite is also perturbated by non gravitationnai effects. 
First orbit determination computed at ONES space mathematics division toolt into account 
atmospheric drag effects in order to predict the evolution of low altitude satellites 
trajectories. Nowadays, others non gravitational effects must be considered in a 
realistic forces model for applications requiring an even more accurate orbit 
determination (TOPEX-POSEIDON). 

The Earth artificial satellite can be considered as a forces detector in spatial 
environment. Then the fundamental principle of the dynamics can be applied. The 
resulting acceleration of the satellite in an inertial reference frame is equal to the 
sum of all forces (per unit of mass). Orbit extrapoJation consists in solving this 
second order differential cq-aation at different epochs from initial position and 
velocity. 

Historically, because of poor algebraic or numerical mean of calculation, 
mechanicians tried to develop analytical resolution methods which roughly transform tlie 
classical equations of dynamics into a new differential equations system easier to 
integrate. In this )cind of celestial mechanics transformations, we apply the general 
perturbations methods to the trivial Iceplerian solution. Calculations are developped up 
to a certain order of complexity which gives the level of precision of the orbital 
motion solution. For high precision solution, these analytical methods are today 
abandonned and replaced by purely numerical integration of the most realistic forces 
models. 

Orbit determination consists in comparing the numerical solutions of the dynamic 
differential system to observations provided by satellite tracking systems (angular, 
radial velocity, range ... measurements). This comparison allows to improve the 
knowlegde of initial conditions of the trajectory and some empirical coefficients used 
to fill up the small discrepancy between reality and forces modelisation. This 
improvement is achieved by fitting algorithms generally based on least squares 
methods ; depending on applications, Kalman filtering or global least squares metliods 
ore implemented. 

INTRODUCTION 

La localisation des satellites est rendue ndeessaire par le besoin de : 

- pointer sur eux des antennes dc co,mmunication ou de localisation, 

- pr6voir l'6volution de la trajectoire sous 1'action des acc616rations 
perturbatrices, 

- contrOler leur orbite (manoeuvres) afin de rdaliser Ics objectifs de la mission. 

La rdalisation de ces tSches est possible avec une precision de I'ordre de 
quelques centalnes de radtres, obtenue ais6mont grace a une rood61isation simplifide des 
forces. 

Pour certains satellites, la rdusslte de la mission naccssite une plus grande 
pr6cisicn de localisation. Cn pout citer : 

- Le positionneraent de balises terrestres (GPS - DORIS). La pracision de cclui-ci 
est directement fonction de la pr6clslon de la localisation du satellite. 

- La localisation de vehicules terrestres, adriens (GPS). 

- L'altimdtrie ocOanique ; I'altiraatrc est tr6s utile pour l'6tude de la circula¬ 
tion oc6anique (courants, tourbillons ...), A condition de connaltre I'altitude 
du satellite avec une pr6cision comparable 4 celle de 1'instrument lui-ra6me. On 
vise pour les annies 90, un ordre de grandeur de 10 cm (TOPEX-POSEIDON). 

- La cln6matique terrestre. II est possible, en suivant le mouvement d'un rdseau 
de stations de poursulte terrestre par rapport 4 1'orbite inerticlle d'un 
satellite, de raesurer les lrragulorit6s de la rotation terrestre (STARLETTE, 
LAGEOS). 

Comme nous venons de le voir, la prdcision requisc par certaines missions est de 
I'ordre dc quelques mfttres, voir quelques centim6tres. II est alors ndcessalre dc 
mod61iser bcaucoup plus flneraent les forces ogis.sant sur )e satellite, ot psrfcls 
d'eloboiur des modeies adaptb.i a chaque type de mission (prise cn compte de la 
gdomdtrie et de 1'attitude du satellite...). 

Ce type de calcul d'orbite psrmet parfois, cn re'.our, d'amdliorcr les modules de 
forces (potentiel terrestre, density atmosphferique...). 
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1. PRIHCIPE DO CALCUL D'ORBITB 

On dispose d'un module dynaralquc de 1*Evolution de la trajectolre du satellite, 
plus ou moins coniplexe en fonction des objectifs de la mission, mais toujours entflchS 
d'crreur. 

II est done necessaire de recaier la trajectoire prddite par rapport A des mesures 
de localisation (distance, angulaire, doppler, laser ...) a I'aide d'un algorithme de 
filtrage numarique de type molndres carr^s ou Kalman. 

L'6valuatlon do la pr6clslon de restitution de la trajectoire est dfelicate, faute 
de critare absolu. 

On a done recours, on phase d'analysc de mission, a des analyses de covariance ou 
a des simulations. 

En phase opdrationnelle, il exlste plusieurs techniques souvent compiamentaires 
comme : 

- ^'analyse des rdsldus (mesure observde - mesure calculde) par le calcul d'dcart- 

types, le trac6 d'histogrammes_ 

- L'atude des recouvrements : la valeur des hearts observds sur la pariodc de 
recouvrement de deux dphamandes provenant de deux calculs d'orblte dacalds dans 
le temps denne une estimation de la praclsion de ces calculs. 

- Les comparaisons d'orbites calcul6es avec dl£f6rents types de mesures ou 
diffdrents logiclels. 

2. QUELOUES EXEEPDES DE CAC.CUI, D'ORBITE 

Le CUES dispose d'un rdseau 2 GHz de 4 stations, Aussaguel, Klrona, Kourou et 
Hartebeesthock permettant d'effectuer trois types de mesures, distance, avec une 
precision de I'ordre de 10 matres, doppler, avec une pracision de 0,3 Hz (correspondant 
a une pracislon de 2,5 cm/s sur la vltesse radiale) et angulaire (0,05*). Ce raseau 
sort a calibrar le mat6rlcl et les logiclels utilisas pour le calcul d'orblte de 
satellites gdostatlonnaires comme TELECOti lA, 1C ou TDF grace a des car.ipagnes de 
mesures spadfiques. La precision obtenuc est de I'ordre de 20 a 40 m (max.). II est 
agalcmcnt utlllsa pour les satellites hailosynchrones d'observation de la terre, comme 
SPOTl. L'orbite oparatlonnclle est calcuiac avec une pracislon de 100 a 150 m (max.), 
des campagnes de calibration permettent de dcscendre a 15 m (max.). 

La mise d poste do satellites gaostationnaires est raslisae a I'aide du raseau 
CNES 2 GHz compiata par les stations de Malindi (ESA), Goldstone et Canberra 
(DSN/NASA). Les objectifs de pracislon sent de 110 m sur le demi grand-axe, 9.10"5 sur 
1'excentrlclta, correspondent a 2,5 km le long de la trace, pour le premier apogae, et 
40 ra sur le 1/2 grand-axe et 1 km le long de la trace pour le quatriame apogae. 

Le raseau TRANET comportant 3 stations CKES (une vlngtalne de stations au total) 
permet d'effectuer des mesures de type Doppler avec une pracislon de I'ordre de 
0,3 cm/s. 

Lors de la campagne MERIT, les mesures rocueillies par 20 stations ont ata 
utilisaes pour calculer l'orbite du satellite N0VA3. Les residus en fin de traiteraent 
so.it de 0,5 cm/s et la trajectoire est daterroinae avec une pracislon de 2 a 5 m (max.). 
Plus racemment, les 3 stations TRANET du CNES ont donna, pour le satellite altimatrique 
GEOSAT des rdsidus de 0,6 6 1.3 cm/s et une pracislon de 15 6 20 ro (max.) sur la 
trajectoire. Une des explications d la moins bonne quallta des rdsultats est la 
couverture moins compiate de l'orbite avec seuleroent 3 stations. 



Figure 1 : Le sgstime DORIS 
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Les inesures distances de type LASER sent parmi les plus pr6cises d I'heure 
actuelle avec un bruit de mesure dc 1 d 3 cm pour les stations les plus modernes. Des 
calculs d'orbite pour des arcs de 5 a 30 jours avec les satellites STARLETTE et LAGEOS 
conduisent d des rdsidus finaux de IS d 30 cm (d 1 sigma) et une precision de 2 d 5 m 
(max.) sur la tiajectoire. 

Un nouveau type de mesurcs sera bientot utilisd ou CNES : les mesurcs DORIS, de 
type Doppler bifrdquence (400 MHz - 2 GHz) done la specification do precision est de 
0,3 mm/s. Le rdseau coiiiportera d terme 50 ballses d'orbitograpbie (34 d ce jour) 
assurant une tr6s bonne couverture geographique. La nise en oeuvre probatoire de ce 
systdme consiste d embarquer un instrument DORIS d bord du satellite d'observation de 
la terre SP0T2. L'emploi d'un nouveau rooddle de potentiel (GEH-T2 ou GR1M4) et une 
meilleure moddlisation des forces de surface doivent permettre d'atteindre I'objectif 
de precision de 5 m le long de la trace. 


L'instrument DORIS sera ensuitc erobarque sur le satellite altimetrique TOPEX- 
POSEIDON d’observation des oceans. Ce satellite enbarquera dgalcment deux altimdtres de 
grande preci.slon (10 cm). Plusieurs centres seront charges du calcul de I'orbite 
precise avec un objectif de 10 cm en radial : le GODDARD SPACE FLIGHT CENTER (GSFC - 
NASA) avec le logiciel GEODYN, I’Universite du Texas (UTEX) avec UTOPIA et le CNES avec 
ZOO.M. Outre les mesures DORIS, des mesures LASER, GPS et TDRSS seront egaloment 
utllisecs pour les diff6rents calculs d’orbite, precise et opeiationnclle. 


Un nouveau type de calcul d'orbite fait I'objet d’etudes : la navigation 
embarquee. Elle consiste e effectuer les traitements A bord du satellite. La puissance 
de calcul est done limitee et impose de rccourir a un moddle dynamique simpllfie. 

Un premiere etude concerne un navlgatcur DORIS embarque, avec un objectif de 
precision de 500 m, qul pourrait servlr par exemple au pointage du telescope PASTEL de 
communication optique. 

Une autre etude est relative A l’emploi des mesures pseudorange et pseudorange- 
ratc GPS A bord de la navette HERMES. Des simulations ont permis d’Avaluer la precision 
A 25 ra et 4 cra/s (3 sigmas), cette precision etant atteinte au bout d'une revolution . 

3. LES PERTURBATIONS 


Les orbites des satellites artificiels prochos de la terre obAlssent en premiAre 
approximation aux lois de Kepler mais ellcs sent fortement perturbAes et instables sous 
1'action des perturbations. II esc done nAcessaire de modAliser ces perturbations pour 
calculer des trajectoires de satellites de plus en plus prAcises, ceci afin de rApondre 
A des besoins de localisation de plus en plus fins. 

On distingue deux grandes families de perturbations. Les perturbations d’origine 
gravitationnelle qui ne dependent ni de la geomAtrie du satellite, ni de sa masse comme 
la non sphArlcitA du potentiel terrestre, les phenomAnes de marAes terrestres et 
ocAaniques et les forces o’attraction do la luno, du soleil et d'autres planAtes du 
systAme solaire. 

Les perturbations d'origine non gravitationnelle comme le freinage atmospherique, 
les pressions de radiation solaire directe et indirocte ct les manoeuvres de contrOle 
d’attitude et de maintien A postc. 


On assimile Agalement A une force porturbatrice une Aventuelle acceleration 
compiementairc d’entrainement due au choix d’un r6f6rentiel d’integration non inertiel. 

3.1. LE POTENTIEL DE GRAVITATION TERRESTRE 

Les interactions de type Newtonien crAent des accelerations gravitationnelles 
dArlvant d’un potentiel de la forme : 



avec rps ■ distance entre P, point AlAmentairc de masse dm et S, position du 
satellxte 


la somme Atant Atendue A toutes les masses. 

1 

- • f(0P ; OS) peut Atre dAveloppA en polynAmes de Legendre et le potentiel 

i’ps exprime cn coordonnAes sphAriques A condition de concentror toutes les 
masses attractives dans une sphAre ou le satellite no rentrerait jamais. Cela n'est 
possible qii’ee sApsrc.st Is potentiel grovicacionnei en deux composantes, terrestre et 
iuni-solalre. 

La Terre n’Atant ni sphArique, ni homogune, elle ne pout etre considerAe comme une 
masse ponctuelle A I’extAricur d’une sphArc la contenant. 
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Le d^veloppemcnt du potentiel terrestre en harmoniques sph6riques conduit & 
1'expression : 

§ MT » n Qq 

U (r,X,c) - - I E (-)" Pn^ (sin<f )(Cnk cos kl + Snk sin ki ) 

r n*0 k-0 r 

1 dsCx*-!)" 

avec Pn : polynSnes de Legendre Pn<x) --— 

2 n! dx” 


Pnk : fonctions de Legendre Pnk ■ 


d^'PnC X) 


My : nasse de la Terre 

ae : rayon Equatorial de la Terre 

r, 1 , ^ : coordonnEes sphEriques du point S extErieur E la Terre (dans un repEre 
terrestre). 

3.1.1. PARTIE STATIQUE DU POTEHTIEL TERRESTRE 

Les coefficients C^k et Snk sent des fonctions du teaps E cause de la non station- 
naritE de la rEpartltion des masses terrestres qui est due : 

- aux marEes ocEanlques, 

- E la rEponse Elastique de la Terre aux potentiels perturbateurs extErieurs 
(marEe terrestre), 

' E des p)>EnomEnes gEophysiques internes. 

Cette non statlonnarltE est cependant faible ct les valeurs des coefficients de la 
dEcomposition Cnk't) et SnkCO restent aisez voisines des coefficients moyens : 


-- r 

T Jo 
1 rT 
T Jo 


Cnk<t) dt 


Snkd) dt 


II est done lEgltime de s'intErcsser E la "partie statique du potentiel 
terrestre”, e'est E dire au potentiel fictif dont la dEcomposition dans Ic repEre 
terrestre aurait pour coefficient : 

Cnk' Snk 

Les marEes terrestres et ocEaniques seront prises en compte sous forme 
d'incrEmen''s de coefficients du potentiel terrestre, variables dans Ic temps : 
flCnk(t), ESnkCt) 

II est possible do dEfinir des coefficients norraalisEs Cic,, Sic avec : 

Cno “ “ \/21 ♦ I Cio 


Cr.k \l (1 - m) ! (21 ♦ 1) x 2 / Cj-, \ 

Snk ■ V- [ ) 

' (1 + n) : ' ' 


Le systerac d'axes du repEre terrestre par rapport auquel sont dEfinis les coeffi¬ 
cients de potentiel est dEflni par : 

- une origine en 0, centre de grovitE de la Terre d'ou : 

ClO ‘ Cii - Sii « 0 

- I'axe Oz est asslmllE E I’axe principal d'inert'e d'oO : 

C21 • S 21 - 0 

En fait le p61c d'lnertlo n'ost pas fixe sur la croOtc terrestre. 

D'ou introduction du pOlo CIO ou d'un pEle moyen (fixe sur la Torre ct assez 
voisln du pEle d'lnertic) pour la dEcomposition du potentiel terrestre. 

Un modElc de potentiel est done dEflni par des constantes ( Oe J®® 

coefficients Cnp, Snk- 

On pout citer les sErlcs GRIM (GRGS - DFGI) et GEM (GSKC) : GRIM 3, GEM lOD et 
plus rEcemment GEM-Tl GEM-T2. 
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3.1.2. INTERPRETATION PHYSIQUE 

Les termes Cno. sont appel6s hacisoniques zonaux. Ils tradulsent une symOtrie de 
rSvolution par rapport A I’axe Oz (k - 0 done ils ne dependent pas de la longitude). 
Ils sont parfols not^s 3^- 

Le terme en J2 traduit 1'aplatissement des p61cs (R 6quateur - R p6ie « 20 km) 

32 

~ ^2 ^20 sin• - - (3 sin2 ^ - 1) 



Figure 2 ; Haemonique zonal (2,0) 


Le terme en J3 traduit la dissym6trie Nord/Sud de la Terre, celle-ci a une forme 
de poire 


- J3 P30 sin'f 



(5 sin2 - 3 sin ) 



Figure 3 : Haraoniqus zonal (3,0) 

Les termes Cnk. Spk T 0) sont appel^s harmoniques tessereaux. Les tessereaux 
corresponJant A n • k sont appel^s sectoriels et traduisent une forme en "quartiers 
d'orange" de la Terre. 




Figure 4 : Harraonlquo tesseral (9,6/ 


Figure 5 : Hariaonique sec tor lei (9.9) 





11-7 


li faut aoter que le terms principal est Ic terme central ou k6pl6rien 
(Cqo - Jo " 1) tandls que le O2 est de l*ordre dc 10“3 et les autres termes de 1‘ordre 
de 10"^ ou plus petits. 

3.1.3. EFFETS DES PERTURBATIONS LIKES AO MODCLE DE POTENTIEL 

Les coefficients zonaux et tessereaux du potentiel terrestre ont des effets 
s6culdires et/ou periodiqucs sur les 616ments orbitaux qui d6£inissent 1 orbite du 
satellite (figure 6) 



. s6culaires sur u , ft, et M 

. courtcs (= T/2) et longues (= To /2) p6riodes 
T » p6riodo du satellite 
To • p6riode du p6rig6e 

- Les zonaux Impairs exercent des perturbations : 

. longues pSriodcs (» To ) 

. courtcs p6rlodes (= T) 

- Les tessereaux exercent des perturbations : 

. moyennes p6riodes (1 jour ou une fraction de jour) 

. courtcs pSrlodes avec en particuller des phfenomOnes de r6sonanco lorsque la 
p6riode orbitalc du satellite T est un sous-raultlple de la p6riode de rotation 
de la Terre sur elle-Bcn:o (1 jour) : T - Tferre/"- bes harmoniques tessereaux 
dont I’ordre est un multiple de n produisent des ph6nom6nes de r6sonance cotrane 
par exeraple C 22 S 22 pour les satellites gCostationnaires ou les harmoniques 

d'ordre 13, 26, ... ou 14, 28, _ pour les satellites bos comme SPOT ou 

TOPEX. L'observation des resonances est trSs utile pour determiner les 
harmoniques correspondants. 

3,2. LE POTENTIEL LUNI-SOLAIRE 

Interossons ncus maintenant d la dcuxl6mo partie du potentiel gravltationncl 
relative aux effets do la Lune et du Soleil. 

En asslmilant I'astre attracteur d une sphere homogene d I'exterieur de laquelle 
se trouve le satellite, la formulation de NEWTON s’ecrit : 

^ SA ()A 


^ ISAlS |oa13 

avec Mg : Masse do I'astre perturbateur 

S : Position du centre dc gravite du satellite 
0 : Centre de la Torre 
A : CunLi.. du i'astre attracteur 

Dans cette expression le terme en SA/|SaJ 3 repr^sente 1'acceleration effeorivement 
suble par le satellite tandls quo Ic terme en dA/|OA|3 represente cclle quo subit la 
Terre. 


est done blcn I'accdlSration diffdrcntiellc subic par le satellite dans un 
repdro lid au centre do la Terre. 
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Cette acceleration derive d'un potentiel que I'on peut ecrire : 
1 OS 


W 


/ 1 OS . OA 1 \ 

^ ' ioAS3 ■ J 


La constante d'intfegration 6tant choisie telle que le potentiel s'annule A 
I'orlgine (si S est en 0)- 

On peut alors la d6velopper sous la forme : 

r" 


W 


§Ma 


n.2 ’"♦I 


Pn (cos 0) 



Figure 7 : Potentiel luni-solaire 

Cette expression s'applique dgalement aux autres plan6tcs du systdme solaire si 
I'on veut prendre leur effet en compte- 

Ce potentiel est appel6 "potentiel des nardes" car il cr6e des perturbations 
d'orbltes terrestres tnals dgalement des ddformations de la Terre dlastique et de la 
surface des ocdans. 

Le rapport r/o prend, lorsque A est le Soldi, des valeurs de 4.10"5 A 2.10*^ 
pour des orbltes basses d gdostatlonnaircs. 

Lorsque A est la Lune, 11 prend des valeurs de 1,6 10'2 d 10'^ pour des orbites 
basses d gdostatlonnaires. 

Dans le cas des orbites basses ou de I'dtude des mardes on utilise 1'expression de 
W Jusqu'au degrd 2 : 

r2 3 cos^O - 1 


Pour la prise en corapte de la perturbation lunairc sur une orbite gdostationnaire 
on utilise 1'expression de W jusqu'au degrd n ■ 3 : 

5 cos^o - 3 cosO1 


2 J 

Par les ddformations de la Terre dlastique et de la surface des ocdans qu'il 
provoque, le "potentiel des raardes" crde une variation du potentiel terrestro. Ce 
phdnomdne est prls en compte sous forme d’un potentiel perturbateur. du potentiel 
statlque tel qu'il a dtd ddflni prdcddemraent. 

3.3. LE FPOTTEMENT ATMOSPHERIQUE 

Cette perturbation de type non gravitatlonnel rdsulte des chocs des moldculos 
ccmposant la haute atmosphere sur les parols du satellite. Malgrd la felble valeur des 
densitds atroosphdrlques rencontrdes aux altitudes des satellites, ces derniers se 
ddplacent d de telles vltesses (7000 d 10000 m/s) que le prodult dv^ de la densitd 
rencontrdc par le carrd de la Vitesse (gdndralcment proportionnel aux forces 
adrodynamiques) n'cst pas ndgligeablc. 

II en rdsulte une perturbation d'origine adrodynaroiquo : 

- prdponddrante pour les orbites trds basses (200 - 400 km) 

- prdoccupante jusqu'd 1000 km. 

L'cxpression de cette acceleration perturbatrlce est , avec une hypothfese de 
portance nulle : 

1? - - — oCd — iv|.V 
2 m 

avec : o > dcnslte atmospherique 

Cp " coefficient aerodynamique (qui varie entre 2,2 et 2,8) 

S ■ surface de reference 
y - masse du satellite 

V • Vitesse reiaclve du satellite par rapport 6 1'atmosphere 


r2 r 3 cos^o - 1 r 
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Les paramgtres d prendre en compte dans la moddllsacion du frottement 
atmosphgrlque son"- : 

- l'6tat de 1'atmosphere conune sa masse volumique, sa temperature et la masse 
moieculaire moyenne (calcul de la densitA), 

- les positions relatives du satellite et du soleil (densitfe), 

- des parametres physiques d'environnement comne le flux solaire, I'indice 
geomagnetlque (densitd), le taux de superrotation de 1'atmosphere et les vents 
en altitude (calcul de la vitesse relative). 


3.4. LA PRESSION DE RADIATION SOLAIRE DIRECTE 

Cette perturbation presente de grandes analogies avec le frottement atmospherique. 

Elle resulte des chocs entre un flux de photons et la surface du satellite. On 
distingue en general deux composantes : 

- la pression de radiation solaire directc, 

- la pression de radiation solaire rediffus6e par la Terre. 

L’expression de 1'acceleration perturbatrice resultant de la pression de radiation 
solaire dlrecte es'o : 

„ S Lq sa 

K - - k-=- • —::— 

m 4 r |SA|^ |SA| 

avec : 

k ■ coefficient lie aux qualites geometriques et reflcctlves des parols du 
satellite 

S ■ section de choc dans la direction Soleil-satellite 
m • masse du satellite 

Lq • flux lumineux emls par le Soleil par steradian 

SA - vecteur satellitc-Solell 

L'acceleration perturbatrice resultant de la pression de radiation solaire redif- 
fusee est calcuiee A partir des elements de la terre vus du satellite. Elle represento 
environ 25 % de la valeur de )'acceleration due 6 la pression de radiation solaire 
directe. Ses erfets sur I'orbitc du satellite sont cumulatifs. 

3.4.1. EFFETS DES PERTURBATIONS LIEES A LA PRESSION DE RADIATION SOLAIRE 

La pression de radiation solaire n'eitrainc pas de variation seculairc sur le 
deroi-grand axe, mais des variations significatives sur l'excentricit6 et I’inclinaison. 

On observe, pour un satellite sur orbite geostationnaire : 

- un terme s6culatre en inclinaison de 0,9*/an et un terme periodique avec une 
amplitude de 0,0035* a 13,66 jours et 0,023* A 182,65 jours, 

- des termes seculaircs sur la longitude moyenne, et des termes p6riodiques moyen- 
nes et longues pdriodes d'araplitude 0,019*, 

- des termes courtes p6riodes sur le demi-grand axe d'amplitude 965 m, 

- des termes courtes et moyenr.es periodcs sur l'excentricit6 d'araplitude 5.10"5. 

On observe, pour un satellite sur orbite basse de type SPOT (altitude 832 km) : 

- une resonance entre la rotation du plan de 1'orbite et la rotation apparente du 
soleil, 

- une ddrive de 1'inclinaison de 3,34 10"^ digr6s/an qul fait diminuer I'heure 
locale. 

3.5. IMPORTANCES RELATIVES DES DIFFERENTES FORCES 

Le terme central ou "KApi^rien" du potentlel a une Importance pr6pond6rante. Cost 
lui qui donne une forme elllptiqn** A la trejectoire d'un satellite terrestiu. Tous les 
autres termes du potentlel ainsi quo les autres forces ne font que ddformer Idgdrcment 
Cette ellipse et faire tournor son plan. 

Le second tern.e par ordre d'importance dficroissante est le J 2 <3vi traduit I'apla- 
tlssemont do la terre. Son ordre de grandeur est 10“3 par rapport au terme central. 
Tons les autres effets ont des ordres de grandeur inffirleurs ou dgaux 6 10"3 par 
rapport au J 2 done 10"^ par rapport au terme central. 

Le frottement est trOs 116 A I'altitude du satellite ct A I'activitA solaire. 
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Figure 8 : Coapacaison des forces 

La figure 8 donne des ordres de grandeur mais son interpretation est delicate car 
le isoduie de chague force (en dehors du terme central) peut aller de 0 d la borne supe- 
ricure en fonction de la geometrie du satellite, ae son altitude, de son attitude, et 
de so position sur orbite. 


4. LE TRBITEMENT DES PERTURBEiTlONS 

Le calcul de la trajectoire d’un satellite sc fait par integration de 1 'equation 
fondaraentale de la dynamique : 

d2xi . 

— • fi/m (i • 1, 2,, 3) 
dt2 

& partir des conditions initialcs : (1) 

Xi (t • 0) • Xi* 

Xi (t • 0) ■ Xi* ' 

Dans le cac d'un satellite soumis uniquement e un champ newtonien de type 
fi/ia • - pxi/r3 avec r2 ■> £xi2^ la solution est une orbite k6pl6rienne : 


51 ■ a S 4 - u 

5 2 ■ c S 5 » ET 

5 3 ^ i Sg • M - nt ; anomalie moyenne initiale 


le systenie (1) est alors equivalent au systeme : 


dSi 

- . 0 

dt 


i " 1 , 


6 


Dans la r 6 alit 6 , le satellite est soumis d un champ newtonien perturbe ; la force 
principale agissant sur le satellite est celle due au terme newtonien mais 11 faut 
dgalement prendre en compte des terroes compiementaires, ce qui est realisable de deux 
fagons : 

d2xi xj XI 

- - - p - ♦ Ki avec li << p —— ( 2 ) 

dt 2 r 2 r 2 

ou : 

dSi 

- - Pj avec Pi petits (3) 

dt 


La rndthode des perturbations consiste 4 intdgrer le systdrae (3) do preference au 
systdme (2). 


Par centre, une integration numerique du systdme (1) permet en general d'atte<ndre 
une mellleuro precision. 




4.1. L'INTEGRATION NUMERIQUE 

Celle-ci consiste A approxin.“r le systAme : 


n-Il 


y - f(y, t) I 

I oO £(y, t) est dAtermlnAe (4) 

y(to) ■ Yo ) 

par : 

Yn+1 - Yn 

- “ f(yn> tn) oi* I' sst le pas d'Integration 

h 

Le cholx du pas d* integration rAsulte d’un deiicat compronis entre la necessite 
d'une bonne approximation du systAme (4) et la maitrise des problAmes numAriques 
(erreurs de troncature et d'arrondis). 

Les y sont alors calculAs de proche en proche. 

Les algorithmes utilises sont de deux types : 

- A pas s6par6s : le calcul du point n ♦ 1 ne depend que du point n (RUNGE-KUTTA 
par example) 

- A pas lies : le recours A un processus Iteratlf de prediction correction permet 
un meilleur conditionnement numArlque du sys\.Ame intAgre, au prix d'un problAme 
de constitution du tableau initial au dAmarrage du processus (COWELL par 
example). 

L'integration numArlque des Aquations du mouvement est couteuse en temps de calcul 
et les erreurs de troncature et d’arrondis ont un effet cumulatif. On peut remAdier A 
ce dernier problAme A I'alde de fonctions rAgularisantes qui rAduisent artificiellement 
la rapidite de la variation des perturbations par convolution avec une fonction bien 
adaptee. 

4.2. L’EXTRAPOLATION D'ORBITE 

Celle-ci permet de connaitre I’Avolution des paramAtres d'orbite au cours du 
temps, en fonction des perturbations qui agissent sur le satellite. 

II existe pour cela des mAthodes analytiques qui permettent une reprAsentation et 
une interprAtation de chaque perturbation et une dAcomposition harmonique de celle-ci 
de la forme : 

X • Ai + B|t + Et Ct sin ( ( 1 ) tt + -i) 

II est alors possible d'identifier les diffArents paramAtres. 

La somme des dAco'positions harmoniqucs des perturbations agissant sur le satel¬ 
lite donne une dAcomposition du mArae type qui facilite 1’envoi des paramAtres (nombre 
llmitA de paramAtres A transmettre pour permettre A un utillsateur d'effcctuer sa 
propre extrapolation d'orbite). 

II est Agaleraent possible de procAder A une intAgration numArique. Comma nous 
I'avons dAjA signalA prAcAdemment, le point dAlicat de cette mAthode est le choix du 
pas d'IntAgration. Pour un satellite bas comme SPOT, par exemple, on utilise un modAle 
de potential complet de degrA et ordre n^g^- 

La plus petite pAriode des perturbations sera done : 

Tin ' T/nmax T sst la pArlode orbitale 

Le thAorAme de SHANNON impose une valeur maxiraale du pas d'IntAgration, si I'on 
veut que cette pAriode soit observable par I'intAgrateur : 

I'm T 

h < - soit h <- 

2 2 nmgx 

Pour SPOT (T « 100 min) on peut utillser un modAle comme GRIM 3, pour lequel 
"max ” 36, d'oO une valeur maximale du pas de 1'ordre de 80 s. 

Dans la pratique on extrapole une orbite de type SPOT avec un pas h - 1 minute. 

Une trolsiAme mAtl'.ode, mlxte, consiste A Aliminer analytinuement les variations A 
courtes pAriodcs et A intAgrer numArlquement les effets A moyen.'e et longue pArlode. 

4.3. LE CHOIX D'UN REPERE POUR LE CALCUL D'ORBITE 

Un choix oigs 5 iq;.o Q~ .-AcanlquA cunsiste a recherctier un repAre inertiel ; en 
mAcanlque cAleste on peut done calculer une orbite dans le repAre cAleste moyan dAflni 
A une date to (par exemple le J2000). L'IntAgration des Aquations du mouvement est 
alors ImmAdlate mais 1'expression des accAlAratlons est dAllcate dans un tel repAre 
inertiel. De plus 11 nAcesslte un passage des position-vitesse, en fin de traitement, 
du repAre inertiel de calcul dans un repAre terrestre ou cAleste instantanA. Ce choix 
coraplique Agalcment la prise en comptc des mesures entre le satellite et les stations 
terrestres. II nAcesslte un double changement de repAre : 
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J 2000 -- repSre vrai de la date -- rep 6 re terrestre do la date. 

Le programme de calcul d'orblte prdoiso GEODYN du GODDARD SPACE FDIGHT CENTER 
(NASA - Washington) fonctionne selon ce principe. 

One autre possibility conslste A int 6 grer Ics equations du mouvement dans un 
repfere "tournant" : le renero celeste vrai. La prise en compte des mesures est alors 
plus simple mais ce choix necessite le calcul des accelerations d'entrainement et de 
CORIOLIS (dues & la precession et A la nutation de I'axe de rotation de la Terre). Ces 
accelerations peuvent fitre traitees comme des perturbations. 

Le programme de calcul d'orblte precise ZOOM du CNES (Toulouse) fonctionne selon 
ce principe. 


POLE OE L'EaiPTIOUE 



Figure 9 : Mouvement du moment cindtique terrestre 


S. LES DIFFERENTS TYPES DE MESORES 
5.1. LA MESURE DISTANCE 

Son principe est la raesure d'un te.mps de propagation oller-retour. 



Station Station t Station t • t| *12 


Figure 10 : Mesure distance : temps de propagation aller-retour 

II existe plusieurs techniques pour cela : 

- le laser (paquets de photons) 

- le radar (ondes centimdtriques) 

- les mesures par tons (signal defini A x’aide de sous-porteuses) 

Ces dernidres consistent A raesurer en station le ddphasage entre I'onde Amise et 
I'onde regue. 



Figure 11 : Mesure 


taiice par tons 
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La mesure est dat 6 e au top 6 misslon t pr 6 c 6 dant le top de rfiception qui arrfite la 
valeur de la mesure 

La mesure du dSphasage est effective avec une ind 6 termination de 2np (p entier). A 
cette lnd 6 termlnatlon, correspond une ambiguXt 6 dans la mesure de la distance do : 

C 

id - - 

2 f 

La pricision de la mesure est li 6 e A la r 6 solution de la mesure de diphasage 
(fraction r de la pAriode du ton) et A la frAquence du ton : 

rc 

od - - 

2 f 

II est necessaire de trouver un compromis entre lever d'ambiguitA et prAcision. II 
faut done effectuer simultanAment des mesures de distance A I'aide de plusieurs tons de 
frAquences diffArentes : 

- le ton mineur permet de lever I'ambiguitA, par example pour 8 Hz : 

C 

Ad - - - 18750 km 

2f 

- le ton majeur donne la prAcision du systAme de mesure, par example, pour 100 KHz 
d ■ 1,5 km (insuffisant sans le ton mineur) mais pour r • lO"^ od - id . r » 15 m. 

La prAcision de la mesure distance est affectAe par son bruit : 

- laser < 1 m, 1 A 3 cm pour les stations de derniAre gAnAration 

- radar » 10 m 

- rAseau ONES 2 GHz = 15 - 20 m 

et par des biais liAs au temps de transit en station (AvaluA rAguliArement grAce 
A des mesures de calibration) et au temps de transit A bord (AvaluA grace A des mesures 
de calibration avant le lancement, avec un problAme de stabilitA au cours de la vie du 
satellite). 

5.2. LES MESURES ANGULAIRES 

Les diffArentes techniques sent : 

- optiques ! photographie du satellite sur fond d’Atoiles 

- interfAromAtriques : comparaison de phase 

- relevA de la position de I'antenne,, celle-ci pouvant avoir une monture azlmutale 
ou A la cardan. 



Figure 12 : Monture azlmutale 



Figure 13 : Monture de cardan 


Les bruits de mesures sent : 

- optioue : 1 seconds d’arc 

- interfAromAtrique : variable 

- relevA de position d'antenne 

. radar "Bretagne" 0.5 A 1 10"^ rad 
. Antenne STL 4-6 GHz 2 10"^ rad 
. Antenne rAseau ONES HBK 10"3 rad 
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Les biais sent dus au calage des axes mljcaniques (Evolutions pEriodiques at 
sEoulaires), aux Ecarts entre i'axe mEcanique ot I'axe radio-Electrlque et au trainage 
des asservissements. 

5.3. LES MESURES DOPPLER 

L'effet Doppler se traduit par la relation : 

V 

fr - fe (1-> 

C 

entre les frEquences Emise et regue 

La mEthode de mesure est la mEthode "Ouatant” 

On compte & bord du rEcepteur qui peut Etre le satellite ou la station terrestre, 
un nombre Nq de cycles regus entre deux dates tj et t 2 - 

Dans la pratique les frEquences f^ utilisEes (et done les frEquences fj. qui s'en 
dEduisent) sont trop fortes pour qu'il soit possible de compter les cycles regus 
diroctement. On fait done battre la frEquence fr avec une frEquence voisine fg- on 
compte alors les batteraents du signal composE. 

TC 



1 



Frtqiirnrf 3 'nffsurc 

- ( 

r ^ 

3 


:7 



^1 "*? HorloB? fine 


Figure 14 : Mesure doppler - comptage des cycles 

La mesure est done const!tuEe des valeurs : t (dote de la mesure), N (nombre de 
cycles comptEs), Tq (temps de comptage), Zi (premier passage E zEro aprEs I'ouvorture 
de la fenEtre doppler), Z 2 (premier passage E zEro aprEs la fermeture de la fenEtre 
doppler). 

Les mesures doppler peuvent Etre de type : 

- une voie (raontante ou descendante) 




Figures 15 - 16 Mesure doppler une voie (descendante et montante) 

- 2 ou 3 voles 

frEquence fg Emise par une station 1, regue par le satellite, fg (1 - V/C), 
rEEmise avec un facteur Ci : Ci . fg (1 - V/C) et regu par une station 2 : 

V 

fr - Cl . fe (1-)2 

c 

2V 

» Cl . fe (1-) 

C 


satellite 



Figure 17 ; Mesure doppler bi-voie 
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240 

En bande S, Ci ■ - 

221 

5.4. LA REFRACTION ATMOSPllERIQUE 

La plupart des mesures sonC af£ect6es par ce ph6nom6ne qui a pour effet une 
courbure du trajet et I'allongement ou le raccourcissement do celui-ci. 



Figure 18 : La refraction atmospherique 


5.4.1. LA CORRECTION TROPOSPHERIQOE 

L'lndice de rdfractlon de la troposphere est inddpendant de la frequence et 
fonction des conditions m6t6orologiques (pression, temperature, humiditd). 11 existe 
des raodeies de correction tropospherique d’une precision de I'ordre de 4%. 

5.4.2. LA CORRECTION lONOSPHERIQUE 

L'lndice de refraction de 1'ionosphere est une fonction Inverse du carr6 de la 
frequence et du contenu dleotronique. 

Ce dernier est tres complexe e modeilser. Afin de limiter 1'effet lonospherique on 
augments la frequence de travail (2 GHz, 8 GHz, 30 GHz) et on utilise des methodes de 
correction bi-fr6quence (mesure e deux frequences et elimination de I'effet lonospheri¬ 
que au premier ordre, les erreurs sont residuelles). 

5.5. LA MODELISATION DES MESURES 

Les diff6rents types de mesures sont raoddlises sous la forme : 

) • f [X(t + 6t),, X(t + 6t), Xg, P) + bt + bs 


■ date de la mesure 

• erreur de synchronisation et/ou erreur d'estimation du temps de 
propagation 

■ posltion-vitesse du satellite dans le repere d'integration 

• coordonnee de la station dans le mSme repdre 

• paramdtres technologiques 

• bials sur la mesure eidraentaire (lie d 1'instrument de mesure) 

■ blais lids e la position du satellite sur son orbite (refraction 
atmospherique, attitude, correction de la raonture, correction 
relatlviste, ...) 

La scnslblllte de la mesure A differents paramdtres est dvalude grSce aux derlvdes 
partlelles : 


Oc (t + 6t 
avec ! 
t 

6t 

(X, X) 

^s 

P 

bt 

bs 


■ etat d-i satellite 


- station 


- dotation et blais 


30c 

3f 

3x 


3x 

3xo 

30c 

3f 

3x 

3xq 

3k 

3xc 

50c 

3£ 


9Xg 

3 X 3 


30c 

f 

90c 

3t 


3t 
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30c 3bs(Pi) 

- paramStros du module de bo : - >■ - 

at 3Pi 


6. LA RESTITUTION D'ORBITE 

Son objet est la connaissance au cours du temps des positions et vitesses du 
satellite. 

La seule extrapolation d'orbite fournit une precision insuffisante du fait de la 
raSconnaissance des raod61es, d'un pilotage en attitude imparfait et des manoeuvres de 
maintien h poste (comportement des tuyeres). 

La restitution d'orbite consiste A dlaborer des mesures thdoriques entro le(s) 
satellite(s) et les stations sol & partir d'une orbite extrapolde (mesures de type 
distance,, doppler ou angulaire). 

Un algorithme d'estimation permet ensuite de rdduire les dcarts entre mesures 
observdes et mesures thdoriques par correction des paramStres orbitaux, dynamiques et 
de mesuro & I'aide des d 6 riv 6 es partielles des mesures par rapport A ces paramAtres 
(correction diffArentielle). 

Le problAme d'estimation se rAsoud en fonction des informations disponibles et des 
paramAtres A estimer. 

Les informations disponibles sont des informations A priori (dispersions,, con- 
traintes) et les mesures avec leurs erreurs. 

Les paramAtres A estimer peuvent Atre de diffArentes natures : 

- paramAtres d'orbite (bulletin initial) et de modAle dynamique (coefficient 
multiplificatif sur une force 

- paramAtres de mesure (dotation, Acart de frdquence par passage 

- paramAtres de gAodAsie dynamique et semi-dynamique (modAle de potentiel ter- 
rostre ... ). 

Ils peuvent Atre libArAs (analyse de covariance : Atude des corrAlations entre 
paramAtres) ou ajustAs (restitution d'orbite propreroent dite) en tenant compte de 
1 'existence des contraintes. 

Deux grands groupes d'algorj.thmcs sont mis en oeuvre A cette fin : 

- Les moindres carrAs, adaptAs A des traitements en temps diffArAs, souvent implA- 
raentAs sur de gros calculateurs et plutOt rAservAs A des applications de grande 
prAcision. 

- Le filtrage numArique de KALMAN le plus souvent utilisA dans des applications de 
type temps rAel ce type d'algorithrac, pouvant Atre facilement mis en oeuvre sur les 
calculateurs qui Aquipent aujourd'hui les satellites, permet de doter ces derniers 
d'une capacitA de navigation embarquAe, ouvrant la vole A des vAhicules spatiaux de 
plus en plus autonomes. 
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OPTIMISATION DE LA MISE A POSTE D'UN COUPLE DE SATELLITES 
SUR DES ORBITES GEOSYNCHRONEf EXCENTRIQUES ET INCLINEES 
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RESUME 

Un pro jet de systAme de tSldcommunlcatioR 6tudi6 par le CNES est bas6 sur 1'uti¬ 
lisation de deux satellites dvoluant sur des orbites gSosynchrones 24h, excentriques et 
fortement inclinfies, dont les noeuds ascendants sont dficalds de 180°. Pour mettre A 
poste ces satellites, il est envisage de les injector dans un premier temps sur I'or- 
bite de transfert gAostationnaire standard (GTO) d61ivr6e par un lanceur Ariane. Chacun 
d'eux est ensuite transf6r6 individuellement de celle-ci sur son orbite finale. Les 
manoeuvres A deux ou trois impulsions permettant de rfialiser cette seconde phase de la 
raise A poste pour une consommation d'ergols minimale ont 6t6 d6terrain6es par une 
mfithode d'optimisation paramAtrique bas6e sur I'algorithme du gradient projtc6 g6nAra- 
lis6 mis au point A I'ONERA. Dans I'hypothAse oft I'injection prAlirainaire des satel¬ 
lites sur orbite GTO est faite en deux lancements sApar6s, il est possible de realiser 
les deux transferts ultdrieurs par des manoeuvres identiques si la dur6e sdparant les 
tirs est convenablement ohoisie. Si par centre on impose un lancement unique, les 
transferts sont a priori diffdrents et consomment chacun une quantity d'ergols supA- 
rieure. Les manoeuvres optimales ont dt6 dfiterminAes dans les deux cas. 


INTRODUCTION 

La ddfinition d'un systAme de tAldcommunication relayA par satellites impose le 
choix d'orbites bien adaptAes A la zone gAographique que I'on dAsire couvrir. En effet, 
tout point de cette zone doit Atre en visibilitA permanente d'au moins un satellite re- 
lais sous le site le plus AlevA possible pout assurer de bonnes conditions de communi¬ 
cation, mSme en prAsence d'obstacles commo en zone urbaine ou montagneuse. 

Si pour les rAgions Aquatoriales, I'utilisation d'un satellite gAostationnaire 
pormet de templir aisAment cette condition, il n'en est pas de m§me pour les latitudes 
plus AlevAes. Aussi le concept SYCOMORES du Centre National d'Etudes Spatiales (CNES) 
propose, pour couvrir la majeure partie de I'Europe, d'utiliser deux satellites placAs 
sur des orbites gAosynchrones 24h, excentriques et inclinAes, dont les noeuds ascen¬ 
dants sont dAcalAs de 180°. Les traces au sol de ces satellites seraient identiques, 
mais parcourues avec un dAcalage de temps do 12 lieures de fagon A assurer un service 
permanent sur I'Europe. Un site de visibilitA toujours supArieur A 55° pour I'un au 
mo<ns des deux satellites permettrait, dans le cas de communications entre vAhicules 
terrestres, de doter ceux-ci de simples antennes non orientables pointAes verticale- 
ment. 

Pour mettre A poste les deux satellites, il est proposA de les injecter au moyen 
d'un lanceur Ariane 4 sur une orbite de transfert gAostationnaire (GTO) standard. Un 
moteur A liquides rA-allumable permet alors de faire passer chaque satellite sur son 
orbite dAfinitive en deux ou trois phases propulsives. Les deux satellites peuvent Atre 
injectAes sur une mAme orbite GTO A la suite d'un lancement unique, auquel cas les 
transferts optimaux du point de vue de la masse d'ergols consommAe ne seront pas effec- 
tuAs par les mAmes manoeuvres. La seconde solution consiste A injecter les satellites 
en deux lancements distincts (au cours desquels chacun d'eux pourraxt Aventueliement 
accompagner un gAostationnaire). En choisissant convenablement I'intervalle de temps 
sAparant les tirs, on peut toujours faire en sorte que la configuration gAomAtrique de 
1'orbite finale par rapport A 1'orbite GTO de dApart soit la mAme pour les deux trans¬ 
ferts. Par consAquent, les manoeuvres optimales permettant de les rAaliser sont dans cfe 
cas identiques pour les deux satellites. 

Quelle que soit la procAdure de lancement choisie (tirs sAparAs ou tir unique), la 
dAterraination des manoeuvres A deux ou trois impulsions permettant de transfArer chaque 
satellite sur son orbite finale pour une consommation d'ergols minimale est un problAme 
dont on ne connait pas de solution analytique, Atant donnA que chaque transfert s'ef- 
fectue ici entre des orbites qui ne sont ni coaxiales ni coplanaires (1). Co problAme a 
done AtA traitA par une mAthode d'optimisation numArique basAe sur I'algorithme du 
gradient projetA gAnAralisA do I'ONERA, qui prAsente I'intArAt de pouvoir prendre en 
compte facilement les contraintes opArationna) les du problAme, sans avoir a priori >,ne 
idAe do la solution optimale. Les transferts optimaux A deux et trois impulsions ont 
ainsi AtA dAterminAs pour chaque procAdure de lancement. 


ORBITES SYCOMORES (3) 

SYCOMORES est un concept de tAlAcoraraunication entre vAhicules terrestres relayA par 
satellite. Il permettrait d'assurer en permanence un service de haute qualitA sur la 
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plupart de 1'Europe, ou sur toute zone de dimensions et de situation en latitude compa¬ 
rables. II est prdvu pour cela d'utiliser deux satellites remplissant h tour de r61e la 
fonction de relais par pSriodes de 12 heures. Les deux satellites seraient places sur 
des orbites gdosynchrones, excentriques et inclindes caractdrisdes par les paramfetres 
suivants: 


- demi grands axes: 

- excentricitSs: 

- inclinaisons: 

- argiunents de pdrigde: 


ai =• 32 = 42 164 km 

ej = e2 = 0.35 

il = 12 = 60“ 

‘ui “ “2 “ 270° 


(pdriode 24 heures) 


Pour que le systfeme fonotionne convenablement, il faut que les deux satellites parcou- 
rent oar rapport a la Terre une trajectoire unique, mais avec un ddcalage de 12 heures 
des temps de passage en un point donnd. Cette condition est satisfaite grace a deux 
Equations liant les param6tres orbitaux restants: 


- ascensions droites des noeuds ascendants: 22 " “ 180° (!) 

- anomalies moyennes: M 2 - = 180° (2) 


Le noeud ascendant de I'une des orbites coincide done avec le noeud descendant de 
1'autre, et I'un des satellites passe au pdrigde chaque que fois que le second est a 
I'apogde. 

La trajectoire ddcrite par rapport a la Terre, qui est la m6me pour les deux satel¬ 
lites et dont la trace au sol est reprdsentde en figure 1, n'est pas entiSrement 
ddfinie par ce qui prdcade. II faut specifier en outre la longitude d'un de ses points, 
par exemple celle de I'apogde qui s'exprime par: 


L;^ = + Ml - TSG - n/2 (3) 


oO TSG est 1'angle repSrant la position da mferidien de Greenwich dans le repSre absolu 
de rdfdrence, a 1'instant pour lequel est donnCe I'anomalie moyenne Mi du satellite 1. 
La valeur de L;^ actuellement retenue pout un service de tdldcommunication de couverture 
europdenne est: 


Ljv = 8° (Est) 


Aucune condition suppldmentaire n'dtant requise pout le fonctionnement correct du 
systSme, il existe un degrd de libertd dans la ddfinition des orbites. Cela proviont du 
fait qu’il n'est pas utile d'imposer de fagon absolue la chronologie du mouvemsnt des 
satellites: seul imports le ddcalcge de 12 heures entre leurs temps de passages en un 
point donnd de la trajectoire. En consequence, on peut par exejnple choisrr libreroent la 
valeur de 2i: ^2 fixd par (1), et les valeurs de M^ et M 2 a tout instant sont 
ddfinies par (2) et (3). 



Chaque satellite est utilise corame relais de telecommunication pendant la pdriode 
de 12 heures centrde sur I'instant de passage a I'apogde de son orbite. Les valeurs 
choisies pour les param6tres e, i et aJ sont telles que le mouvement apparent du satel¬ 
lite par rapport a la Terre est alors de faible amplitude. En particulier, sa latitude 
et son altitude demeurent eievdes durant les 12 heures de service. Oe ce fait, et grSce 
a 1'utilisation de deux satellites, un des deux relais est vu en permanence en Europe 
sous un site netteraent supdrieur a celui sous lequel un gdostationnairo peut dtre 
observd. Les communications sont done raoins sensibles nux obstacles, come en zone 
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urbaine ou montagneuse. La figure 2 indique les limltes do la region oil le site de vuo 
du satellite relais est ft tout instant sup6rieur a 55°, ce qui est le critdre choisi 
pour ddfinir une utilisation satisfaisante du systfeae. 



Fig. 2: Zone de service permanent du syst6me SYCOMORBS (site > 55°) 


PROCEDURE DB MSB A POSTE 

Pour mettre a poste les deux satellites relais du concept SYCOMORES, il est propose 
de les injecter dans un premier temps sur I'orbite de transfert gSostationnaire stan¬ 
dard (GTO) ddlivrde par un lanceur Ariane 4. Il s'agit d'une orbite 200 km - 36 000 km 
inclinde a environ 10° sur I'Equateur. Son apogde, qui coincide avec le noeud ascen¬ 
dant, appartient a I'orbite gdostationnaire, si bien qu'une seule impulsion suffit en 
principe pour assurer la mise a poste d’un satellite sur ce type d'orbite. L'orbite GTO 
quo nous avons considSrde peut Otre caractdrisde par lea paramStres orbitaux suivants: 


an = 24 372 km 
en = 0.35 
io = 10° 

«C “ 180“ 


Quant a 1'ascension droite du noeud ascendant Dq, elle est f©notion de 1'instant de tir 
puisque la longitude (par rapport a la Torre) du premier passage a I'apogfie est la m§.me 
a 1'issue de tous les lancements. 

Il faut noter que ce choix de I'orbite GTO en tant qu'orbite do depart de la mise a 
poste rdsulte en premier lieu du souci d'utiliser une procedure de lancement 6prouv6e. 
Il autorise d'autre part I'injection simultan^e d'un geostationnairo. Il aurait 6t6 
cependant possible de d6£inir, pour le lanceur retenu, une trajectoire de raontde dfidiee 
a la raise a poste des satellites SYCOMORES qui permette de fairs de substantielles 
economies d'ergolss I'ir.jection serait faite sur une orbite quasi coplanaire et s6cante 
avec I'orbite visde, si bien que le transfert final serait fait en une seule impulsion 

f4)- 


Deux variantes sont en fait envisagSes pour la mise & poste via I'orbite GTO. La 
premiere solution consiste h inje~ter les deux satellites en un seul lancement, de 
telle sorte qu'ils sont tous les deux placds sur la m§me orbite GTO. Chaque satellite 
est ensuite transf6r6 sur sa propre orbite finale en deux ou trois arcs de pouss6e, au 
rooyen d'un motour 4 liquides ri-allumable. L'inconvenient d'une telle procedure est 
qu'clle requiert des manoeuvres a priori differentes pour les deux transferts, qui ne 
consomment done pas forcement la ra§me quantite d'ergol. En outre, la consommation 
totale est de toute fagon superieure A cello que necessiterait la seconde technique de 
raise A poste proposde. Celle-ci consiste A realiser 1'injection pr61iminaire en deux 
lancements sdpares, avec un intervalle de temps entre les tirs tel que le.s deux orbites 
GTO obtenues aient des noouds ascendants diam6tralement opposSs par rapport au centre 
de la Terre. En effectuant les mSmes manoeuvres de transfert pour les deux satellites, 
on est done assure que leurs orbites finales pr6senteront elles aussi cette propridt^, 
e'est-A-dire: 


fig - «l = 180° 


ce qjji est prdcisdment ce que I'on recherche. Par consequent, et contraireraent A ce qui 
se produit dans le premier cas, le respect de cette contralnte n’influe en aucuno 
raaniAre sur la determination des manoeuvres optimales, qui consomment la mSme quantitd 
d'ergols pour les deux transferts. En contre partie, cette seconde proeddure est un peu 
plus ddlicate d'un point de vue opdrationnel, puisqu'il existe un seul instant de 
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lancement possible par jour pour le second satellite, une fois le premier satellite 
injectd. L'heuiv repdrant cet instant avance de 4 minutes d'un jour a 1'autre, soit la 
difference entre le jour solaire et la pfiriode de rotation terrestre. 


II s'ngit en sonmo de quantifier le gain d'ergols que permet de rdaliser la seconde 
procedure par rapport a la premiere, ce qui perraettra de decider s'il justifie une 
procedure de raise a pciste un peu plus contraignante. 


TPAITEKENT DU PROBLEHE 

On souhaite determiner les manoeuvres optimales permettant de transferer les deux 
satellites SYCOMORES sur leur orbite finale a partir d'une orbite GTO Ariane 4, dans 
les deux hypotheses d'injection (lancement individuel ou couple), be critere a maximi¬ 
ser est ici la masse utile des satellites, la masse initials injectde sur orbite GTO 
etant fixes. Cela revient bien sOr a minimiser la masse d'ergol consommee par la raise a 
poste. 

Nous avons choisi de ne pas limiter la durde des transferts. De m6me, nous ne nous 
sommes pas preoccupes pas de la position des satellites sur les orbites finales, ou de 
faqon equivalents de la position de leurs traces a la surface de la Terre. On salt en 
effet que I'anomalie d'un satellite peut §tre cotrigde au prix d'une consommation 
d'ergols minime, h condition de rdpartir cette correction sur une pdriode suffisamment 
longue. D'autre part, aucune contrainte sur la direction et le module des impulsions, 
sur la visibilite des points de manoeuvres par des stations terreitres, ni sur les 
conditions d'edairenent solaire n'a 6* prise en compte. 

Que la raise a poste soit couplde ou individuelle, nous avons cependant impose a 
chaque trensfert de respecter deux types de contraintes. D'abord, 1'altitude de pdrigde 
des diversas orbites intermediaires doit 6tre superieure a 200 km, afin d'dviter un 
freinage atmospherique intense et pour assurer ainsi leur viabilite sur plusieurs 
revolutions. Ensuite, la distance de manoeuvre par rapport au centre de la Terre ne 
doit etro ni trop petite, pour des raisons de visibilite par des stations terrestres, 
ni trop grande po’'’" des raisons de bilan de liaison avac ces stations. Pour limite 
basse, nous avons adoptd la plupart du temps la valeur 200 km (de sorte que cette 
contrainte est automatrquereent satisfaite si la premiere I'est aussi). Pour limite 
haute, nous avons choisi la valour arbitraire de 100 000 km, qui permet en outre de 
roaintenir S faible niveau les dventuelles perturbations gravitationnelles de la Dune. 

Pour cette premiere evaluation des coflts de raise e poste, le mouvement balistique 
des satellites a ete considecd coitne etant purement kepldrien et les manoeuvres ont 6t6 
modeiisees par des impulsions, ce qui permet de ddfinir chaque transfers par un nombre 
fini de parametres. Le problOme a done pu 6tre traite par un logiciel general d'optimi¬ 
sation parametrique base sur I'algorithme du gradient projete. Cet algorithme permet, 
par opposition i ceux de type gradient conjugue, de prendre on compte directement des 
contraintes d'dgalite ou d'inegaiite, sans avoir h estimer des multiplicateurs de 
Lagrange ou des coefficients de penalisation ir.connus. La version que nous avons deve- 
lopp6e a I'ONERA fceneficie d'une amelioration de la technique de projection (projection 
"generaliseo") qui permet de rattraper progressivement les erreurs de realisation des 
contraintes. De la sorte, il devient possible d'initialiser le logiciel par un jeu de 
parametres 'non faisables’, e'eat A dire qui ne satisfont pas d'eTobiee toutes les 
contraintes {5J. 

L'algorithme utilise est dvidemraent susceptible de converger non seulement vers 
1'optimum absolu, mais encore vers tout optimu.m local. C'est pourquoi nous avons syste- 
matiquement essayd un nombre asset important de jeux de paramfetros initiaux, afin que 
la solution r6eilement optimale figure de fagon quasi-certaine parmi les rdsultats 
obtenus. Cette technique a ete grandement facilitde par la robustesse et la rapiditd de 
treitement du logiciel. 

Les deux procedures de raise poste, individuelle et co'jplde ont ete successivement 
etudides, en considerant dans chacun des cas des transferts a deux et trois impulsions. 


PARiVMETRAGE D'UN 'TKANSFBRT IHPULSIONNEL 

Une fagon naturelle de dectire «n transfert entre deux orbites a N impulsions 
consiste a indiouer pour chacune d'ellos: 

- la position sur 1'orbite courante du point oh elle est effectude, 
repdree par exemple par son anomalie vraie, 

- les trois composantes de la variation de vitesse iroprirnde. 

Si ce jeu de 4U paramfetres ddfinit entierement le transfert, I'orbite finale obtonue a 
1'issue des N impulsions ainsi dderites n'a a priori aucune raison de coincider avec 
I'orbite finale visde. Pour assurer I'dgalitd de ces deux orbites, il faut fixer autant 
dc contraintes que de paramdtres orbitaux imposes, c'est a dice au plus 5 dans le cas 
present puisque I'on ne se prdoccupe pas de la position des satellites sur les orbites 
finales. Dans le cas d'une orbite finale entidrement fixde (a I'anomalie pr6sj, il y a 
done 4N-5 degrds de libert& pour ddfinlr un trensfert a N impulsions, soit 3 en bi- 
impulsionnel et 7 en tri-impulsionnol. 
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Plutdt que d'employer effect!vement les paramStres intuitifs mentionnSs ci-dessus, 
et d'imposer 5 contraintes d'dgalitd, il est pr6f6rable de choisir un jeu de 4N-5 
patamfetres qui les satisfasse d'embl6e. Bien que le logiciel utilise soit parfaitoment 
capable de les prendre en compte, le traitement sera en effet d'autant plus rapide que 
les contraintes et les paramfetres seront moins nombreux. 

Que ce soit pour les transferts & deux ou trois impulsions, le jeu de paramfetres 
effectivement choisi est bas6 sur le fait qu'il existe une seule orbite elliptique de 
paramfetre donn€ p=a(l-e2) passant par deux points quelconques de I'ospace, S condition 
toutefois que ceux-cr ne sorent pas alignds avec le centre de la Terre. 

Pour un transfert bi-impulsionnel, nous avons done retenu comme paramfetres: 

- I'anomalie vraie vq de la premiere impulsion sur 1'orbite initiale, 

- I'anomalie vraie ve de la seconde impulsion sur I'orbite finale, 

- le param&tre p de I'orbite intermddiaire. 

En r^alitd, ces 3 paramStres ne suffisent pas pour dScrire entiferement le transfert. Si 
I'orbite interm6diaire est bien ddfinie de fagon unique, elle peut cependant gtre 
parcourue da.is les deux sens. II faut par consequent ajouter en toute rigueur un qua- 
trifeme param&tre discret M definissant le sens de parcours, par exemple: 

- M=1 si I'ouverture de I'arc d'orbite est inferieure h 180°, 

- M=-l sinon. 

Quant au transfert tri-irapulsionnel, il peut Stre caraetdrise par les 7 paramStres 
continus suivants: 

- I'anomalie vraie vg de la premiere impulsion sur I'orbite initiale, 

- I'anomalie vraie Vf de la seconds impulsion sur I'orbite finale, 

- les trois coordonnees sphdriques de la seconde impulsion (distance d du centre de 

la Terre, ascension droite ot, dficlinaison S), 

- le paramStre pj, de la premiere orbite de transfert, 

- le paramfetre P 2 de la seconde orbite de transfert, 

auxquels il faut ajouter 2 ■paramfttres discrets: 

- Ml et Mj ddfinissant respectivement le sens de parcours de la preraiSre et de la 

.'leconde oAite de transfert. 


En definitive, il est possible de dderire un transfert bi ou tri-impulsionnel par 
des paramSitres en nombre dgal au nombte de degr^s de libertS, si I'on fait abstraction 
des paramdtres discrets ddfinissant le sens de parcours des orbites intermediaires. 
Aucune contrainte n'est alors ndeessaire pour assurer la coincidence entre I'orbite 
obtenue h 1'issue des manoeuvres et I'orbite finale Vis6e. Le paramdtrage indiqu 6 ci- 
dessus n'est cependant pas parfait dans la mesurc oil il n'est pas valide lorsque deux 
impulsions successives du transfert sont aligndes avec le centre de lu Terre. En ce qui 
conesrne la mise k poste des sa'oellites SYCOMORES, il semble toutefois que la solution 
optimale ne corresponde jamais a cette situation. 


HISS A POSTE IHDIVIDUELLS 

On ne se prSoccupe dans ce cas qile do la mise k poste du premier satellite, puisque 
le transfert du second seta identique en manoeuvres et en coflt si I'on choisit judi- 
cieuseaent 1'instant du deuxidrae lancement. Rnppelons qu'aucune contrainte n’est 
imposde A 1'ascension droite Bi du noeud ascendant de I'orbite finale du premier 
satellite, dont seulement 4 param^tres sent fixds. Avec le .formalisrae adopts ici, on 
consldSrera que I'angle AP^Bi-Og entre les lignes des noeuds initiale et finale du 
transfert est un paramitre suppldmentaire qu'il faut determiner. Il y a done au total 4 
paramfetres continus h optiroiser en bi-impulsionnel, et 8 en tri-impulsionnel. 

On souhaite raaxiniser la .masse finale m£ du satellite oprds mise A poste, sa masse 
initiale mg dtant fixde. Ces deux grandeurs sont lides par I'dquation: 


mf - AV/W 

— = e 

mg 


oCi: - w est la Vitesse d'djection des moteurs de mise a poste, 

- AV est la “variation do Vitesse caraetdristique" associde au transfert 
(BOS,me des nermes dss variations de vitesse du satellite produites par les 
impulsions), 


Maximiser nif est done Equivalent a minlmiser AV, grandeur qui a le mSrlte d'etre indE- 
pondante des performances du moteur, reprEsentEes ici par H. C'ost done la variation do 
vitesse caractEristlque AV qui est classiqusroent cholsie comme critEro a minimiser. 
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La contrainte iiaposant h 1'altitude de pdrigfie des diverses orbites intermddiaires 
du transfert d'SLre supSrieure 4 200 km est prise en compte pour les manoeuvres h deux 
comme & trois impulsions. Par contro, la limitation a 100 000 km de la distance entre 
le centre de la Terre et les points de manoeuvre n'a de raison d'etre que dans le cas 
du transfert tri-impulsionnel. Elle est en effet ndcessairement satisfaite en bi- 
impuisionnel, compte tenu de la nature des orbites initiale et finale du transfert. 

En pratique, le transfert optimal a 6td determine de deux faqons diff6rentes. La 
premiere technique employee a consistd a ne pas traiter AC comme un paramfetre a optimi- 
ser mais comme une donnOe: nous avons effectud toute une sdrie d'optimisations pour des 
valeurs de AC rdparties entre -180“ et 180°. La valeur optimale de AC ainsi que celle 
du coQt oorrespondant sont ensuite identifiees graphiquement. L'intdret de cotte 
methode lourde et peu precise est qu'elle rend fort improbable la possibilite que la 
solution finalement obtenue ne soit pas 1'optimum global du probldme. Et surtout, les 
rdsultats de ce balayaga permettront de rdsoudre aussi le problfeme de la mise a poste 
couplde. Par ailleurs nous avons dgalement effectud une optimisation complete (a AC 
libre) pour confirmer et affiner la solution fournie par la preraiSre mdthode. 


Transfert bl-irooulsionnel 

La technique de balayage perraet de tracer 1'evolution du coflt du transfert optimal 
en fonction de Ac (fig'are 3). En r6alit6, quelque soit la valeur de ce paramfetre, le 
logiciel d'optimisation converge toujours vers plusieurs solutions (g6n6ralement deux), 
scion 1'initialisation qui lui a 6t6 fournie. Seul le coQt de la plus dconomique 
d'entre elles a et6 represontd. 




AV optimal (m/s) 



AO {•) 


Fig. 3s CoQt des transferts individuels optianaux 


L'existence d'optima multiples explique la presence de deux points anguleux sur 
cette courbe. En effet, les diverses solutions obtenues pour une valeur donnde de AC 
appartiennent a autant de families d'optima locaux dont les paramfttres et le coOt sont 
des fonctions continues et ddrivables de AO. Or suivant la valeur de ce paramfetre, la 
solution optimale globale n'appartient pas toujours a la m6me famillo de "candidats S 
i'optimalite". Leo valeurs ds AC pour lesquelles se produisent les transitions corres¬ 
pondent a une discontinuitd de pente de la courbe de coQt, et a une discontinuitd des 
pararaStres optimaux. 

D'autre part, on peut con.stater que, lorsque AO varie, il existo deux minima nette- 
raent marquds pour les valeurs AC>» -9" et AC» -169°. La premidre conduit au coQt le plus 
faible, soit AV » 2470 m/s. Ces rdsultats sont enti6rement confirmSs par 1'optimisation 
coraplQte qui fournit la description prdcise du transfert, visualisd sur la figure 4: 


AC “ -9.1“ 

Vg = 170.4“ AV = 2472 m/s impulsion: 2330 m/s 

Vf = 237.7“ 2®™® impulsion: 92 ra/s 

p . 1 = 39150 km 
M = X 


La premidre impulsion reprdsente 96% du AV total du transfert. Elle est r^alisde au 
voisinage de I'apogde de I'orbite GTO (vq = 170.4“), oQ la vitesse du satellite est la 
plus faiblo. Il est alors particuliaremont facile de modifier son orientation et de 
faire passer le satellite sur une orbite interraSdiaire presque coplanaire avec I'orbite 
finale vis6e. Au point d'intersection de ces deux orbites. la seconde impulsion effec- 
tue une correction minima pour coropldter la mise A poste. 







Fig. 4: Transfert bi-impulsionnel optimal (mise & poste individuelle) 


Remarquoi. que la valeur £ii2=-9.1‘’ permet d'amener I'apogde de I'orbite GTO a proxi¬ 
mity du plan a-. I'orbite finale. C'est la configuration la plus favorable pour rdaliser 
le changement o plan, qui est la partre la plus coQteuse du transfert. Cette configu¬ 
ration peut natureliement 6tre obtenue pour deux valeurs de AO distantes de 180°. Cela 
explique 1'existence du second optimum pour A0= -169°. Son coQt est cependant plus 
yievd puisque 1'inclinaison mutuelle des orbites est alors de 70° environ, au lieu de 
50° dans le cas prycddent. 

Pour la solution optiraale, I'altitude de pferigde de I'orbite de transfert est 
d'approximativement 23 000 km. II ne se pose done aucun problfeme de perturbation par 
1'atmosphere. De plus, 1'observation des points de manoeuvre par des stations terres- 
tres est aisSe. L'altitude de pyrigde est dgalement supdrieure h 200 km pour toutes les 
valeurs de AQ autres que -9.1°. 


Transfert tri-imoulsionnel 

ba courbe d'evolution du coflt optimal en fonction de AO est comparable h celle 
obtenue pour lo transfert bi-impulsionnel (figure 3). Comme precedemraent, il existe en 
fait plusieurs families de solutions. L'optimum global appartient h I'une ou A 1'autre 
selon la valeur de Afi. II existe en consequence 2 points anguleux sur la courbe, 
correspondant h une discontinuity dos param6tres. II est interessant de noter le 
transfert tri-impulsionnel consomme systematiquement moins d'ergol que le transfert bi- 
impulsionnel, quclque sort la valeur de AD. De minimum du cofit optimal lorsqu'on fait 
varier AD est obtenu pour AD=>-7°. L'optimisation directe des 8 paramOtres de la raise A 
poste confixrae ce cdsultat et precise les caract6ristiques du transfert optimal corres¬ 
pondant: 


AD= -6.9° 
vg= 4.6° 

V£= 243.4° 

0 ( = -6.1° impulsion: 442 m/s 

S = -1.1° AV=2259 m/s 2“™® impulsion: 1148 m/s 

d =100 000 km 3 eme impulsion: 669 m/s 

P 3 = 12 390 km 

P 2 = S6 230 km 

Mi=M2=1 


ta premiere impulsion est effoctu6e A proximity du perigee de I'orbite GTO (vq = 
4.6°). Elle produit essentiellement une raontde de I'apogde jusqu'A une distance voislne 
de la valeur raaximale permise pour les manoeuvres (100 000 km), sans modifier les 
autres caracteristiques orbitales. En particulier, le plan de I'orbite resto inchange. 
Les deux manoeuvres suivantes sont tout A fait comparables A celles du transfert bi- 
impulsionnel. La seconds impulsion, realisee au voisinagc de 1'apogee de la premiAre 
orbite de transfert, effectue le changement de plan; elle represente un peu plus de la 
moitie du coflt total. La troisiAme impulsion assure la mise A poste finale au point 
d'intersection de la seconde orbite de transfert avec I'orbite vis6e (figure 5). 

En eioignar.t I'apogAe de I'orbite intermAdiaire, la premiAre manoeuvre permet do 
reduire nettement la vitesse du satellite en ce point, ce qui facilite grandement le 
basculeraent de plan realise par la seconde impulsion. Son coflt a done pu 6tre rdduit de 
moitie, de 2380 m/s A 1148 M/s. MalgrA I'ajout d'une manoeuvre pr61iminairo et i'aug- 
mentation trAs nstte du AV de la derniAre impulsion, cetto procedure reste avantageuse 
par rapport au bi-impulsionnel. Le gain global est de 213 m/s, soit I'Aquivalent de 
quatre annees du maintien A poste d'un satellite SYCOMORES (3). 
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Quelque soit la valeur de AQ, les orbites interraSdiaires ont toujours une altitude 
de pSrigde sup^rieure & 200 km, comme dans le cas du transfert bi-irr.pulsionnel. La 
premiere ne I'est cependant que de 3 km pour la solution optimale. La contrainte de 
distance raaximale de manoeuvre est par centre systematiquement active. La suppression 
de cette contrainte s'accompagnerait done de 1'accroissement du param&tre d. Dans le 
cas du transfert optimal, un essai d'optimisation a 6t6 fait en portant a 1 000 000 km 
la valeur maximale imposfie a ce paramatre: comme auparavant cette limite a 6t6 attein- 
te. II semblerait done que la solution optimale naturelle consiste a faire passer le 
satellite sur une orbite parabolique, a rSaliser le change!<-nt de plan a 1'inf ini pour 
un coOt nul, et a revenir couper I'orbite finale vis6e sur un second arc de parabole. 
On retrouve la le transfert optimal "bi-parabolique" ddja connu pour des transferts 
plus simples [1]. 


AV3= 669 m/s 



Fig. 5: Transfert tri-impulsionnel optimal {mise a poste individuelle) 


Enfin, on peut remarquer que pour ce transfert tri-impulsionnel, une impulsion 
assez importante (la premiSre) est d61ivr6e au voisinage du pS ig6e de I'orbite GTO, ci 
qui pourtait s'avSrer gSnant sur le plan opfirationnel (difficultO d'Stablir une liaison 
directe ovec des stations sol). C'est pourquoi nous avons refait un calcul d'optimisa¬ 
tion en imposant une altitude minimale de manoeuvre de 2000 km. On constate que la 
perte de performance induite se limite a 53 m/s de vitesse caract6ristique supplSmen- 
taire. 


MISE A POSTE COUPLEE 

Les deux satellites sont injectgs siraultandment sur une raOme orbite GTO, a partir 
de laquelle ils sent ensuite transf6r6s individuellement vers Icurs orbites finales 
respectives. Nous avons vu qu'il existe un degr6 do liberty dans le choix de leurs 
2x5=10 paramStres orbitaux. La seule contrainte impos6e aux ascensions droites Oj et Q 2 
des noeuds ascendants de la premifere et de la seconde orbite est de verifier: 


£!2 = + ISO” 


Comme auparavant, on consid6rera done AO = - fin comme un paramatre suppldmen- 
taire du transfert a determiner. Par centre, la configuration de la seconde orbite 
relativement a I'orbite GTO, d6finie par Afi' = fi 2 - fig, sera alors iraposSe puisque: 


Afi' = Afi + 180 ® 


II s'agit done d'optiraiser Afi et le jeu de paramatres dafinissant chaque transfert, 
soit au total 7 paramatres continus en bi-irapulsionnel et 35 en tri-impulsionnel. Le 
critare que I'on souhaite maxiroiser est tou jours la masse fi.nale m£ de chaque satellite 
apras mise a poste, la masse totale mgj + rag? placSe sur orbite GTO dtant fixAe. Les 
satellites SYCOMORES remplissant une fonction identique, on impose naturelleraent que mj 
soit la mSme pour les deux. Dans ces conditions: 


mf - AVi/W mf ■- 1V2/W 

- = e et - = e 

moi mg 2 


oO; 


- W est la vitesse d'6jection des moteurs de misos a poste, 

- AVi et AV 2 sont les coOts en vitesse caractAristique des deux transferts. 
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Par consequent 


“01 “02 AVi/W 

- = e 

“f 


+ e 


AV2/W 


On pent d6finir une variation de vitesse caractdristique fictive AV correspondant A un 
transfert unique conduisant aux mOmes variations de masse: 


AVi/W AV2/W 

“01 “02 AV/W e + e 

- a e done AV = W Log - 

2 IR£ 2 


Maximiser mf est equivalent h. minimiser AV, qui est independent de la masse moi+m()2 
injectee sur GTO. C'est done AV que nous avons choisi comme indice de coflt. 11 est 
interessant de noter que la solution optimale depend (un peu) de la vitesse d'6jection 
W, contrairement au cas du transfert individuel. 

Avant d'effectuer 1'optimisation complete des 7 ou 15 paramfitres du transfert, nous 
avons traite le probl6me par simple exploitation des courbes donnant le coQt optimal 
d'un transfert unique en fonction de AO, obtenues pr6c6demment dans le cas de la raise A 
poste individuelle. En effet, pour une valeur donnee du paramAtre AB, ces courbes 
donnent bien sflr le coQt AVj du premier transfert, mais aussi le coflt AVj du second, 
puisqu'il s'agit de la valeur correspondant A Afl+180®. II est ainsi possible de calcu- 
ler le coflt global AV du transfert coupl6 pour toute valeur de Afi. Nous avbns done 
reprdsentd graphiquement I'dvolution de AV en fonction de AB dans le cas des manoeuvres 
bi et tri-impulsionnelles (figure 6). Le tracA aurait pu §tre fait pour des valeurs 
comprises entre -90“ et +90“ seulement, puisque la pAriodicitd en AB du problAme de la 
raise A poste couplde est de 180“. La vitesse d'Ajection a dt6 fixAe A 2800 m/s. 


AV optimal (m/s) 



Fig. 6: CoQt des transferts couplOs optiraaux 


Les manoeuvres tri-impulsionnelles sent bien sflr plus 6conoroiques que celles A deux 
impulsions quelle que soit la valeur de AB, puisque c'Stait d6jA le cas pour la m:se A 
poste individuelle. Qu'il s’agisse des manoeuvres A deux ou trois impulsions, on 
constate I'existence d'un seul optimum pour une valeur de AB voisine de 0“. L'optimi- 
sation directe de la raise A poste confirme les rfisultats obtenus et fournit les valeurs 
exactes des variations de vitesse caraetdristique pour chaque transfert: 


bi-imnulsionnel: 

AB = 1.3“ 

AV = 2885 m/s 

AVi^ 2642 m/s 
AV 2 = 2885 m/s 


tri-imoulsionnel: 

AB = 0.6“ 

AV = 2423 m/s 

AV£= 2306 m/s 
AV 2 “ 2535 m/r. 


Comme prOvu, les deux transferts de chaque raise A poste different par le coflt (et 
done aussi par les caraetdristiques des impulsions). La difference de AV se chiffre A 
environ 230 m/s, en bi comme en tri-impulsionnel. Cela se traduit par un dcart de 9% 
entre les masses initiales des satellites, juste aprAs 1'injection sur GTO. Il faut 
noter que dans I'hypothfese vraiserablable d'une structure identique pour les deux satel¬ 
lites, le rdservoir d'ergols de I'un d'entre eux est par consdquent partiellement 
rempli au ddpart. 
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Le couplage des mises 5 poste conduit & une augmantation du coQt global de 413 m/s 
pour le transfert bi-impulsionnel. Cette perte de performance trfes nette fait perdre 
dans ce cas tout intdrSt Si la procedure de lancement unique. L'augmentation du coflt est 
plus raisonnable pour le transfert S trois impulsions: elle est de 164 m/s. Cela ne 
semble cependant pas suffisant pour faire de la raise S poste couplde une solution 
intdressante, en raison de la valeur ddjS tr6s 61ev6e du coQt nominal (2259 m/s). 


CONCLUSION 

Le problSme de la determination des manoeuvres bi et tri-impulsionnelles S consom- 
mation d'ergols minimale permettant de raettre S poste les deux satellites du concept 
SYCOMORES a dtd traitd num6riguement par une mdthode d'optimisation pararaetrique par 
gradient projetd gdndralise raise au point S I'ONERA. Cet algorithme s'est montrd d'un 
emploi tr6s satisfaisant par son aptitude S converger rapidement vers une solution 
localement optimale quelles que soient les manoeuvres proposdes pour 1'initialiser. 
Grace a cotte robustesse, il a dtd possible d'essayer systdmatiquement un grand nonRjre 
d'initialisations, la meilleure solution ainsi obtenue 6tant vraiseroblablement 1'opti¬ 
mum global du problSme. D'autre part, la facultd de la mdthode de traiter efficacement 
des contraintes s'est avdrde utile pour optimiser les transferts tri-impulsionnels, 
pour lesquels il est indispensable de limiter la distance maximale de 1'impulsion 
interraddiaire. 


Il est apparu que la procddure consistant S injecter simultandment les deux satel¬ 
lites sur une mdme orbite de transfert gdostationnaire 2i la suite d'un lancement unique 
conduit cl une consommation d'ergols diffdrente pour les deux transferts ultdrieurs. 
Elle est dans tous les cas supdrieure a celle des manoeuvres qu'il est possible de 
rdaliser en ddployant les satellites en deux lancements distincts, fails a des instants 
sdpards par une durde judicieusement choisie. La diffdrence globale, qui se chiffre a 
164 m/s de vitesse caractdristique dans le cas le plus favorable (tri-impulsionnel), 
semble trop iraportante pour faire de la raise a poste couplde une solution acceptable, 
en raison du niveau ddja trds dlevd de la consommation requise dans le cas de la 
technique des lancements sdpards. La variation de vitesse caractdristique minimale, qui 
est alors la mdme pour les deux satellites, est on effet de 2472 m/s pour les manoeu¬ 
vres a deux impulsions, ot de 2259 m/s pour celles a trois impulsions. Cette dernidre 
valeur ddpend en fait de la distance maximale autorisde pour rdalj.ser 1'impulsion 
intermddiaire, la consommation dtant bien sQr une fonction ddcroissante de ce paramd- 
tre. 


Le choix des transferts tri-impulsionnels parait justifid par I'dconomie d'ergols 
qu'ils offrent par rapport aux manoeuvres a deux impulsions. Cette dcouomie, qui 
correspond a quatre anndes du maintien a poste des satellites, compense avantageusement 
les diffioultds opdrationnelles posdes par la rdalisation de la premidre des trois 
impulsions. Le probldme provient de ce qu'elle est Caite au voisinage du pdrigde de 
I'orbite de transfert gdostationnaire. L'altitude du satellite est alors proche de 200 
km, et il est par consdquent ddlicat d'assurer a ce moment des communications avec une 
station de contrdle terrestre. La situation peut toutefois dtre amdliorde en imposant 
une distance minimale de manoeuvre supdrieure a 200 km. Si I'on porte cette limite 
infdrieure a 2000 km, on ne ddsoptimise le transfert que de 53 m/s. 
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NONCOPLAHAR ORBIT TRANSFER OPTIMIZATION FOR 
AN AEROASSISTED SORTIE VEHICLE 

H.A, Karasopoulos and R.B. Norris 
Wright Research and Development Center, WRDC/FIMG 
Hright-Patterson AFB, Ohio 45433-6553, USA 


SUMMARY 


Noncoplanar orbital plane change trajectories for an aeroassisted sortie vehicle 
(ASV) from a 220 nautical mile circular orbit at 28.5 degrees Inclination to a 150 
nautical mile circular polar orbit were optimized, subject to nose stagnation tem¬ 
perature constraints. Both synergetic and two-impulse-deorbit aeroassist trajectories 
were successfully optimized. The baseline aeroassisted sortie vehicle, a double-delta 
lifting body, had a maximum hypersonic L/0 of 3.4. The ASV was powered by a liquid 
hydrogen/oxygen rocket engine. The optimized synergetic plane change trajectory resul¬ 
ted In the delivery of more pounds of payload to polar orbit than the two-lmpulse- 
deorbit aeroassist trajectory. The propulsive aV expended by the ASV during the 
baseline trajectory was less than half the propulsive aV required by a two-impulse, 
al1-propulsive orbital transfer maneuver. By adding propellant drop tanks of 
approximately half of the gross weight of the ASV, the payload weight to polar orbit 
was almost tripled with an optimal two-impulse-deorbit aeroassist trajectory. This 
trajectory provided more payload to the final orbit for this ASV configuration than a 
synergetic maneuver preceded by an exoatmospheric propulsive plane change. To fully 
utilize an L/0 capability greater than 3, the ASV must be able to sustain maximum nose 
stagnation temperatures up to 4500 degrees Fahrenheit. 

1.0 INTRODUCTION 

Since the early sixties, synergetic or aeroassisted orbital plane change maneuvers 
have been studied by a number of people and Independent organizations, Including the 
USAF Flight Dynamics Laboratory. Today, orbital changes from low earth orbit (LEO) to 
high earth orbits (HEO), particularly geosynchronous earth orbit (GEO) are accomplished 
by all-propulsive upper stages such as the Centaur and the Inertial Upper Stage (lUS), 
and rocket motors attached to the payload such as a propulsion assist module (PAM). 

All velocity changes and orbital Inclination changes required to transfer to the 
required orbit are accomplished by a rocket engine burn. All of these upper stages are 
expendable. 

Since the early 1970's, NASA has investigated reuseable aeroconfigured upper stage 
concepts that use aerodynamic forces during a pass through the upper atmosphere to 
decrease the velocity and, depending upon the vehicle configuration (lifting shapes), 
perform small plane changes during transfer from a high earth orbit to low earth orbit. 
The maximum aerodynamic lift-to-drag ratio (L/D) of these concepts ranged from 0.25 
for ballistic shapes to 1.5 for bIconIc shapes. These studies showed that by 
utilizing aerodynamic drag and lift to decrease velocity and change the orbital plane, 
significant reductions In propellant and tankage weight could be transferred Into 
increased payload capability. This orbital transfer technique Is called aerobraking. 

In 1980, two NASA studies [1,2] determined that ballistic aeroassisted orbital transfer 
vehicle (AOTV) concepts could realize a 40'/ to 50/ increase in the payload delivered to 
geosynchronous earth orbit by employing aerobraking. 

In 1983, the Air Force sponsored a study [3] to evaluate reuseable orbital 
transfer vehicle concepts configured for maximum L/D ratios from 2 to 2.5. These 
lifting body concepts used rocket propulsion and aerodynamic lift and drag to perform 
orbital p’ane changes greater than 40 degrees. By using the synergetic plane change 
technique, these high L/D concepts could perform large plane changes with significant 
reductions in the propulsive energy (total velocity Increment, aV) compared to 
al1-propulsive orbital transfer vehicles (see Figure 1). Although these high L/D 
concepts could not carry as much payload to high earth orbits as the ballistic AOTVs, 
they could execute large plane changes and return to a base In low earth orbit. 


2.0 CONFIGURATION 

The aerodynamic configuration of the aeroassisted sortie vehicle (ASV) Is designed 
to fly through the Mach 20 to 25 flight regime at a maximum lift-to-drag ratio (L/0) 
greater than 3, allowing the vehicle to perform aeroassisted orbital plane changes 
greater than 50 degrees. The ability to perform such a large orbital plane change 
gives the aeroassisted sortie vehicle great potential to perform a variety of 
atmospheric and exoatmospheric applications such as the deployment, recovery, or even 
servicing of LEO satellites with orbit Inclination angles ranging from less tha 28.5 
ucyTCcS to mOrs thon 50 dcsrcco, It should olsc provide the eerosssisted so*'t’e 
vehicle with the ability to perform successive orbital overflights over a particular 
area of interest on the Earth's surface. Due to its high L/D, the ASV should also 
have a great downrange and crossrange potential upon atmospheric descent to a landing 
at a specific site on earth. 

The vehicle configuration, shown in Figure 2, 1s a classical double-delta lifting 
body featuring small leading edges for low Inviscid drag, small outboard strokes and a 
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full-span body flap for extra lift and longitudinal stability, and twin outboard 
vertical fins for directional stability- The body flap is divided into a center flap 
for extra trim control and right and left outboard flaps for Integrated pitch and roll 
control. Each vertical fin has a trailing edge rudder for directional control. 

Additional concept features shown in Figure 2 include an advanced liquid hydrogen 
and oxygen rocket engine and landing gear. The rocket engine has a vacuum thrust of 
30,000 pounds and a corresponding vacuum Isp of 470 seconds. A passive thermal 
protection material is utilized to allow the ASV to sustain stagnation radiation 
equilibrium temperatures up to 4500 degrees Fahrenheit (F). 

3.0 AERODYNAMICS 

The longitudinal acrodyxtanlc characteristics of the sortie .ehiclc configuration 
were estimated with the hypersonic acrodynmalc methodologies in the Mark IV Supersonic- 
Hypersonic Arbitrary-Body Program (4). Aerodynamic coefficients were computed at Mach 
numbers of 15, 20, 25. and 27. for altitudes of 150,000, 175,000, 200,000, 250,000, and 
270,000 feet. At each flight condition, aerodynamics were computed at angles of attack 
from 0 to 40 degrees In increments of 5 degrees. 

Figure 3 shows longitudinal stability and control surface effectiveness at Mach 20 
for an altitude of 200,000 (200K) feet. The sortie vehicle is slightly unstable at low 
anlgcs of attack, and la stable at the higher angles of attack where the vehicle will 
fly in the trimmed (Cm •• 0) conditions. The stability and control characteristics arc 
similar at all the other flight conditions. 

The characteristics of trimmed llft-to-drag ratio at Mach 20 and 25 arc shown in 
Figure 4. At Mach 20, the maximum L/D decreases from 3.4 at 200K feet to approx¬ 
imately 2.4 at 250K feet (Figure 4n), primarily due to the increase in laminar skin 
friction drag coefficient which is greater than 50% of the total drag coefficient at 
altitudes near 250K feet and above. At Mach 25 and 270K feet, the maximum L/D drops 
below 2 (Figure 4b). 

4.0 NQNCOPLANAR AEROASSISTED ORBIT TRANSFER 

Several past studies (5,61 of aeroassisted noncoplanar orbital transfer have shown 
a variety of trajectories that arc optimal for certain conditions. Figure 5, from 
Hanson (5), presents three major classes of aeroassist trajectories that can be the 
optimal minumum fuel mode depending on the characteristics of the flight vehicle, and 
on the final orbit sought. 

The first of these modes is the one-lmpulse-dcorbit aeroassist trajectory, which 
is named the acroassist(1), for brevity. A flight vehicle initiates this trajectory 
with a single deorblt boost that nay be applied out of the orbit plane. This causes 
the vehicle to enter the planet atmosphere where it m.ineuvers out of its orbital plane 
through execution of a banked glide. The vehicle then applies thrust to complete the 
plane change and to raise the apoapsis to the desired final orbital altitude. The 
trajectory ends with a circularizing thrust phase. 

The second class of optimal aeroassisted orbital transfer trajectories is the 
two-lnpulsc-dcorbit aeroassisr trajectory, or aeroassist(2). To initiate this 
trajectory, the vehicle performs a transfer boost to raise its apoapsis. A second 
boost is then performed at apoapsis to lower the periapsis, causing the vehicle to 
enter the plonetary atmosphere. The remainder of the trajectory Is similar to that of 
the acroassist(l) trajectory. 

The third node of aeroassist transfer is the acroparabolic trajectory. In theory, 
the vehicle boosts into a parabolic trajectory and travels nearly an infinite distance 
where it thrusts to change its orbit plane. The vehicle then returns to the 
atmosphere, utilizing aerodynamic drag to decelerate and to reach the desired final 
apoapsis. At this point, the vehicle performs a small thrust to circularize the orbit. 
Reducing the maximum altitude of the acroparabolic trajectory to more realistic values 
will eventually drive the trajectory towards the aeroassist(2), where it becomes 
optimal to perform a portion of the plane change within the atmosphere. Practical 
limits on the duration of a manned orbit transfer for a vehicle like the ASV would 
forbid the use of an acroparabolic trajectory. This aeroassist trajectory was therefore 
not further investigated in this study. 

In his study of optimal aeroassisted orbit tronsfer, Hanson (5) compares the 
optimality of a number of trajectory classes for noncoplanar transfer between circular 
orbits. Some results of his work arc presented In Figure 6. Hanson [5], and Vinh and 
Hanson (6J (in earlier work on optimal aeroassisted return from HEO with plane change) 
found that the optimal transfer mode depends on the maximum li£c-to-drag ratio of the 
flight vehicle, the ratio of final orbital radius to the radius of the sensible 
atmosphere, the desired plane change angle, nud the ratio of initial to final circular 
orbit radius (n). In Figure 6, AV/V is ••»*' rn*"^^ ^^ 

required by the vehicle to perform tM plane change and the final circalor orbit 
velocity. 

For the baseline mission examined in this study, an orbital transfer with a 61.5 
degree plane change, the value of n Is 1.02. Maximum L/D for the sortie vehicle Is 3.4. 
Figures 6a, 6b, and 6c present results for flight vehicles with maximum llfc-to-drag 
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ratios of 1.0, 1.5, and 2.0, roapectlvely, and for plane change angles ranging frota 0 to 
50 degrees. Although AV requirements for the ASV cannot be deduced from these plots 
without unreasonable extrapolation, a general trend can be observed. As L/D Increases, 
the differences in optimality between three of the modes decreases. These three modes 
arc the one and two-iopulsc-dcorblt aeroasslst maneuvers and the synergetic maneuver, 
where all the plane change is accomplished in the atmosphere. Liberal extrapolation of 
these curves to a plane change of 61.5 degrees and an L/D of 3.4 would make all three 
trajectory classes candidates for the optimal orbital transfer node. 

In Hanson’s analysis, plane change can be accomplished during any of the thrust 
phases for both the acroassistfl) and aeroasslst (2) trajectories. It was also assumed 
that the next-to-last thrust phase applied in both the aeroasslstfl) and aeroasslst(2) 
trajectories occurred outside the atmosphere. The aeroasslst (2) maneuver examined in 
the study that follows allows for plane change throughout the trajectory (with the 
exception of the small final rcclrcularlcatlon boost) and the boost to final apoapsis 
which occurs within the atmosphere. 

The synergetic orbital plane change trajectory is actually a special case of the 
aeroassistfl) trajectory, where all the plane change Is accomplished within the 
atmosphere. Preliminary findings for the applications investigated in this report 
indicate that there was no significant advantage to performing the required plane 
change with the aeroasslst(1) trajectory compared to the synergetic maneuver. Because 
the aeroasslst(1) trajectory is exponentially more time consuming to numerically 
optimize than the synergetic maneuver (without promise of being more optimal for the 
baseline trajectory examined), the aeroassist(I) mode was not further examined in this 
effort. 


In the literature, two restricted types of synergetic orbital plane change trajec¬ 
tories arc often studied. These ore the acrocruisc and the aeroglidc synergetic 
maneuvers. Plane change is performed in an aeroorulse trajectory by a constant 
altitude banked turn with thrust throttled during the turn to equal drag. The 
aeroglide synergetic maneuver differs from the aerocrulse in that propulsion if not 
applied until the entire plane change has been completed. The synergetic maneuver 
studied here neither employs the aerocrulse restrictions of a constant altitude turn 
and a throttleable rocket engine, nor the aeroglide assumption that all plane change is 
exclusively performed acrodynamically. 


A 

two ex. 
aeroass 
paper, t 
fuel acre 


complete background of general aeroasslsted orbit transfer cen be found in 
t survey papers. Walberg (7] provides an extensive review of past work on 
maneuvers, missions, vehicles, and related technology. The second survey 
^ (81» presents a comprehensive review of the optimization of minimum 
orbital transfer between coplanar and noncoplanur orbits. 


5.0 AHALYSIS 


5.1 Numerical Trajectory Simulation and Optimization Methods 

The Optimal Trajectories by Implicit Simulation (OTIS) computer program [9,10) was 
used to compute all trajectory results presented in this paper. OTIS Is a three 
dcgrcc-of-freedora trajectory simulation computer progrom that employs nonlinear 
programming optimization routines to provide the code with an advanced trajectory 
optimization capability. OTIS can simulate and optimize the trajectories of a large 
variety of flight vehicles ranging from subsonic aircraft to hypersonic vehicles and 
spacecraft. OTIS contains options to incorporate a general spherical or oblate, 
rotating or non-rotating, planet model. A number of gravitational and atmospheric 
models arc also available to the user. 


This program differs from traditional (explicit) numerical trajectory optimization 
techniques in that it treats the equations of motion as constraints and basically 
iterates to find the optimal trajectory which satisfies these and other constraints, 
including boundary conditions. An Implicit optimization procedure based on Hermlte 
interpolation is used by OTIS to convert an optimal flight control problem to a 
nonlinear programming problem. OTIS then employs a nonlinear programming package 
called KPSOL to compute the optimal solution. NPSOL, developed by the Systems 
Optimization Laboratory at Stanford University, utilizes sequential quadratic 
programming methods. A thorough discussion of the formulation of the OTIS computer 
program and of the implicit optimization techniques utilized are presented In 
References 9 and 10. 


Many past studies of the performance of the synergetic, or acroassisted orbital 
plane change maneuver have assumed constant L/D, and in some cases, constant angle of 
attack and/or bank angle. The realistic variance of lift-to-drag ratio with altitude 
can be quite large as can be observed in Figure 4. In a recent study by Mease and 
others (11), it was found that constant angle of attack does not generally produce 
optimal results even for the restricted case of constant altitude, aerocrulse, 
synergetic plane change. A number of studies (12, 13, 14, 15) of aerocrulse, 
synergetic maneuver optimization have allowed angle of attack and bank angle to vary 
along the trajectory. However, some of these studies are based on restricted 
optimization of one or more prescribed functions for the control angles. Bursey and 
others [12] found optimal aerocrulse and aeroglidc synergetic trajectories based on 
angle of attack and bank angle polynomials of degree three or less for each major phase 
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of the trajectory. OTIS avoids these potential problems by utilizing quintlc spline 
interpolations of the control angles at a large number of nodes within each phase of 
i the trajectory. Thin feature effectively removes control angle restrictions inherent 

In many numerical optimization methods* allowing for complete freedom of the form of 
the optimized control schedules. 

Due to limited computer resources* numerical optimizetion of the entire synergetic 
trajectory was not performed. To save computation time, an initial deorbit velocity 
increment of 316,6 feet per second was assumed* providing the ASV with an entry flight 
path angle of approximately -.63 degrees and a relative velocity of approximately 
24*683 feet per second at an altitude of 300K feet. From these initial conditions, the 
trajectory was simulated and optimized. Propulsion applied within the atmosphere was 
modeled with finite thrust times and atmospheric pressure losses. The final AV* 

Applied to circularize the orbit of the acroassisted sortie vehicle at an apogee of 150 
nautical miles, was modeled as an Impulsive burn and was determined by the optimization. 
The synergetic orbital plane change maneuver was therefore globally optimized from the 
initial condition prescribed at 300K feet to the final 150 nautical mile circular orbit 
(polar) conditions. 

The entire trajectory of the cwo-lmpulsc-deorbit acroasslst maneuver was globally 
optimized. Simulation commenced from the initial conditions of a 220 nautical mile 
circular orbit with a 28.5 degree Inclination and ended at the final conditions of a 
150 nautical mile circular polar orbit. The first three thrust phases were modeled 
with finite thrust times and opclolzed by the OTIS computer program. Thrust applied 
within the atmosphere was corrected for atmospheric pressure loss. The final velocity 
increment, applied to circularize the ASV at an apogee altitude of 150 nautical miles* 
was modeled as an impulsive thrust; Its magnitude was determined by the optimization. 

To the best of the author's knowledge* no previous numerical, global optimization of 
the entire two-lnpulse-dcorblt acroassisted orbit transfer has previously been 
completed. 

Initial and final conditions for both types of acroassisted trajectories were 
specified in terms of flight path angle, inertial velocity, and altitude. Initial 
longitude was arbitrarily set to zero. Initial latitude and heading angle, however, 
were left free to be optimized for each trajectory. This ability to optimize the 
placement of the sortie vehicle within its orbit at the commencement of the maneuver 
proved to be valuable. The initial orbit for ail of the trajectories studied was 
chosen to be a 220 nautical mile circular orbit with an inclination angle o£ 28,5 
degrees. The final orbit was chosen to be a 150 nautical mile circular polar (90 
degrees inclination) orbit. 

Most analytical and numerical studies of acroassisted orbital transfer have assumed 
a spherical, non-rotaclng Earth model. A 1986 study by Ikawa [16J of AOTV ciajectorlcs 
investigated possible trajectory simulation errors duo to the non-rotating planet 
assumption. It was noted that numerical trajectory simulation using the non-rotating 
Earth model caused velocity errors which gave dynamic pressure (and hence, lift and 
' drag) differences ranging up to 102 to 142. Ikawa found that these differences may 

cause undcrprcdlctlon of the final altitude and overprediction of the attainable orbital 
inclination change in a non-rotatirg Earth analysis. Ikawa concluded that the rotating 
Earth effects must be included for realistic AOTV trajectory simulations. 

In this study of noncoplanar ovbit transfer optimization, a spherical, rotating 
^ Earth model with an inverse square gravitational field and a 1976 U.S. Standard 

Atmosphere were exclusively used. This analysis also assumed that the aeroasslstcd 
sortie vehicle maintained zero slldesllp throughout all of Its trajectory. Because of 
the high speeds Involved In aeroasslstcd orbit transfer, heating constraints were 
incorporated in the trajectory optimization for realistic results. Hence, all 
trajectories examined in this study were optimized with radiation equilibrium 
temperature constraints. 

5•2 E quations of Motion 

The equations of motion used by the OTIS computer program for the ASV trajectory 
analyses are given below in flight path coordinates (6j. 


VjfCosy 

. -vy . 


(F^ + Fp)/m + Ag - 
f r ] f Sinr 


r 

(ircos(S 

8 

, , 



— 


(1) 

( 2 ) 



(35 





13-5 


vherc, 



CosySinv>Sin?l 


Siny' 

Vk = 2Wg V 

CosjlSiny - CosyCos^Sin?! 

+ rUjg*Cos(S 

0 

CosjSCosySin^ 


Cos?i, 


and where, 


+ 


cosy 


SinyCos^ + Sin’^C^syTansS 
SiniHSiny - Cesv^CosyTanji) 
Cosy 


( 4 > 


m ■= Vehicle mass flow rate 

m = Vehicle mass 

V «■ Earth relative velocity magnitude (speed) 

it = Heading angle, clockwise from North 

y = Flight path angle, positive up 

r = Radius from center of Earth 

0 = Longitude, East from prime meridian 

ji = Latitude 

og = Earth rotation rate 

“ Aerodynamic force 
Fp = Vectored propulsive force 

Ag = Gravitational acceleration 


5.3 The All-Propulslvc Plane Change 


To show cho benefits of high ^/T) for an acroasslatcd sortie vehicle to perform the 
baseline plane change to a 150 nautical nllc polar orbit, the theoretical propulsive 
energy of the ASV can be compared to that required by an all-propulsive orbital 
transfer vehicle (OTV) to perform a two-impulse, cxoatmosphcrlc plane change. The 
requiree propulsive energy expended during the plane change maneuver la expressed as a 
theoretical impulsive velocity Increment, AV, computed by the following equations. 


AV = Isp g^ 



where• 


tf 

Isp 


Initial weight of the vehicle 
Final weight of the vehicle 

Vacuum specific impulse of the rocket (470 seconds) 
Acceleration of gravity at a mean earth radius 


(5) 


The AV for the all-propnlsivc orbital transfer Is computed by the following equation. 


AV = /vl^ + - 2 V^^ V^^ cos Ai 


’^2C - '^tp! 


wherep Ai 
V 


Ic 


2c 


fp 


Orbital plane change angle 

Inertial circular orbital velocity (25»145.5 feet/second) 
at 220 nautical miles 

Inertial apogee velocity (25»024. fcct/secord) for a 
Hohmann transfer orbit between the two circular orbits 
Inertial circular orbital velocity (25»389.2 fect/sccond) 
at ISO nautical miles 

Inertial perigee velocity (25»512.4 fcet/second) for a 
Hohmann transfer orbit between the two circular orbits 


( 6 ) 


The last two terms represent the additional AV required to circularize the orbit 
at an altitude of 130 nautical miles. 


6.0 RESULTS 

The aeroassisted sortie vehicle was sized to perform a syncrgctln orbital plane 
change from Its space base in a circular orbit at an altitude of 220 nautical miles 
and 28.5 degrees incllnaclon to a final 150 nautical mile circular polar orbit. Both 
the synergetic and tvo-inpulse-deorbit ncroaeslst maneuvers were optimized for this 
trajectory. Because the synergetic maneiivpr f-r^ijectory proved to tc opcinal (provided 
more payload weight to the desired final orbit), it va^ adopted as the baseline ASV 
trajectory. Direct comparison between the equivalent synergetic and the two- 
impulsc-'dcorbit aeroassist trajectories was not accomplished.' When optimization of 
the two-impulee-dcorblt maneuver was attempted for the baseline vehicle, the 
optimization routines caused the vehicle to initiate a synergetic trajectory. 
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Presented in a later section arc results for a modified vehicle where the two-lmpulse- 
deorbit aeroasslsted plane change is the optimal nancuver to attain the final circular 
polar orbit. 

The following trajcctoty results represent optimized trajectories generated by the 
Optimal Trajectories by Implicit Simulation (OTIS) computer program. 

6.1 Baselino Trajectory 


The details of the baseline trajectory, a synergetic orbital plane change 
trajectory from an inclination of 28.5 degrees to 90 degrees, are shown in Figure 7. 

The vehicle entered the sensible atmosphere at an altitude of 300K feet, with a 
velocity of 24,683 feet per second, and a flight path angle of -.63 degrees. For the 
baseline trajcccoryf the radiation equilibrium stagnation temperature at the vehicle 
nose was constrained to 4500 degrees Fahrenheit (F). The sortie vehicle flew an 
unpovered descent for 1421 seconds (Figure 7a). The rocket engine was then ignited t.nd 
the vehicle climbed out of the atmosphere. The minimum altitude at 159,344 feet was 
reached at 1440 seconds, shortly after ignition of the rocket engine, shown as a sharp 
increase In axial acceleration in Figure 7b. 

Optimal control of the synergetic plane change was effected by the modulation of 
angle of attack and bank angle (Figure 7c). During the initial descent, the angle of 
ttack stayed near the value for maximum L/D (10 to 12 degrees), and the bank angle 
Increased to -174 degrees to enable a quicker descent ir.'.o the atmosplu'rc for greater 
plane change. Angle of attack then increased to values between 18 dcgi^es and 20 
degrees and bank angle decreased to values between -80 degrees and -60 degrees, 
resulting in an increase in the rate of inclination angle change (Figure 7d). 

Throughout the trajectory, angle of attack and bank angle were optimally modulated to 
enable the vehicle to fly at a maximum nose stagnation temperature of 4500 degrees F 
(Figure 7 g). For optimum inclination change subject to a heating constraint, the 
vehicle flew at angles of attack higher than that corresponding to maximum L/D, 
indicating a requirement for higher life rather than maximum aerodynamic efficiency. 

It can be scan from Figure 7d that more than half of the required inclination 
change was achieved before rocket ignition. The initial heading angle of 90 degrees, 
optimally determined by OTIS, indi''ated that the sortie vehicle began atmospheric entry 
at an apex (maximum latitude - -28.5 degrees) in the orbit. Total heading change was 
90 degrees for this baseline trajectory. 

As shown in Figure 7c, Che wing leading edge ctagnatlon temperature reached a 
maximum 3210 degrees F and the centerline static cenperature reached a maximum 2909 
degrees F. The centerline static temperature was computed at a point on the bottom 
surface of the aeroasslsted sortie vehicle 5 feet aft of the nose. 

The llfc-Co-drag ratio reached a ma.xlmum 3.04 during the unpowered descent phase 
and reached a maximum 3.09 during the powered ascent phase of the trajectory (Figure 

7f). Prior to rocket engine Ignition, the vehicle flew at an L/D near 2.5. For 

nearly the entire trajectory, the vehicle flew at angles of attack higher than chat 
corresponding to the oaxlnum L/D - on the "back side" of the L/D curve, 

6.2 Effects of Varying Maximum Temperature Constraints 

A series of optimized synergetic trajectories were run to determine the effect of 
varying the maximum nose stagnation temperature constraint on vehicle payload weight to 

polar orbit (Figure 8). For the baseline trajectory (maximum Tnosc ■" 4500 degrees F), 

the sortie vehicle carried 2417 pounds of payload to polar orbit. For a maximum 
temperature of 4250 degrees F, the payload was only 440 pounds. For maximum nose 
temperatures of 5000 and 5400 degrees F, the payload weights delivered to a 150 
nautical mile circular polar orbit were 4713 and 5392 pounds, respectively. Increasing 
the maximum temperature constraint allowed the vehicle to descend deeper Into the 
atmosphere, utilizing the higher L/D, and thus resulting greater payload capability. 

The sensitivity of payload weight to maximum temperature (with respect to the 
baseline trajectory values) is more acute at the lower maximum temperature constraints 
investigated. A 5.6Z decrease in maximum allowable temperature for Che baseline 
vehicle results in a B2X decrease in payload weight. An 11.IZ increase in maximum 
allowable nose temperature for the baseline aeroasslsted sortie vehicle increases the 
payload weight delivered to the final orbit by 95Z. 

6.3 Two-IcpulStt Aeroassist with p-op Tanks 

Subjected to a maximum temperature constraint of 4500 degrees F, the baseline 
synergetic trajectory resulted in 2417 pounds of payload delivered to o ^50 nautical 
mile circular polar orbit. To evaluate an Increased payload capability, two external 
drop tanks verc Added to the ccroassiacec sortie vehicle. This tankage was arbitrarily 
chosen to have a w<?ight of 30,000 pounds, approximately half of the gross weight of the 
aeroasslsted sortie vehicle. With an assumed mass fraction of .95, the drop t«anks 
provided the sortie vehicle with an additional 28,500 pounds of propellants and an 
additional AV capability of 5513 feet per second. This simulation required the drop 
tanks to be emptied and discarded prior to atmospheric entry. For the case of the 
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tvo-i]Qpulse-*deorbit doroasslot trajectory* tho tanks were discarded after the second 
propulsive maneuver (See Figure 5). 

The two-iapulse-deorbir trajectory was progronaed to allow global optimization of 
the complete trajectory. Initial optinizacion efforts quickly indicated that the 
aeroassist(2) orbital plane change maneuver was significantly more optimal than the 
synergetic maneuver for this configuration. Subjected to a maximum nose temperature of 
4500 degrees F» the ASV with drop tanks delivered 7124 pounds of payload to polar orbit 
during the two-lopulsc-deorbit aeroassist trajectory. The equivalent synergetic 
maneuver, preceded by an all-propulsive plane change which emptied the drop tanks, 
delivered only 6167 pounds to polar orbit. Details of the acmospherlc portion of the 
nominal tvo-lmpulsc-deorblt aeroassist trajectory arc presented in Figure 9< 

for tho nominal aeroassist (2) trajectory, the radiation equilibrium stagnation 
temperature at the vehicle nose was constrained at 4500 degrees F. The vehicle entered 
the sensible atmosphere at an altitude of approximately 300K feet with a velocity of 
approximately 27,200 feet per second end flight path angle of approximately -2.3 
degrees. The nlnlmum altitude of 174,581 feet, and minimum velocity of 19,935 feet per 
second were reached 8970 seconds into the trajectory (Figure 9a). At that time, the 
rocket engine Ignited and the vehicle cllmbzd out of the atmosphere, as indicated by 
the sharp rise In axial vehicle acceleration In Figure 9b. 

Optimal control of the atmospheric portion of the trajectory, constrainced by a 
maximum nose temperature of 4500 degrees F, was effected by the modulation of anjle of 
attack and bank angle (Figure 9c). Comparison of angle of attack values between this 
trajectory and those of the baseline synergetic maneuver (Figure 7c) shows chat much 
higher angles of attack arc required during the unpowered portion of the aeroassist(2) 
trajectory to pull the vehicle out of the very fast ond steep atmospheric entry. In 
both cases, the vehicle flew at angles of attack much higher than that corresponding 
CO naxlmun L/D (10 to 12 degrees), indicating a requirement for higher lift. 

As Indicated in Figure 9d, approximately 50.4 degrees of Inclin'^cion change was 
accomplished during the atmospheric portion of the trajectory. A considerable portion 
(over 14 degrees) of tills inclination change was obtained above 200K feet during the 
descent due to the very high atmospheric entry velocity, characteristic of the tvo- 
Impulse dcorblc aeroassist maneuver. 

The wing le.'iding edge stagnation temperature reached a maximum 3692 degrees F and 
the centerline static temperature reached a maximum 3328 degrees F (Figure 9c). The 
centerline static temperature was computed at a point on the bottom surface of the 
acronssisted sortie vehicle 5 feet aft of the nose. 

The llft-to-drag ratio flown by the vehicle reached a maximum value of 2,88 for a 
few seconds during the powered ascent phase of the trajectory (Figure 9f). This value 
is approximately 852 of the maximum L/D potential for the vehicle, A tlmc-avcragcd 
value of the L/D flown by the aeroassisted sortie vehicle below 200K feet altitude was 
approximately 2.4. 

6.4 Effects of Varying Maximum Temperature Constraints on the Aeroassist(2) 

Orbital Plane Change 

A series of optimized tvo-lmpulse-deorblt aeroassist trajectories were computed to 
determine the effect of varying the maximum nose stagnation temperature constraint on 
vehicle payload weight to polar orbit (Figure 10). For the baseline trajectory, the 
sortie vehicle carried 7124 pounds of payload to polar orbit. For o maximum tempera- 
cure of 4100 degrees F, the payload was only 2207 pounds. The payload weights 
delivered to a 150 nautical mile circular polar orbit were 12,377 and 15,752 pounds for 
maximum nose temperatures of 5000 and 5500 degrees F, respectively. Increasing the 
maximum temperature constraint resulted In higher entry velocities, higher utilized 
L/D, and greater payload capability. 

In comparison with the baseline synergetic trajectory, the 30,000 pound drop tanks 
increased the payload to polar orbit by 4704 pounds, approximately 1902. For the 5000 
and 5500 degrees F nose temperature constrained trajectories, the aeroassist(2) maneuver 
with added drop tanks increased the payload capability by approximately 1622 and 1922, 
respectively. The sensitivity of increased weight to increased maximum temperature was 
relatively high for the entire range of maximum temperature constrained aeroassist(2) 
craicctorles investigated. 

6.5 Max L/D Vehicle Trade Study 

To evaluate the ability of different vehicle configuration classes to perform the 
baseline trajectory, optimal synergetic orbital transfer trajectories to a maximum 
final inclination angle were computed for the baseline high L/D vehicle (maximiim 
I/D - c medium (telttiivc) L/D vcnlcie (maximum L/D 3.0), ond a low (relative) 

L/D vehicle (maximum L/D • 2,2). For each vehicle, optimized trajectories were 
computed with the maximum nose temperature constraint ranging from 3500 degrees P to 
5000 degrees F. The payload was fixed at 1000 pounds for each trajectory. 

To develop an approximate aerodynamic model for the medium L/D vehicle, the axial 
force coefficient of the baseline vehicle at zero angle of attack, Mach 20, and an 
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nlcitudo of 200R feet vas increased by 30%« This Increment was then added to the axial 
force coefficient at each angle of attack for each Mach number and altitude condition. 

To develop an approximate aerodynamic model for the low L/D vehicle, the axial force 
coetficlent of the b.isellne vehicle at zero angle of attack for the same conditions as 
above was increased by }00i. This increment was then added to tlze axial force 
coefficient at each flight condition. Also, the normal force coefficient at each 
condition for the low L/D vehicle was scaled by a factor of 0.9. The resultant values 
of L/D for all throe vehicles at Mach 20 find an altitude of 200K feet arc presented In 
Figure 11. 

The synergetic plane change trajectory for the high L/D vehicle was essentially 
identical to the baseline trajectory presented In Figure 7. For brevity, this 
trajectory is not shown. The final orbital Inclination attained by the high L/D 
vehicle was 94.9 degrees for the 1000 pound payload. The baseline trajectory resulted 
in 2417 pounds of payload delivered Co polar orbit. As a result, increasing the final 
Inclination angle by 4.9 degrees reduced the payload weight by 141’ pounds. 

The baseline synergetic plane change performance of the medium L/D vehicle is 
presented in Figure 12. Unlike the high L/D vehicle, the medium L/D vehicle flared 
near 230K feet and bounced out of the atmosphere to 345K feet. It then reentered the 
atmosphe-c and flew an altitude profile similar to the high L/D vehicle (Figure i2a). 
Rocket voigine Ignition occurred at 3100 seconds to boost the vehicle up to the polar 
orbit condition (Figure 12b). As the vehicle bounced out of the atmosphere after Che 
initial flare, the angle of attack dropped to zero degrees twice before increasing to 
20 degrees during the descent to the minimum oltltudc (Figure 12c). As the angle of 
attack dropped to zero, the L/D dropped to -0.25 (Figure 12d). For this trajectory, 
the medium L/D vehicle reac''cd a final Inclination of 91.9 degrees. 

For the low L/D vehicle, the baseline synergetic plane change perfornance to polar 
orbit (Figure 13) shoved trends sinilar to those of the medium L/D vehicle. Both 
vehicles skipped out of the atmosphere before reentering and performing the plane 
change, possibly Indicating t!(at the assumed Initial deorbit AV was not optimal. These 
two dips Into the atmosphere were approximately centered about two different nodes in 
the orbit, with the first dip providing only a couple of degrees of Inclination change. 
The low L/D vehicle reached a final Inclination of only 83.9 degrees. 

The final Inclination angle attained by each vehicle ns a function of the maximum 
nose temperature constraint is presented in Figure 14. Between the 4000 degree F and 
3500 degree F constraints, the high L/D vehicle and the medium L/D vehicle reached 
approximately the same final inclination, implying that the high l/D veliicle could not 
take full advantage of its aerodynamic performance capability. As the temperature 
constraint vas increased above 4000 degrees F, the high L/D vehicle was able to attain 
increasingly larger values of the final inclination angle, compared to the medium and 
low L/D vehicles, respectively. The payoff of higher nttsiuablo final Inclination 
angle for greater maximum temperatures decreased for all three vehicle classes as 
maximum temperature constraints increased. 

To carry a 1000 pound payload from its base at an inclination of 28.S degrees to 
polar orbit, a sortie vehicle with a nosccap material capable of sustaining radiation 
equilibrium stagnation temperatures up to 4500 degrees F need only to have a maximum 
L/D of 3.0. This implies that nose and leading edge rodii on the vehicle can be larger 
than those for a vehicle with a maximum L/0 of 3.4, which will also result in reduced 
temperatures. To carry larger payloads to polar orbit, a vehicle with a larger maximum 
L/D is required. 

6,6 Comparison with an All-Propulsivc Plane Change 

The theoretical impulsive dV capability and the 4V required for all‘‘propulsivc 
orbit transfer are computed by equations 5 and 6, respectively. Without payload, the 
acroasslstcd sortie vehicle alone has a AV capability of 12,817 feet per second. 
Depending on the maximum temperature constraint imposed on the sortie vehicle, this AV 
capability allows the ASV to place significant payload weight into polar orbit. For 
the synergetic baseline trajectory subjected to a maximum nose stagnation temperature 
of 4500 degrees F, the aeroasslstcd sortie vehicle con transport 2417 pounds of payload 
from a circular 220 nautical mile 28*5 degree inclined orbit to a ISO nautical mile 
circular polor orbit. This trajectory required a theoretical velocity Impulse of 
11,525 feet per second (equation 5). Placement of the sane payload by u two-impulse, 
all-propulsive orbital plane change would require a theoretical velocity impulse of 
25,774 feet per second (equation 6). Furthermore, an OTV having the same AV capability 
as the sortie vehicle could place a 1000 pound payload to a final inclinuclon of only 
58.4 degrees, instead of the 94.9 and 91.9 degrees achieved by the baseline high and 
medium L/D sortie vehicles constrained by a maximum nose temperature of 4500 degrcpa F. 

Adding propellant drop tanks to the aeroassisted sortie vehicle increases Its AV 
capability to 18,330 feet per second. This allows the placement of 7124 pounds of 
payload to polar orbit by the tvo-impulse-deorbit aeroassisc maneuver constrained by a 
maximum temperature of 4500 degrees F. An OTV with this velocity increment capability 
can only reach a final inclination angle of 71.6 degrees with a two-impulse 
all-propulsive maneuver. 
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CQHCLUSIONS 


Noncoplanar orbital plane change trajectories for an acroasslstcd sortie vehicle 
fron 220 nautical mile circular orbit at 28.5 degrees inclination to a 150 nautical 
qIIg circular polar orbit vere optitaized, subject to nose stagnation temperature 
constraints. Both synergetic and two-itapulse-dcorbic aeroasslstcd trajectories were 
successfully optimized. 

The synergetic maneuver» where all of the plane change occured within the atmos¬ 
phere, was found to be more optimal than the two-lmpulse-dcorblt aeroasslst maneuver 
for the baseline vehicle and trajectory. The optimized synergetic plane change 
trajectory resulted in the delivery of 2417 pounds of payload to polar orbit. The 
11,525 feet per second of propulsive &V expended during this trajectory was less than 
half the propulsive AV (25,774 feet per fcecond) required by a two-impulse, all- 
propulsive orbital transfer maneuver. 

For the baseline trajectory, the two-lmpulsc-deorbit aeroasslst trajectory was the 
optimal plane change maneuver for the ASV with drop tanks. The entire two-impulse- 
dcorblt acroassisted orbital plane change trajectory was globally optimized. By adding 
30,000 pound propellant drop tanks, approximately half of the gross weight of the ASV, 
the payload weight (7124 pounds) to polar orbit was almost tripled. 

The effect of varying the maximum nose stagnation temperature constraint on vehicle 
payload weight delivery to polar orbit was investigated. Results shoved a decrease in 
sensitivity at the higher maximum temperature constraints for both classes of 
aeroasslst trajectories, with the decrease in payoff for the synergetic maneuver being 
more pronounced. 

To evaluate the ability of different vehicle configuration classes to perform the 
baseline trajectory, optimal synergetic orbital transfer trajectories to a maximum 
final inclination angle with a fixed payload of 1000 pounds were computed for three 
different maximum L/D vehicles. To fully utilize an L/D capability greater than 3, the 
ASV must be able to sustain maximum nose stagnation temperatures greater than 4400 
degrees F. For a vehicle with a maximum L/D of 2.2 to carry 1000 pounds payload to the 
baseline polar orbit, the maximum nose stagnation temperature must exceed 4900 degrees 
F. 


Some general conclusions can be made concerning both the synergetic and two- 
Impulse-dcorblt aeroasslst maneuvers. For cither optimum inclination change for a 
fixed payload mass, or optimum payload weight for a fixed final inclination angle 
subject to a vide range of heating constraints, the sortie vehicle generally flew at 
angles of attack much higher than that corresponding to maximum L/D. This observation 
indicated a requirement for higher lift rather than maximum aerodynamic efficiency. 

Increasing the maximum temperature constraint allowed the acroasslstcd sortie 
vehicle to descend deeper into the atmosphere, utilizing increased atmospheric density 
to perform the plane change more quickly and efficiently. Increasing the maximum 
temperature constraint also allowed the sortie vehicle to fly at higher llft-to-drag 
ratios. There is n large performance payoff for increasing the maximum tempernture 
constraint. However, the sensitivity of this payoff decreased with increasing maximum 
temperature, indicating the existence of a Unit where increasing the thermal 
protection system of a flight vehicle would not be worth the added weight and/or the 
cost of increased technology for passive thermal protection systems. 

It is anticipated that new passive thermal protection matcri.ilB capable of 
sustaining temperatures up to 4500 degrees F (not a defined boundary) will be available 
by the late 1990'8. To handle temperatures above 4500 degrees F, active cooling will 
be required, which will likely be less expensive than high-technology materials for 
passive cooling. 

A planned insertion of a payload to polar orbit would be most efficiently 
accomplished by a ground launch directly into the desired low earth orbit. However, 
for fast response time requirements, to quickly service an ailing satellite, or for a 
variety of other applications, an acroassisted sortie vehicle based in low earth orbit 
that has the potential to reach a large range of orbits (inclination ranging from at 
least 28.5 degrees to 90 degrees) could be a great asset. After account ug for the 
difference in additional structural and thermal protection system weight required by 
the sortie vehicle to fly In a high temperature environment, compared to the structural 
weight of the all-propulsivc orbital transfer vehicle, the sortie vehicle will likely 
have significantly more payload capability to perform the baseline trajectory to polar 
orbit. 
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SUMMARY 

This paper intends to present an overview of the requirements and concepts for the HERMES rendezvous system. A 
review of the mission requirements and constramts, mainly dictated by safety rules and man involvement, is first performed to 
highlight the impact of the vehicle configurations and environment on the definition of the GNC subsystem. The whole RV 
scenario from the end of the transfer phase up to the docking is described. A particular attention is devoted to the elaboration 
of guidance and control strategies for the homing and the final approach phases. The navigation system selected and designed 
for HERMES is presented, with some emphasis on the GPS navigation dedicated to the homing and closing phases and the 
optical navigation during the final approach. The redundant philosophy for the RV system and the crew involvement in the 
GNC and management process arc also discussed. 


LIST of ACRONYMS 


CFF 

Columbus Free Flyer 

CG 

Center of Gravity 

CW 

Clohessy-Wiltshire 

DRS 

Data Relay Satellite 

FDIR 

Failure Detection, Isolation and Recovery 

FO/FS 

Fail Operational / Fail Safe 

GNC 

Guidance, Navigation and Control 

GPS 

Global Positioning System 

GPSS 

GPS Satellite 

HUD 

Head Up Display 

IMU 

Inertial Measurement Unit 

LOS 

Lign Of Sight 

MMl 

Man Machine Interface 

RV 

Rendezvous 

RVD 

Rendezvous and Docking 

RVS 

Rendezvous Sensor 

STS 

STar Sensor 

TDF 

Target Docking Frame 

TOF 

T "get Orbital Frame 


1 . INTRODUCTION 

Since several years in Europe, a great emphasis has been placed on the study and the development of new 
technologies which should enable to engage Europe on the path to maimed space flight. The three cornerstones of the related 
preparatory program arc ARIANE V for launching, COLOMBUS Free Flyer Laboratory (CFF) for orbital infrastructure and 
HERMES which performs the transportation of men and enables them to intervene on the CFF infrastructure. Among the 
various challenging stages arising in the HERMES-CFF mission, tlie Rendezvous and Docking operations arc essential 
technologies which must be mastered. These operations require a coniplea Guidance, Navigation and Control (GNC) system to 
ensure, with safety aspects as majors drivers, the control, monitoring and supervision tasks. 

This paper intends to present an overview of the requirements and concepts for the HERMES rendezvous system. A 
review of the mission requirements and constraints, mainly dictated by safety rules and man involvement, is first performed to 
highlight the impact of the vehicle configurations and environment on the definition of the GNC subsystem. The whole RV 
scenario from the end of the transfer phase up to the docking is described. A particular attention is devoted to the elaboration 
of guidance and control strategies for the homing and the final approach phases. The navigation system selected and designed 
for HERMES is presented, with some emphasis on the GPS navigation dedicated to the homing and closing phases and the 
optical navigation during the final approach. The crew involvement in the GNC and management process arc also discussed. A 
large amount of the concepts described in this paper is not especially dedicated to the HERMES-CFF mission but may be 
applied to a generic rendezvous scenario. So, the reader should not be surprised if sometimes the generic terms "chaser" and 
"target" are used instead of "HERMES" and "CFF". 

2 - MISSION DEFINITION AND KbOUlKfcMENTS 

2,1 - In-orbit Rendezvous and Docking (RVD) description 

The in-orbit part of the RV mission between HERMES and the CFF space station can be divided into three main 
phases ; transfer, homing/closing and final approach, with their symmetric counterparts : retreat, moving away, de-orbiting. 
The reference scenario can be described as follows. After the injection of HERMES by Ariane V in the orbital plane of the 
Space Station, a Hohmann boost is achieved to transfer the space plane on an orbit the apogee of which lies about 10 km 
below the circular target orbit, at the altitude of 450 km. When the apogee has drifted sufficiently close to the target, an other 
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Hohmann boost circularizes the chaser orbit. A coast phase then follows for navigation needs. Tlie next phase consists in 
manoeuvring HERMES from its transfer orbit to a hold point located on the target orbit about 100 m behind. This phase can 
be divided in two subphases : the homing from the transfer orbit up to a stable point on the target orbit, 1 km behind, and the 
closing from this point to an other point at 100 m Irom the target. Then, a slewing manoeuvre puts HERMES back to the 
target and the acquisition of the optical navigation means is performed. If the target is sun-pointed, or if the docking axis is 
not pointed along the target orbit, a fly-around is required. The CFF sation, which is nominally sun-pointed, acquires an earth- 
pointed attitude during the RVD operation, so that the fly-around is avoided. The last RV phase is the final approach from 100 
m to Uie docking. A hold pomt is planned at 20 m from the target in order to acquire the relative attitude of both vehicles. 
Figure 1 shows the reference RV profile drawn in the target orbital frame. The different subphases of tlie RV mission are 
summarized in Table 1. 


Distance from 
the target 

Subphase 

Operations 

80 km 

SI 

last transfer boost 


SI-S2 

coast phase • acquisition of the 
target GPS measurements 


S2-S3 

verticat homing phase 

1 km 

S3 

hold point 


S3-84 

closing phase Chopping") 

100 m 

S4 

hold point • stewing manoeuvre • 

RV sensor acquisition 


S4-S5 

final translation (earih^pomted target) 

20 m 

S4b 

hold point • relative attitude 
acquisition 

Om 

S5 

docking operations 


Table 1 . Reference operation sequencement 



2.2 - Mission requirements and constraints 

The RVD process is critical to both crew safely and mission success Collision avoidance and safe separation are 
supreme requirements for crew safety, and tlic success of RV, docking and separation is a prcrcrjuisitc for the achievement of 
the objectives of a servicing mission. The safety and mission assurance rests on a Fail Oixirational / Fail Safe (FO/FS) 
concept. In case of a single failure, the nominal operations continue by switching to redundant system functions, if the 
nominal operation cannot be continued, the mission must be achieved by repetition of nominal or contingeney operations. If 
a double failure on the same function, or a combination of critical single failures on different functions occurs, the RVD 
mission is aborted. Separation and return to ground must be achieved safely. 

Besides these safely constraints, some oilier specifications concerning the supervision by the crow and the operation 
liming have to be taken into account. Each subsequent phase in tlie approach scheme shall be released / initialed by the crew 
after verification of the achievement of the previous phase. Tlie approach strategy must include time flexible elements to 
allow for success / system health verification and decision making. During the homing/closing phase and tlie final approach, 
the crew must have a direct or camera-assisted vision of the target. The last 50 meters and all the manoeuvres have to be 
performed during the orbital day. Time must also be foreseen at the end of the orbital day to undertake safing retreat in case of 
contingency. Furthermore, within these security constraints, the performances in terms of ergo] consumption and manoeuvre 
precision must be optimized. 

2.3 - Impact on the GNC subsystem reqiiiremenls 

The approach scheme has to be designed so that if a subsequent manoeuvre cannot lie executed, the chaser will proceed 
on a collision-free trajectory. All possible natural trajectories resulting from forced trajectories or tluusiing failing to operate 
must also be collision free. To be unable to perform some manoeuvre or to achieve some trajectory m the first allcmpi must 
not result in the loss of tlie mission. In particular, the guidance and control laws must be robust enough to permit the 
achievement of the mission despite failures such as temporary loss of the nominal navigation, llirusling failing on or 
thrusting failing to operate. Recovery by contingency operations must be possible. A direct consequence of these constraints 
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is that the honiing/closing phase and the final approach must be closed-loop controlled phases. Homing/closing and final 
approach trajectories compatible with the safety rules as stated above and optimal in terms of consumption have to be 
designed. 

It is clear that the specifications in terms of position and velocity dispersions become more and more stringent as far 
as the chaser approaches the target. Nevertheless, it is worth noting that as regards the operation management, 
homing/closing is a critical phase of the RV. Conirarily to the final approach, a delay in the progress of the operations 
which is not compatible with tlic robusmess of the guidance and control strategies will cause severe consequences on the RV 
liming in terms of duration of the mission as well as consumption. 

3 - GUIDANCE AND CONTROL CONCEPTS AND DE.SIGN 


3.1 ■ Basle guidance trajectories 


The mission requirements induced by the safety constraints as stated in tlie previous section must be taken into 
account for the design of guidance trajectories. The main constraints arc the followmg 

- the duration of the approach from 1km up to the docking is less than 2 orbital periods 

- the last SO meters arc covered during tlic daylight 

- up to the last 2.5 meters of the RV, the trajectories arc collision-free in the case of thrusters failing to operate 

- two hold points, at 100 m and 20 m behind the Space .Station arc mandatory 

- the crgol consumption is to be minimized as far as possible 

The guidance trajectories arc calculated in the target orbital frame (TOP) as described on Figure 2. The equations describing the 
relative movement of the chaser in the TOF can be directly derived from die Kepler laws : 


d^R 

dt^ 


dt^ dt* li ri 


where the following notations arc used 


It cardi center to target vector 
re earth center to chaser vector 
R relative position vector 

Ye acceleration induced on the chaser by non gravitational fore, s 


Yr acceleration induced on die chaser by non gravitational forces 


When the target is on a circular orbit (period T = 2it/(0). a first order expansion of the differential Kcplcrian acceleration leads 
to the following linearized equations, named as Clohcssy-Wiltshirc (CW) equations, expressed in the TOF 


x-2<oi = Ys+t?” 
y + 0 )^y = Yx + VT 
z + 2(oz-3a)^z = Y. + li” 


where (x,y,z) are the coordinates of the chaser center of gravity (CG) in the TOF, (Y«. Yy. Y<) the tlixust accelerations of the 

chaser, and (Y«“. Y?") include all the other acceleration sources such as the differential ait drag, the CW second-order 

neglected terms, the differential J2 term, ... The out-of-plane motion can be considered in a first approximation, as decoupled 
from the movement in the orbit plane and can be viewed as an harmonic oscillator movement which is quite easy to control. In 
the following, only the reladve movement in die target orbit plane will be considered. 



X-axis ; in the direction of the target velocity 
Y-axis : perpendicular to the target orbit plane 
Z-axis : in die target orbit plane, towards the earth 

Figure 2: larget Urbital Frame 


Guidance trajectories for the homing phase 

In the reference scenario, the first homing subphase consists in transfertng HERMES from its drift orbit 10 km below the 
target orbit onto the target orbit, 1km behind the target. In order to minimize the consumption, the thrusts must be delivered 
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along the X-axis. The problem then becomes that of finding an acceleration ptofile which transfers the cluscr from the initial 
conditions ; 

xo to be defined, Zo = 10 km, xo = ^tozo, Zo = 0 
2 

to the fmal desired conditions ; 


xt = - 1 km, zr= xt = Z( = 0 


Tile resulting trajectories will be called admissible. Thcoritical admissible trajectories can be obtained by applying two 
Hohmann transfer boosts each of magnitude : 

AV,= —(OAz, (Az = z,|)-z^ 

4 

along die X-axis, separated by half an orbital period (see Figure 3). Tlie first boost must be applied when ; 

Ax = Xt- Xo = 3ii/4 Az 

An other homing transfer (sec Figure 3) can be performed with a constant level X-thrust of magnitude 

7 , = -J- to^ Az 
4n 

during one orbital period This results in a forced path which starts when 

Ax = 22Laz 
2 

The duration of the transfer itself is twice that of die Hohmann transfer, but the difference is only one qualer of period if lime is 
compared from the same starling point. Both the resulting trajectories arc safe w.r.t. the thrusting failing to operate (sec 
Figure 4). It is worth noting that the above trajectories arc both obtained with non realistic guidance acceleration profiles In 
order to save crgol consumpdon for controlling the trajectory, the guidance laws must take into account the fact that die thrust 
is delivered without amplitude modulation. 

LctTi be the achievable acceleration which can be applied to the chaser along the X-axis, The total impulse the target must 
receive : 


corresponds to an overall thrust duration of 

T,hr = ^ . 

I* 

In ilie case of HERMES (sec Tabic 2). Az ^ 10km yields = 300 s (compare wiUi ihc orbital i>criod T = 5500s). 

The proposed approach consists m splitting the total impulse required for tlic whole transfer into N distinct boosts of duration 

^ "Tihr (sec Figure 5). 

N 

It can be shown that periodic boosts spaced by AT = 2n/N © yields admissible trajectories The transfer duration becomes* 

2!L-(AT-t). 

(O 

N = 2 corresponds to a realistic Hohmann transfer while N large corresponds to a conimous likc steered transfer 


The problem now is to find admissible trajectories satisfying the following initial and final conditions * 


Xo = 

-1000m 

tti = -lOOm 

Zo = 

Om 

zt = Om 

Xo = 

Om/s 

xi = Om/s 

zo = 

Om/s 

z< = Om/s 


llic constraints on the trajectories are both liming constraints . Iraiislcr Ouration less liian one orbital period, and safety 
consiramis . coliision-frec trajectory after a thrusting failure. Furilicrmorc, Uic crew must have the target in their field of view 
durmg all the transfer. So, the LOS must not be greater than 20®. Different concepts which may be applied for this transfer are 
summarized and compared in Table 3. A good compromise between the various requirements is fulfilled by the hopping 
trajectories for which die transfer boosts arc performed along Uic Z-axis. TIic resulting free irajcciories arc ellipses centered on 
Uie target orbit. N-boosis realistic trajectories can be calculated as for the homing vertical transfer As shown on Figure 6, the 
LOS requirement is not satisfied when a single hop is performed wiUi N=2. In this case, two hops, which globally last one 
orbital period, have to be performed. 
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Figure 3 : Theorilical admissible irajeciories 



Figure 4 : Safe irajeciories for the homing 


AXIS 

THRUS 

H0MN3 

LEVEL 

aosiNG 

EFFICIENCV 

SPECIFIC IMPULSE 

*X 

400 N 

40 N 

1 

300 s 

■X 

40 N 

40 N 

1 

300 s 

±Y 

20 N 

20 N 

07 

300 s 

±Z 

20 N 

20 N 

07 

300 s 


mass - 231 


Table 2 : HERMES Propulsion System 


yL 

ac 

^eler 

atK 

n 

r-l 


-| 

(T=2i ) 

(1) 


T AT (n-1 

atV wno 


( -3 k ak+ 4 UkSm ttk) 


mu 

Xk'Xf=- 

(0 
mu 

2 Y X 

^lc=--- ( k- UkCOSttk) 

0) 

• mu 

Xk=Yx t ( 3 k - 4 UyCOS ttk) 

• mu 
Zk=- 27, t UlSin 


^ ot^=(k-l)i+SLL 

k sin (rc / N; N' 2 


Figure 5 : Realistic admissible uajcctory (acceleration profile and equations) 
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DURATION 

AVx 

AVz 

SAFETY 


AVx AVx 

1 ORBIT 

0.11 m/s 

oeoko 

0 

- 

X 

2 


AVz AVz 

1/2 ORBIT 
(2 boosts) 

1 ORBIT 
(continuous 
thnist) 

0 

0.5 nVs 

5.58 kg 

+ 

X 

Z 


AVx AVx 

VARIABLE 
(Function ol 
AVx) 

0 32 nVs 

2.Skg 

(duration 

1 Dibit) 

211X3 

22 3 kg 

+ 

X 

Yi 

2 


NOTA: aV AND CONSUMPTIONS FOR 6X. 900 M 


Table 3 i Admissible guidance irajcctorics for the closing phase (Ikm - 100m) 


2 BOOSTS TRANSFER 


lOOM 


1 KM 


35' 



2t 1 HOP : U)S™=35‘’ 


100 M 320 M 1 KM 


2t 2110PS : LOS„ = 18' 


N BOOSTS TRANSFER (N URGE) 
100M IKM 



Figure 6 : IX>S requirement analysis 


Guidance Iraicclorics for the final annroach 

Due to timing constraints, the final approach is based on forced paths along tlic X-axis from 100m to tlic docking The 
analysis must be focussed on the safety requirement which becomes crucial during this phase. A safely domain around the 
target which tlic frcc-lrajcctorics must not enter is first defined. A corner domain as shown on Figure 7 has been considered. 
Then the safely criterion can explicitly be expressed as constraints on tlic instantaneous axial velocity x : 

X S— for X S z, 

X 

xsi!±i? forxaz. 

2Xz, 

witli X. = -1- (V7 - 3 Arccos 2. ) = 426 s 

(0 4 

which cuiicspoiius lo die pilasc plane domain indicated on Figure 5. For die HERfviEo-CFF inissiun, we can take - 2Cm. 
With X = 500s for providing a safety margin, tlie phase plane trajectory of Figure 9 can be performed. Witli this profile, the 
total duration of the last 100 meters is c<iual to 38 minutes without a stop at 20m, which is quite compatible with the timing 
constraints. 
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Figure 7 : Safety box around the target 



Figure 8 : Safety domain in the plane phase 
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5 mm's 
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consuml 
aceelwaibn 
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vtbdiy O^rtv't 


Figure 9 : Designed velocity profile for the last 100 m 


3.2 ■ Guidance and control concepts for tlie huming/closlng phase 

For the homing/closing phase, two basic guidance schemes have been selected. In the first one, the chaser is kept on a 
reference trajectory by controlling both its position and its velocity. In the second one, control boosts arc just performed so 
as to ensure the final kinematic conditions as desired (position at the desired location on the target orbit, velocity equal to 
zero) without requiring a control of the instantaneous position Both schemes arc now described and compared. 

3.2.1 - Guidance on a reference trajectory 


The guidance on a reference trajectory is based on the scheme shown on Figure 10. The guidance trajectories have been 
calculated from the CW equations. Their cquauons can be formulated as : 


X* = AcwX*+Br. with Acw = 


0 I 

0 0 

0 0 

3to* -2to 


0 

1 

2io 

0 


0 

0 

1 

0 


0 

0 

0 

1 - 


where X< is the desired kinematic slate (position and velocity) of the chaser in the TOF an. F. the guidance boosts. For the 
control design, the relative position and velocity of the chaser arc assumed to be perfectly measured. Let SX = X-X< be the 
difference between the desired state and the actual state. Its dynamic is described by : 


5X = Acw 6X + B Ft + perturbations 


where F, is the control acceleration. The lime DT between two successive control boosts is assumed to be constant. In tlie case 
of N-boosts guidance trajectories with N large, the control boosts will be performed in addition to the guidance boosts. The 








I 
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control boosts can be considered as discrete impulsions. So. the continous equations describing the error evolution along the 
reference trajectory may be replaced by the following discrete ones :■ 

SXn .1 = Aa5X„ + BdPn 

with 

5X„=8X(nDT), n. = r.(nDT), Ad = cAcwm’, Bd = eAcwDTB 

An optimal stale feedback To = Ko SXn can be calculated by minimizing a quadmtic criterion of the form 

J=I(8xlQ8X„+rlR r„) 

The consumption is minimized by means of the weighting matrix R, while the performances are obtained via the weighting 
rnatrix Q. For N large, the steady-stale feedback K obtained as N lends to infinity is quite sufficient for efficiently controlling 
die trajectory. This feedback can be expressed as :■ ° 

K = (R + BlPBd)BlP 

where P is the positive solution of the discrete Riccali equation 

P-AlPAd+AjPBd(R + BlPB,)Aj-Q = 0 



reference trajectory 



Figure 10: Guidance on a reference trajectory 


3.2.2 - Guidance to terminal point 

In this guidance scheme, the reference trajectory is rc-adjuslcd at each guidance step. An admissible trajectory going 
through the estimated position of the chaser and leading to the desired final kinematic conditions is calculated so that no 
position control is required. A velocity correction is just performed. The algorithm is efficient because through a given point 
goes one and only one admissible trajectory (see (5) for details). As die problem becomes singular near the end point, the 
guidance trajectory must be frozen a few steps before the arrival, and a position control is dien required. 


As regards the homing subphase, it is possible to release somewhat the specification on the end point abscissa. From 
a given admissible arrival interval on the target orbit (xr.sr], one can enlarge the set of admissible trajectories to those 
which finish msidc this interval. Now, through a given point (the estimated position of the chaser) go an infinity of 
admissible u^c^rics (see Figure 12). The set of all these trajectories is bounded by the trajectory arriving at xf" and that 
arriving at xf . To the first one corresponds the smaller nominal vertical velocity, to the second one the larger. Furthermore 
mere exists a bi-umvoque correspondance between the end point inside the anival interval and the nominal vertical velocity! 
n order to minimize me consumption, the following procedure can be followed : from the estimated position of the chaser, 

-- --- —«... vmeuidieo, logcuicr wiin me related vertical velocities. U die esimiaied vertical 

velocity of the chaser lies inside the admissible interval, only the horizontal velocity is corrected. Otherwise, the vertical 
velocity IS also corrected taking into account as the reference velocity me closest bound of the admissible interval 







admissible trajoctory 


Figure II : Guidance to tciminal point 
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Figure 12 : Release on the end point abscissa specification 



PERFORMflNCE RCaJSTNESS CON9JJfmOH 
(DISPERSION) 


NBOOSTSTRANSFER 
(N> 100): CONTROL 
ONAREFEREfCE 
TRAJECTORY 


NBOOSTBTFW6FER 
(N > 100): GUIDANCE 
TO TERMINAL POINT/ 
VEUXTTYOCNmOL 




CL05tNQ(TKMT0100M) 


Table 4 : Comparison of guidance concepts for the homing and closing phases 


3.2.3 • Performances and robustness evaluation 


The performance of both strategies in terms of consumption and dispersion box at the terminal point as well as their 
robustness w.r.t. failures such as navigation failures, thrusting failing to operate, thrusting failing on have been evaluated 
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using adapted simulation tools (see Table 4). A typical number of one hundred guidance and control boosts is requited in order 
to meet the specification in tcmis of final dispersion box, which arc typically : 


HOMING 
8X = 100m 
5Y = 8Z^10m 
8X = 2 cm/s 
8Y = SZ=2cm/s 


CLOSING 
8X = 10m 
8Y = 8Z = 5m 
8X = 8Y=8Z=1 ent/s 


from an algorihmic point of view, the guidance on a fixed trajectory is simpler. However, with such a strategy, the 
consumption is much increased when the chaser moves away from the reference trajectory. For the homing phase, considering 
a guidance to terminal point strategy, the release on the end point abscissa specification tnduces an important reduction of the 
propelLmt consumption As regards the closing phase, the algorithmic stngularity at the end point becomes important and 
the release on the final point constraints is not desired. So, for this subphasc, the guidance on a fixed trajectory is 
recommended in the nominal mode. However, in a baekup mode, a backup trajectory has to be defined w.r.t. the estimated 
chaser state, so that a guidance to terminal point algorithm should be available. 

3.3 - Control scheme for the final approach 

Only tile dimensioning phase from a few meters from the target up to the docking is considered here. The basic difference with 
the previous phase is that the relative altitude of the target ! the chaser must now be controlled. Tlie attitude of the target is 
assumed to be unmeasured (no transmission of the target gyros information towards the chaser) bii. only estimated (see 
Section 4 3) During this phase, the desired relative axial velocity is typically 5 mm/s. The most stringent specifications on 
the kinematic conditions at docking .arc related to the rclattvc attitude and angular rate and to the lateral [wsition and velocity 
of tile docking port center in the target docking frame (TDF) (see Table 5). To simplify the prcscniaiion, only the movcnicnls 
of the chaser in tlie target orbit plane arc considered. The linearized equations of die motion can be set as • 


relative attitude { . 

|fi = T^-nT + pcrl 


lateral motion 


z = + (X* -f Lt) Hr + Lc fit* 
i.= F,/Mc + X'flr + pcti. 


axial motion I 

lxc= F,/Mc 

where the following notations arc used 

(x.z) 

(x.z) 

(Xc.Zc) 

Gc 
Or 
G, 

Tr 

(Fx,F.) 

Lc 
Lr 
Me 

Ic 

As shown by dicsc equations, the dynamics of the lateral deviation and the relative angular deviation of the docking ports arc 
coupled Taking into account this problem, the following guidancc/conirol scheme has been proposed. The known 
perturbations due to Coriolis orbital accelerations arc first compensated by the guidance forces. The axial and lateral 
deviations .ac then controlled using pic^xiilional-dcrivatc .dbacks. The relative angular deviations arc controlled so as to 
induce a rotational movement of die chaser around its docking port, keeping it fixed in die TDF. Such a coordinated movement 
requires a feedback of the relative altitude and angular rate on both the torque and die force command (see Figure 14). This 
guidance and control design has be^n validated by simulations (see Figure 15) taking into account the estimation of the 
required feedback variables from di' available measurements ; range, ligns of sight and relative attitude angles (see the next 
section). 


deviation of the HERMES docking port center from its nommal trajectory expressed in the TDF 

axial and lateral deviation rales of the HERMES docking port center in die TDF 

velocity of die HERMES CG in the TDF 

chaser angular rate Li the TOF 

target angular rale ui die TOF 

relative angular rate 

control torque on the chaser 

control forces on the chaser 

distance from CG to docking port of the chaser 

distance from CG to docking port of the target 

mass of the chaser 

incrua of die chaser 
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V 


AZ< 40 mm 
AZS 2min/s 
<18,5 1.5“ 

A0,S 0.1 “/s 

Table 5 ; Typical specifications on the kinematic conditions for docking 




Figure 14 ; Control strategics for the final approach 


4 ■ HERMES ORBIT/IL N<\VIGATION 

4.1 - Navigation systems, architecture and equipments 

The long-range in-orbit navigation of IIEKMBS is based on tlic NAV.STAR Global Positioning System (GPS) for the 
jiosiiion and velocity estimation and on inertial measurements (IMU) updated by Star Sensor (STS) measurements for the 
attitude estimation. GPS navigation will be detailed in the next subsection. Design rules for the proposed attitude estimation 
can be found in (2). As GPS is available only with the degraded C/A civil code, tlic achievable performances, admissible for 
tile transfer, docs no longer permits a precise and safe navigation near the target and would lead to an extra consumption. So, 
the baseline is to perform the homing/closing phase with a cooperative target which delivers its own GPS information to 
HERMES. The treatment of the GPS measurements from both HERMES and CFF generates a relative position/vclociiy 
estimation sufficiently precise to achieve a safe hommg/closing. 

During the RV proximity operations, from a typical relative distance of one hundred meters up to the docking, a 
dedicated navigation equipment is required for taking over the no more efficient relative GPS accuracy and for providing 
relative attitude mcdsurcmcnts during the last meters. The current baseline for such a navigation system relies on optical RV 
sensors (RVS), the initial sensor acquisition being required before the final translation. Among the various candidate 
technologies, the proposed concepts are based on CCD camera (sec Figure 16) which deliver two lines of sight (LOS) 
measurements, a relative range measurement and a relative attitude measurement during the last 20 meters. 
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Aclual and estimated lateral position of the chaser docking port in the TDF (mm) 



Lateral velocity of the chaser docking port in the TDF (mm/s) 



Aetna and estimated lateral velocity of the chaser CG in die TDF (inni/s) 
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Me.ee 4ee.ee 
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Actual and estimated relative attitude (degrees) 


Figure 15 : Simulauons for the last meters approach 
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Figure 16: RVS concept based on CCD cameras 


The arehitecture of the navigation system must lake into account the FO/FS and safcty/rchabillty criteria as well as 
constraints on die mass and the complexity of the whole system. A compromise between these antagonist requirements leads 
to the following sensor configuration : 


nvs 

2 

GPS 

2 

IMU 

3 

STS 

2 

HUD 

1 


In the case of a double failure requiring an emergency re-entry, a back up mode compatible with re-entry constraints and using 
no addiuonal hardware must be defined. To cover the contingency of a double GPS receiver or GPS unavailability, the selected 
back up mode is to use tlie DRS measurements processed on ground. This is the only case where the navigation function is not 
performed autonomously. The attitude estimation back-up mode uses the Head-Up Display (HUD) measurements before de- 
orbiting in order to bound the attitude estimation divergency and to enable orbital guidance, together with a specific 
deorbiting strategy coupled with GPS measurements for providing an improved initial attitude estimation to the re entry 
navigation. 

4.2 • Relative GPS navigation principle 

An autonomous on-board orbit estimation is required and thus HERMES must be able to ujxlate an orbit model by us 
own measurement capabilities. The GPS system is the selected measurement mean for this orbit estimation The good 
performances offered by GPS make it probably oversized for the only orbital drift phase, but first, its utilization can be 
optimized for power management and secondly, it offers tiie following mission oriented advantages : 

• GPS can be used during reentry, 

- Relative GPS navigation technique provides an accurate navigation during the rendezvous up to 100 m , 

- Differential GPS with respect to a ground beacon can be used during the landing. 

The relative navigation principle using GPS will now be described. 

4.2.1 - GPS measurements 


The NAVSTAR GPS is based on a constellation of 18 satellites (minimum number) placed on circular orbits at the 
altitude of 20000 km. The mformalion delivered by each GPS satellite (GPSS) consist m the current cphcmeris of the satellite 
and tlie GPS date. Comparing the GPS date of the message with the HERMES time yields the so-called pseudo-range 
information : 

llrii - r, II + c 5i 


wherem is the HERMES absolute position, r, the GPSS absolute position, 6t the dcsyncliromzation between HERMES time 
and GPS lime (the GPSS are all syncluonized) A range rale measurement can also be performed using the Doppler effect on the 
GPS signal carrier. Proceeding by triangulation from three pseudo-range measurements would yield the desired absolute 
position if 5l = 0. As the HERMES and GPSS clocks arc not synchronized, a fourth pseudo-range mcasureiiieni is required to 
recover a reliable position estimation. Tlie triangulation accuracy crucially depends on the geometric distribution of the GPSS 


in visibility. If U is the unitary vector defining the LOS HERMES-GPSSi, and H die 4x4 matrix 


U| U2 U3 Oi 


of the selected 


1111 


LOS, then the positive number : 


lr(HTH)-l 

(named as the Global Dilution of Precision (GDOP)) characterizes the achievable positioning performances . the smaller it is. 
the better the localization. With more than four GPSS in visibility, a selection which minimizes the GDOP is recommended 
Otherwise, in the frame of a pure GPS point navigation, the position is no longer observable due to the clock drift. Tlie 
appearance frequency of such unobsetvability conditions highly depends on the receiver antenna aparture. 
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The main source of GPS measurement errors comes from the selective availability (SA) concept attached to NAVSTAR 
procedures : for civil applications, a low frequency coded degradation is superposed to the original signal. Other perturbations 
due to; 

- tlie GPS receiver noise, 

- the GPSS cphcmcris errors, 

- the ionosphere propagation, 

- the clock divergence between HERMES and the GPSS. 

are also to be considered. Table 6 gives tlie error allocation on the pseudo-distance measurements. 


SOUHCgS 

ERROR do) 

SA * GPSS ephemens z 
salallile clock 

30 m 

user receiver 

10 m 

ionosphere 

15 m 

Total 

33m 


Table 6 ; Error allocation on pseudo-range measurements 
4.2.2 • Relative GPS navigation filler 

In tlie HERMES RV mission, the target is assumed to be equipped with GPS receivers and to transmit its own dated 
GPS pseudo-range to HERMES. An important improvement of the GPS absolute navigation can then be achieved by directly 
substracting the pseudo-range mcausurements of both vchicules which leads to the relative pseudo-range "measurement" . 

u,. R -rc 5t 

where R is the relative position of HERMES and CFF in tlie TOF and 5i the clock desynchronization between both vchicules. 
In this operation, the slowly varying SA bias as well as the propagation disturbances and die GPSS ephcmcris bias arc nearly 
eliminated. Residual cnors due to the non simultaneity of the chaser and target measurements arc neglectabic if a 
synchronisation better than 1 second is achieved. On the contrary, the GPS receivers noises are amplified by a factor l/2. In 
order to prevent the bad GDOP configurations and to filter the measurement noise, an optimal filtering will be performed 
through a Kalman filter using an on-board prediction model of the chaser movement in the TOF (sec Section 3.1) A two-order 
model of the clock drift is integrated to the prediction model. The global prediction model can be expressed ns : 


and the measurement equation : 


where the following notations arc used ; 


X = AX+BU-i-px 
Y = C(t)X-hpr 


X = (x. y, z, X, y. z, c St, c St) 

A /S ~ 

A 

px 

Y = (ri, n, rs, uf 


relative slate (position, velocity, clock drift) 
estimated thrusting accelerations 
estimated pcrliiibaiions (differential air drag) 
relative pseudo-range measurement (linearized) 


with r,(l) ■= u.. R c St (R = (x,y,z)^) 



Acw 0«.r 


■ Oj.3 ■ 

A = 


. B = 

Ij.j 


O2.6 ® ‘ 


. . 


L 0 0 J 




•»T 


: 0,., I 

-T I 0 


and tile it's are the chascr-GPSS estimated LOS. The unmodclized perturbations which must be considered for designing I'lc 
Kalman estimator arc: 

- the error on the tlirusi estimate (including altitude estimation error, llirusicr misaligmcnt, thrust level cnor, ...), 

- the neglected second-order terms in the CW dynamics, 

- llic residual term due to the target orbit eccentricity, 

- the error on the differential air drag estimation, 

- the differential effect of the J2 gravity term. 
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As seen above, the measurement errors essentially proceed from the GPS receiver noises. It is worth noting that the 
measurement model is non stationary since it vanes w.r.i. the selected GPSS configuration A discretized linear prediction 
model at a sample time Tp can be used :• 

x„, = fx„+gi5„+^ 

Y„ = H„X„ 

with 

F = cxp(ATp) . G= j cxp(ACrp-T)).Bdt 
H. = C(nTp) 

which leads lo the Kalman estimation procedure desenbed m Table 7 (R is the covariance matrix of die measurement noises) 



ESTIMATE 

ERROR COVARIANCE 

GAIN 

PROPAGATION 


IQBaiEQIIII 

• 

UPDATING 


♦ k.rkI 



Table 7 : Propagation of the state estimation 


The optimal design results of a compromise between the rejection of the perturbing accelerations and the filtering of the 
measurement noise. As die perturbing aceelerations arc far from being ideal white noise, an artificial state perturbation matrix 
Qn must be selected and tuned in order to achieve optimal performances. Due to the fact that the perturbation level greatly 
varies during the homing/closing, the matrix Qn cannot be constant. At the interface between the transfer phase and the 
hommg phase, the error covariance matrix is transmitted for the initialization of the filter. 


4.2.3 • Navigation performance assessment 


In order to assess die navigation filter performances, the mean and the covariance of the estimator error arc 
propagated along the refcncc trajectory (see Section 3.1). Set: 


e,. = x„ - x„ 

8u„ = u„-u„ 
m„ = E(c„) 

Pn = E[(c„-mJ(c„-m„)’^) 

or 

R. 


state estimation error 

thrust estimation error 

mean value of the estimation error 

covariance of the centered estimation error 

true covariance of the |xiriuibations 

covariance of the GPS relative measurements 


Tlicn. the error propagation is given m Table 8. 



ESTIKtATtON ERROR MEAN 

ESTIMATION ERROR COVARIANCE 

PROPAGATION 

nirHi*Fmo*G&i„.E|pIl 


UPDATING 


p;.(i.kji,)p;(i.k4i„)vk„rk; 


Table 8 : Propagation of die estimation error mean and covariance 

The global performance on the i’*' position or velocity variable is obtained from the corresponding error mean in and the 
corresponding diagonal elements of the error covariance matrix by the formula 

worst case performance /1 'I* variable = m, ± 3 C\ 

Navigation performance analysis during die homing and the closing phases have been carried out Figures 17 and 18 show 
typical propagations of die global performance for each subphascs. The chaotic fluctuations arc due to the GDOP variations of 
the selected GPSS which induces transient evolutions of the Kalman filter. This clearly illustrates the high degree of non 
siattonariiy of the eslimalinn problem. 

4.3 - Navigation during the final approach 

The short range relative navigation of HERMES (from 100 m to the docking) is based on the use of RV sensors which 
provide one relative range measurement, two LOS measurements and three relative attitude measurements (the later during the 
last 20 meters). Typical performances of such sensors arc shown on Figure 19. The proximity operation can be decomposed 
mto two main subphascs. From 100 m to 20 m, only the relative position and velocity of HERMES center of gravity (CG) arc 
estimated via LOS and range measurements. The continuity with the previous phase is guaranlcd since the estimated state and 












_ _•ia“* ... . / * velocity error [km/s] *10 posiKonnlng error / dbtance 

eIoc»ty error [knysj *10 posiJionnIng error / distonce r » < 
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the prediction cnor model are the same. In the final path, from 20 m to the docking, the position and velocity of HERMES 
dockmg port center in the target docking frame (TDF) must be estimated and controlled. Tlien, the measurement of the relative 
attitude of HERMES w.r.t. die Space Station must tie taken mto account. During this phase, the HERMES gyro measurements 
arc also used as well as an estimation of the absolute CFF attitude in its local orbital frame. 

To simplify, the problem of estimation will be stated without considering the out-of-plane motion. Only the 
dimensioning phase 20m to Om is eonsidcied. The notations correspond to those of Section 3.3. The function assigned to the 
navigation filter is to deliver an estimation of the following variables :■ 

1) HERMES-target relative attimdc 6, and target absolute angular rate, 

2) axial position x and velocity x of the HERMES docking port center in the estimated TDF, 

3) lateral position z and relative velocity i of the HERMES CG in the estimated TDF, 


RANGE MEASUREMENT ACCURACY 
(3 sigma. Log scales) 



RANGB 


REUTIVE ATTITUDE MEASUREMENT ACCURACY 
(3 sigma. Log scales) 



RANGE 


LINE OF SIGHT MEASUREMENT ACCURACY 
(3 Sigma, Log scales) 



Figure 19 : RVS performances versus range 
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For a preliminar evaluation of the achievable navigation pcifotmanecs, an estimation filter has been designed as a triple of 
(a,P).fiUcrs for each group of variables : 


RELATIVE AnnUDE ESTIMATOR 


relative attitude measurement 
HERMES gyro measurement 


n 



e. 

At 


rar>ge measurement 
estimated axial acceleration 


AXIAL POSITION AND VELOCITY ESTIMATOR 


r. 


FILTER 2 


X 

X 


LATERAL POSITION AND VELOCITY ESTIMATOR 


LOS measurement Z„-X(LOS-e,) 
estimated lateral acceleration r, 


FILTER 3 


Z 


2 


The predictor model is given by the dynamical equations described in Section 3.3. For convenience, the estimation of the 

relative lateral velocity is replaced by that of the relative velocity z of HERMES CO in the estimated TDF. The (ct,p)-filicts 
equations then can be written as ; 


0, = nr'.£>r + ai(0r-0.) 

Or = Pi (0^-0,) 

A ^ ^ 

X = x-ra2(Xa.-x) 

A ^ 

X = P2(x„-x)-l-r, 

« ys 

z = Zt + LcOc +(x + LT)Or + aj(z„-z) 

As 

= X+ r. + Pj(Za-z) 

Owing to the coupling between the attitude and the lateral velocity chains, this design is not quite optimal bui is expected to 
be representative of the actual on-board filter performances. The (a,P)-gams arc to be optimized so as to obtain a good 
compromise between the filtering of RVS noise (low bandwidtli required) and the attenuation of the perturbations due to the 
lack of knowledge on the target angular movement (large bandwith required). The residual axial velocity required for the 
docking mechanisms fitting is a dimensioning parameter ; the larger it is, the wider the desired bandwith An improvement of 
tlie navigation performances can be obtained in the case where the target gyro measurements arc transmitted to HERMES 
However, this possibility would be investigated only if necessary. A less constraining mean for .educing the required 
navigation bandwilli consists in switching off the attitude control system of the target durmg the last meters precceding the 
docking which makes easier the estimation tasks. 

A covariance analysis of the navigation errors can be performed as described in the previous section. Tlie main 
prediction errors which must be taken into account in this analysis come from :■ 

■ the guidance and control boosts misalignments and unaccuracics (calculated on a reference trajectory), 

- the poor differential drag estimation, 

- die target altitude behaviour, 

- die plume impingement effects. 

Preliminary simulation results ate shown on Figure 20, which seem compatible with the specifications on the kinematic 
conditions for the docking. 
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Figure 20 ; Navigation performances ; Final translation 


S - MAN INVOLVEMENT IN THE RVD TASKS 

5.1 - Man Machine Interaction and Task Allocation 

RVD with intensive intervention by man has been demonstrated many times in orbit with man acting as sensor, 
processor and actuator. However, tlie technology has also made it feasible to perform a completely automatic RVD. Altliough 
it is true that automatic systems perform better than man in tasks which requite citlicr fast processing of huge amounts of data, 
fast and accurate detection or actuation, continuous restless operation or operation in hostile environment, it must also be 
acknowledged that some human capabilities are still unchallenged by the most powerfull automatic systems. Tliis is due to titc 
human ability to use judgement, to infer from fuzzy information, to react in case of unexpected or unanticipated events, to 
learn from experience, to formulate new strategics,... 

The allocation of tasks to man and machine cannot be an citiicr/or process, i.c. either man is better and he is in 
charge, or the machine is better and man is excluded. This approach has been overtaken by technological progress and docs 
not consider such important factors as the requirement for the man to be involved permanently in order to be ready to exercise 
his superior capabilities if necessary. Moreover, the cithcr/or approach does not consider that the best pcrfmmance of the 
automatic system can only be achieved if the real environment in which it has to operate actually corresponds to what was 
forecast during its design. This approach ignores the fact that man, although not as accurate and efficient in some automatic 
tasks, can intervene just to correct these unanticipated deviations by superimposing his correction to the action of the 
machine in order to achieve the desired performance 

Therefore, die allocation of tasks should rather be a result of an integrated design process, Man and aoiomstic 
systems must then be considered from tlie beginning with Utcir capabilities and limitations and proper criteria must be defined 
from whicli the allocation of tasks has to be performed. The ultimate goal is to obtain a symbiotic ccopcraiioii of man and 
machine, in which man and machine complement each other in order to obtain the safest possible system, and within such a 
system, to optimize the performance. 

5.2 - Possibilities for man involvement in the GNC tasks 

Tlie possible levels of involvement of the pilot in the GNC process arc shown in Figure 21. Tlieir arc related to : 

- the manual update of the slate estimation (point 1), 

- the manual adaptation of guidance parameters (point 2), 

- the manual guidance commands (point 3). 

- tlie manual control commands (point 4). 

- the manual command of individual thrusters (point 5) 

Pilot involvement in GNC tasks may be planned for nominal modes which arc not fully automatic, or for nominal 
modes which, although being fully automatic, could benefit from the intervention of man c g. to correct unexpected biases, or 
for backup and emergency modes to replace a failed automatic system. 

5.3 - GNC functions In nominal modes of RVD 

On the basis of tlie results of past works on unmanned spacecraft RVD, and taking into account the requirements, 
capabilities and limitations of the automatic system and the pilot, a concept has been proposed for the HERMES GNC during 
RVD. Tlie concept assumes that in nominal modes, GNC functions arc performed by tlie automatic system. The pilot has the 
role of supervisory control which includes ; 

■ involvement in the mission and in the vehicle configuration management tasks, 

- monitoring of the operation of the GNC system, which requires complete obscrvabiluy, including visibility of 
the tercet St shcr* '^••***»»/*<* 

- cooperation with the automatic GNC system to correct small deviations (vernier control). 

llic vernier control by the pilot is explained with reference to Figure 22. The automatic system estimates the relative chaser 
position and attitude. The pilot compares these estimations with the actual position and attitude as viewed via the video 
camera system and introduces an additional innovation to tlie slate update block. This can be made by superposing a dynamic 
pattern generated by the automatic system from the state estimate with the actual pattern obtained by the video camera. Using 
the side stick, the pilot moves the artificial pattern and makes it coinciding with the teal pattern. The motions of the artificial 
pattern arc translated into innovation signals which arc fed to the state update software of the automatic system. In this 


concept, the resources of the automatic system arc fully used and the pilot is called upon to supplement the system by 
correcting the unexpected cnors. 

The required observability is given to the pilot by means of : 

- caution and warning function, 

- synthetic data consistent with the current control mode, 

- granting access to all system information on request, 

- direct or camera-assisted view of the target during the final approach through the Crew Vision System (CVS). 

The supervision by the crew passes through the Man Machine Interface devices, ergonomically arranged in tlie HERMES 
coekpit. The proposed cooperation between man and machine can be stated as follows. As regards to the mission 
management, highest authority for the selection of mission objectives and strategies belongs to the ground and the crew. The 
pilot sets strategy parameters and GNC system modes while the automatic system provides the pilot with the necessary aids to 
perform its role. Automatic operation scquencement and monitoring is performed, the pilot giving go ahead commands at key 
points. At any time, the pilot has the capability to override the automatie process. As concerns the vehicle management, the 
machine performs the vehicle configuration setting and keeping, including FDIR, and reports to the mission management 
level and to the pilot tluough the MMI. The pilot cooperates in FDIR tasks and may command vehicle configuration changes 
consistent with the selected operating mode. 


BtALrArrtRN tSriMAtCO B€A1 mTERN NOMINAL 

fOSlTION RAntRNrOSlTlON rOSITtON rATTEKNrOSIIION 



Figure 21 : GNC system operability by the pilot 



Figure 22 ; Manual vernier control scheme 






















6 - CONCLUSION 


In this paper, some concepts for the HERMES Rendezvous system have been examined. A partieular attention has 
been devoted to the description of the mission requirements and constraints, mainly dictated by the safety rules attaehed to the 
HERMES-CFF mission. Strategies for the guidanec and control design during the critical phases of the RV have been analysed 
and compared in terms of performances and robustness w.r.t. failure. The navigation system selected and designed for HERMES 
has been presented, with some emphasis on the GPS navigation dedicated to the homing phase and the optical navigation 
during the ftnal approach. The crew involvement in the GNC and management process has been also discussed. 
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SPACECRAFT ATTITUDE DYNAMICS: EVOLUTION AND CURRENT CHALLENGES 
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ABSTRACT 

The paper briefly reviews complex interactions between flexibility, deployment, environmental forces and attitude 
dynamics during both steady state and transient phases. The available literature on the subject is cited through several 
review papers which would give fair understanding of its present state. Parametric studies suggest that critical combinations 
of system variables can drive the spacecraft unstable, however, suitable control strategics are available to restore equilibrium. 
Emphasis throughout is on methodology of approach to complex dynamical systems and analysis of results to gain better 
physical appreciation as to their response character. To that end mathematical details are purposely avoided. Evolution 
of the field and current challenges arc illustrated through examples involving a variety of configurations of contemporary 
interest. 


1. INTRODUCTION 

Motion of a spacecraft presents two dynamical aspects of interest. The most obvious one is the trajectory traced by its 
center of mass which is governed by the classical Keplerian relations. However, spacecraft are not point masses as Kepler 
assumed in the analysis of planetary bodies. They have finite sizes and hence inertias. Thus a satellite while negotiating 
a trajectory may execute rotational motion about its center of mass commonly referred to as libration (Fig. 1). In this 
presentation we will be concerned with librational dynamics and stability of the Earth orbiting systems. 

There are numerous situations of practical importance such as communications, scanning of cloud cover for weather 
forecasting, survey of earth resources, scientific and military observations, etc., where it is desirable to maintain a satellite 
in a fixed orientation with respect to the Earth. Unfortunately, even though a spacecraft may be precisely oriented at 
launch, it tends to deviate from this preferred orientation under the influence of environmental forces in the form of the 
solar radiation pressure, interactions with the Earth’s gravitational and magnetic fields and, if the spacecraft happens to be 
close to the Earth, free molecular reaction forces (Fig. 2j. Internal motion of payload, astronauts and sloshing propellant 
as well as coupling of the attitude dynamics with the oruital and flexural mechanics may add to the problem. This leads 
to undesirable librational motion which must be controlled for successful completion of a given mission. 

Several methods of attitude control have been developed over the years. Broadly speaking they may be classified as 
active and passive techniques. 

Active stabilization procedures involve large expenditure of energy usually in the form of microthruster units, momen¬ 
tum gyros and reaction wheels. Sometimes the whole satellite is turned into a gyroscope as with the spin-stabilized and 
dual-spin systems. But energy is a very expensive commodity aboard an instrument packed spacecraft. A satellite can 
carry only a limited amount of fuel (energy) for librational control. Once the energy supply is exhausted there is no attitude 
control left, the satellite succumbs to the disturbances, starts tumbling and the mission is disrupted. The spacecralt has to 
be discarded although its structural and electronic systems may be functional. This, of course, is quite extravagant. It is 
somewhat like discarding an expensive automobile just because it has run out of gas (petrol). Most early communications 
satellites used to have a Tifo-span of 4-7 years which is now extended to &-10 years thus requiring their periodic replacement 
at an enormous cost. 

Stabilization techniques demanding very little or virtually no power consumption are termed passive. This is generally 
achieved by designing satellites with physical characteristics (such as booms; flaps like aileron, elevator and rudder of an 
airplane; magnetic dipoles, etc.) which interact with the environmental forces in a manner so as to maintain a specified 
orientation. Environmental forces such as the gravity gradient, solar radiation pressure, earth’s magnetic field and, for 
near earth satellites, free molecular reaction forces are available for ever at no cost. Modi et al. have reviewed the relevant 
literature in two papers ll,2j citing 132 and 223 references, respectively. A subsequent paper by Markland, primarily aimed 
at the attitude control of communications satellites, complements the above two studies |3, 47 references). 

The vast body of literature reflects logical evolution of the spacecraft design, the problems it posed and the analyses 
needed to explore their resolution. It can be clas.sificd in a number of ways depending on the objective, however, from 
dynamics and control considerations following areas of development appear distinct: 

(a) formulation methodologies particularly for multibody systems with open or closed topology; 

(b) dynamics and control of :■ (i) rigid systems; (ii) rigid systems in the presence of environmental forces; (iii) systems with 
flexible appendages; (iv) transient behaviour during deployment and retrieval, evolving structures such as integration 
of the proposed Space Station Freedom; (v) flexible systems in the presence of environmental forces. 

O’jjective here is to briefly touch upon some salient features of dynamical performance through typical examples, each 
representing a large class of systems, with further details left to references. 

2. RIGID SYSTEMS 

To help appreciate pliysicai aspects of ihc system dynamics, we will puipuieiy consider a simple config;:rat:on of an 
axisymmetric, gravity oriented, nonspinning satellite in a circular orbit. Recognizing that the orbital perturbations due to 
librational motion arc small j4,5), the classical Keplerian equations arc still considered valid. This leads to the governing 
nonlinear, coupled equations of motion for inplanc {a, pitch) and out-of-plane (qr, roll) degrees of freedom as [6] 

a - 2(a + 0)^Tan'i + 39* KiCos^'i SinaCosa - 0, 

T -b |(a -1- 9) -b 3 fl’ KiCos^rJiSin^j Cos^i = 0. (l) 

Even without solving these equations one can get some appreciation as to the regions of possible motion and dynamical 
stability simply by studying the zero velocity plots, 

C„ = (2////9’) - Ki = -CosS(l + ZKi Cosset), 


(2) 



( 


i 

} 
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yaw 



Figure 1 A satellite describing a trajectory and un¬ 
dergoing pitch, roll and yaw librations. 


Figure 2 A chart showing the variation of environ¬ 
mental torques with altitude on GEOS-A 
satellite. Note, at the geostationary al¬ 
titude of 22,300 miles (36,000 km) used 
by communications satellites, solar pres¬ 
sure and gravitational torques arc of the 
same order of magnitude. Similarly for 
near earth satellites aerodynamic forces arc 
dominant. 



where, H, the Hamiltonian, is a constant of the motion as the Lagrangian function ’oes not involve time explicitly. As the 
velocity becomes imaginary for a point outside a 2 cro velocity curve, the librationai motion can occur only when q and or 
lie inside the domain bounded by the curve. Thus for: C;/ < -(1 -1- 3K,), no motion is possible; -{1 -f 3K,) ^ Cjf ^ -1 , 
motion is bounded; -I < Ch < 0 , motion can be unstable only in o: direction; 0 <Cii < unbounded motion is possible in 
both coordinates. Typical zero velocity curves in Q:,y-plane for /f, = 1 arc presented in Fig. 3. 

Parametric analysis of a system, particularly with a large number of variables and a range of initial conditions of 
interest makes presentation of results in a concise form a challenging task. The concept of invariant surface or integral 
manifold, generated by what Hdnon and Heiles (7) refer to as a ‘numerical experiment’, proves to be quite attractive to this 

end when the governing equations have periodic coefficient as in the present case. Modi et al. have described the process 
at length in a series of papers for gravity gradient [S-lOl and spin-stabilized satellites [11,12] even in the presence of solar 
radiation pressure 113,14) and aerodynamic forces |1S,16{. 

Consider, for example, an arbitrary satellite in an elliptic orbit of eccentricity ‘e’ undergoing planar librationai motion 
governed by 

(1 + eCosO)a" - 2<(o' + l)S{nO + 3K, Sina Cosa = 0, (3) 

where prime denotes differentiation with respect to $, the true anomaly. An initial point a = a' = a^, d = 0 is chosen 
and equation (3) intepated over 2x. This produces a “consequent” point a = a i, a' = o',, fl = 2s' which may be considered 
as a new initial condition at 0 = 0. The procCM may be thouglit of as a transformatioin , defineo by equation (3), of the 
initial point. The new starting point may itself be transformed, repeatedly, leading to a series of po.n .s in the a, a' - plane 
at d = 0. If any of the transformed points lies outside the region -s’/2 < a < x/2, all the points determined by the process 
lead to tumbling motion and may be plotted in the unstable region. Alternatively, the points may lie inside the region 
indicating stable operation and, when plotted, define a curve. This is an invariant curve of the transformation, i.e., the 
transformation of the curve lying in the d = 0 plane results in the same curve being generated at d = 2s. The two curves 
are connected by an infinity of trajectories defining a surface which may be called an “invariant surface”. 


Figure 4 represents such an invariant surface schematically. An initial condition interior to this surface results in the 
generation of a new surface which lies within the one shown. On the other hand, an exterior initial condition generates 
an external surface provided the motion continues to be stable. Hence the desired region of stability is represented by the 
interior of the largest invariant surface that can be constructed. Interior of the limiting invariant surface for K, = 0.7 and 
f = 0.2 is shown in Fig. 5. 

The concept of a limiting surface represented in the phase space is very important. For a given eccentricity, it 
provides all possible combinations of initial angles and velocities to which a satellite may be subjected at any point in its 
orbit without causing it to tumble. Of equal significance is the fact that, at a critical combination of system parameters 
(e, K;, etc.), the stability region shrinks to a point; or in the phase-space representation the invariant surface degenerates 
to a single trajectory, showing the existence of a periodic solution. 

One may explore a further possibility of condensation of information by taking an intercept of the manifold, say at 
d = tt = 0 as a measure of the system stability. Fig. 6 shows effect of eccentricity and inertia on the region of stability 
of a satellite undergoing planar librationai motion. Note, for a dumbbell satellite {K, = 1), except for an isolated island, 
the system becomes unstable for e > 0.33 (Fig. 6a). For K, = O.J {K, = 0 is a sphere) the stabiiity region has shrunk 
significantly, and stability beyond e = 0.1 docs not exist. Of course, this is in absence of any active control. Thus 
the information can be used to advantage in designing an appropriate control depending on the system parameters and 
operating conditions. 
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Figure 3 Zero velocity curves for Ki = 1. 


Figure 4 A schematic representation of an invariant surface. 


As can be expected, environmental forces affect the margin of stability adversely [13,16). A study of the spin stabilized 
satellites by Modi and Pande (17) brings home this point rather vividly. Significance of the inertia parameter /(/yy//aa, 
ratio of the axial to transverse inertia, axisymmetric satellite), the spin-parameter a (spin rate nondimensionalized with 
respect to the orbital rate) and the orbital eccentricity is quite apparent in Fig. 7. It shows variation of ft’ , the angular 
deviation of the axis of symmetry from the orbit normal, as a function of 0. It is apparent that a judicious choice of 
parameter values is essential to avoid tumbling motion ($ > x/W. Of particular interest is a disturbing influence of 
the solar radiation pressure represented here by the parameter C. This dimensionless parameter depends on the satellite 
geometry and mass distribution, reflectively and transinissibility of its surface, distance t between the c.m.. and the center 
of pressure, solar intensity and the perigee distance. Note that the value of C as small as 0.5, which would physically 

correspond to < = 3 cm for INTELSAT IV category of satellites causes the spacecraft to tumble over. Of course, in acttial 
practice, a higher spin rate and/or active control system would counter this tendency. Nevertheless, the analysis dearly 

brings out the fact that the solar parameter C is of the same importance as 7, o and c in the design of the satellite attitude 
control system. 
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Figure 


Limiting invariant surface showing the boundary of stability for K, = 0.7 and e = 0.3. 
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Figure 0 Stability in the presence of impulsive disturbances as affected by the orbital eccentricity: 
(a)/<-, = f;(b)K.:v0.1. 


2.1 Nonlinearity and Coupling 

Nonlinearitics and coupling between the degrees of freedom represent key factors governing response, stability and 
demand on the control system. To illustrate this point consider llbrational dynamics of the Orbitcr. Fig 8 shows librational 
response of the Orbiter in a circular orbit when subjected to a relatively small disturbance of 0,05“ in roll, yaw and pitch 
simultaneously. The response is evaluated using nonlinear as well as linearized approaches for the Orbiter in three different 
configurations. Note, except for local details, particularly at large angles of attack, the linearized approach seems to predict 
the trend towards instability accurately (Figs. 8'., 8b, 8c, 8d). During the small amplitude bounded motion (Fig. 8e), 
linear and nonlinear analyses yield virtually the same response as expected. The Lagrange configuration representing the 
minimum moment of inertia axis along the local vertical and the maximum moment of inertia axis aligned with the orbit 
normal is stable. Thus from control consideration, the Lagrange configuration will be less demanding in terms of fuel 
expenditure. 

However, in the presence of a relatively large disturbance, the linear analysis would lead to misleading conclusions. 
This Is clearly demonstrated through Fig. 9. The Lagrange configuration found to be stable under small disturbances is 
now subjected to a roll, yaw and pitch disturbance of 4°. Note, the linear analysis continues to predict bounded motion 
(Fig. 9a) while actually the system is ui.stable (Fig. 9c). It is of interest to recognize relatively large deviations from 
the equilibrium in the yaw degree of freedom (Fig. 9b), which becomes unstable within five orbits with a slightly larger 
disturbance (Fig. 9c). 

To get better appreciation as to the system dynamics during transition to instability, the Lagrange enfigurat'on was 
subjected to pitch, yaw and roll disturbances separately (Fig. 10). With a pitch disturbance as large as 30° (Fig. 10a), the 
roll and yaw remain unexcited and the system is stable. The same is essentially true with a yaw disturbance (Fig. 10b). 
However, even with a relatively small roll disturbance (Fig. 10c), the diverging yaw oscillations set-in tending towaros 
instability. Thus roll control seems to be a key to ensure stability of the Orbiter in the Lagrange configuration. 

Figure 11 attempts to study the effect of roll control on the librational stability of the Orbitcr in the Lagrange 
configuration. The spacecraft is in a circular orbit and is subiected to an initial disturbance in pitch as well as yaw of 4°. 
The roll is controlled using the primary and vernier reaction controls of the Orbiter with a typical time history over an 
orbit as reported by Budica and Tong [18]. Two different deadband limits are used, '/mai = ±1“ (Figs. 11a, 11b) and 
±0.15“ (Figs. 11c, lid), to have some appreciation as to the degree of control in roll needed to assure stability. The phase 
plane response in yaw is included to help judge the velocities involved. It is apparent that the roll control to the extent 
of ±1“ is not adequate and the Orbitcr becomes unstable in yaw within five orbits. However, with the deadband limits of 
±0.15“, the system returns to stability. 
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Figure 7 Response of a spinning satellite showing 
significance of various system parameters 
including the solar radiation pressure ef¬ 
fect. 


e • 0 



0.0 0.2 0.4 o.e o.e i.o 


J 





Figure 8 Comparison between linear and nonlinear responses 
to a small disturbance with the Orbiter in three 
different flight configurations. 


(a) e = 0 ./9[0]:y[o3: 0 . a[0]:30deB. 




Figure 9 Plots showing inadequacy of the linear analysis 
to accurately predict instability of the Orbiter. 




h iguro 10 Librational response of the Orbiter to an inde¬ 
pendent excitation in pitch, yaw and roll. Note 
the pitch and yaw disturbances lead to essen¬ 
tially uncoupled stable motion. However, even 
with a relatively small disturbance in roll, the 
system apears to become unstable in yaw through 
its coupling with roll. 
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It was suspected that such a demanding control for stability may be due to sharp positive peaks in the roll time 
history caused by firing of the thrusters. Considerable extension in the deadband limits can be achieved through smoothing 
of the peaks. This is shown in Fig. 12, where the Orbitcr’s control strategy is improved to result in an approximately 
sinusoidal roll time history with the deadband limits of dke*. It also shows the effects of changing the roll control frequency. 
In Figs. 12a and 12b the roll control frequency is taken to be 2 cycles/orbit which approximately coincides with the natural 
frequency in roll of the uncontrolled Orbitcr in the Lagrange configuration (Fig. 9). The system is unstable (Figs. 12a, 

12b), however, with the frequency increased to 6 cycles/orbit the system regains stability (Figs. 12c, 12d). Thus an increase 
in the roll control frequency as well as reduction in the sharpness of the peaks in the roll time history appear to promote 
stability. This is a useful design information as at a frequency of around 13 cycles per orbit, normally used in the actual 
practice, the deadband limits can be further relaxed. 

e^O . alo]:f9l0]=4 dea. 
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Figure 11 Librational response of the Orbiter in the Lagrange configuration with the time history of roll control actually 
used in practice. 
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Figure 12 Effect of smoothing of the peaks and frequency of the roll control on the Orbitcr’s librational response. 
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3. FLEXIBLE SPACECRAFT : PRELIMINARY REMARKS 

• -j ^?,***® exploration, satellites tended to be relatively small, mechanically simple and essentially 

rigid. However, for a modern space vehicle carrying lightweight deployable members, which are inherently flexible, this is 
no longer true. Several typical examples stress this point: 

(i) Ever increasing demand on power for operation of the on board instrumentation, scientific experiments, communica- 
tions syst^, etc., has been reflected in the size of the solar panels. The Canada/USA Communications Technology 

launched in January 1976 carried two solar panels, l.H m x 7.32 m each, to generate around 

1.2 kW of power. 

(ii) Use of large members may be essential in some missions For example. Radio Astronomy Explorer (RAE) satellite 
used four 228.8 m antennae to detect low frequency signals. 

(ill) Prcliminap^ configurations of the next generation of satellites such as the European Space Agency’s L-S AT (Olympus), 
Ganada/USA s proposed Mobile SATe llitc (M-SAT), and many others suggest a trend towards spacecraft with large 
flexible members extending to several scores of meters. 

(iv) The Space Shuttle being operational and having proved its versatility in undertaking diverse missions, several proposals 
for its utiliption as a platform for conducting dynamics experiments have been presented. They range over stability 
and control of large flexible members, manufacturing of structural components for construction of the proposed Space 
extension of solar panels for augmenting the Orbiter’s power (Solar Array Flight Experiment- 
T ?^P^oymcnt of gigantic hoop-column type antennae for mobile communications systems, and several 

others. In fact, NASA has shown considerable interest in exploiting application of the Space Shuttle based tethered 
subsatellite system, extending to 100 km (Fig. 14); and an experiment involving 20 km long electrodynamic tether is 
scheduled for launch in early 1001. 

We must recognize that flexibility is a design choice dictated in part by a dichotomy of extremes m the orcc environ¬ 
ment: very high accelerations during delivery to orbit followed by very low accelerations in the operational life. Generally, 
configuration size and weight arc often severely constrained as a result of the launch vehicle limitations or structural 
strength of the satellite components. As a solution, spacecraft .'^re initially packaged as compact rigid bodies. Once in 
orbit, various elcrnents deploy to establish the desired configuration. In case of the proposed space station when under 
construction, partially completed components will be continually added thus changing the mass, inertia, flexibilitv .itiu 
structural damping characteristics. The presence of environmental forces will only add to the problem. 

It should be emphasized that prediction of satellite attitude motion is by no means a simple proposition, even 
if the systern is rigid. Flexible character of the appendages makes tlie problem enormously complex. It is, tlicrcforc, 
urjderstandable why transient behaviour associated with the critical phase of deployment related maneuvers has rc*ceived 
relatively little attention. On the other hand, although deployment effects are of a transient nature, they may be felt over 
a long period of tirnc as a result of relatively small extension rates that arc normally associated with long appendages. The 
Space Shuttle based tethered satellite system mentioned before may take $-8 hours to deploy and much longer to retrieve. 
Construction of a space station may extend over several years. 


Remomber^w^. simulation studies before taking a structure or its subassemblies in space’ 

flexiule structures m microgravity environment having time dependent geometry and 
be of doubtfuTvI lit' This hlflcH‘t"’ ftodiss f prototypes and scale iHodcls hfve proved to 

of analvHcal and a ‘ >>as been towards development 

aLuratt'■imuhUonTf "*‘.1 of confidence. Even with scale models, 

accurate .imuiation of gravity and other environmental forces has proved to be elusive. 

imoorTanL‘’'o^Vr '““J"''® •‘*''0 >>®®omc topics of considerable 

“i °f pertaining to the various aspects of satellite system response stability 

ns tule O the Journal of Guidance, Control, and Dynamics published by the ALU Ariierican 

r^rgi space^iic"ure^ (261 “ ‘>'0 state of the art in the general area of 

Orbiter 
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Attention is also directed towards planning of on-orbit experiments such as SCOLE (Spacecraft COntrol Laboratory 
Experiment) to check, calibrate and improve algorithms. It is generally concluded that on-orbit information acquired 
during the constructional phase of a space station is the only dependable procedure for its overall design. Obviously, this 
promises to open up an exciting area of in-flight measurements of structural dynamics, stability and control parameters 
necessary for design. With the U.S. commitment to an operational space station by late 1990’s, the need for understanding 
structural response and control characteristics of such time varying, highly flexible systems is further emphasized. 

4. MULTIBODY SYSTEM FORMULATIONS 

Importance of flexibility, particularly with reference to large scale systems, having been recognized there have been 
considerable effort aimed at general formulation applicable to a wide class of systems. The models considered vary signif¬ 
icantly, however, the ultimate aim is to have dynamic equations of motion for a system of arbitrarily connected flexible 
deployable members forming branched and closed loop topology. Formulation procedures aimed at dynamics of multibody 
flexible spacecraft have been developed by several researchers. These include the early contribution by Ho [27] using the 
direct path method to more recent ones by Singh et al. [28, Kane’s approach], Mcirovitch and Quinn [29, Perturbation 
technique), Vu-Quoc and Simo [30, rotationally fixed floating frame approach), Spanos and Tsuha [31, component modes 
method]. Modi ut al. [32, 33, Lagrangian approach), and others. 

A comment concerning Lagrangian approach to the problem might be appropriate. It has not been popular in 
multibody dynamics because the kinetic energy expression can become extremely large and perhaps unmanageable (before 
the advent of high speed computers) as indicated by Hooker [34] and others. On the other hand, its effectiveness has 
been attested by a variety of problems in analytical dynamics for more than 200 years. More specifically, the approach 
automatically satisfies holonomic constraints. It provides expressions for useful functions such as Lagrangian, Hamiltonian, 
conjugate momenta, etc., and the form of the governing equations displays clear physical meaning in terms of contributing 
forces. Equally important is the fact that the equations arc readily amenable to the stability study and well suited for the 
control design. 

A key to the use of Lagrange’s approach in multibody dynamics is the development of the kinetic energy expression 
in a concise matrix form, which can be differentiated as required. Obviously, the favored form for the kinetic energy is 
(l/2)p My where y and M arc the system velocity vector and mass matrix, respectively. Also the mass matrix should 
clearly display the system’s dynamic character in a simple and meaningful form. Such a form for the kinetic energy is known 
for configurations such as a system of point masses, discretized vibrating structures, rigid bodies connected in a chain form 

|3S|, etc. To arrive at the form for a complex flexible multibody systems has been a challenge faced by dynainicists for a 
long time. The formulation procedures presented by Modi et al. resolves this problem quite elegantly [32,33]. Essential 
features of the general formulation may be summarized as follows; 

• spacecraft of an arbitrary inertia distribution in a general orbit undergoing three-axis librations; 

• arbitrary number and orientation of flexible appendages (tether, mcmbrancc, beam, plate, shell) deploying indepen¬ 
dently at an arbitrary velocity and acceleration; 

• the appendage is permitted to have variable mass density, flexural rigidity and cross-rcctional area along its length; 

• governing equations account for gravitational effects, shifting center of mass, changing rigid body inertia, and ap¬ 
pendage offset together with transverse oscillations; 

• modified Eulerian rotations 'i,P,a (roll, yaw, pitch, respectively) are so chosen as to make tiie governing equations 
applicable to both spin stabilized and gravity gradient orientations; 

• the equations arc programmed in nonlinear as well as linearized forms to permit the study of : (i) largo angle 
maneuvers; (ii) nonlinear effects. 

In what follows, this versatile formulation is applied to several systems of contemporary interest to illustrate current 
and future challenges in the general area of attitude dynamics and control. Details of the mathematical formulations 
and analyses being extremely lengthy arc purposely omitted here, however, appropriate references are cited. Emphasis 
throughout is on the analysis of results and corresponding conclusions. 

5. TRANSIENT DYNAMICS DURING DEPLOYMENT 

The configuration selected for study corresponds to the Orbitcr Mounted Large Platform Assembler Experiment once 
proposed by Grumman Aerospace Corporation (Fig. 15). Its objective is to establish capability of manufacturing beams 
in space which would serve as one of the fundamental structural elements m construction of the future space station. The 
assembler is fully collapsible and automatically deployed. It has some similarity to the experiment carried out by astronauts 
Jerry Ross and Sherwood Spring in November 1985. 

? 


8 .? 

Figure 15 A schematic diagram showing the Orbitcr based construction of beam-type structural members. The principal 
coordinates i, y, z having their origin at the instantaneous center of mass and beam coordinates p, i), ( with 
the origin at the attachment point arc also indicated. In general the two origins arc not coincident. 
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For analysis, the flexibility and deployment rate parameters were taken to be of the same order of magnitude as used 
or likely to be employed in practice. In the diagrams c represents orbital eccentricity; El is the beam flexural rigidity, 
^umed constant over the length in this particular example; and t corresponds to the deployment rate. A,„ and A^ui 
denote beam inclinations to the local vertical in and normal to the orbital plane, respectively. The perigee was taken to 
be Ml km. The truss or beam vibrations were represented by a maximum of the first four modes, 0,, of a cantilever. 
PuQi represent generalized coordinates associated with the admissible functions used to represent beam-type appendage 
oscillations in the / th mode in f and r) directions, respectively. P; and represent transverse generalized coordinates 
normalized with respect to the total length. 

Numerical values for some of the more important parameters used in the computation are given below: 

QrbH£i: Mass =79,710 kg; /„=8,286,760 kg-m^ /„„=8,646,050 kg-m=; /„=1,091,430 kg-m“; 

/ii,=27,116 kg-m^; /j,,=328,108 kg-m=; 7„=-8,1.35 kg-m^ 

Bearn: .Mass (A/i,)= 129 kg; Length (L) = 33 m; Flexural Rigidity (El) = 136 kg-m^. 

Here, z,y, z arc the principal body coordinates of the Orbiter with the origin coinciding with the center of mass. In 
the nominal configuration x is along the orbit normal, y coincides with the local vertical and z is aligned with the local 
horizontal in the direction of motion. Only some typical results arc presented here. More extensive discussion of the system 
behaviour has been presented in the references [25, 36-41). 

Figure 1C shows tip response of the beam for two different orientations in the plane defined by the local vertical and 
the orbit normal, Xout = 20° and 90°. Note, the two transverse motions f and t; are coupled with the plane of vibration 
processing, due to the Coriolis force, at a uniform speed which is governed by the beam inclination angle Xnui- For the 
case of Ajui = 0, the uncoupled motion showed no precession. On the other hand, the prece.ssional velocity increased with 
an increase in Aoui nnd reached a maximum value at A„„( = 90°. The plane of vibratio,i of the beam processed in one 
direction only (in this case clockwise for a given A„„i). 

Effect of beam deployment on the tip dynamics Is studied in Fig. 17. Initial tip deflection is the same as before. Two 
timr b'stories with the same duration of deployment arc considered. As can be expected, the frequency of oscillation in and 
out of til.' cibital plane gradually decreases with deployment finally attaining a steady state value upon its termination. It 
is 0 interest to rcccgnize that they reach the same steady state amplitude, although it is much larger during deployment 
compared to the deployed case. 

In practice the Orbitcr’s librations will be controlled to a specified tolerance limit. A typical time history [18] of the 
controlled Space Shuttle librations during an orbit is shown in Fig. 18. In the following results attention is focused on 
response of the deployed beam during such forced excitation of the Orbiter in the Lagrange configuration. 

Figure 19 shows the forced tip response as well as the first two modes contributing to it for a beam deployed along 
the orbit normal with the Orbiter in the Lagrange configuration. At the outset it should be recognized that, for this out- 
of-plane configuration of the beam, the out-of-plane motion c and inplanc response y are coupled as seen before (Fig. 16). 
Hence one would expect the Orbiter’s yaw and roll to be reflected in both y (inplanc) and ( (out-of-plane) motions. The 
response shown in Fig. 19 precisely reveals these trends. However, the roll disturbance, being at a higher frequency and 
hence with a higher acceleration, appears to be dominant as apparent from the amplitude modulation of the response at 
the roll frequency (around 13 cycles per orbit). 
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Figure 10 Response of the beam to a tip disturbance when 

located out of the orbital plane. Note, the trans- Figure 17 Effect of deployment strategics on tip response 
verse motions f and y arc coupled and the vibra- of a beam deploying normal to the orbital plane, 

tion plane of the beam-tip processes at a uniform Note a reduction in beam frequency during de¬ 
rate. ployment. 
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Figure 18 Representative controlled motion of the Or- 
biter during a typical orbit. The roll, yaw 
and pitch motions are with reference to 
tlio local horizontal, local vertical and or¬ 
bit normal, respectively. 
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0. THE ORBITER BASED EXPERIMENT SCOLE 

Obviously, the main objective of any attitude and vibrational dynantics study of a flexible spacecraft is to develop 
® strategy so that the system response to disturbances remains within the specified limits. However, 
lexibinty often results in low and closely spaced frequency spectrum, and a possibility of overlap with the control system 
bandwidth. This will dernand evolution of high performance attitude control and vibration suppression procedures as well as 
Observation algorithms with special emphasis on robustness to the parameter errors, spill over management, .sensor/actuator 
locations, etc. Although a vast body of literature exists in this area, most of the proposed control strategics remain 
essentially numerical simulations and hence need to be validated. As pointed out before, it is generally recognized that 
gravitational, tnagnctic, plasma, solar radiation, and free molecular environments can not be modeled precisely with the 
ground based simulation facilities. Carefully planned on-orbit tests with flexible structures appear to be the only reliable 
approach for validation, rcfincincnt and calibration of the control algoritinns. 

Under tlie circumstances, NASA has proposed an experiment SCOLE (Fig. 20, Spacecraft COntrol Laboratory 
fiXpcrimcnt, It involves prescribed slewing maneuver of a reflector plate type antenna, attached to a flexible mast, 
supported by the Space Shuttle. A specified librational motion of the Shuttle provides the desired slew motion to the 
antenna, and the primary control task involves suppression of the resulting dynamics which may introduce error in the 
antenna s iinc-of-sight. 

a formulation is applied to assess dynamics of the SCOLE system through a parametric analysis Such 

roll- pRc^i vlwrmtea^ed^?r‘'\”®’‘'^r^ ('^31, roll; /? 3 j, pitch) and libtrational motion (0,, 

buUs also usktl’=r.dlkninfinh» preliminary structural design 

the Shuttle’s HI,® • “ntrol strategy. The classical infinite time linear state feedback regulator, utilizing 

motion. ^ ^ vernier thrusters, is designed to suppress the vibrations as well as control the Shuttle’s attitude 

fmas///**,**”**^ noted from Fig. 20 that the SCOLE configuration involves the Orbiter based flexible 'russ structure 
s P^^Ktxefl Tho mast, located at 11^0 0 .“) of Uie ShSule! 

uniform FuVrtan K^ '‘.“"‘rolled slewing maneuver about the attachment point to the Shuttle. The truss, treated as an 
the fir^ mode ^torsS’oH^he firs^.^ well as torsional («3s) vibrations, r’epr^ented by 

frcouencies in modra (bending), involving the damping effects. The mast’s fundamental bending 

S dlmo H/ respectively, while that in torsion is 0.53 Hz. The effectWc 

moaai damping ratio of each degree of freedom is taken to be 0.003. The Shuttle is considered to be in a 5303 s circular 

the SCOLETogram‘° ‘“'’0“""* Properties are selected to represent a realistic situation of 
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Two types of maneuvers are considered heret (0 Pi 2 slewing maneuver* in the orbital plane of the mwt through 
20 ° from the nominal upright position at an average rate of l°/s; fly, /Jsi “ slewing maneuver, out of the orbital plane, 
of the mast through 20° at the same rate as above. The nominal trajectory of the mast slewing motion is characterizea 
by the acceleration to vary sinusoidally, ft leads to both velocity and acceleration to be zero at the initial and terminal 
stages. This is desirable to minimize excitation of the flexible mast.^ Only a sample of representative results is presented 
here. Further details and response analysis data ate recorded in earlier publications (‘13-45], 

0.1 Uncontrolled Resp onse 

The first item of the interest is to have some appreciation as to the clfee.t of the mast flexibility on the uncontrolled 
system response. Fig. 21 presents time histories of the libratio i • '■esponse, mast tip acceleration and linc-of-sight error 
corresponding to the desir^ direction for communication at 2„ with respect to the local vertical. The flexible ®|^t 
is undergoing the maneuver corresponding to case (i), with the Shuttle free to undergo three-axis attitude motion. The 
maneuver excites the uncontrolled librational motion that is unstable in roll leading to a secular variation of the out-of-plane 
line-of-sight error (fsi). It is apparent that the effect of flexibility on the line-of-sight ciiox and the mast tip acceleration, 
showing high frequency modulations, is indeed quite significant. Although the amplitude of modulations of the line of sight 
error is only 0.1° (ca... Fig. 21b), it is still undesirable as antenna pointing accuracy requires the error to be 1^ than 0.02 
in 20 s. On the other hand, the flexibility has virtually no effect on the attitude response because of their widely separated 
frequencies. 

A closer look at Fig. 21 is necessary to better appreciate complex interactions between flexibility and coupling. Note, 
the line-of-sight error in pitch (caj) shows limit cycle oscillations about the equilibrium position of the flexible system which 
are absent for the rigid case. It should be noted that although the mast is slewed in the orbital plane, both inplane (/tsi) 
and out-of-plane (paa) oscillations are excited leading to inplane (oai) and out-of-plane (oaj) mast tip accelerations. In 
fact, even the mast’s torsional degree of freedom was found to be present (Fig. 21a) because of the asymmetrical mounting 
of the reflector. Thus the transverse and torsional degrees of freedom of the mast arc strongly coupled. A difference in 
the transverse vibrational frequencies of the ma.st, caused by the asymmetric mounting of the antenna plate, results in 
a beat respon.se with a period of around 36 s during the uncontrolled maneuver in pitch (Fig. 21b). Note, the mast tip 
accelerations are significant (10~^ g). It may be of interest to point out that an earlier study without the plate antenna 
showed the inplane and out-of-plano degrees of freedom (both librational and vibratonai) to be uncoupled (43j. Thus 
asymmetric mounting of the antenna is a major cause of coupling. 

0.2 Control Strategy: Infiiiito Time Optimal Linear Regula tor 

On linearizing about the zero equilibrium state, the original governing equations of motion reduce to the nonau- 
tonomous coupled set which can be represented in the standard form as; 

j = A3 -t- B8 

(4) 

a = Af = {A/„,A/,s,.'1/,3}^; 

where A, B arc the system and control matrices, respectively, and Q is the control vector, consisting of the Shuttle’s 3-axis 
control moments. Introducing a cost function to be minimized, 

J I (J* Qj .1- ^ (5) 

3 Jo 

the optima! control 0 is given by, 

8(1) = R-'B’’P3(() . (6) 

The symmetric positive definite matrix P, based on the optimality principle, can bo obtai.ned by solving the algebraic 
Ricatti equation, 

a’'p + pa-pbr-'b'^p + q = o, (7) 

where, R, Q arc positive definite and semidefinitc symmetric weighting matrices, respectively. 

0.3 Controlled Response 

The primary control task is to rapidly change the line-of-sight of the antenna mast, attached to the Shuttle, and to 
damp the induced structural vibrations for precise pointing of the antenna. Thus the objective is to minimize the time 
required to slew and settle, until the antenna linc-of-sight remains within a specified tolerance limit (42). 

The first logical step is to illustrate effectiveness of the full state feedback optimal linear regulator, which employs a 
set of Shuttle’s thrusters to produce three-axis torques. A controller is designed so a.s to provide additional damping to 

the structural vibration through coupling while stabilizing the Shuttle attitude. Thus the line-of-sight error, which is quite 
sasceptible to both the structural oscillations and attitude motion, can be reduced. 

As against the earlier study, now the Shuttle is controlled to maintain the nominal position. Thus ihe desired 
line-of-sight is attained by slewing the mast in pitch (Fig. 22). The results demonstrate rather vividly effeetiveness of 
the controller. The attitude motion originally unstable in roll leading to the scculany varying out-of-plane line of sight 
errors (Fig. 21a), regains stability. Undesirable mast vibrations arc also significantly damped and the commanded antenna 
direction is acquired in less than 5 r after completioi, of the maneuver. Fig. 22c presents time histories of the Shuttle 
control moments. It may he pointed out that the mayimum siomests produced by the ShuttKe thruste.'S '.v-crc firni-cd to 
1.36X10® Nm as specified in the SCO.hE design challenge (42j. 

Finally, an alternate way of attaining the linc-of-sight by pitching the .Shuttle is examined. Here the desired antenna 
pointing direction is acquired by pitching the Shut tic, not through slewing of the mast. Results show that the two maneuvers 
(slewing of the mast. Fig. 22; Shuttle pitch Fig. 23), though equivalent in terms of orienting the antenna, demand vastly 
different control moments. Note, in the present case of inplane maneuver, the control moment in pitch for the mast slew 
is about an order of magnitude smaller. This clearly suggests an enormous saving in control energy if the antenna is 
positioned in a desired orientation through mast maneuvers rather than maneuvering the Shuttle as suggested in the design 
challenge. 
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Figure 23 Plots showing tlio controilcd response during the Shuttle pitch maneuver. Note the control moment in pitch is 
nearly an order of magnitude higher. 


7. SPACE STATION: A LARGE SCALE SYSTEM 

The United States led space station Freedom is progressiveiy moving towards the design and development phases 
with its internationai partners (Canada, ESA and Japan) confirming the specific hardware elements they will provide. Tiie 
primary design requirements is to develop a versatile, expandable, permanent, manned facility for undertaking significant 
advances in space science and technology. The Space Station will contain laboratories for research in such areas as 
communications, material processing and astrophysics. It wiil be used as a platform for satellite launch and repair as well 
as assembly of space structures which may be too large, in terms of size or weight, to transport in their entirety by the 
Space Shuttle. 

The Space Station is planned to be assembled in orbit utilizing twenty Space Transportation System (STS) flights [46]. 
Fig. 24 presented earlier illustrates the Station configuration at the completion of the assembly sequence. The pressurized 
modules (habitation, laboratory and logistics) will be located near the geometric centre of the spacecraft while the servicing 
equipment will be placed along the power truss on either side of the clustered modules. Each end of the main truss will 
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The first Space Shuttle flight, referred in the acronym form as MB-1, will deliver four truss bays of the power boom, 
two of which are outboard of the articulating alpha joint (Fig. 25a), which allows the photovoltaic solar arrays to track the 
sun. Hardware delivered on this flight will also include a pair of solar arrays providing 18.85 kW of power, a panel radiator, 
2 RCS modules, fuel storage tanks for flight control and reboost, and limited avionics and communication equipment. Once 
assembled, MB-1 will be a fully functional spacecraft awaiting the return of the second Shuttle flight to progress to the 
next stage of the assembly sequence. 

The second flight (MB-2, Fig. 25b) will deploy six more bays inboard of the alpha joint, a station radiator, six Control 
Moment Gyros (CMG) for additional attitude control with a complete communications coverage provided by a TDRSS 
antenna. A telerobotic servicer will extend support to gxtra Vehicular ^.ctivity (EVA) of a crewman during assembly and 
maintenance. Phase MB-3 (Fig. 25c) will add the aft port node, a pressurized docking adapter and a standard airlock. These 
elements will provide a base for deployment of the various modules for a permanently manned configuration (Fig. 25d), a 

simplified model of which is considered here for dynamical investigation. 

The finite clement procedure was applied to obtain the first forty system modes of the above mentioned four con¬ 
figurations. The First Element Launch consists of a 25 m long boom, a 11.5 m long array radiator (both modelled as 
beams) and a pair of solar panels (33 X 6 x 0.25 m) represented as plates. For the MB-2 model, the main truss is extended 
to 55 meters and an additional station radiator ( 10 x 5 X 0.25 m) is attached to it. The transition from the MB-2 to 
MB-3 configuration involves the incorporation of a lumped mass clement at the lower end of the main truss representing 
the module support structure and the pressurized docking adapter (25,000 kg). Finally, the PMC configuration has a 105 
meter main truss with a module cluster at its geometric centre (146,000 kg); a pair of array and station radiators located 
at 40 m and 21 m from the truss center, respectively; and solar arrays near each end of the truss. The frequency spectrums 
for the beginning MB-1 stage and the final PMC stage arc presented in Fig. 26. It is of interest to point out that there 
are 31 moucs (besides the rigid body modes) below 5 Ilz for the MB-1 configuration! For example, the first elastic mode 
represents the arrays’ fundamental bending (symmetric) at around 0.08 Hz. /lo = 0.38 Hz is predominantly the array 
second bending mode witli the main truss in torsion. The main truss first bending mode occurs at /(o = 8.79 Hz. The 
MB-1 case is the only oue where the main truss torsion frequencies (/lOi/io) are below its fundamental bending frequency 
(/<o). For the PMC case both the length as well as the system weight have increased. This leads to more modes in a given 
frequency range. Now the lowest bending modes for the truss correspond to fn = 0.32 Hz and /jo = 0.35 Hz. 

Sunimarizing, it can be inferred that the appendages dominate the flexible dynamics and that modes involving their 
pure motion are not significantly affected by the evolutionary character of the Space Station. However, grovzth of the main 
truss and its interaction with the cluster of modules significantly affect the system modes as observed through the changes 
in the truss bending frequencies. 

Modi, Suleman and Ng have studied at length dynamics of the evolving space station using both system as well as 
component modes. Resul's were presented at the recently held workshop organized by ESA j47). However, to have better 
appreciation of interactions between librational dynamics and flexibility let us focus attention on a relatively simple model 
of the Space Station as shown in Fig. 27. Modi and Suleman [48] have examined the system response u.slng the first seven 
modes (Fig. 28) through a numerical analysis of the governing nonlinear equations as well as an approximate analytical 
approach leading to a closed form solution employing the variation of parameter method as proposed by Butanin [49). 





Figure 25 The Space Station Freedom's assembly sequence 
showing four evolutionary phases. 
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(a) FREQUENCY SPECTRUM FOR MB-1 
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Figure 26 The frequency spectrum and three representative modes for: (a) .MB-I; (b) PMC. 
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Figure 27 A simplified model of the Space Station undergoing 
planar librational and vibrational motions. 


Figure 28 The first seven vibrational frequencies and associated 
system modes used in the analysis of the Space Sta¬ 
tion. 





Figure 29 rhows response of the system when subjected to a pitch disturbance of 5°. Tlic ensuing librational, 
goneraliacd coordinates associated with the vibrational response, as well as time histories of deflections at the upper tip of 
the power boom and free end of the top left solar panel are presented. Only the response of the generalized coordinates 
pi, P 2 , and PS fcorresponding to the fundamental frequency ft, ft, and /$, respectively) is given as contribution of the 
remaining coordinates was found to be several orders of magnitude smaller. For the inertia values used, the tlieoretically 
predicted pitch frequency equals 1.44 per orbit, which agrees quite well with the period of the planar libration, ij;. The 
vibratory response is essentially a modulation of the above character at the system’s fundamental frequency. Tlie librational 
motion is able to excite ps primarily because of the proximity of fs to the fourth harmonic 4/,i, (Fig. 30). Note, the solar 
panel tip deflection of 10”''g which may not be acceptable for microgravity experiments. 

Figure 31 shows the effect of vibratory disturbance on the system response. The Station is disturbed in its first two 
modes with the maximum deflection (in each mode) equal to 2.5% of the power boom length. Note, the coupling effect leads 
to a sr-bstantial pitch motion {0.5° amplitude) modulated at the Station’s fundamental frequency. This, in turn, excites 
tile vibratory response in ps due to its proximity to the fourth pitch harmonic as explained before. Furthermore, both 
the power boom and panel tip deflections arc also significantly increased (panel tip amplitude 4.25 m, boom tip deflection 
0.84 m). This level of vibrations may prove to be an important factor in the design of a control system. 

As seen m Figs. 29 and 31, both the librational and vibrational disturbances failed to induce a significant response in 
PSi P4, Psi and pr generalized coordinates. Hence the system was purposely excited in these degrees of freedom to assess 
their effect on the Station response. The system is subjected to the panel tip deflection of 0.025% of the boom length 
in each of the third, fourth, sixth and seventh modes. Note, the toial tip deflection at each panel is the same as before, 
however, the system is iiow excited in different modes. The results are shown in Fig. 32. It is of interest to recognize 
that now all the generalized coordinates are excited through coupling. A large amplitude pitch motion (1°) modulated 
at high frequency may prove to be "f concern. Similar iiigh frequency modulations arc also observed in pi, pt, and pj. 
The l^at-type respnse in the generalized coordinate ps may be due to the proximity of fo and the (ifth harmonic of tlio 
librational frequency. The results seem to suggest that, depending uoon the type of the disturbance, all the modes may be 
excited thus malting the design of the control system all the more difficult. 

^ Accuracy of the approximate, variation of parameter method based, closed-form solution was checked by comparing 
it^with the numerical solution of tlie original nonlinear equations studied before. The comparison was carried out over a 
wide range of system parameters and initial conditions. The analytical solution predicted the response with a surprising 
degree of accuracy as indicated in the typical response plots presented in Figs. 33 and 34. 

h igure 33 compares the analytical and numerical solutions when the system is subjected to a rather severe disturbance; 
librational displacment through 5° plus a vibratory disturbance in the first and second modes corresponding to the panel 
tip deflection of 5%. Note, there is virtually no difference between the two solutions. Even wi' h the pitch disturbance 
as larg' as 20° (Fig. 34) the correlation continues to be quite good. Although small differences in amplitude and phase 
are not.ceable, for all practical purpos^, at least in the preliminary design stage, the results are indeed acceptable. The 
result also suggest that, in most situations, the contribution of higher modes is likely to be quite small. Thus, the solution 
promises tc be a useful tool in conducting parametric studies of such a complex system wi*h ^ considerable saving faround 
70%) in the computational cost. 






Figuru 30 Librationa! and vibrational frequency spectra associated with a simplified model of the Space Station. 




Figure 32 Response of the Station witli a vibrational disturbance in the third, fourth, sixth and seventli modes. 

















t 


15-20 



10 



I-1- : -,-,-r 

0 0.5 1 



Figure .“IS Comparison between the anaiytical and numerical solutions when the Space Station is subjected to a large 
pitch-vibratory disturbance. Note, the two solutions arc almost identical. 
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Figure 34 EiTcctivcness of the analytical solution with the system subjected to an extremely large pitch disturbance- 
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8. SPACE STATION BASED TETHERED PAYLOAD 

As discussed before, advent of the Space Shuttle and the proposed Space Station have presented a wide range of 
for space exploration and exploitation. One approach to this end is the concept of Tethered Satellite System 
(TSS, Fig.35). Possible applications of the system cover a broad spectrum; (i) sophisticated scientific experiments aimed 
at gravity gradient, magnetic, ionospheric, aerothermodynamic and radio astronomy measurements; (ii) deployment of 
payloads into new orbits or retrieval of satellites for servicing; (iii) microgravity environment and manufacturing; (iv) 
generation of electricity (electrodynamic tether); (v) power and cargo transfer; and many others. 

The vast potential of a tethered satellite system has led to many investigations concerning its dynamics during 
operational (i.e., stationkeeping), deployment and retrieval phases. In its utmost generality the problem is quite challenging 
as the system dynamics is governed by a set of ordinary and partial nonlinear, nonautonomous and coupled differential 
equations that account for: 

• three dimensional rigid body dynamics (librational motion) of the station and subsatellite; 

• swinging inplane and out-of-plane motions of the tether of finite mass; 

• offset of the tether attachment point from the space station’s centre of ma.ss as well as controlled variations of it; 

• transverse vibrations of the station; 

• longitudinal and transverse vibrations of the tether; 

• external forces due to aerodynamic drag and solar radiation effects. 



Over the years, investigators have attempted to obtain some insight into the the complex dynamics of the system using 
a variety of models which have been summarized by Misra and Modil50,51j. In general, the studies show that the dynamics 
of the system during deployment is stable, however, the retrieval dynamics is basically unstable. The system involves a 
n-gative damping approximately proportional to VUrt/-, where / and l,j/ are the unstretched and reference tether lengths, 
respectively, and prime denotes differentiation with respect to the true anomaly. Tliis suggests a need for an active control 
strategy, particularly to limit inplane (ad and out-of-planc (qii) swing (librational) motions of the tether. The pioneering 
contribution that may help realize this objective is due to Rupp|52| who introduced a tension control law for the system. 
Librational motion in the orbital plane was analyzed and the growth of pitch o.scillations during the retrieval phase noted. 
The system was further studied in detail bv Baker and othersISSl taking into consideration the three dimensional character 
of the dynamics and the aerodynairuc drag in a rotating atmosphere. Several more sophisticated models have followed 
sinccjStl), however, one of the major conclusions of all the analyses remains essentially the same, even when the various 
tension control schemes are used, large amplitude motion can result under certain conditions, particularly during retrieval, 
which may not be acceptable. 

One of the major limitations of the tether tension control is its dependence on the gravity gradient which is governed 
by the tether length. Hence foi a small flexible librating tether, the tension may be quite small or even negative, i.e., the 
tether may become slack. This can be avoided by introducing thrusters[55,SC], however, their firing in the vicinity of the 
shuttle or the space station is considered undesirable due to plume impingement, safety and other considerations. The 
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problem is further complicated by the fact that any offset between the tether attachment point and the station’s centre of 
mass imposes additional moments on the station. Thus, the dynamics of the station is intrinsically coupled to that of the 
tether. 

A vast array of linea ■ and nonlinear control strategies using tension and/or thrusters have also been reviewed by Misra 
and Modi (50,51; contain 67 and 97 references, respectively]. Modi et al. have introduced a new approach to the control 
through regulated motion of the tether attachment point, tested its performance using a realistic mathematical model[57- 
64], assessed its relative merit with reference to other control stratcgies[65] and substantiated the conceptual validity with 
a ground based experiment (66). They have reviewed this literature at some length particularly with an emphasis on the 
offset control stratcgy[67; contains 23 references]. The offset control technique is similar to the act of balancing a rod 
on the palm of one’s hand. As can be expected, for a given angular disturbance, the motion required at the point of 
attachment of the tether would grow proportional to the length of the tether. To assess the controller’s performance, 
Modi et al. purposely considered demanding platform inertias, severe initial conditions and rapid retrieval rates. Table 1 
compares relative performance of the three control strategics during deployment, stationkeeping and retrieval. As can be 
expected, the strength of the offset control lies at shorter tether lengths, where tension and thruster control approaches 
have limitations. Thus a hybrid control strategy, initially utilizing tension or thruster control with switch over to the offset 
control at an appropriate length, appears quite attractive as indicated in the Table. 

9. CONCLUDING COMMENTS 

Let me close with a few general remarks concerning desirable directions for future efforts: 

(i) It is apparent that there is a rich body of literature in the area of attitude dynamics and control. With the success 
of the Space Shuttle and the U.S. commitment to an operational Space Station by the end of this century, we may 
soon see spacecraft ranging from a few meters to several hundred meters in size. For such large scale flexible systems 
influence of the environmental forces will be necessarily significant, particularly with a trend towards higher pointing 
accuracy. Dynamics and control of flexible spacecraft in the presence of environmental forces remains a field that has 
received relatively little attention. Note, in general, flexibility interacts with the environmental forces as well as the 
control system while the latter two affect the flexible configuration. Thus the problem is inherently conjugate and 
should be treated as such. 

The entire field is wide open to innovative contributions. Dynamics and control of such nonlinear, nonautonomous and 
coupled systems accounting for joint conditions, damping, external and internal nonconservative disturbances, etc., 
remain virtually untouched. Development of alogorithms to predict the effect of mass, inertia, damping, environmental 
input, etc., on the dynamics and control parameters represents an exciting challenge for all, young as well as established 
researchers. 

(ii) With several relatively general formulations in hand and the programs operational, coordinated efforts should be 
made to develop a comprehensive data bank for spacecraft attitude dynamics and control. This should provide design 
charts over a wide range of system parameters and control strategics. Not only will it prove useful to design engineers 
involved in planning of future scientific, communications and other applied technology satellites but will also help in 
assessing dynamical, stability and control considerations associated with the time dependent evolving structures such 
as the Space Shuttle based contruction of the proposed Space Station. 

(iii) As general approach to the problem gets well established, details should begin to receive more attention, c.g , quasi- 
steady, discrete or continuous representation of clastic appendages, modes to be used and their numlicr from accuracy 
and computational considerations, robustness of control, step-size and numerical stability, etc. 

(iv) So far, complex character of the problem has limited most analyses to small deformations and librations. Studies 
aimed at dynamic response, stability and control in the large are, of course, formidable but promise to be equally 
exciting and rewarding. 

(v) There are two classes of problems which have already received some attention and their importance promises to increase 
in future: 

Space Robotics : The Mobile Servicing System (MSS) or the space manipulator will be involved in all phases of the 
Space Station - construction, operation, maintenance, and future extension. However, as against the ground based 
robots, here we are faced with a problem of higher order of complexity. It invloves dynamics and control of a flexible 
manipulator, supporting a flexible payload, freely traversing an orbiting flexible platform. Its operation in the presence 
of environmental forces would only accentuate the challenge. This represents an entirely new class of problems not 
encountered before. Although a promising begining has been r.iade(43-45,68,69l, there is a long way to go. 

Tethered Systems : With reference to the proposed Space Station Freedom, all the participating agencies have shown 
interest in the tethered supported facilities aimed at a variety of missions. Recognizing the highly flexible character of 
the Station, the problem of dynamics and control of the Space Station based tethered facility attains the challenge of 
a higher magnitude than that encountered or studied so far. Modi and Misra[.50,51,56-64] have initiated investigations 
in that area, however, eventually one will have to make the models more sophisticated to account for station, tether 
and payload fl.jxibility. Influence of free molecular reaction forces, solar radiation induced heating and electromagnetic 
forces for conducting tethers will have to be incorporated relaistically. This class of problems has remained virtually 
untouched so far. 

A new category of problems involving tether supported systems of three, four or more bodies is also receiving some 
attention lately. The objectives are quite varied ranging from simultaneous sounding of the environment at several 
altitudes to communication antenna, payload transfer and microgravity control. This represents a fertile field of 
considerable practical significance and promise. 


(vi) Finally, and perhaps most importantly, we urgently need carefully planned ground and sp.ace based experiments to 
validate and improve literally hundreds of algorithms aimed at flexible multibody attitude dynamics and control. 
Apparently, there arc endless challenges, ai d so arc the efforts needed to meet them. The ancient sa„cs described 
KnowlMge as a tiny island surrounded by a vast ocean of ignorance. Like any process of inquiry, philosophical or 
-f’ "O"' advance, we will always be on ,hc shores of an uncharted ocean. But then, a journey 

fulfills itself in every step. The end lies in the effort it^lf. Beyond that there are no permanent results. 
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Table 1 Relative efforts during stationkccping, deployment and retrieval for the three control strategies. Hybrid control 
demands arc also included. 


Case 

Configuration 

Tension 

Thruster 

Offset 

Stationkeeping 

Reference Case 

169.3 Ns, 180.6 J 

87.1 Ns, 503,2 J 

22.9 Ns, 444.1 J 

PolPA^i 

174.3 Ns, 502.7 J 

97.2 Ns, 525,4 J 

26.1 Ns, 467.4 J 

1000 m 

190.2 Ns, 518.2 J 

166.6 Ns, 556.1 J 

42.3 Ns, 450.3 d 

P( = 1 X 10" ‘ kg/m 

181.4 Ns, 542.1 J 

159.2 Ns, 560.7 J 

56.9 Ns, 451.3 J 

m, = 500 kg 

190.1 Ns, 546.7 J 

163.9 Ns, 569.6 J 

57.1 Ns, 469.1 J 

Deployment 

10 m -» 1000 m 

0,37 orbit 

184.1 Ns, 513.5 J 

159,7 Ns, 560.8 J 

41.4 Ns, 450.1 .1 

Retrieval 

100 m -> 10 m 

1 orbit 

1656.9 Ns, 546.5 J 

1453.3 Ns, 573.9 J 

385.0 Ns, 469.3 J 

0.68 orbit 

1701.1 Ns, 555.8 J 

1510.5 Ns, 594.7 J 

495.7 Ns, 475.6 3 

0.37 orbit 

1781.9 Ns, 581.4 J 

1583.4 Ns, 609.8 J 

585.3 Ns, 490.8 J 

Retrieval 

1000 m 10 m 

0.37 orbit 

6501.1 Ns, 641.1 J 

6076.1 Ns, 619.2 J 

10621.1 Ns, .509.3 J* 

Hybrid Control 

Retrieval 

lOOO m -* 10 m 

0.37 orbit 

tension/offsot 

3903.5 Ns, 312.9 J 


503.7 Ns, 208.4 J 

0.37 orbit 

thruster/ofiset 


2623.1 Ns, 2S0.6 J 

525.5 Ns, 218.3 J 


* Retrieval in ono orbit with the initial tether disturbance reduced to oi((0) ~ '/((O) ^ 1°. 


* 

Pd 

sides of the Space Station represented as a rectangular plate 


Pi 

mass of the tether per ur.il length 



ma3.s of the satellite 
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SUMMARY 

This paper describes models oi the spin axis o'f a spacecraft moving in sub-*equatorial 
orbit in a relatively dense atmosphere« and under non negligeable gravity gradient and 
magnetic torque. These drift models have been used in the design of the San Marco Sth 
"Utafiti" aeronomy satellite for obtaining the most stable pointing condition and* 
also, for the refinement of the attitude measurements of the same spacecraft. The method 
of fitting is described and some results shown. 


INTRODUCTION 

SAN MARCO PROJECT (Co-operation University of Rome '*Ua Sapienza*' And Italian Air-Force) 

The San Marco Project, wich was formalized on May 31, 1962, is part of NASA's 
international cooperative program. The objective of this program is to pursue space 
research with the participatory country for the mutual benefit of both by entering into 
joint scientific programs wherein contributions of space research systems, including 
their cost and management responsibilities, are shared mutually. NASA's international 
activities are planned to provide opportunities for the participation of scientist and 
agencies of other countries in the task of increasing mankind's understanding and use 
of the spatial environment. The activities follow guidelines wich establish a basis for 
sound programs of mutual value and contribute to the objectives of international 
cooperation. 

A number of highly qualified University personnel belonging to the Italian Air-Force and 
to the National Council for Research are co-operating with the named San Marco Project 
in t 

a. spacecraft design, construction, integration and tests} 

b« range management, logistics, operation; 

c* rocket assembly, check-out and launch operations; 

d. ground station operation, mission control and date management. 

The San Marco Project is based on the Scout vehicle system and on the Kenya Equatorial 
Range, located at Ngomeny bay, ( 2.9383 south latitude , 40.2125 east longitude ) close 
to Malindi country. This site allows launches in a wide angular range from the equator 
to the pole and in particularly effective for low equatorial orbits. In the same site is 
located the San Marco Ground Station for Command and Telemetry in VHF, L, S, and X 
Bands. 


SAN MARCO Sth SPACECRAFT 


The San Marco Sth spacecraft (fig. 1) is an aeronomy satellite which was launched in a 
low nearly equatorial orbit (262 km perigee at 2.9 degrees inclination) and was 
operative down to altitudes lower than 150 km. During this lifetime period an attitude 
determination better than 0.2 degrees accuracy was needed. Due to the low altitude a 
relevant aerodynamic torque is acting on the spacecraft, together with an also non 
negligeable gravity gradient torque (due to the presunce of very long "cable booms" in 
the equatorial plane of the spacecraft). Under the action of these torques, the spin 
axis drift was nothing but negligeable* It is not therefore possible improving the 
original quality of the attitude determination (based on horizon and sun sensors) by 
simple averaging or other statistical procedure, without a drift model of the spin axis 
under the combined action of the gravity gradient, magnetic and a^'rodynamic torques. 

The equations of the spin axis motion, linearized in the vicinity of the nominal 
pointing direction, have been solved in a closed form under the hypothesis of constant 
magnetic ano gravity gradient torque and variable aerodynamic torque. Ihe solution 
procedure has been based on appropriate changes of the reference system in such a way of 
having the " null torque " axis (o'* torque node) with the minimum variability with 
respect to the reference itself. 

The torque-node position has been also a major consideration in the design of the spa¬ 
cecraft, whose nominal pointing had to be the orbit anti-pole. The motion is basically 
a perturbated cone around the torque node* The approximated closed form solution, 
obtained in this way, has been used as an interpolation function for interpolating the 
experimental attitude points. 
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The paper wiU present the model and the results of its application to the attitude 
determination problem. From a theoretical point of view, the origin of the problems oi 
the class described above can be traced back to the beginning of the space era and have 
been the object of many studies since then (Ref 3, 2, 8). The present appl/cation is 
Characterized by the original closed form solution in the reference most suited xc the 
interpolation requirements. 


LINEAR DRIFT MODELS 

Consider a gyroscopic spinning spacecraft with spin axis K| the drif*-. motion in the 
inertial reference under a torque M can always be described byj ( Ref. 1 ) 


dr 

( 1 ) - - j'AH 

dt 

where V is the moment of momentum Unit Vector 
1 

and H ® (M A y ) + z y 


r * Moment of momentum absolute value 
z » arbitrary constant 


For particular torques M, the H vector is independent on y. In this case the drift is 
"linear" and as a consequence the drift equation can be easily solved. This is for 
instance the case of the average magnetic torque (Ref. 1, 2, 3, 4) due to a constant 
intrinsic magnetic dipole. The gravity gradient torque, in general, is non linear (Ref. 
1, 4 ) but for slightly variable attitudes it can be easily linearized. Also the 

aerodynamic torque can be linearized (see Appendix 1). So the eq. (1) can be used for 
the motion under the combined action of the three torques under the said hypotheses, 
which Are, by the way, appropriate to the spacecraft under consideration. In addition 
the three considered torques, under the said hypotheses, are conservative, so the 
precession angle and the spin rate are bound to be constant (Ref. 1, 4). 

So, if the motion is initially a pure spin, we have: 

y s K ( spin axis unit vector ) and T » Cr » cost 

( C «* inertia moment around K, r ** spin velocity ) 

the equation writes then: 


dK 

( i' ) - » KaH 

dt 


If the vector H is constant, the drift motion reduces to a cone around H, at a rate |H|. 
In the general case H is not constant in absolute value and in direction. For taking 
into account the modulus variations, we can easily refer to a modified variable : 



and 

to 

the unit vector 

h a H / |H| 

, so we have : 



dK 



( 1" 

) 

o K A h 





drv 



If 

H 

is not constant 

in direction 

we may change the reference from the inertial to 


another, movable with respect to the inertial at rate w 


The (1’ ) becomes, in the new reference i 

«KaH 


that is 

( 1" ' ) K * K A ( H +u;) » KaH' 

where K is the derivative in the mobile reference . We see that the equation 
same form as the original one, the only diff»r«of:& H iz rsfplacau by: 

H' ■ tu 


has 


the 


By an appropriate choice of the mobile reference (and therefore of ) we can try to 
reduce the variability of the H direction. If, at the end, we succeed in having H' con¬ 
stant in direction, the drift is reduced to a coning around H' (in the mobile refe¬ 
rence, of course). The change of reference can be appliec in sequence as many times it 
is desired; most of the times it is not easy to arrive to H' * const, in direction, but 
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it is always possible to obtain H' movable only over a coordinate plane. In this case 
it is possible to obtain a solution in iterative form in two important casesi namely: 
(Rei. 5 ) 

i) when the motion of the node is " slow •' with respect to the coning periodi 
li) when the max angular dispacement of the node is “small" with respect to the cone 
aperture . 

For our spacecraft we have the situation of case ( ii ). The theory of ( Ref. 5 ) has 

therefore been applied, as described in appendix 2. 


THE INTERPOLATION OF THE ATTITUDE DATE 

The theory of appendix 2 brings to the model: 


Xw a Acos (Cj + ljJn) ♦■ycOsC3 -(fi. + yWr.) sintD 
Vm » Asin (Cu + cjw) +y3inw +(B» + yu)w) cosu7-a 
CD a w + 4-- 

The Xw, Yn are the component of the spin axis unit vector in the “nodal reference" <Xm 
along the orbit ascending node, Zn to the geographic North), lu is the argument of 
perigee, <f> is a small “asymmetry" angle, y is a small parameter depending upon the 
perigee density variation with time, a is a small parameter depending upon the 
gravity gradient, and finally : 

Ww = vD,. (t - to) 

is an angle linearly varying with time. The rate uiw depends upon the perturbing 

torques, and mostly upon the gravity gradient and the magnetic torque. The A angle is 

related to the amplitude of the coning around the torque node, and depends upon the 
initial conditions. Among all these parameters only a can be evaluated "a priori" with 

fairly good accuracy, LJ is in addition )tnown from the orbital ephemerides. Me will 

therefore consider a and w known and we will try to evaluate the other parameters by 
fitting the experimental data. It is however convenient to tit the quantities: 


Di » Xi., COSW+ (Yn ♦ a)sinw= Acosi u:n+ M'lmy-(()•+y uir.) y 
Da m -Xn sinw+ (Yw + a)C 08 L>» Asin(iv»w* + T 


in place of the original Xn, Yn. 

Since -y and 4 ^ are “small quantities” and A and finite quantities. Da is mostly 
a cosine curve, slightly perturbed by a small linear term, Da is a sinusoid with the 
origin shifted of the B. value plus a small linear perturbing term. 

We may now consider two cases, namely: 

i) the interpolation is made over short period of times, such as to have a very small 
variation of ujw with respect to its central value u;«. In this case we have, by 
expanding the trig nometric functions in Taylor series: 


Di Si + bi(t - to) + Ci(t - to)* m .... 
Da ' aa + bait - to) + Calt - to)* + 


ai = (AcosWe ♦y-ffl, -•y'fWc) 

bi » - A U/oslnvu,, 

c. “ - (A „»cosa',)/'2 


?a “ Asinw, +B. +yiu„ 
ba " (A cosWc + y ) 

Ca = - lA iDn*sinuJc)/2 


By a parabolic fitting of the experimental data we can therefore obtain the six 
coefficients aj, Ct, aa, ba, Ca. 


ii)The interpolation period is not as small as in the previuos case, so that the full | 

trigonometric formulas shall be retained. It is however still possible to consider | 

constant the A, H», -y , ^ • yDo parameters . I 
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In this case « least squa»-c f<tting can be obtaineo by the following procedure: 

a) assume for an initial gu^ss; 

b) minimize the cost functional: 

t^ 

I a |{|A+Bt+ Cco5U»»^t- DsintO^t- Di<t)]*+ |A'+B't+ CsintUMt+ DcoBU;»,t -Da(t)|>c!t 
to 

where A, A’, B» B* » C, D are the unknown constants, related to the parameters 
of the physical model by the relationships: 

A = 

A'« n« + y t 

B a - ^ 'f' 

B'a-y W„ 

Notice that, since we have only three physical constants <0«i, ) against 

the four coefficients A, B', the problem shall be intended as a 

"conditional minimum". The conventional method of the Lagrange multipliers 
brings in this case to non linear algebraic equations. This is the reason why an 
iterative procedure (based on the assumption y « 1) has been prefered for the 
solution (Appendix 3)| 

c) compute I *■ | that is the the relative minimum of I for the given uL/k; 

d) search for the absolute minimum of " I by varyi^q the 


RESULTS AND DISCUSSION 

Fig. (2, 3) show the experimental at^.itude points (days of the 1988 year from 114 to 
163), in the vernal and in the "nodal reference". Fig. (4, 5, 6, 7> are the 
corresponding parabolic fittings of Da, Pa over the periods 114-139 and 139-163. 
Fig.(0, 9) are the fittings over the whole period b/ means of the trigonometric 
formulas. The mean square error is a))ot*‘. 4 hundredtiis of degree for the two parabolic 
fittings, a little more ( 4.3 hui.&redths) for the trigonometric fitting. The max 
individual deviation of the experimental points of the set is about 0,2 degrees, 
Table I gives the coefficients of the fitting. It may be interesting to compare the 
parabolic and the trigonometri'. fitt.rg-s: Fig, (10, 11), 


Table I 

TRI60N5"ieTRIC FITTING COEFFICIENTS, First period 


A 

AFOiMO 

B 

BPRIMO 

C 

D 


0.0024491 

0,0404473 

0.000<X>16 

-0.00013BO 

-0.02652B1 

-0.0245701 


BSTAR 

GAMMA 

fSI 

OMO 

DELTA 

OMP 


0.0404127 

0.0029277 

0.0118416 

3.8886907 

0.0361584 

-2.70 



Cost index I 
0.0000463 


We see certain discrepancies whose qualitative behaviour indicates variability of the 
perameters during the fitting period and could be desc-^ibed by a positive shift of the 
angle in the period 114 to 139, and a negative one in the remaining. Now, day 139 
corrisponds approximatr>ly to the min. of the diurnal density bulge located at the 
perigee, that is to a 'ocal asymmetry angle y = 0. 

We should have therefore negative in thu first half of the period and positive in 
the second half, (instead cf i constant and almost null value as given by the y => 
const.fitting), this evidences that the y variations due to the density bulge have a 
detectable effect, and that an improvement of the fitting could be obtained by 
modeling this feature a variabillUy of «ind could however also depend upon 

induLfd magnetic dipole and/or non linear effects in aerodynamic torque). 

Table II, III, IV are giving the co^ ficients of the trigonometric fittings for 
different time periods. In each one or these periods the spacecraft is drifting freely 
(whilst, in between, correction maneuvers tnok place, with a consequent change in 
and 4 ). 


Table II 

TRIGONOMETRIC FITTING CCEFFICIENTS, period 


A 

APRIMO 

B 

BPRIMO 

C 

D 

0,0077129 

0.0373237 

0.0000006 

0.0000029 

-0.0147464 

-0.0325278 

BSTAR 

GAMMA 

PSI 

OMO 

DELTA 

OMP 

0.0373066 

-0.0000817 

-0.2009327 

4.2867541 

0.0357X44 

-2.00 


Cost index 1 
0.0000299 
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Table nx 

TRIGONOMETRIC FITTING COEFFICIENTS, 3« period 


A 

APRIMO 

B 

BPRIMO 

C 

0 

0.0089488 

0.0496719 

-0.0000006 

-0.0000033 

-0.0445372 

-0.0090789 

BSTAR 

GAMMA 

PSX 

OMO 

DELTA 

OMP 

0.0496888 

0.0000951 

-0.1781835 

-0.2010952 

0.0454532 

-2.00 


Cost index 1 
0.0000165 


Table IV 

TRIGONOMETRIC FITTING COEFFICIENTS, 4^,^ period 


A 

APRIMO 

a 

BPRIMO 

C 

0 

0.0192404 

0.0821213 

0.0000016 

0.0000069 

-0.012S541 

-0.0798385 

BSTAR 

GAMMA 

PSl 

OMO 

DELTA 

OMP 

0.0820851 

-0.0001532 

-0.2362612 

4.5527580 

O.0B08666 

-2.60 


Cost index 1 
0.0005424 


On the contrary continuity should be obtained in 0 J'u^k. Fig. (12) shows the 

and li behaviour. cOh is -2.7 dcgrees/day in the iirst period, 2.0 degress/day 
in the second period and third, -2.6 degrees/day in the fourth period. Notice that 
r% is the small difference of relatively large terms, and that V is one of the 
contribution (which has been neglected) this can explain the relatively large 
discontinuity . A discontinuity is observed also in the aerodynamic parameter (1. 

An overall increasing trend can be noticed, and this is a little larger, but 
qualitatively in agreement with, for instance, the corresponding variation of the drag 
parameter of the orbit decay as given by the NORAD tracking elements (Fig. 13). 

Fig. 14 shows actual perigee force data during the first period, compared with the 
computed 0. We see that the hypothesis of linear variation is actually far from reality 
and that we cannot expect improvements beyond the obtained accuracy v^ithout 
substantially improving the density model. 


CONCUUSIONS 

The fitting of the experimental data with the closed form model in the appropriate 
reference system made it possible to build smooth interpolated attitudes with r.m.s. and 
local deviations compatible with the experimentes requirements. It made also possible to 
understand the type of motion and its physic*^! causes, although the detailed analysis of 
the parameters evidenced that some of the hypotheses, shall be revised if a better 
interi.al consistency is desired. In particular a density model incorporating at least 
the bulge effects should be used. 
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APPENDIX 1 

THE MODELS OF THE ACTING TORQUES 

The torques acting on the spacecraft can be modeled as it follows: (Ref. 1, 2, Z, 4) 


Gravity oradient (orbital average) 


A-1) Mo = -CrU;o(kAn) 


k B spin axis unit vector; 

C-A 

- (’/a) . - • (k.n); 

Cr 


n = orbit normal unit vector; 

M(l-e«)’^= 

* ~ * 

P’ 


y “ planetary constant; p 
C *» max inertia moment of s/c; A 
e = orbit excentricity; r 
(k.n) ^ -1 for slightly variable K 
(the anti-pole of the orbit) 


= orbit parameter; 

= min inertia moment of c/c (BsA); 
a spin velocity; 

(linearization hypotesis) around the nominal 


position 


Magnetic toroue (orbital and dayly average) 


A-2) ^ - Crtj...k aC(»/2)<cos i)n-t4N3 


P*»u JJI«(1-G-) 

Wr. « cos I; PoK = on board magn. dipole along spin axis; 

p’Cr 

Pf a earth magnetic dipole; e ® orbit excentricity; 

1 = orbit inclination; I * magnetic earth axis inclination; 

N = geographic north unit vector. 


Aerodioamic toroue 

The geometry of the spacecraft is mostly axisymmstric, with only minor surfaces with 
polygonal symmetry (the four inertial booms* the four cable booms) or asymmetric. The 
spin around the axis of symmetry is» on the other hand, producing a complete axisymmetry 
for what is concerning the average drifting action. In these conditions the aerodynamic 
force passes necessaryly through a point of the axis of symmetry (the center of pressure 
C.P.), where, on well balanced spacecraft* also the center of gravity (C.6.) is laying. 
In the hypothesis of Ref. 6* the force is also a pure drag* directed opposite to the 
spacecraft velocity relative to the atmosphere. This cannot be very different from the 
inertial velocity. 

The instantaneous torque expression is then: 

M= (^-/aJCo f V=Sd(k r^v) 

where S is the surface normal to the wind, k the spin axis unit vector, v the velocity 
unit vector, f the local density* V the velocity and Co a drag coefficient (generally 
close to the value Co ~ 2). The "d" factor is the CP-CG measured along the symmetry 
axis. 

S and d are generally variable with the incidence a (sina = k*v). For a sphere we have 

however S = S« «const, d = d» * const. For a body with "center” (Ref 9) (for instance a 
cylinder) we have d,- = const, S = S(a). 

In the case of San Marco S* the body is pratically a sphere plus two small cylinders at 
the top and bottom, both equal and centered with respect to the sphere. The C.G. of the 
body is slightly down with respect to the center of the configuration above, so four 
winglets are attached to the bottom cylinder for lowering the overall C.P. 

Me have then: 

S*d « CS» Sicoso St,|sina|]d» + S.«cosa'd.. 

where S« is the cross section of the sphere. Si the area of the two cylinders projected 
normal to the axis* St, the base area of the cylinders, the projected area of the 

winglets* d.^ the distance of the winglets from the C6, dm the excentricity of the main 
body, <x the "incidence": sina = k»v. 

In our case it is now 

Se/(S,+Si> = Si/S. « ( sina ) £ 0,1, 

so we may put: 

S« *» (Sx'*'S*,)dm+Sw.d.. * Sodp ** const 
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within less ten lY, of S^clpln the whole field of the possible incidei.jes. The body can be 
therefore considered as an excentric sphere as far as the drift model is concerned. The 
corresponding torque is conservative and can be averaged as it follows (Ref. 5): 

A-3) = -Crw,(kAQ) 





Fig. A-1 


( V <<1) 
(Co -“S) 

k) ; 

(1-e* = 

go = - exp(-X)CIi(X)-^eIo(A)3; 

1 +e 

lx*Io Modified Bessel functions; 

(l+e)Hp 

Ho - density scale height at perigee. 


6 = nAP; 

P = P cos'f+ siny(nAP) P +'t'(nAP); 
P » "modified” perigee unit vector; 

P 3 perigee unit vector; 

w. ^ rip fc Vo*Sd/Cr; 

fo - density at the perigee; 

Vo s velocity at the perigee; 

S » s/c surface normal to the wind; 
d » CP/C6 excentricity (computed aloeg 


The 0 unit vector refers to the resultant of the aerodynamic force m one orbit. For a 
keplerian orbit and for a density profile depending only upon the altitude* S should be 
coincident with 0* the normal to the perigee direction P. 

This is not however the case, mostly because of the diurnal density bulge, which is 
shifting P with respect to P in the direction of the sun. This is taken into account by 
introducing an "asimmetry angle” 'f' , which reflects this bulge effect, together with 
other possible asimmetries (perigee precession, decay, etc.). 


Solar torque 

From the effected analysis, solar torque effects could not be detected. 

Induced magnetic torque 

No important ferromagnetic masses are present on board, so this torque shall be very 
minor, and its effects are in any case difficult to be separed from the intrinsic dipole 
torque. It has therefore been neglectro in the present model. 


APPENDIX 2 

EQUATIONS OF MOTION AND DRIFT MODELS 

1) Equations 

In the inertial reference (or vernal reference 'V® vernal equinox, 

N ss North unit vector) 

dk 

A-4) — « (M^-t.M«+M^)/Cr 

dt 

Let us consider a first rotating reference v , p, N ( nodal reference ): 

V a ascending node unit vector 
N = geographic North unit vector 

In this frame let us consider 

n"*" s (0, -sin i, cos i) orbit normal 

i a orbit inclination measured 
clockwise from n lo N 

T 5 (0, sin o, cos a) 

a measured clockwise from N to t 

This frame rotates with velocity (On«N) around N 
(^M a node advance rate (negative)). 

The drift equation in this reference is 



A-5) 


k a “k A C( w^j+I'^/alcos i u/«)n + (“ftN-(^/a) Wm)N+10.03 
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We put: 


A-6) 


(w^4-<3/a)cos iu/M)n ♦(“ft»s.-(*/a)w«*)N « u> 

S= C-nN-C^/a) W*+<UJo*(^/=) *^«*COB 1}C05 l]* 

(«^o+C®/a) s:os i)* sin*i 


1 •► 


C-0^4-(*/s)i)cos ij* 

O, ^ -Qn+w^+W^ for i << 1 

( u/o+(=’/a) w^cos i)sin i 


'/= 


sina = - 


COSO ^ 1 

t’*' ^ (0, sin cr, cos a) 


and we rewrite the equation: 

A-7) k = -k A C (in the nodal reference y » m, N) 

Let us now consider a second reference P*,0*,'r (modified orbital reference): 


A-S) 


0' = ( T A P)/ I T AP| 
P' = O'A T 


P = modified perigee unit vector 
(see Appendix 1) 


This r^eronce rotates at a speed which, at the first order in i, (i+a) is w « 
with: ws w ♦ 'p , w* rate of variation of the argument of perigee, 'P* rate of 
variation of the ’'asymmetry*' parameter. 

The drift equation in this reference is therefore 

A-9) k = -k A C u/*Q- wt 3 « -k a { ( w-,.- W4- g w* )t+ > 

where £ is defined by 

A-IO) Q « 0'+ € T 

and it is 


A-11) (i+a)cosw <<l 

We define now: 

A-li') Wr, 3 ( ^-r - £w 


[ lA/** ^ ^/a 

1 * _—-- 

( U/-r- ® . 


If we consider small of the first order with respect to the corrective 

terms in are of the 2* order and therefore 

A-13) ^ -(0m+ 

We define in addition 


A-14) h"^ = (0, - sinO, cosR) 

and the equation becomes 

A-15) k * -kA Wnh 

In scalar form 
r , 


sinR 


cosp =>» I 


n << 1 

in the modified orbital reference (P'» O', t). 


- w„(y cosO -f z sinp) 

A-I6) J y = + X cosO k"^ a (x,y, 2 ) 

z = + Wh X sin(3 
R represents the effects of the aerodynamic drag. 
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2) Th& drift models . 

ffis may build models corresponding to various hypocesis on the drag: 

i) No drag H « 0. In this case the integration of 1) gives 

= Sin^ COSU/n = VJ«o ♦ vJ»*(t“to> 

A-17) ^ y = sinA sinu/f» 

z = cos^ » const 

where x, y, z are the components of k in the P'• O'* t reference.^is an angle depending 
upon the initial conditions. The motion is a cone of constant aperture 3 » swept at 
constant angular rate 

ii) Constant drag D * const. 

Zn this case Cq. A-16 integrates as: 

X n sinA CCS 

A-18) •! y * -cosAsinO-r cosO sinAsinw/#^ 

2 *■ co5AcosD+ sinfl sinA sin 

when 0<<1, sin ^ <<1, co83^_^l (as in our case), 
we may refer to A“ c “A « 1 and use the 
linearised form: 

X A cos 

A-i9) ■! y * AsiouJrx^ fl 

2 ^ -1* fl AsinvJ.,+ <D* +A* >/» ^ -1 

at the first order. The motion is again a cone of constant aperture A . but around 
hT = (0, -f). 1-0*/a) ^ (0, -0, 1) 



111 ) Variable drag . 

In this case from Eq. 1 we obtain the solving equation in x: 
A-21) 0*(x**+x)' s n*'(x" + x)-((3')»x' 

d Id 

d IjJk U/rt dt 


where 


(' ) = 


We can solve exactly the case f3' * const and approximately the case of general 

variability of 0 at a very small rate. 

3-i) Linearly variable 0 . In this case we put D' » const ® ^ ind obtain: 

x"+x(l+ 3 f*) = const =* b(l + y*) 

X = b+ a coskw., 
y cosP-»^ 2 sinp » ak sinku^r> 

x3 4-y3 4-z2 a 1 

a and 'c are not indipendent. From the first two relationship we obtain in fact: 
y cosO +2 Sinp ^2 


A-22) 


k = (l*y • ) 


(x-b)'+ 


a a* 


and. by derivation with ri^spect to 


A-23) 


2 xx'-2bx'~ 


p y cosD+ 2 sinO -i p y'cos0+ z'sinR y sinR- 2 cosB ^ 

L k J L k ^ k J 

i-j 

r»-;-1 


k J L k 

that is also, by recalling the original equations A-I6)t 
2 x' r X y slnB- 2 cosR 


which give 
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y sinB- r 
A-24) 

If we now 


cosP ^ x*bk^/y by using this equation and the second of Eq. 
y = -<-yx-bk*/y )sinfl-x*cosB 
2 = < ^ X“bk*)cosD-‘x*sinO 

apply the x*+y***- 2 * « 1 we obtain the necessary conditions 
x-bk 2 )} s 1 Mith some algebra we obtain: 


A-16 we get: 


A-25) 





which is the necessary relationship between a and b. The constants a and are then 
obtained from the initial conditions. In the practical case of very small ^ <<1 we 
havci at the first order k^i» and we may put also: 


A-26) 


A-27) 


L b ^ 


a 

b 

X a. 

y ^ 


When also 


We refer to 


A-20) 


sin ^ 

- y cqsA and therefore 

-yccsA *sin^ cos 

sinA (sinoJr.cosP-y coswi^sinlD-cos^ sinP 
cos A cosD'^ sin A (sin c^r>sinp‘«‘^ cosui»%cosP) 


sin^ <<lf 

cos A 

^-1 (our specific case) 

sinP <<1, 

cosP 

1 

n - A 

and we 

use the linearired form 

y* A cos UJr> 



0* AsincUr, 


P « fio 


-l-^^ OsintAjf,* Zicostun* /s+ fi*/» ^ -1 


«1 


t <<1 

sin^ <<1 
sinD <<1 


The instantaneous motion is still a cone of aperture around 


A-29) 


h'**' s 



> (--Jr , -P, -1) 


Since P » Pi> « (Po t-to)» the axis of the cone moves linearly 

parallel to the y axis. 


iii-b) P arbitrarlv variable. P'<<1 . In this case from the solving equation A-211 we 
get; 

A-30) x’**»-x » biP‘ 0’<<1 br » const and we casely derives 


A-31) X = a^cosu/r,+bi| B'( A)sio(w^„- A 

0 

where a* and bx are contant and cu„ »t-tc). (Iterations of the solution above 
arc also feasible for larger values of B'). If P'»const we have also: 

A-32) X » (ax-b*0')cosu./r,^biP’ » b-^acosu/^ 

which therefore is coincident with the expression of the previous paragraph for kJ—^1 
^<<1, y* negligeable. 


3) Our model for fitting the attitude_data 

In our physical case the drag is variable with time because of the lowerino of tho 
perigeCf the orbit circulari 2 ation 5cs-ibJ> effects related to the dynamics 
of the atmosphere. In a first portion of the lifetime the drag variation can actually be 
thought as pratically linear. The last portion of the lifetime is however characterised 
by a drag incrcas*. g much more then linarly in time. We will however limit tho fitting 
to periods short enough for the drag to be considered linearly variable at least as 
average in the period, with ^ <<1. 
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The drag velocity w* will be always small enough, with respect to to^assume 0<<1 

and ^ const (on actually there are playing also factors like u7 » On* wich are 

slightly variable, and Wm which are variable too (for instance with the spin 

velocity). These variations are however minor, so that in every fitting period we accept 
w^sconst). Also the (small) parameter is actually variable (with a period of about 52 
days, the perigee rotation period with respect to the sun). The effects of 'P , although 
small, could be still detect- The present fitting is however based on V = const, Y ^ 0, 
and the effects of this assumption will be discussed later on. 

The displacements of the spin axis from the torque node 't is always very small (most of 

the time < 3*), so we have also A<< 1 . 

In conclusion we are proposing the use of the A-‘28 model; we will study in particular 

the motion in the xy plane. In the modified orbital reference: 

X = V A cos Wfs 

■ y “ O.-t’Y A sin cUk 

h » W„(t-to) 

and try to fit the experimental data by the appropriate choice of the constants 


•Jf, A 


D«, 


Notice that the x and y coordinates are those in the (P', 0’» “t^) modified orbital 

reference system. The measurements are actually made in the vernal (Vi^.^^ reference . 

We have now from the geometry: 


3r 


cosIC+fl) 

-sin(C^+0) 

-a sin 

0 


p* 

A 

u 

Sin(o3 ■♦’0) 

cos(C34>0) 

a cos 

0 


O' 

N 


-0 sin vt/ 

-a cos w 

1 



T 


s uj *• \jLf B argument of perigee; 't'* “asymmetry angle**; 
The drift model in the nodal reference is therefore: 


0 B right ascension of 
the ascending node 


Xu = Acos(cjo+ u.^)+C^ cosv*.» uJ*-)sinu/ } 

Ym « A sin(Co-fwsinCZJ ♦(B***-jr *^b)cosc^ J-’o 

and in the vernal reference: 


Xy = Acos( vi.'+ft* Wr»)+C •y cos<t*'+B)-(0«+y vJfv)sin(!!I7+n) 3+cisin fl 
Yy = ^sin(CM ♦()•♦• u/r%)^C sin(u7 u-»»,)cos(C?'*>0) 3-acos 0 


4) Orders of magnitude . 

Orders of magnitude of the torques are: 


Gravity gradient torque 
Magnetic torque 
Aerodynamic torque {BOD 
Aerodynamic torque (GOD 
Solar torque 


Mg « 1.10 T 1.20 10-4 Nm 
Mm < 1.5 10-6 Nm 
Ma < 2 10-6 Nm 
Ma < 5 10-5 Nm 
Ms < 3 10-8 Nm 


APPENDIX 3 

FITTING OF THE ATTITUDE DATA 

As explained in the text, we apply a least square procedure based rn mininiiting the cost 
functional: 


I 


f*” . . . . 

I (CA+ Bt+ Ccosu»r.t- Dsinwnt- Di(t)3»+ CA'+ B't+ Ciinwnt* Deesu^r.!- Da<t)J») dt = 
Jto 

Ki(Aa+A-»+C* +D> )+2K3(AB+A-B‘ j+KsCB'^+B* )+2K»(CA+DA’ )+2Ko(CA'~UA)+2K.(CD«-DB' ) + 

+2Kt(CB■-DB)-2AN.-2A•N 3 - 28 N 3 - 2 B’N.-2CNo-2DN*+Nr 
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where: Ki » Ka = (t,»-to»)/2; 

sin(u: nt«)-sin(iA/t,ta) 


(tr=-to’)/3; 

COSl W„to)-C05(U/r,t») 


1 


t»sln{ )-tosin(«i/ 


Kb t^COB(u.'Bto)-trCOS(U/„t») K« 

-( Ka 





Wh 

U/o 


ft. 

Ni « Didtj 

Jto 

Na e 

Dadt; 

Jto 

Na e 1 tDj^dt; 

Jt^ 

N. = 1 tDadt; 

Jto 



(DicO5u/nt+0aSiniwnt)dt; 


Jto 


«.. ['• 


(DaC 05 v»/»,t-Di.sintv r,t)dt; 


Nr 


tf 
. to 


(Di*+Da* )dt 


The A, A', B, B* constants ar^e not indipendent, but: 
A = If - r(B.+ t r = - B/B- 


A'« B.+'J y V 1 

y a - CA-(B/B* )A'3® B'/ti/r, 

B = -y y )» 

B'« y u/^ 1 

B. » -C(B/b* )a+a' ]-y 

1+(B/B'>» 

So a condition does exists among these variables, namely A-(B/B')A**! (B*/u> KlCl-^-fB/B')* 3 

This condition is not linear, and its treatment with the usual Lagrange multiplier 
method bring to a non linear algebnc equation. Ue prefer therefore the following 
iterative method: 


i) the equations of the minimum are written as for all independent variables: 



ii) the condition is expressed as B ® - ^B' 

and the B variable is eliminated from the equations accordingly: 


K* 0 - YKa K.. -K-, 


A 


Ni 

0 Ki Ka Ke. 


A' 


Na 

0 Ka Kb Kb K. 


B' 

s 

N. 

K. Ko (K,-YK.) Kx 0 


C 


Nb 

-K, K. (K.*TKb) 0 Kx 


D 


N. 


The system is solved by assuming for y ® starting value (for instance y » 0). 

We compute then: 

tang ■ D/C; sign(sin u./o) = sign (D); ^ * 0/sin “Jf ® B'/u/^»j 

=* A‘-C(y -A)jr 3/A'; r= (r -A)/(B.+3f«/^c.) 

iii) A new iteration is made with the computed 'P value. 

Whe*: yijic process is terminated. 

iv) The cost index I » i(0v„) is computed. 

The value of is then varied for searening the ^r> wich corresponds to the absolute 

minimum of 1. 
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THE INSTRUMENT POINTING SYSTEM - PRECISION ATTITUDE CONTROL IN SPACE 

Half Hartmann, Albrecht Woclker 
Dornler GmbH, Transport A Orbital Systems Division, 

7990 Friedrichshafen, West Germany 


ABSTRACT 

The Spacelab Instrument Pointing System (IPS) is a three axes gimbal system providing 
pointing and stabilization in the arcsec range to a variety of space experiments t/ith a 
mass of up to 7000 kg. The IPS demonstrated its control performance during the maiden 
flight in July 1985, the Spacelab 2 mission on board the Space Shuttle Challenger. 

The most challenging problem for attitude concrol in space is the disturbance compensa¬ 
tion in the presence of structural flexibilities. Kalman filtering based on optical sen¬ 
sor and gyro measurements as well as flexible mode attenuation and feedforward control 
were indispensable to achieve high precision. 

To further enhance the IPS pointing performance and versatility, a new, more autonomous 
computer and sensor concept has been conceived providing the capacity for a higher de¬ 
gree of automation as well as for improved pointing and closed loop tracking control. 

The autonomy auw control capacity of the enhanced IPS establish the basis to accommodate 
the IPS as long-.erm available tracking and pointing platform on the International Space 
Station Freedom (ISF). 


1. IPS DESCRIPTION 

Figure 1 depicts the Instrument Pointing System (IPS) as flown on the Spacelab 2 mission 
on-board Challenger. The scientific experiments mounted on the IPS were pointed towards 
the sun with an excellent precision and stability. Besides solar pointing, the IPS al¬ 
lows for various other applications such as stellar pointing end Earth observation. 

To enhance the Shuttle capabilities with regard to experiment pointing, Dornier devel¬ 
oped the IPS under contract of the European Space Agency (ESA), As a subsystem of 
Spacelab, two IPS flight units were delivered to NASA. 



Fig. 1: IPS in Spacelab 2 Configuration 


Figure 2 presents the IPS in an exploded view. The gimbal system is mounteo via a sup¬ 
port structure and four hardpoints at the aft end of a single suspended Spacelab pallet. 
A box type structure (Replaceable Column) supports the tubular framework and enables 
height adjustment of the gimbal center of rotation according to the payload dimensions. 
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The IPS gimbal system comprises three identical Drive Units {brushless DC torquers), 
each providing 30 Nm maximum torque. The Elevation Drive Unit (EDU) serves for IPS erec¬ 
tion, the Cross-Elevation Drive Unit (XDU) enables side-looking out of the Shuttle cargo 
bay, finally the Roll Drive Unit (RDU) provides the payload rotation about the 
iine-of-sight. The g'.mbal system yields a viewing range of 60* half cone angle, whereas 
the roil freedom is >180** Po** safety reasons, a spring loaded bumper device mounted at 
the rear end of the RDU hits a ring placed around the EDU in case a certain cone angle 
18 exceeded. 

The front end of the 1*.DU is connected to the Equipment Platform (EPF) carrying electron¬ 
ic units and a mechanism which enables the separation and thus decoupling of the payload 
from the IPS during launch and landing. 

The absence of gravity enables to mount the payload with its center of gravity far out¬ 
side the giiflbal center of rotation. Thus, a variety of payload masses and dimensions can 
easily be accommodated. The increased disturbance sensitivity was mainly reduced by 
feedforward control. 
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The actual IPS design assumes support by the Spaceiab Command & Data Management System 
(CDMS) and Electrical Power Distribution System (EPOS). The IPS Power Electronics Unit 
(PEU), which is mounted on the Spaceiab Pallet transforms the power from the EPDS to the 
necessary voltages and currents for the IPS electronics and electro-mechanical devices. 

The IPS is operated by the astronauts via the CDMS and its keyboard and display located 
either in the Spaceiab module or in the Orbiter aft flight deck. Whereas the CDMS is 
dedicated to operational procedures, the IPS Data Control Unit (DCU), mounted on the EPF 
executes the control algorithms for point4ng and stabilization in fixed point arithme¬ 
tics. 

The absolute celestial reference for control is provided by the Optical Sensor Package 
(OSP) containing one boresighted and two skewed (image dissector tube type) fixed head 
star trackers (FRST). To minimize misalignments, the OSP is mounted on the payload. The 
boresighted tracker can also be configured for <»ol«r f"iss:cr,3 by using u sun beam spiit- 
It'i px*oviding a negative star-like image. Throe axes rate measurement is accomplished by 
three orthogonal and one (redundant) skewed gyro mounted on the EPF. Finally, a three 
axes accelerometer package on the lower framework enables feedforward disturbance com¬ 
pensation. 

The payload is serviced with up to 1250 W (22 VDC) power and various control and data 
lines, including six high speed lines. The h»»-nesse3 are coaxially routed across through 
entire girabal system and arc thus twisted w a certain resistance and friction during 
gimbal motions. 
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2. CONTROL SYSTEM 

The envisaged pointing stability* the structural flexibility of the IPS with its payload 
in view of sharp disturbances of its mounting base and internal imperfections 
(noise»friction) imposed challenging requirements on the control system design* 

The control system comprises a feedback loop with attenuation filters and PID control as 
well as feedforward compensation of external disturbances. Based on optical sensor and 
gyro measurements the attitude is determined via a special version of the Kalman filter. 

The block diagram of the IPS control system is shown in Figure 3. The algorithms are ex¬ 
ecuted by two computers: the fast control loop algorithms are implemented in the OCU* 
whereas the slow control loop tasks are allocated to the CDMS* The fast control loop 
feedback is established by the three axes IPS rate measurement of the gyro package. The 
rate is sampled with 100 Hz and transformed into the payload axes. The (prefiltered) 
rate is submitted to a quaternion integration to obtain the attitude and subsequently 
the attitude error. The quaternion representation of the attitude has been chosen to 
ease the computation load. The control law consists of a sequence of attenuation filters 
and a PID controller. The controller output must be transformed from the platform axes 
into the gimbal axes to exert the control torque via power amplifier and drive units. 

The payload center of gravity is far outside the gimbal center of rotation to accommo¬ 
date various types of payloads. However* this implies sensitivity to external distur¬ 
bances! caused e.g. by Orbiter thruster firing or crew motion. Therefore* an 
accelerometer package (AGP) is essential to measure any linear acceleration at the IPS 
mounting base and thus to enable feedforward torque compensation. 



Fig. 3: IPS Control System Block Diagram 


The absolute measurement reference is provided in three axes by means of the three Fixed 
Head Star Trackers (FHST) of the Optical Sensor Package (OSP). The optical sensor sig¬ 
nals arc sampled with 1 Hz for correction of the quaternions according to the actual at¬ 
titude error with respect to the celestial target. To this end a dedicated Attitude De¬ 
termination Filter (ADF in Figure 4) is applied. Referring to Figure 3 the loop compris¬ 
ing the quaternion integration block and the 'Gyro Drift and Attitude Estimation’ block 
forms a modified version of the Kalman filter. This Kalman filter (or ADF) estimates the 
current quaternions, the gyro drift and the relative misalignment between the star 
trackers. The quaternion integration yields the current attitude with a sampling rate of 
26 Hz. Considering the 1 Hz cycle, this signal represents the attitude estimate based on 
gyro information. Via the observation matrix this attitude is transformed into the opti¬ 
cal sensor axes. This enables a comparison between the optical sensor measurements and 
the gyro based estimate. The resulting error signal is fed through the Kalman filter 
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gain matrix to obtain the corrections of the quaternions, the gyro drift and the tracker 
misalignments. 

The signal correction and thus the main part of the Kalman filter is executed in the 
1 Hz cycle> However, the quaternion integration running with 25 Hz frequency is part of 
the filter* This implies that the state transition matrix of the filter depends on the 
gyro rate signal during a 1 Hz cycle. 

For the generation of the Kalman filter gain matrix the state transition and observation 
matrices are linearized to enable a precalculation of the Kalman filter gain matrix 
based on the following informations: 

o a time-invariant state and observation model. The model applies 10 states; 3 
quaternions (one is redundant), 3 gyro drifts, and 4 misalignments (2 lateral mis¬ 
alignments of the two skewed w.r.t. the boresighted FHST), 
o the system noise due to gyro noise and numerical errors of the quaternions, 
o the measurement noise of the optical sensors* 

These informations allow the generation of the time variant filter gams, which optimal¬ 
ly combine redundant measurements according to the error sources to yield optimum atti¬ 
tude estimation. To ease computation load, these gains are approximated by hyperbola 
functions, which can be represented by a few coefficients only. 

The attitude determination is the basis for achieving high pointing accuracy and stabil¬ 
ity in three axes by minimizing the effects due to gyro and optical sensor noise, gyro 
drift and sensor misalignirents* After filter settling, lasting typically 100 sec from 
initial target acquisition, long term stabilization is provided to the experiments. 

As an opcion, experiment sensors can substitute the OSP as absolute measurement refer¬ 
ence. Also attitude offset commands from the experiments are accepted by the DCU* 


2.2 Attitude Control. 

Figure 4 presents the IPS fast control loop which is for the most part implemented in 
the Data Control Unit (DCU). The three axes gyro loop applies a sequence of filters with 
different sampling frequencies. This is necessary because the DCU computer is not able 
to execute all filter algorithms within fastest (100 Hz) cycle. On the other hand the 
averaging of gyro data (100 Hz) and tlie prefilters (60 Hz) require high sampling rates, 
In order to avoid aliasing of high frequency structural modes and gyro noise. The rate 
filters running with 26 Hz arc designed to attenuate structural modes with minimum phase 
shift. Each filter consists of a transfer function with a second order nominator and de¬ 
nominator. Figure 4 also illustrates the ADF and PID control. 

The second branch of the DCU consists in the three axes ACP loop. Although the ACP mea¬ 
surement is designed to form a feedforward, in fact it must bo regarded os a feedbaolt 
loop for stability analyses due to the coupling with the dynamics of the IPS. Hence in 
total six fecdbacli loops establish the multivariable system. Consequently the ACP loop 
requires as well a sequence of filters, designed according to similar criteria as the 
rate filters. 



Fig. 4: Control Loop Blocjc Diagram 



















Table 2 uummarizcs the IPS performance in terms of the most relevant payload criteria, 
the quiescent stability and the disturbance response. All results are given for the 
worst of the two lateral axes. 

The quiescent cases assume an undisturbed inertially fixed Orbiter, such, that any 
pointing error of the IPS is caused by its own internally generated effects as there are 
sensor noisey bearing friction, quantization misalignments etc. The lateral stability is 
kept below 0.7 arcsec in such quiescent periods, which are most valuable for experiments 
to obtain high quality images of their targets although these conditions are occasional* 
ly interrupted by external disturbances. 

The disturbance response represents the variation of the attitude resulting from Orbiter 
thruster firing and crew wall push off. Except for free drift cases, the Orbiter per¬ 
forms limit cycling within +/-0.1 deg. by repeated 80 msec thruster firings. In this 
case the worst attitude variation was 5 arcsec. During the SL‘’2 flight also 1040 msec 
thruster firing occurred resulting in a disturbance response of up to 18 arcsec. 

Figure 5 demonstrates that upon such 1040 msec thruster firing, the IPS settles fairly 
quickly to provide high pointing stability to the experiments. 

The man-motion disturbance results from two opposite well push-offs by an astronaut in 
the Orbiter flight deck. Figure 6 presents the worst case in which the attitude varia¬ 
tion was 17 arcsec. 

Table 1 demonstrates a quite good coincidence between simulation and flight performance 
for the quiescent and thruster firing case whereas the man-motion impact is higher than 
predicted because the crew impulse unexpectedly caused a higher Orbiter acceleration and 
thus worse IPS response. 

The IPS is designed to accommodate various types of payloads. For large payloads of up 
to 7000 kg and thus high inertias, the performance degradation is very low due to the 
effectiveness of the feedforward control and due to a merely slight reduction of the 
control system bandwidth from 0.7 Hz to 0.5 Hz. Therefore, it can be concluded that the 
disadvantage of the large center of gravity offset minimized. 


LOS Performance 

Unit 



Flight 

Charaotoristios 




SL-2 

SL-2 

- pointing accuracy 

arcsec 

0.4 


0.8 

* * 

- rms stability 

arcsec 

0.7 


0.7 

0.7 

- rms stability rate 

deg/hr 

2.9 


2.0 

» * 

- man-motion 

arcsec 

5.1 

8.9 

8.5 

17.0 

- 80 msec thruster firing 

arcsec 

6.7 

7.1 

5.6 

5.0 

- 1040 msec thruster firing 

arcsec 

- 


- 

18.0 

Payload mass 

kg 

2 000 

7 000 

1 402 

1 402 

Inertia about COR 

kgm* 

15 740 

132 200 

1 

5 980 

5 980 


* could not be evaluated from flight data 
Table 1: IPS Performance 


3. IPS PERFORMANCE ENHANCEMENT 


3.1 


After the successful maiden flight further enhancement of the IPS has been investigated. 
The mechanical design is mature and does not limit the IPS capabilities. Considering the 
growth in computer and sensor technologies, significant improvements can be achieved by 
Just replacing or adding electronic boxes but keeping the basic IPS design. 

A major objective of the IPS improvement is to establish a highly'autonomous system be¬ 
ing independent of Spaceiab and requiring only a minimum amount of external services. 
Tiie Spaoelub CDHS ia replaced by a more powerful Operation and Control Computer (OCC) to 
provide enhanced IPS performance, operations and handling. 

The driving demand of using the OCC autonomy concept is to provide the capacity to exe¬ 
cute more complex control algorithms at higher sampling rates. This improves the point¬ 
ing performance and to provides the capability for closed loop tracking of moving ob¬ 
jects. Furthermore, autonomy implies the automatic execution of operational procedures 
by the OCC software which is it.^ortant for fast and reliable object acquisition in 
tracking and pointing missions. 
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The automation and autonomy features of the improved IPS with the OCC form a basis 
accommodate the IPS as a self-contained system on the International Space Station 
dom (ISP). 


STS DATA lASEI SLSSFatB 
lAtr ITMlfl It/lt/K ITiaCiM 



STS DATA lASEl SLSSFaia 
IMT irtMTTl ilflim ITIMIfT 



to 

Free- 


Pig. 6: 


Attitude Error Response to Crew Wall Push-off (from ref. 1 
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3.2 pointing Performance Improvement 

For stellar and solar observation it is most important to provide a high stability with 
the IPS. The IPS demonstrated about 0.7 arcsec quiescent stability, however, there is 
still a demand for further improving the pointing performance. Table 2 shows the results 
of a sensitivity analysis for the quiescent performance. 


Error Source 

Relative Contribution to 
Quiescent Performance (%) 

(1) DCU quantization 

73 

(2) Gyro noise 

52 

(3) Optical sensor noise 

39 

(4) Torque hysteresis 

16 

(5) Structural flexibility 

10 

(6) Torque roughness 

8 

RSS Sum 

100 


Table 2: Sensitivity analysis of internal generated disturbances 


Consequently those error sources which are inherent to the basic IPS design, namely no, 
4, 5, 6 have only a minor effect. The important error sources no. 1, 2, 3 ca** be reduced 
by exchanging or adding individual boxes. 

The DGU quantization which is caused by its fixed point arithmetics can effectively be 
eliminated by use of the new OCC. Even without changing the control law the quiescent 
stability can be reduced to about 0.25 arcsec. A quiescent stability below 0.1 arcsec 
can bo achieved by the following measures in addition to using the OCC: 

o Use of a new gyro with a noise of about 0.4‘/hr and 25 Hz bandwidth. Alternatively, 
this can be achieved by an improvement of the IPS gyro electronic reducing the gyro 
noise by a factor of 5. 

o Use of an optical sensor with a noise of 0.2 arcsec at 1 Hz sampling which could be 
either IPS dedicated or user supplied. Alternatively, the optics of the IPS FHST can 
be improved to yield a factor of 4 of noise reduction. 

In addition or as an alternative to the optical sensor and gyro improvement, the capaci¬ 
ty of the OCC can be utilized to implement mere efficient control algorithms. Using a 
filter sampling frequency of 100 Hz, aliasing effects arising from structural modes and 
gyro noise can be avoided. More flexibility in the design of the attenuation filters and 
control algorithms is gained by the higher storage and speed capabilities of the OCC. 
Furthermore, an enhanced Kalman Filter for ottitudc and rate determination applying 
on-line gam computation and avoiding delays of sensor measurements yields faster set¬ 
tling and higher stability. 

With these measures, simulations have shown that IPS internally generated error source 
can be minimized to yield 0.1 arcsec for an inertially stabilized orbiter. If the orbit- 
er is free drifting in a Earth pointing, the stability oogradation is about 0.1 arcsec 
due to increased tearing and harness friction. 

The disturbance response upon man-raotion and thruster firing can also be reduced by 
o relocation of the Accelerometer Package to a point, which is more sensitive to dis¬ 
turbances than to structural flexibilities, 

o using 100 Hz sampling and filtering, optimization internal ACP filter presently nec¬ 
essary to avoid aliasing effects with low sampling rate, 
o improved filters in the feedforward loop running at 100 ilz 
o use of a rigid body disturbance observer. 


3.3 




The IPS has been designed for high precision pointing towards inertial celestial ob¬ 
jects. With the autonomy concept the IPS provides the capability for closed loop track¬ 
ing of anv objects moving at rates of up to 3 ’/sec. 

For tracking of object movmg relative to the Shuttle the following scenario is assumed: 
o The IPS applies two {user supplied) sensors: 

a coarse acquisition sensor with a field of view of abou* 5* x 5' 
a fine tracking sensor with a field of view of about 0,5* x 0.5*. 
o The initial position of the object is known with an uncertainty less than the exten¬ 
sion of the acquisition sensor field of view. This is the case for tracking of o 
fixed landmark or other cooperative si>acccr-»fts. 


Tracking is performed with the following automated sequence: 

(1) Tracking Preparation comprising 

- IPS supports calibration of the optical sensors and experiments 

- Gyro drift calibration and attitude initialization 

- Last upiink of object and mission parameteis. 



1^ 4^ I’-.lfifiJW''lei'll 
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(2) Initial Positioning: 

The IPS is moved close to the end of the operational cone to a position which is 
located on a predefined trajectory derived from the knowledge on the initial ob¬ 
ject position. The Orbiter as well has to acquire the required position. 

(3) Gyro Tracking: 

Automatic tracking is started before the object is visible in the acquisition sen¬ 
sor field of view (e.g. because the objective is behind the horizon). Hence, Gyro 
Tracking means closed loop control along a predefined trajectory (based on a im¬ 
perfect a priori information), where the attitude error is the difference between 
the predefined trajectory and the actual attituac derived from gyro rate integra¬ 
tion. Due to the relative object motion a high initial rate error effects a sharp 
acceleration of the IPS to the rate of the object (see initial torque profile in 
Figure 7). At about 30 secs, when object appears in the acquisition camera field, 
the rate error is small whereas the attitude error is about 1.4 deg. due to the 
imperfect a prion information on the object location. 

(4) Object Acquisition: 

Once the acquisition sensor has acquired the object in its field of view, it gen¬ 
erates an attitude error which causes a transient (second torque profile on Figure 
7) into the field of view of the tracking sensor. 

(5) Fine Tracking: 

Once the object is acquired by the tracking sensor and settling is performed, the 
IPS provides a fine tracking stability of 0.6 arcsec (3 prad) to a 2000 kg payload 
at a rate of up to 2.1’/sec , assuming an optical sensor noise of 2 arcsec (10 
Mrad)and 30 Hz sampling. A maximum bias error of 23 arcsec (115 prad) after set¬ 
tling has been achieved with PID control. A second integrator or a trajectory pre¬ 
dictor/estimator IS found not suitable to further improve the accuracy. Due to the 
double integration of the plant, bias error results from the variation of the ac¬ 
celeration which can hardly be determined through a further integrator or observ¬ 
er. 



Fig. 7: IPS Tracking Stimulation 


4. SPACE STATION ACCOMHODATION 

There is only a limited number of satellites for astronomy and solar sciences, on the 
other hand the International Space Station Freedom (ISF) constitutes a large, 
long-termed infrastructure for a variety of experiments. However the ISF is Earth point¬ 
ed, has a limited maneuverability and is only coarsely stabilized and thus docs not sup¬ 
port tracking and pointing experiments. Consequently the IPS could expand the ISF versa¬ 
tility and and range of utilization , because 
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o the IPS supports a variety of payloads in terms of mass and accuracy, 

o the IPS 19 the only flight proven pointer presently available, 

o the IPS is designed for 50 Shuttle missions and 10 years lifetime and thus includes 
considerable design margins and & high robustness, 
o the IPS autonomy concept forms the basis for the accommodation of the IPS on the ISF 

G the basic IPS design can be retained, mainly add-on improvements like the OCC are re¬ 

quired . 

o the openly exposed IPS Equipment Platform can be supplemented by an automatic Payload 
Berthing Adaptor which facilitates the experiment exchange with the Remote Manipula¬ 
tor Arm. 

Figure 8 shows the IPS accomodated on the long ISF truss structure. 

Compared to the Shuttle, the iSSrn long, lightweight ISF design imposes the IPS to cope 
with low frequency vibrations in the vicinity of the control system bandwidth. The con¬ 
trol system structure is basically retained for first analyses, however the following 
adaptations are mandatory: 

o The processing capacity of the CCC is the basis to implement adapted attenuation fil¬ 
ters running with 100 Hz cycle time. 

o The control system bandwidth has to be reduced from 0.64 Hz to 0.32 Hz to avoid in¬ 
teraction of the IPS with low frequency ISF vibrat ons and thus to ensure dynamic 

stability of the coupled dynamics system. The reduerd feedback disturbance compensa¬ 

tion IS recovered by improving the feedforward loop as follows: 
o Reduction of accelcrcmetcr internal filter time constant, 

o Optimization of accelerometer location closer to the IPS center of rotation, 

o Use of further accelerometers to observe the low frequency ISF vibration and direct 

feedforward compensation (not yet simulated). 


Figure 9 depicts the IPS response upon crew wall push-off. The maximum attitude error is 
26 arcsec. The wall pushoff effects an almost undamped vibration of the long Space Sta¬ 
tion truss, representing a continuing disturbance to the IPS which results in on oscil¬ 
lation error with an amplitude of 18 arcsec. For the present analysis it is assumed that 
the ISF does not stabilize its own disturbances. 

Figure 10 demonstrates the effectiveness of the feedforward compensation with 
accelerometers: even though not yet optimized, the feedforward reduces the maximum error 
from 41 arcsec down to 10 arcsec in cross-elevation and even the ISF vibration response 
IS decreased from 25 arcsec to 18 arcsec. 

The attitude error upon ISF thruster firing is shown in Figure 21. The maximum error is 
39 arcsec with feedforward control. Although the IPS is unfavorably located just above a 
thruster pod, that is at an antinode, the ISF vibration disturbance con be compensated 
by feedforward. After 20 sec the amplitude of the attitude error has been decreased to 6 


arcsec. 

'^hus It is considered reasonable to further exploit the feedforward compensation, Since 
the IPS is disturbed by one (or two) dominant flexible ISF modes only, it seems to be 
well feasible to conceive a disturbance observer of limited order based on distributed 



Fig. 8: IPS in Space Station Freedom Configuration 
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Fig. 11: IPS Thruster Firing Response on the ISF 


5. CONCLUSION AND FUTURE OUTLOOK 

The IPS perforiaanco during the Spacelab 2 mission rendered essential benefit for experi¬ 
ments. Attitude control with flexible mode attenuation and Kalman filtering based on op- 
» tical sensor and gyro measurements enable precision pointing for the IPS ns well as for 

satellites. The IPS specifically has to cope with step-like disturbances of its mounting 
base. Therefore further studies are ongoing to prove that the IPS con provide a pointing 
performance on the ISF being close to the Spacelab 2 results in order to enhance the IPS 
as long-term available platform for a variety of tracking and pointing experiments on 
the ISF. 
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ABSTRACT 


The main interest of this paper is to promote the objectives of Control-Structure Interaction (CSI) m vibration sup¬ 
pression anil attitude control of large space structures- Integration of multibody dynamics, flexible structures and control 
system design is considered extremeU iniportanl in CSI research. The concepts of decentralized controls and optimization 
of lightly damped systems are the promising approaches for realistic applications. 


1. INTRODUCTION 

A number of future space systems arc being planned at present for both military and civilian applications. Some of 
the common perceptions about tliese systems arc. (a) they arc large in size, (b) they are extremely flexible, and (c) they 
need both active and pa-ssivc controls to .assure adcqu.ate performance while subjected to a variety of disturbances. In 
addition, they arc made of multiple bodies connected together in a tree fashion or in multiple closed loops. For example, 
the proposed NASA Space Station consists of solar panels, antenn.as, crew quarters, life support systems, etc., and each of 
these is a flexible body connected together by truss booms. The disturbances arc a result of either large angle maneuvers 
or impact due to doching or crew and equipment movement. The vibrations induced by these disturbances need to be 
controlled for the proper operation of the spacecraft. Passive controls, though extremely important, alone arc not expected 
to be adequate . Active controls are expected to play an important role in vibration suppression and shape control. The 
interaction of multihody dynaii.ics and the extreme flexibility of the bodies ran prcsi nl significant problems m the design 
of control systems. 

The integration of multibody dynamics, finite element models, and active un.l passive controls is going to be the inruor 
thrust of future research in large spate structures design Each of these disciplines presents numerous unsolved problems in 
their own right, and their integration appears to be an iniractable problem at present. Early multibody dynamics research 
was primarily concerned with the formulation of tiie Equations of Motion (EOM). The controversy about the Newton- 
Eulcr formulation vs Lagrange's equations is largely resolved. The general consensus is that it is possible to obtain the 
same equations of motion by either route*'* However, the new formulation, known as Kane's formulation which reduces 
to the Lagrange s forir. of the D'Alembert's principle in special cases, is the preferred approach at present because of its 
generality The solution of the noniinear equations of multibody dynamics is another major obstacle in the development 
of design mefhods. Most of these arc approximate numerical methods, and their computational complexity, speed, and 
reliability of convergence are always in question. 

The flexibility rlfccts of large bodies in rapid maneuvers further confound the spacecraft design issues. Multiple bodies 
are built-up structures and their representation by continuum modeling is at best unsatisfactory. The popular finite 
element modeling, on the other hand, is fraught with the curse of dimensionality. Even though the finite element model 
is satisfactory to predict the dynamic behavior of a constrained flexible body, its inclusion in the inultibody dynamics 
seriously alter i the solution strategy For example, in the numerical integration of the equations of motion the time step 
requirements of rigid body oscillations and flexible motions can be significantly different, and a balanced approach can be 
achieved only by extensive numerical simulation. 

Model order reduction is one of the active research topics in the development of active control technology. The effects 
of unmodclled modes, truncated modes and model uncertainty arc the issuc.s that mu.sl be addressed seriously in the 
development of integrated design methods The modern optimal control theory is entirely based on linear models The 
nonlinear motions of multiple bodies and their flexibility require new approaches for design. The actuator/sensor dynamics 
furtlier enhance the nonlinearitics. A flexible structure subjected to rajiid maneuvers can introduce instabilities. 

Recent interest in multibody dynamics promoted development of a number of computer codes such as DISCOS*^), 
CONTOPS*'*, ADAMS*®*, DADS'** etc. Most of these codes were originally inteneied for the simulation of rigid body 
dynamics Since the size of the bodies is expected to be large in spacecraft applications, a realistic simulation cannot ignore 
the flexibiliiy effects. The new eiihaiiccmeiits of these codes arc addressing the flexibility issue to a limited extent. 

The dynamics of connected bodies is of interest in not only spacecraft design but m robotics as well. The major 
difference is that in the ease of robots the analytical simulation can be verified reasonably well in experiments. However, 
in the case of a spacecraft the difficulties arc far too numerous for sucli an experimental verification. The size of the 
spacecraft, zero gravity environment, absence of aerodynamic damping, and free-free motion arc some of the impediments 
for experimental validation of an analytical simulation. The orbital motion of the spacecraft adds to the complexity. It 
is imperative that in the absence of such a validation, our understanding of the analytical models must be thorough and 
include as many elciiieiits as possible in the model. 
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The purpose of this paper is to identify the design issues Rrising from flexibility effects and activc/passivc control for 
vibration suppressioPi of a nmltibody sj'stcm. 

2. EQUATIONS OF MOTION OF MULTIBODY SYSTEMS 

The dynamics of a multibody system can be formulated in a number of ways. The Ncwton-Bulcr formulation, Lagrange’s 
equations, D’AIcinhcrt's iirinciple and Kjinc’s formulation arc some of the means for deriving tlic equations of motion. 
Generality, ease of formulation and solution arc the key considerations in c..oosmg tlic appropriate metliod^' An 

inertial reference frame and \nrious bod> coordinate systems arc the means lor defining the configuration as well as the 
state space. 

The basic equations of motion of a inultibody system can be written by considering the dynamic equilibrium of the 
individual bodies. 

mr = 9 + F (1) 

vs hero V is a set of generalized coordinates that describes the body configuration in the inertial frame. The gcncrali/cd 
forces, Q, on the bodj Include those induced by the cnviroiiinciit of the orbiting spacecraft and inertia, elastic and damping 
forces of th t deformable boilies The t nv.roniucntal forces include gravity, gravity gradient, solar pressure, thermal gradient 
and aerodynaraic drag in the ease of a low earth orbit. They al«io include inertial forces due to centrifugal and Conohs 
acceleration and tlie dynamic forces resulting from spin rate stabilization etc. F is a set of constraint forces transmitted 
from t)ie mt(’'''onnocting bodies. The left-hand side cf equation 1 represents the inertia forces of the body. The essence of 
E(i I IS that ti. nvironmental and constraint forces on the body arc in dynamic equilibrium with the inertia forces of the 
body whicli is i 4v..itially the statement of D’Alembert's principle It should be remembered that Eq. 1 covers both the 
force.s and moments of tfic body, because the generalized coordinates V' include both the translations and rotations. The 
constraint forces F ar<’ appended to the cnvironincntal forces Q through the Lagrangian multipliers, A, which results in^^^ 

mV = 9 + 6*A (2) 

The constraint matrix, b. expresses the kinematic conditions of the interconnecting bodies in the form 

= a (3) 

Tlic summation in Eq 3 is over the number of boilics. Equations 1 (or 2) represent n first order nonlinear ordinary 
differential equations, and Eq 3 represents m conditions of kinematic constraints, n represents the number of bodies and 
m represents the number of connections between the bodies a arc the prescribed velocities across tlic bodies. 

The most crucial element of multlbody d>namic formulations is (ievelo[unent of tlie mathematical equations for the 
generalized forces. Q Research in mechanical ■systems (mechanisms) and space structures produced a wealth of information 
in the form of various formulations and prompted the <lcvcIopincnt of the computer codes cited m the introduction* However, 
the difficulty is how to blend the complex interactions of an orbiting spacecraft and devcio|> a coliercnt approach for the 
de.sign of an effective control system for vibration suppression and attitude control. 

3. ACTIVE AND PASSIVE CONTROLS 


Vibration suppression and attitude control arr the two ma^or ta.sks of the control system for large space structures. 
Vibrations arc the elastic motions of flexible ‘•tructures which must be suppressed in a finite tune to a.ssnre the desired 
performance Ihe sjiacecraft attitmlo, on the other hand, is priinaniy related to the rigid body motion However, these 
two arc generally coupled motions ami must be controlled siinuUancousiy. 


Active and passive controls are the means of achieving the control objectives In an active control system a set of 
artiiatois and censors regulated by an onboard controller produce motions to counteract the vibrations induced by the 
exiernal disturbances If the iisturbances arc known apriori, an open loop r„ntrol system can be disigned to suppress the 
resulting vibration Open loop control can be accomplished by actuator alone. When the di^turliancc is unknown, as in 
the ra.«e of random disturbance, a dosed loop control system is necessary, am) A wouhi have both actuators and sensors 

I he actuators are generally cla-ssifled n.s iiiecliaiiical, hydraulic and electromagnetic. Hydraulic actuators arc generally 
not very suitable for .space tipplications. Small rorkel thrusters or reaction jets are particularly well suited for attitude 
control liicy arc being proposed for vibration suppression as well Hydraulic cylinders, mument actuators, torque motors, 
])roof-inass actuators, control moment gyros, reaction wheels, locks and brakes are some of the actuatorsH*^) being modelcil 
in spacecraft control system design. More recently piezoelectric actuators are being investigated for space appheation.s. 
Accelerometers, rate gyros, position sensors, tachometers, sun and star sensors etc. are the sensors being considered for 
.space applications. Piezoelectric and fiber optic systems arc the closest systems for distributed control. All others are 
considered as point actuators ami srii«:or« 

llie elements of a passive control system are viscous dampers, friction dampers, viscoelastic systems, constraint layer 
damping and shock mounts in addition, joints and other sources of sliding and/or slq>ping at the microscopic or macroscopic 
level contribute to structural damping inherent in the syslcm. Structural damping is generally described by a concept called 
the complex modulus. Passive control is basically an open looj) system. The mechanism of passive control in ft vibratmg 
system is tlirough the dissipation energy counteracting the kinetic and potential energies. The damping forces arc out of 
pliasc with the ela.stic and inertia forces of the dynamical system. 



A roiiibhiation of activo roiitrols and passive damping offers the best promise for vibration suppression and attitude 
control of future space systems The total mass of the spacecraft, the energy available for control and the on-line compu¬ 
tations arc serious considerations in tlie design of a control system. Both passive damping and active controls significantly 
increase the total mass and energy requirements. It would be impractical to delegate the control function entirely to cither 
active or passive controls alone. Instead, the best compromise appears to be a combined control sy.stern in which a lightly 
damped (passive) structure is designed a priori in an open loop mode, and then an active control law is implemented. The 
last section of this paper (Section 5) ad<ircsses the issue of designing a lightly damped system in the context of optimization 
with tlic structure, mass and damping parameters as variables. 

4. ISSUES IN ACTIVE CONTROL 

The problem statement of a Linear Quadratic Regulator (LQU) in the presence of continuous random disturbances can 
be written as^**I follow*;; 

X-AX-i-Du-i-w (4) 

The optimization criterion for the stocha-stie regulator problem may be stated as 
Minimize 

J = F4f‘'(X‘QX + u'n<;)dl] (S) 

where X is the random state variable, u is the contiol input, A and B are the plant and control matrices, and u; 
represents a continuous stochastic disturbance, w is assumed to be white noise. In the quadratic performance criterion Q 
and II are weighting matrices with the properties that Q is at least positive scinidcfinitc and R is positive definite It is 
assumed in the above formulation that the full state feedback is available at all times. In the case of output feedback with 
a finite number of sensors, the a« dition of a Kalman filter makas the problem LQG (Linear Quadratic Gaussian), and the 
necessary modification is as follows 

A' = AX -h Bu-rWi (6) 

where the observed variable is given by 

y = CJV + u?2 (7) 

is the state excitation noise and Wj is the measurement noise. The joint process of a'j and W 2 is assumed to be white 
noise. 

The mechanics of the control algorithm as described in Eqs. 4 to 7 arc quite complex when applied to a spacecraft 
with interconnected flexible bodies. Multibody dynamics arc in general nonlinear, and they arc linearized at a particular 
state of interest in onicr to take advantage of the powerful analytical techniques devclopcil for linear dynamic systems. 
The [ilant matrix A in Eq. 4 contains linearized iiiuUlbody dynamics, flexibility, inertia, and the damping properties of the 
individual flexible bodies and the connecting appendages. In addition, it also contains a description of the actuator and 
sensor dynamics, tlic constraint forces between the bodies, the gravity gradient and other dynamic effects associated ’Aith 
the orbiting spacecraft An analytical simulation and onboard implementation of a centralized control law for the entire 
spacecraft with multiple bodies is unpractical for a number of reasons. The dimensionality of a multibody system can be 
very large, when all tlie flexible <Icgrecs of freedom of the bodies are added. Order reduction at such a large system level can 
be computationally demanding and can also introduce severe errors and uncertainties. In addition the diverse flexibilities 
of the interconnecting bodies and appendages require different input and output sampling rates, and a centralized control 
system would be hard pressed to respond. It is much more appealing to decentralize the control system at each body level 
for vibration suppression and design a separate control system for the attitude control This process is akin to pa.ssivc 
vibration isolation, even though it can be accomplished with a combination of active and passive controls. 

The decentralized control system is based on the premise that the governing equations of the .system can be decoupled 
at the individual body level. The decoupling extends to the state as well as the input and output of the system. A canonical 
transformation using the system s natural modes is the most direct ajiproach for decoupling the system equations. However, 
such an approach is not practical, because identification of the appropriate natural modes of a large system with different 
bandwidth requirements of the bodies is not an easy task. Two approaches, which arc used extensively in the solution of 
structural dynamics problems, arc being considered for the decentralized control. rohicin 

Analysis based on comi>oncnt mode synthesis is a well established method in the solution of structural dynamics 
problems Similarly, dynamic reduction based on reduced basis vectors and static reduction (Guyan reduction) based 
on static condensation arc available in many of the general purpose analysis codes such as NASTRAN. These methods 
arc based on the physical and the related inathcmatical partitioning of the system and its equation The solution is 
implemented in two or more levels. At the body or component lovr*! *he dyn»m''‘ properties: of the fi./- body and fill 
the forces acting on it arc transfe.ncd .‘r.im the body internal degrees of freedom to the interfacing dcf-» es freedom with 
the other bodiw. The system of eqi<.itions can be written symbolically in block diagonal form ns follc.ws* 



MULTI-BODY SYSTEM 
BLOCK DIAGONAL REPRESENTATION 


Tho overlapping degrees of freedom in the l)lock diagram represent the interface between the bodies Sucli a representation 
can include both open tree and closed tree topologies as well In such a scheme there will be n + 1 sets of subsystem 
equations 

= 9, + = .« W 

\jy^Q (9) 

wlioro u roprwents the ntinihcr of ftexihio bodiCvS. aikI A/ is the totAl mass of the system. Eq 8 represents the dynamic 
equations of the flexible body, wliilc Eq. 9 represents the overall system, rcthiccd to include only t!»e interface degrees 
of freedom Since the constraint forces arc a system of self equilibrating forces, they do not appear in the overall system 
equations 

A decentralized control system in such a scheme will have rt +1 controllers, one controller for each body and an overall 
controller for the total system. Control of the clastic motions will be the primary function of the individual body controllers, 
while the attitude control of the spacecraft will be relegated to the system controller 

In an LQG controller setting the body controller treats interaction from the other bodies as part of the stochastic 
disturbance. This concept of decentralization is very appealing. However, its implementation is fraught with many pitfalls. 
Most of the reduction scliemcs arc approximate, and it is impossible to estimate their clfcct on the stability and performance 
of the controller without extensive numerical simulations**^ 


5. PASSIVE CONTROL 

Passive control basically involves adjustment of mass, stilfncss and damping of tlie flexible body in order to achieve 
some predetermined dynamic characteristics. The object is to design a lightly damped system to augment the active 
controls in vibration suppression. This <lamping issue can be addressed as an optimization problem at the individual body 
level. Optimization first involves formulation of an objective function and definition of constraints in the spirit of nonlinear 
programming. The mass of the body is an appropriate objective to minimize in spacecraft applications. The real and 
imaginary parts of the complex eigenvalues of the damped system arc appropriate constraints. The structural (mass and 
stiffness) and damping parameters are the variables of the system. Optimal iHstribution of mass, stiffness and damping 
properties can be achieved by posing the optimization problem as follow'sf*^"**) : 

Minimize 

F(x) = F(x,,xj, ...Xf,} (10) 


(!') 



Subject to inequality constraints 
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and equality constraints 

Zj{x) = Z, ( 12 ) 

The constraints on the variables arc defined as 


I < ? < I (13) 

In the context of a truss structure tlie mass inintmi/.ation problem can be stated as^*®l 

F(i) = (H) 

subject to constraints on the real and imaginary parts of the complex eigenvalues. The constraint on the real part introduces 
a desired percentage of damping in the mode. The constraint on the imaginary part is to avoid resonance conditions. The 
variables, x*, represent the mass, stiffness ami damping properties of the structure In this representation an increase in 
damping in an element can be tied to an increase in mass as well, so that there is penalty associated with the damping. 
The purpose of this optimization is to achieve an optimal distribution of damping, stifrne.ss and mass properties with a 
minimal ma.ss increase. 

Once this problem is posed in a nonlinear programming setting, it is po«Jsiblc to take advantage of the many search 
algorithms readily available for optimization^*'^ \ lightly damped system augments the active control system and 
enhances the stability. 

0. SUMMARY AND CONCLUSIONS 

The interaction of multibody dynamics, the flexibility of the bodies and the control system is an important consideration 
in the design and dynamic response predictions of large flexible space structures. The concept of a decentralized control 
system for lightly damped structures is extremely appealing and needs further research in order to establish its validity. The 
approximations associated with order reduction and substructure representation need further assessment, before they can 
be accepted as viable design approaches. The design of lightly damped structures using nonlinear programming algorithms 
IS a realistic approach for large order systems However, these concepts need extensive numerical simulation in order to 
establish their validity for realistic applications. 

REFERENCES 

1 Likins, r W , “Multibody Dynamics An Historical Perspective," Proceedings of the Workshop on Multibody Sim¬ 
ulations, Jet Projiulsion Laboratory, California Institute of Technology, Editors Man, G and Laskin, R , April 15, 

1988. 

2 Kane, T R and Levinson, D A., “Forirulation of Equations of Motion of Complex Spacecraft,” Journal of Guidance 
and Control. Vol. 3, No 2, 1980. 

3 Bodlcy, C S , Devers, A D., Park, A.C and Frisch, H.P., “A Digital Computer Program for the Dynamic Interaction 
Simulation of Controls and Structure (DISCOS).” Vols. I & 2. NASA Technical Paper 1219, May 1978 

4 Waites, n.B and Singh, R , “Dynamics of Flexible Bodies; CONTOPS A Computer Oriented Approach,” Proceed¬ 
ings of the Workshop on Multibody Simulations, ,Iet Propulsion Laboratory, California Institute of Technology, Editors 
Man, G. and Laskin, R , April 15, 1988 

5. ADAMS 5.2 U^tr's Manual^ Mechanical Dynamics, Inc., April 1987. 

6. DADS User^f Manual, Computer Aided Design Software Incorporated. P.O. Box 203, Oakdale, Iowa. 

7 Likins, P.W , “Analytical Dynamics and Non-Rigid Spacecraft Simulation,” JPL Technical Report 32-1593, July 15, 
1974. 

8 Singh, R P., VanderVoort, R.J. and Likins, P.W., “Dynamics of Flexible Bodies in Tree Topology A Computer- 
oriented Approach,” Journal of Guidance, Control and Dynamics, VoL 8., No 5, Soptember-October 1985, pp 
584-590. 

9. Nikravesh, P E , “Systematic Construction of the Equations of Motion for Multibody Systems Containing Closed 
Kinematic Loops,” ASME paper no. 89-D AC-58, Montreal, Canada, Scplcmbcr 17-20, 1989. 

10 User's Manual for TREETOPS - “A Control System Simulation for Structures with a Tree Topology.” 

11. Kvvakernaak, H. and Sivan, R., “Linear Optimal Control Systems,” Wilcy-Intcrscicncc, New York, 1972. 

12 Young, K.D., “Hierarchical Controlled Component Synthesis of Large Sjiacc Structures,” Lawrence Livermore National 
Laboratory draft report, UCRL 101639 This is also a paper being prepared for submittal to the 11*^ International 
Federation of Automatic Control (IFAC) World Congress, August 1990. 

13. Venkayya, V.B., “Aerospace Structures Design on Computers,” WRDC-TR-SO-SOdS, March 1989. 






18-6 


14. Vcnkayya, V.B., Tisclilcr, V.A., Kolonay, R.M. and Canilcld, R.A., “A Generalized Optimality Criteria for Mathemat¬ 
ical Optimization,” WRDC-TR-89-XXXX. 

15. Vanderplaats, G.N., “A General-Purpose Optimization Program for Engineering Design,” J. Computers and Structures, 
Vol. 24, No. 1, pp 13-21, 1980. 

16. Haftka, R.T. and Kamat, M.P., “Elements of Structural Optimization,” 2'"* Edition, Martinus and Nijhoff in Press. 

17. Morris, A.J., Editor, “Foundations of Structural Optimization: A Unified Approacli,” John Wiley ti Sons, New York, 
1982. 

18. Khot, N.S., “Structures/Control Optimization to Improve the Dynamic Response of Space Structures,” Journal of 
Computational Mechanics, Vol. 3, No. 3, 1988, pp 179-186. 




19-1 


DYNAMICS AND DYNAMICS EXPERIMENIS IN TSS-1* 
by 

Silvio Bcrgaiimschi 

Principal Investigator of. Tlieorciical and Experimental Investigation on TSS-1 Dynamics 

Department of Mechanical Engineering, University of Padua 
Via Venezia 1,35131 Padua. Italy 


SUMMARY 

TSS-1 (Tethered Satellite System-1) is the first retrievable space system to be tethered to the Shuttle in order 
to conduct scientific experiments. 

The nominal profile of the mission will consist of: 

• a deployment phase, where the tether is reeled out from the Shuttle until the satellite is 20 km above it 

• stationkeeping, in which the tether length is almost constant and the scientific activity reaches its maximum 

• retrieval, where the tether is reeled in, until the satellite is recovered in the cargo bay. 

Two of the research proposals selected in 1984 by a joint U.S.-ltaly commission arc dedicated to the study of 
the dynamics of this novel system. Purpose of this paper is: 

• to comment the mathematical models implemented so far to simulate TSS-1 dynamics 

• to present the rationale of the investigation activity (being) carried out at the University of Padua and to 
survey its functional objectives. 

INTRODUCTION 

It is known that the origin of the concept of long tethers in space can be traced back to the end of the 19th 
century, when Tsiolkowskii (!**] first proposed a tower anchored to the Earth and extending beyond the altitude of 
the geostationary orbit. 

In the space era, the idea of tethering a satellite to the Space Shuttle, in order to conduct aeronomy, gravity 
gradiometry and electrodynamics experiments in LEO was first proposed in a SAO report (2); investigations on the 
dynamics of such a system began in 1975, with two independent studies sponsored by NASA/MSFC [3J and 
ESA/ESTEC [4], the purpose of which was mainly to define the feasibility of deployment and retrieval manoeuvres. 

In the second half of the seventies, a number of investigators developed models intended to take into account 
any aspect of the motion. However, the inclusion of tether elasticity caused most of them to require c.xccssive 
computer time for the numerical integration of the resulting equations, so that they were abandoned and, in recent 
years, the trend has been to substitute "general purpose" models with a library of routines, each of them more 
limited in scope, but much more efficient from the point of view of computational flexibility [5j. 

In the meanwhile, at the beginning of the eighties, the TSS became a joint project between the U.S. and Italy, 
and funding was approved for the first mission, which was to be dedicated to: 

• in flight verification of the concept of tethers in space 

• dynamics experiments 

• electrodynamics and plasma physics experiments 

In april 1984, NASA and PSN (the National Space Plan of Italy, at present ASI) jointly requested proposals of 
experiments on TSS-1. The selection procedure was carried out in the summer of the same year and two proposals 
related to dynamics, by SAO (Smithsonian Astrophysical Observatory) and Padua University respectively, were 
approved. 

At present, TSS-1 is manifested for flight in May 1991. The mission profile calls for the upward deployment of 
a 20 km conducting tether and an overall duration of some 36 hours. From fig. 1 (see page 2) is seen that the 
satellite remains in stationkeeping conditions for about 10 hours. A. shorter interval during which the tether 
iength is nearly constant is also planned toward the end of retrieval. 


(*) This raiearch effort has been sponsored by ASI (Agenzla Spazlale Itallana) 
(**) See References at end of paper 
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In both such periods, part of the time will dedicated to dynamics experiments. During the remaining part of 
the mission this kind of activity will be carried out on a non interference basis with other scientific experiments. The 
hardware to be used will primarily consist of a set of three linear accelerometers and three gyros with mutually 
ofthogonal sensitive axes. While the accelerometers are part of the scientific core equipment, the gyros will also be 

'it attitude determination and control. The purpose and flight objectives of both the dynamics experiments 

ht 

-'op a number of mathematical models intended to simulate TSS-1 dynamics as close as possible 

• >0 1 ure linear and angular aecclerations at the satellite and compare experimental results with 
thcoi. cal expectations. 

HISTORY OF DYNAMICS SIMULATIONS 

Rigid tether 

The SAO report mentioned above did not include any simulation of the motion, although it was shown, by 
means of a quasi static model, that deployment manoeuvres are feasible. This is because, in a circular, unperturbed 
reference orbit, the system composed by the Shuttle, a tether and a subsateilite has four possible equilibrium 
configurations. Two of them, aligned with the local vertical, are stat'cally stable, so that the tether can be deployed 
both upward and downward with respect to the reference orbit. Tether tension is provided by gravity gradient; if 
the mass of the tether is neglected, one can write: 

T = 3mn^/ (1) 

where: 

- T is the tether tension 

- m is the satellite mass 

- n is the mean motion of the Shuttle orbit 

- / is the tether length 

The most important features of the dynamics of a TSS were studied shortly afterward, and the criticality of 
both deployment and (in particular) retrieval was readily apparent. Such features arc reported here by commenting 
the equations of what can, perhaps, be considered as the simplest, but physically meaningful mathematical model 
used for the simulations. The assumptions are: 

• The Space Shuttle is in a circular orbit, not perturbed by the satellite. This means that the c.o.m. of the 
overall system coincides with the c.o.m. of the Shuttle itself. 
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• Both the Shuttle and the satellite arc point masses. Tether inertia is neglected. 

• The tether is rigid. As it will be apparent in the following, the assumption of neglecting tether elasticity has 
dramatic con.sequences. 

• Control, or environmental forces, as thrust, air drag, J 2 effects, etc. are ignored. Only the gravitational 
attraction of the spherical Earth is taken into account. 


If one further assumes that I is a control variable, the motion of m (see fig. 2) has two d.o.f.: the in plane (0) 
and out of plane ((j)) libration angles, measured starting at the local vertical. In writing the equations of motion, it is 
usually taken advantage from the fact that //a < < 1 (a is the semimajor axis of the Shuttle orbit), so that the 
gravitational potential at m is expanded in scries and the terms with powers higher than the second of //a arc 
neglected. Finally, limiting the analysis to .small angles, the dynamical equations arc: 


0+2j0 + 3n^0 = 

■■ I . , 

+ ?." 4 ’ - 0 


(2a) 

(2b) 


from which it is seen that small in plane and out of plane libration angles arc uncoupled. First, let us coasidcr 
the case with constant / (stationkeeping); in this situation, the motion is the composition of two harmonic 
oscillations with slightly different periods (see fig. 3, where the periods have been plotted vs. the orbital altitude), so 
that the system is dynamically stable. 
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Different is the case in which i is not zero. In the first place,the forcing term in eq. (2a), originated by the 
Coriolis acceleration, pulls the tether away from the local vertical. If the same control law is used during the 
manoeuvres, the destabilizing action is the same for deployment and retrieval. On the contrary, the angular 
velocities dependent terms cause, in both equations, the librations excited during deployment to be damped out as 
the tether is reeled out, while they originate self excited oscillations during retrieval. Thus, it can be concluded that, 
although the initial phase of deployment is also critical because tether tension is small (sec cq. 1), the highest 
degree of dynamical instability occurs in the last phase of retrieval. For this reason, the simulations carried out a 
NASA/MSFC and ESA/ESTEC with different models and computational techniques, led to remarkably similar 
results, i.e.,while 6-8 hours are sufficient to successfully complete a 100 km. deployment, depending on the control 
law being adopted, more than 1 day is needed to retrieve the satellite from the same distance. 

Further dynamics .studies were performed by MMC (Martin Marietta Corporation) ai d BASD (Ball Brothers 
Aerospace Division) during the phase B of the TSS-1 project, and shortly afterwards by Acritalia in Italy. One of 
the main purposes was to shorten the excessive time interval required by retrieval. Two different approaches were 
proposed: 

• to avoid excessive angular excursions from the local vertical by means of suitable manoeuvres of the Shuttle, 
in analogy with the well known fact that the dynamics of a pendulum can be controlled by the motion of its 
suspension point 

• to consider an active satellite (with yaw control) with radial in plane and out of plane thrusters for libration 
damping. 

Both alternatives showed promising results and allowed retrieval to be completed in 6-7 hours. Later on it was 
decided that the subsatcllite should have been active and an additional set of thrusters, nominally parallel to the 
tcthcriine, was included in the finai configuration, in order to ensure a minimum artificial tension of 2 N when 
gravity gradient is small. 

The mathematical models used in this phase of the dynamics analysis were, of course, more general in scope 
than the one shown above. They were not limited to small angles, included tether inertia and took into account 
some environmental effects as air drag and Jz perturbations; however, they shared the common feature to neglect 
tether elasticity. For this reason, they were relatively simple and numerical integrations were fast; on the other side, 
the simulation of tether longitudinal and lateral vibrations was ruled out. 

Elastic tether 

In the second half of the seventies, the novelty and intricacy of the problem of tether dynamics attracted a 
number of investigators who worked actively to relax the a.ssumptions by which existing codes were constrained. 
The idea was to implement what was later called a "general purpose model", with the cajiability to simulate: 

• tether elastieity effects 

• environmental, thrust and control forces 

« Shuttle and satellite attitude dynamics 

• Shuttle elliptic orbit and orbital perturbations 

The situation in those years is best summarized in (6). In most models tether elasticity was simulated by means 
of discretization techniques (finite differences, or finite elements) and the resulting equations were integrated by 
means of numerical methods. Unfortunately, the frequencies of the elastic vibration modes arc much higher than 
the mean orbital motion; on the other side, tether vibrations and rigid body librations arc coupled in the equations 
of motion, so that very small integration steps have to be adopted to maintain the accuracy and computer time is 
likely to be excessive in many c;iscs. To be more specific, let us consider the TSS-1 case where: 

a = 6674 km / = 20 km m = 550 kg (3) 

while the tether density. Young modulus and diameter arc respectively: 

p = 1.5 ■ 10^ kg/m^ E = 7 • 10‘® nW d = 2.5 mm (4) 

From fig. 3 it is seen that the frequency of the in plane libration is 2 ■ 10'^ rad/scc, depending only on the orbit 
altitude. The frequencies of the two lower modes of the longitudinal vibrations of the tether arc respectively: 

0)1 = 1.77 • 10'' rad/scc <o2 = 1.07 rad/scc 

Therefore, an integration step smaller than 1 sec is needed to simulate correctly this kind of vibrations up only 
to the second mode. If upper modes have to be included, the number of d.o.f. is increased ant the step decreased 
correspondingly, so that it is not surprising that the lime required for some numerical integrations can be as large as 
ten times the physical time. 
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p(x,y>z) 


As a consequence, in more recent years the trend has been toward the implementation of libraries of codes 
'iss general in scope, but more easy and less expensive to be used, each of them tailored to describe a few aspects 
of TSS-1 dynamics. The need for this kind of approach has been emphasized also by the fact that, in the meantime, 
several other applications of tethers in space, different from the TSS project, have been proposed. Such 
applications include attitude and c.o.m. location control of the Space Station Freedom, variable gravity tethered 
laboratories, creation of artificial gravity for the manned mission to Mars, etc., so that what could be considered a 
general purpose code for TSS-1 might be insufllcicnt to describe some features of the motion, important in other 
applications. The conclusions above can be found in [5]. 

Going back to the specific problem of the simulation of tether clastic vibrations, in the eighties extensive use 
has been made of modal analysis. What follows is a summary, as short as possible, of one [7] of the so called 
analytical-numerical models, intended to reduce the computational burden. 

Most of the assumptions valid in this case are the same made above, the fundamental difference being that now 
the tether is considered to be a perfectly elastic monodimcnsional continuum. No material damping is included in 
the model, because of lack of experimental information. Referring to fig. 4, let (0,X,Y,Z) be an inertial reference 
system centered at the Earth c.o.m., the XY plane coincident with the equatorial plane ad Z toward the north pole; 
let also (S,x,y,z) be a rotating frame with its origin al the Shuttle c.o.m., x along the ascending local vertical, y 
coincident with the direction of the Shuttle orbital velocity and z toward the orbit pole. Further, s is the space 
independent variable in the tether domain. The lagrangian density of this system can be written as: 






X 2x^-y^-z^ \ 

a 2a‘ J 



( 5 ) 


where p. is the tether mass per unit length, the dots mean time derivatives, wliilc the primes denote 
differentiation with respect to s. With the assumptions made, the configurations with the tether along the local 
vertical are of stable equilibrium. In these conditions the tether is stressed because of the gravity gradient acting on 
it and on the satellite; therefore, considering the small amplitude oscillations around such configurations, the 
solutions have the form: 


X (s,t) = XI (s) + ex 2 (s,t) 

I y(s.t) = ey 2 (s,t) (6) 

; z(s,t) = E%(s,t) 

I 

I where xi (s) is the solution in equilibrium conditions and z a small ordering parameter. By substituting (6) in 

1 (5) and using standard methods, the strai. in the equilibrium configuration can be obtained from the 0-th order 

lagran^an density. 

In fig. 5 (see page 6) the elongations of the tether at the satellite have been plotted for lengths up to 100 km 
an/I tKrp** /Uffpypnf /1Ja«nPtPf«, XhCTSforC thc ClC!!^2t!02 tllC C2£C of XSS'l iS CXpSCtcd tC bs ICSS thSH '1 HI, V.'htlc 
in the second mission the tether would be lengthened by about 100 m. 

The dynamical cquatioas can be derived from the second order lagrangian density. They, together with the 
proper boundary conditions, are not reported here for sake of brevity, in any case, what turns out is that i 

longitudinal and in plane lateral (taut string) vibrations are coupled, while lateral out of plane oscillations are I 

uncoupled to them. ^ 

i 

t I 

A 4 

^ I 


+ 
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Fig, 6 (see page 7) shows the frequencies of the out of plane oscillations (non dimcnsionalizcd with respect to 
n) as functions of the mode order, both for the TSS-1 and TSS-2 missions. 

Fig. 7 (see page 7) shows the first three vibration modes for TSS-1. It is seen that the fundamental mode is a 
rigid libration with frequency equal to the one predicted by cq. (2b). It is noted that, in the higlier modes, the 
vibration amplitude at the satellite, though small, is different from zero. 

Similar results have been obtained for the longitudinal-in plane coupled vibrations. 

FURTHER ASPECTS OF TSS-1 MOTION 

From the assumptions made above, it is clear that different models arc needed in order to simulate other 
important features of TSS dynamics and make the theoretical expectations closer to the real motion. In the 
following, an overview is made of other models used, or in the process of implementation, to describe the time 
evolution of degrees of freedom not included in the model just presented. 

Orbit eccentricity. The residual eccentricity of the Shuttle orbit in nominal conditions is of the order of 10'^ 
corresponding to a difference between apogee and perigee altitudes of about 14 km. From the theory of gravity 
gradient stabilisation of rigid satellites in low eccentric orbits [8J it is known that e forces the pitch motion to 
oscillate harmonically with frequency equal to the orbit mean motion. In the present case the amplitude, in radians, 
of the libration is equal to the eccentricity value. 

Earth oblateness. The perturbation of the reference orbit originated by the Earth oblateness and the 
subsequent tether motion have been studied by .several authors (see [9J for additin-na! references). The related 
mathematics arc somewhat involved, so that no formulas arc reported here. It is sufficient to note that, since 
Jz = 0(10'^), the perturbations are of the same order of magnitude of the one caused by residual eccentricity. 
Computer simulations have shown that the acceleration level at the satellite is less than lO"® g, not detectable by the 
accelerometers mounted on board TSS-1. 
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Fig. 8 


Interaction of tlie conducting tetlier with the Earth magnetic field. Since the TSS-1 mission is dedicated also 
to electrodynamics and plasma physics experiments, the tether will be electrically conducting. As a consequence, 
the interaction of the conducting tether with the Earth magnetic field generates, according to Laplace laws, a 
perturbing force which pulls the satellite away from the local vertical. The force acting on an infinitesimal tether 
element of length ds is; 


3F = ioBxHi 


(7*) 


where; 

- jo is the intensity of the current flowing in the tether 

- B is the induction of the Earth magnetic field at 9s 

To assign a numerical value to io is, in this case, a problem, because the intensity is precisely one of the 
quantities which will be measured in some of the electrodynamics experiments. From preliminary evaluations 
reported at the investigators Working Group meetings it turns out that io will be in any case less than 1 A (more 
likely, a few 100 mA). Thus, dynamical equations have been written to describe the three dimensional motion of a 
rigid tethered system su^ccted to gravity gradient and force (7), where a tilted dipole model has been used to 
derive the expression of B • (10). The equations have been integrated numerically and some of the results for the 
time behaviour of the displacement angles 0 and <j) (already defined) in the case with io = lA arc shown in figs. 8 
and 9. 

It is seen that the maximum angular displacements in the orbit plane arc about 0.7 deg., while <|>niax is close to 
0.3 deg. This means that the maximum linear acceleration at the satellite, when the tether is fully deployed, is about 
5 10'^ g. In conclusion, this kind of perturbation is at the limit of the detection capability of the accelerometers. 





(*) The bar denotea vector 
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Satellite attitude motion. So far, the satellite has been considered as a point mass, so that the d.o.f. relative to 
its attitude have been neglected. A more accurate model must simulate the satellite as a rigid body, but the 
problem arises that its oscillations around the tether attachment point arc coupled to the librations and vibrations 
of the tether itself. Therefore, the simplification has sometimes been made to restrict the analysis to the case with 
the tether along the local vertical and to consider the tether action on the satellite as an external torque. At present, 
since the satellite will be spinning at) r.p.m. during part of the mission, a model based on Euler equations is under 
development to study the spin effect on the attitude. 

However, preliminary information can be obtained from simpler models. For instance, fig. 10 shows the 
dependence of satellite pitch period on tether length. The period increase as / decreases is due to the weakening of 
the restoring gravity gradient torque. With / = 100 km, the period is about 5 sec. 

Air drag. The effect of air drag on TSS-1 is expected to be small, both for the anticipated Shuttle altitude of 
296 km and because of the upward deployment. Considering worst case conditions, it is found that the equilibrium 
configuration is displaced from the local vertical by about 0.1 deg. Therefore, the forcing acceleration at the 
satellite is not detectable by the instruments. 

Completely different will be, of course, the case of TSS-2, where a downward deployment is planned and the 
final altitude is foreseen to be around 130 km. 


Tether material damping and elastic properties. To the author’s opinion, tl's is the most crucial problem of 
simulations. In fact, from a review of TSS dynamics models, it is easily seen that irost frequently the tether has been 
simulated as rigid, or purely elastic, although several computer codes have the capability to take into account, at 
least in part, the damping action. This situation is due to a number of causes; 

• The structure of the tether to be used for TSS-1 is far from simple. From fig. 11 (see page 10) it is seen that 
it is made up by 5 coaxial elements, while only one of them, made by braided kevlar, is needed to withstand 
mechanical stresses. 

• Experimental work has been done in the past, but problems have been raised for data interpretation (i.c. 
viscous or structural damping ?) At present, it seems that the best available analysis is contained in [11]. 
Moreover, it is not trivial to extrapolate the results, obtained with 10-15 m long specimens, to a 20 km tether. 

• Space conditions will be different from laboratory ones, so that it is questionable if the same damping 
mechanism apply (friction between elementary fibers ?). Further, oulgassing might also alter the physical 
properties of the tether. 


From these considerations, it appears that the problem of tether damping is quite open and that, possibly, the 
only viable method to gain insight in it will be to conduct in-flight experiments. As a consequence, some of the flight 
objectives of the dynamics experiments to be performed during the TSS-1 mission will be dedicated to the analysis 
of damping. 

Also, it is important to note that other tether characteristics arc known wth limited accuracy. For example, it 
is uSlial'y assutned that its diameter is 2.5 itim und this value is used in the caicuiation of vibration frequencies, in 
the same way, the Young’s modulus of keviar is most frequently adopted. But how close arc these assumptions to 
the characteristics of the real, composite tether ? Thus, it is seen that the quality of simulations can be reduced not 
only by simplifying assumptions on which, more or less, all the models arc based, but also by limited knowledge of 
some of the parameters affecting the motion. 
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FIRST MISSION (TSS) CONDUCTING TETHER CONFIGURATION 



Fig. 11 

Failure modes. In the course of several years, some investigators (among which is the author) have studied the 
dynamical behaviour of TSS-1 in the event that non nominai conditions occur during the fliglit. It is not the case 
here to go into the details of such special studies. However, models have been developed to study; 

• tether slackness induced by jamming of the reel mechanism 

• dynamics, after tether breakage, of both the part which remain in connection with the Shuttle [12] and the 
other one attached to the satellite 

• instability induced by jettison of one of the deployable-retrievable booms to be used for RETE experiment 

• decay time of satellite free orbit after tether breakage, in order to evaluate the rescue feasibility in a future 
Shuttle mission (13]. 

FUNCTIONAL OBJECTIVES 

TEID (Theoretical and Experimental Investigation of TSS Dynamics) is the name given by the project to the 
Padua c.xperiment. Its functional objectives (listed below) arc the logical consequence of the present status of 
simulation models and of their limitations. It is noted that these F.O.-s are quite similar to the ones of the other 
dynamics experiment on TSS-1. 

F.0.1 Pre-deployment dynamics measurement. It is desired to measure the dynamic noise on board the Shuttle, 
before the beginning of deployment. If possible, two sets of acceleration data will be generated: the first 
when the boom carrying the satellite is still stowed in the cargo bay, the second when it is fully extended 
wth the satellite latched at the tip. 

F.0.2 Deployment profile. Many interesting phenomena can be identified during deployment. In particular, since 
the frequencies of the motion of different d.o.f. depend on tether length, some of them arc equal in some 
phase, thus affecting energy transfer between different components of the motion. For the purpose of tliis 
objective, no restrictions or inhibits arc placed on other experiments. 

F.OJ In line impulse response function. This F.O. requires the application of a perturbation along the tether 
axis (e.g. applying reel brake) when the satellite is on station 1. From the analysis of the ensuing free 
longitudinal vibrations, information can be obtained on system damping and acceleration regime at the 
satellite. 

F.0.4 In line periodic perturbation on stntinn 1, The applicaticn cf an in line pcrturbailou ( e.g. by means of the 
satellite in line thrusters) is required to study the forced oscillations re^c and tether material damping. 

F.0.5 Tlransverse Impulse on station 1. It is required to apply a transverse impulse to the satellite, at the purpose 
of studying tether taut string vibrations, the so-called skip-rope motion and TSS attitude dynamics. 
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F.0.6 Dynamic quiet measurements on station 1. The purpose of this F.O. is to measure the environmental 
forces acting on the system. During the corresponding time interval, internal perturbation sources as 
satellite thrusters acceleration, Shuttle attitude and orbit manoeuvres, etc. should be reduced to a 
minimum. 

F.0.7 Retrieval profile. The purpose is the same of the one of F.O.2. 

F.0.8 In line impulse response function on station 2. The same goals of F.0.3 apply. The vibration regime is 
different in this case, because of the much shorter tether. 

The accelerometers to be used for the experiments arc manufactured by Bell Aerospace. Their measurement 
ranges are: 

- x,y axes (nominal local horizontals): from 1 • 10'^ g to 1 • 10'^ e 

- z aids (nominal local vertical): from 1 • 10^ g to 0.8 ■ 10^ g 

while their bandwidth is from DC to 1 Hz. 

The three axis integrating gyro has two operating modes. In the fmc mode angulai velocities can be detected 
up to 0.8 dcg/scc, while romax in the coarse mode is 2 deg/sec. 

The constant drift in the two modes is 1 deg/hour and 2.5 deg/hour respectively and the short term random 
drift is less them 0.02 deg/hour in both modes. 

It is also noted that many perturbations originated by the system itself arc likely to be detected by the 
instruments. Knowledge of timing and features of such disturbances is of vital importance for the interpretation of 
data. 
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ABSTRACT 

The current status and plans of the U.S. National Aero-Space Plane (NASP) program are reviewed. The goal of the 
program is to develop technology for single stage, hypersonic vehicles which use airbreathiiig propulsion to fly directly to 
orbit. The program features an X-30 flight research vehicle to explore altitude-speed regimes not amenable to ground testing 
The decision to build the X-30 is now scheduled for 1993, with the first flight in the late 1990’s The flight mechanics, 
controls, flight management, and flight test considerations for the X-30 are discussed. 

1.0 INTRODUCTION 

The National Aero-Space Plane (NASP) program is a joint DOD/NASA program to develop technology for a new class 
of aerospace vehicles that can takeoff from conventional runways and fly directly into Earth orbit or cruise at hypersonic 
speeds in the Earth's atmosphere (ref. 1). These vehicles will employ airbreathmg propulsion systems, will be reusable, and 
are visualized as operating in an airline-like mode with significantly reduced operating costs relative to current conventional 
space vehicles. A key feature of the NASP program is a flight research vehicle, the X-30, shown in figure 1, for investigating 
flight conditions that cannot be simulated in ground facilities and to serve as a pathfinding vehicle for future hypersonic 
vehicles 

There are several hypersonic vehicle programs being pursued by other nations with goals similar to the NASP program 
The United Kingdom has studied the Horizontal Takeoff and Landing (IIOTOL), a single stage space vehicle that uses 
a combination of airbreathing and rocket propulsion. West Germany is investigating the Saenger vehicle which features 
airbreathmg propulsion for the first stage and rocket propulsion for the second stage The first stage is also proposed as a 
developmental vehicle for a future high-speed, Mach 5, civil transport. The Japanese have shown both single and two-stage 
conceptual hypersonic vehicles similar to the NASP and the Saenger. These programs were discussed at the recent AIAA 
First National Aero-Space Plane Conference in Dayton, Ohio, July 20-21, 1989. 

The NASP program consists of three phases as shown m figure 2 and is currently in phase 2 or the technology development 
phase Based on a recent review of the program by the U.S. National Space Council, the decision milestone for proceeding 
to Phase 3, the building and flight test of the X-30 flight research vehicle, is now scheduled for early 1993 If the decision is 
positive, flight tests will begin in the late 1990’s. 

The X-30 vehicle will be designed for atmospheric flight throughout an extremely large range of Mach numbers from 
0 to 25. Flight control, propulsion control, structural cooling control, and structural active control functions will require 
integration to an unprecedented degree. Transitions between aerodynamic and reaction control will be frequent For all these 
reasons, flight mechanics and control, as well as piloting responsibilities, levels of automation, and systems reliability are 
primary considerations Simulation and liandlmg qualities studies arc also very important and are now underway. 

The X-30 flight test program will be conducted by NASA and the Air Force at Edwards Air Force Base, California. As 
the test Mach numbers are increased, the flight test area will encompass virtually all of the continental U S Planning for the 
complex and extensive envelope expansion flight program has been initiated. 

This paper will briefly summarize the status of the NASP program with emphasis on flight mechanics and flight systems, 
and flight test aspects of the X-30 flight research vehicle 

2 0 NASP PROGRAM PERSPECTIVE 

The NASP program is in phase 2 developing technology for the X-oO flight research vehicle, which will be used to 
demonstrate the critical technologies for airbreathmg hypersonic vehicles. The U.S. has a long history of involvement in 
hypersomes research, including the early X-series of research aircraft (ref. 2). The rocket powered X-15 set an altitude record 
of 354,200 feet and a speed record of Mach 6.72. The X-30 continues this heritage as shown in figure 3 

The significant characteristic of the X-30 is the use of airbreathmg propulsion, ramjets and scramjets, for passage through 
the atmosphere at hypersonic speeds. As opposed to a pure rocket vehicle like the Shuttle, the NASP must linger m the 
atmosphere at high Mach numbers to extract its oxidizer and is, therefore, subject to severe aerodynamic forces and a high 
thermal environment A comparison of trajectories of the Space Shuttle and the NASP or X-30 is shown in figure 4. In 
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addition, cfHcicnt propulsion requires a high degree of integration of the airframe and propulsion systems. It is clear that the 
flight mechanics and control of such a vehicle will be a major technical challenge. 

The three major elements of the NASP program during phase 2 are the engine contracts, the airframe contracts, and the 
technology maturation effort. The two engine contractors, Pratt & Whitney and Rocketdyne, are involved in the design of the 
engine systems including ground tests of engine modules as shown in figure 5. The limit of ground test capability for reasonable 
sized engines, however, is about Mach 8 The X-30 is needed to explore the higher Mach numbers. The airframe contractors, 
Geneiai Dynamics, McDonnell Douglas, and Rockwell, are designing X-30 configurations, conducting wind tunnel tests, 
and fabricating sample vehicle sections as shown in figure 6. In the technology maturation area, government laboratories, 
NASA Research Centers (Langley, Lewis, and Ames), Air Force Wright Research Development Center, Johns Hopkins 
University, and others work closely with the contractors to improve critical technologies to reduce the risk m developing the 
X-30. Throughout the past year, important contributions have been made in the areas of propulsion, computational flu ' 
dynamics, aerothermodynamics, advanced materials, and flight research planning. 

In the propulsion area, industry and government rcsearrher.s have provided improved iinderstanding of the physical 
processes m the inlet, combustion chamber and nozzle of the scramjet engine, which is required for proiielling the X-30 
from .Mach 5-6 to orbital speed The application of the scramjet and other propulsion cycles in the airbreathing flight 
corridor is shown in figure 7. Tests have been completed on a large-scale inlet model and efforts continue on evaluating the 
potential of slush hydrogen as an X-30 fuel. 

Advanced computational fluid dynamics (CFD) codes, which accurately predict aerodynamics and physical flow effects at 
hypersonic flight conditions, are being used by the contractors for evaluating their engine and airframe configurations. This 
information and other ongoing research is essential to achieving the desired aerodynamic and thermal performance of NASP 
and other hypersonic vehicles 

Excellent progress is being made in the critical area of adranced materials and structures needed for survival of the X-30 
111 the severe flight environment (ref. 3). One concept for a materials system including thermal control is shown in figure 8. 
This concept includes technologies such as: reusable, high temperature materials; long life composite fuel tank, nose cap 
transpiration cooling; leading edge heat pipe cooling; and ceramic/compositc control surfaces Centerpiece of the overall 
materials and structures effort is the unique consortium of the five NASP engine and airframe contractors, who are working 
closely to accelerate the development of the needed materials. A second consortium of this type is being established for the 
development of X-30 subsystems 

Wind tunnels, large computer systems, and other unique test facilities m industry and government are being used to 
support the NASP program. The engine contractors have conducted successful scale model tests of their engine concepts, 
and the airframe contractors have completed important wind tunnel tests of scale models of their X-30 vehicle configurations 
These tests provide critical data for understanding the aerodynamic characteristics of this highly integrated engme/airfranie 
configuration. These data also help to calibrate the CFD codes, which are needed for projection to flight conditions not 
available in ground facilities These NASP design and analysis activities are made possible by the superconi|)uter capability 
now available in industry and government, and the excellent technical progress would not be possible without this capability 

Flight research and test planiimg is continuing to utilize simulations of NASP vehicles with predicted performance based 
on CFD results from wind tunnel tests. Approaches to the expansion of the X-30 flight envelope, cockpit displays, olf-design 
operation of systems, and other facets of flight test are being evaluated on the smiulations to establish a safe means to 
conduct the flight program and to determine the critical aerodynamic, propulsion, structures, and systems data needed from 
the flight program. 

The NASP jirogram is managed by a team of DOD and NASA iiersoniiel located in the Joint Program Office (JPO) at 
Wright Patterson Air Force Base and the NASP Inter-Agency Office (NiO) in the Pentagon, Washington, D.C The U.S. 
Air Force leads this joint DOD/NASA team and reports to the NASP Steering Group which is chaired by the DOD Under 
Secretary for Acquisition, and the NASA Deputy Administrator is the Vice Chairman. 

The next 3 years of the NASP program will feature extensive testing of engine modules and airframe structural components 
and acceleration of efforts m goveriiment and industry to reduce the risk in the critical technologies required to build the 
.X-30. The overall national team numbers over 5000 people and involves some 200 companies in 40 states. The NASP 
program expects to continue to progress toward its key milestone, the decision to build and test the X-30 flight research 
vehicle, scheduled for 1993. 

3 0 AIRBREATIIING IIYPERSO.XIC VEHICLE CHARACTERISTICS 

For hypersonic vehicles such as the X-30, there are a number of factors which affect configuration design including vehicle 
flight mechanics, control, and flight inanag»m«„i '•haractenstics The luiost Luoi,. faelui is tiiu requireiiieiii for satisfactory 
operation of several propulsion systems over the Mach range from 0 to 25. The vehicle must fly a high dynamic pressure (e.g. 
1500 [lounds per square foot) trajectory in the airbreathmg corridor shown in figure 4 to insure that adequate air is supplied 
to the propulsion systems. This is critical for proper operation of the ramjet and scramjet above Mach 4. The upper bound 
of the airbreathing corridor is the limit for airbreathing propulsion and the lower bound is the structural limit. 

The basic configuration requires a high level of engine-airframe integration as shown in figure 9, and has been referred to 
as an engine-frame or engines with attachments (ref. 4). The forebody, which needs to be long and wide to provide adequate 
air capture at high Mach numbers, is an integral part of the inlet. The design of this forebody must be carefully integrated 
with the combustor to insure efficient engine performance over the speed range, and this will probably require geometric 
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changes in the forebody to insure proper performance. The position of the shock wave and the boundary layer, for example, 
at the entrance of the combustor are critical for required thrust at high speeds. This same forebody-combustor must also 
operate efficiently at low and intermediate speeds. In a similar way, the aft body of the configuration becomes the nozzle 
and proper design is also critical for required performance. 

In addition, the fuel must be hydrogen for speeds above Mach 5-6, and this will require a large, light weight tank structure. 
This suggests a large, relatively slender and flexible vehicle, which requires accurate trajectory and configuration control for 
proper engine performance Other factors, such as low frequency structural and fuel slosh modes, could affect angle of attack 
and sideslip and reduce engine performance. Active controls may be required for structural integrity, and active thermal 
control required in such areas as the leading edges and the combustor entrance. 

As these vehicles proceed through the atmosphere at higher Mach numbers, the aerodynamic forces become more complex 
with an expanding boundary layer transitioning from laminar to turbulent with attendant effects on propulsion efficiency and 
heating (refs. 5,6) Viscous effects become significant at hypersonic speeds and at very high Mach numbers and skin friction 
drag can account for 50 percent of the total drag. At Mach numbers above 10, real gas effects begin to appear and can affect 
the performance of aerodynamic control effectors. As the vehicles approach higher altitudes, they lose use of control effectors 
and must roly on rockets or reaction jets for stability and control. The prupulsive-induccd moments ate significant and will 
have to be included in the control strategy. 

4.0 FLIGHT MECHANICS AND FLIGHT SYSTEMS ISSUES 

4.1 Stability and Controls, TVajectory Guidance, and Flying Qualities 

For the single stage to orbit airbreathing hypersonic vehicles discussed above, the designers must consider vehicle 
characteristics such as stability and control over the entire trajectory, trajectory optimization and guidance, and flying 
qualities. The NASP contractors arc addressing these characteristics in their respective X-30 designs. 

Some typical hypersonic vehicle configurations are shown m figure 10. Although there arc clear differences in projected 
performance, some of the flight mechanics and control issues can be discussed m a more generic fashion. All will have the 
airbreathing performance characteristics described in the previous section. NASA has done some analyses of the conical 
configuration, and the results ate useful in understanding the dynamics of this class of vehicle (ref. 7). Stability and control 
analyses for this configuration have shown that at the higher Mach numbers, aerodynamic control effectiveness is sharply 
reduced In addition, the aerodynamic center moved forward of the center of gravity creating a pitching moment, which when 
offset by the elevens, introduces significant trim drag. Hence, center of gravity management and thrust vectoring concepts 
will have to be considered, 

Since there is a requirement for controlling the angle of attack accurately to insure proper propulsion performance, an 
analysis was run to evaluate the effects of gusts, wind shear, and turbulence aloft on control system effectiveness (ref. 8). The 
results, as shown in figure 11. indicate that a more advanced performance sensitive control system may have to be considered. 

An optimal trajectory for the X-30 must be defined to reach the desired Mach number with inimmum fuel consumption. 
The trajectory must also minimize thermal loads while meeting performance goals Guidance along such optimal trajectories 
in the presence of changing atmospheric conditions will be a difficult but necessary task for the onboard guidance and control 
system. 

Although the X-30 may be flown automatically over most of its trajectory, especially at high Mach numbers, flying 
qualities are a fundamental consideration for flight safety in takeoff and landing and in abort conditions. A flying quahties 
data base for hypersonic vehicles does not exist and is currently being developed in the NASP program. This data base is 
needed for design of the flight management system Flying qualities criteria for high speed, low lift to drag landings, takeoffs, 
and hypersonic cruise are currently being studied Fixed-base and motion-base X-30 simulations have been developed in 
preparation for in-flight simulation testing 

4.2 Control System 

The control system for hypersonic vehicles like the X-30 will have to accommodate a wide range of functions and will be 
very complex because of the high level of system integration as shown m figure 12. The system will be responsible for flight 
controls, thermal controls, propulsion controls, and structural controls The control laws will be complex, interactive, and 
be able to provide restructuring m case of subsystem failures. 

The system will provide high levels of automation for all control functions and must be reliable. If this flight critical 
system fails, then the result would be the loss of the vehicle. In addition, since the control system plays such a critical role 
in vehicle operations, and since specific performance can be improved or enabled through the control system, it is vital that 
the control system be an integral part of the overall vehicle design. 

4.3 Flight Instrumentation 

Hypersonic vehicles will have a particular challenge providing sensor information to the onboard flight systems to maintain 
vehicle control and the desired path. Air data sensors will be required throughout the flight envelope for estimating velocity, 
angle of attack, and sideslip Inertial sensors will have to be aligned accurately to assist in flight path control. Thermal load 
sensors will be integrated into the flight control system since trajectory adjustments based on thermal effects may have to 
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be considered. Since dynamic pressures will be high and wing thicknesses small, structural load sensors will be required to 
enable active control functions. In addition, accurate sensor information for scramjet propulsion at the inlet, combustor, and 
nozzle sections will be required. 

4.4 Flight Management 

The design challenges for a flight management system for an airbreathing hypersonic vehicle are shown in figure 13. This 
figure suniinarizes the control and pilot interactions discussed in the sections above. The crew-vchicle interface, in particular, 
will present difficult flight management challenges. The vehicle systems will be highly comple.'; and highly automated, and 
provisions must be made to provide the crew with appropriate information during all phases of the flight. The vehicle must 
takeoff horizontally, accelerate to hypersonic speeds in the atmosphere, and eventually to orbit, reenter, and land horizontally. 
This represents an enormous set of data that must be presented to the crew in usable form. 

Because the vehicle must maintain its carefully tailored aerodynamic configuration during all flight phases except for 
takeoff and landing, and maybe on-orbit, there will be restricted visibility at all times. For operations near the runway, 
pop-up vision systems may be possible. At other times, the view will be restricted and may have to be augmented with 
electronic vision systems. The conceptual cockpit, shown in figure 14, is being studied at NASA to address the flight 
iiiaiiageineiit issues. 

5.0 FLIGHT TEST CONSIDERATIONS 

The flight test plan for the X-30 is currently being developed by the NASP Joint Program Office (ref. 9). Unlike the Space 
Shuttle, the X-30 will undergo a controlled envelope expansion as with other experimental aircraft, starting with short flights 
near the test site and eventually expanding to orbital flight. The test site will be Edwards Air Force Base m California, where 
NASA also has its Ame.s-Dryden Flight Test Center. The test plan has been implemented on a pilot-in-the-loop simulation 
of generic NASP vehicles, and various test scenarios have been evaluated. The plan includes several existing Air Force and 
NASA ground facilities for future flight tests 

A preferred envelope expansion that has resulted from these studies is shown in figure 15 The early flights would be flown 
near Edwards, but as the vehicle speed increases, the fliglit path would extend beyond that boundary. The plan is for the 
X-30 to cruise at a low Mach number away from Edwards and at an altitude above air traffic. The vehicle would then turn 
back to the base and accelerate to the test Mach number and hold for a brief peiiod of •.inie. A real advantage is that the 
vehicle has to spend very little time at the test Mach number, which reduces the total heat load. Also, the vehicle is on the 
way back to the base as it completes the test. The vehicle would tneii return under power or dead stick back to the landing 
strip This vehicle would then be inspected for any thermal or structural damage after landing 

Initial analyses show that there are sufficient tracking stations while the vehicle is over the U.S., to acquire the test data 
by telemetry, and the use of satellites looks promising In addition, theie appear to be satisfactory recovery bases if one is 
required How long it takes to complete the envelope expansion is difficult to predict and will depend on many variables. It 
IS vitally important to proceed carefully through the expansion process. 

j.O SUMMARY 

III the face of emerging hypersonic vehicle interest m the world, the NASP program is the focus for the U S. national 
effort. It IS a very tough technical challenge, and the flight mechanics and flight systems elements aie critical to vehicle 
performance and must be developed in parallel with other elements A successful flight program of the X-30 will demonstrate 
the technology and permit us to exploit those advances in propulsion, materials and structures, computational sciences, 
controls, and flight mechanics technologies necessary for future aerospace vehicles 
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Figure I .• The NASP X-30 flight research vehicle. 
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Figure 4.- Comparison of Shutilc and NASI’ irajcctorics. 
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Figure 10.* Typical hypersonic vehicle configurations. 



Figure 11Atmosphenc effects on control system pcrfonnancc. 
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OPTIMAL TRAJECTORIES FOR SANGER-TVPE VEHICLES 
by 

G.Sachs, R.Bajer and J.Drexlcr* 
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ArcisstiaBc 21,8000 Miinchcn 
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Abstract 

The aseent performance of winged space transportation systems is considered. The system investigated consists 
of two stages the first stage of which is equipped with an airbreathing propulsion system. For the second stage, 
two rocket-powered vehicles are considered of which one is equipped with wings and the other is a fuselage 
type body. 

It is shown which are key factors in regard to the ascent performance of the upper stage. This particularly 
concerns the performance enhancement due to its lifting capability. It is shown that an upper stage without 
wings also shows an ascent capability for small flight path angles at separation. 

Furthermore, the separation flight maneuver is considered. It is shown that constraints (dynamic pressure 
and load factor limits) have a significant efiect on the ascent performance achievable in regard to a most 
favorable separation condition for the upper stage. The eficcts of thrust increase due to a fuel-air ratio more 
than stoichiometric are considered. It is shown which improvements can be achieved for the separation flight 
condition. 

Two optimization methods have been used. One is an indirect technique applying the minimum principle and 
the method of multiple shooting. The other represents a direct technique where the control vector function is 
parameterized. 


1. Nomenclature 


Cd 

= 

drag coefficient 

T 


thrust 

Cl 

= 

lift coefficient 

t 


time 

D 


drag 

It 


control vector 

0 

= 

acceleration due to gravity 

y 

= 

speed (relative to rotating earth) 

II 

= 

Hamiltonian 

X 

= 

state vector 

h 

r; 

altitude 

a 


angle of attack 

lap 

= 

specific impulse 

7 

= 

flight path angle 

J 

= 

performance criterion 

6 


throttle setting 

l< 


lift dependent drag factor 

Ct 

= 

thrust vector angle 

L 

= 

lift 

A 

= 

lagrangc multipliers 

M 

= 

Mach number 

e 

= 

atmospheric density 

m 

= 

mass 

<7 

= 

specific fuel consumption 

<1 

= 

dynamic pressure, q = (e/2)V’ 

'f 

= 

bank angle 


= 

maximal fuel flow rate 


= 

latitude 

r 

= 

distance to earth center of gr.avity 


= 

heading 

Tc 

= 

radius of earth 

p! 

= 

earth rotational rate 

S 

= 

reference area 





2. Introduction 

The Sanger concept represents a new type of space transportation system proposed by MBB (Mcsserschmitt- 
Bolkow Blohm), Refs 1,2. It has its origins in a concept of the rocket pioneer Eugen Sanger, Ref. 3. The Sanger 
system (Fig. 1) basically consists of two stages, the first of which is equipped with wings and airbreathing 
engines and is capable of performing a cruising flight. Two types of rocket-powered vehicles are considered for 
the upper stage One is a vehicle emjippe^ u.itl. ■.vings and the other a fusclagc-typv body without wings. 

The ascent of the Sanger transportation system is initially an airbreathing phase including a horizontal take¬ 
off and a cruise flight to a suitable latitude position where the separation of both stages takes place. After 
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separation, the second stage performs an ascent to an orbit at about 450 km, wliile the first stage returns to 
its base. 

This paper deals with the ascent optimization of two-stage vehicles similar to the Sanger system. The 
results presented are an outcome of a cooperation with MBB on the Sanger system. The investigation on 
trajectory optimization for new space transportation systems is part of a study sponsored by the Deutsche 
Bundesministerium fur Forschung und Technologie (German Ministry for Research and Technology). 

In regard to ascent trajectory optimization, space vehicles with airbreathing engines and lifting capability have 
received greater interest not until recently (Refs. 4-18). Taking a Sanger type configuration as a reference, it is 
the purpose of this paper to show which arc key factors for the ascent performance of winged two-stage vehicles 
with an airbreathing propulsion system. Particular emphasis is given to the optimization of the combination 
of the separation maneuver and of the ascent of the upper stage. This concerns the limited performance 
capabilities of airbreathing first stages as regards their capability of achieving significant flight path angles 
for optimal separating the upper stage at a hypersonic flight condition. Other topics addressed are related 
to the performance enhancement due to the lifting capability of the upper stage and the effects resulting 
from constraints such as ma.'cimum and minimum values admissible for load factor and dynamic pressure. In 
addition, the effect of thrust increase due to a fuel-air ratio more than stoichiometric is considered. It's shown 
which improvements can be achieved lor the separation flight maneuver. 


3. Modeling Considerations 

The modeling of the vehicle is based on the equations of motion with reference to a spherical rotating earth 
(see also Fig. 2). They may be expressed as (Ref. 19) 


dt 


= —(rcos(a + cx) — £)] — gsiny + u>^rcos<li(s’mycos4> - cos7sinijlsin <l>) 
m 


dy 

di 


1 3 

:-(7’sin(a -h €t) + Z/lcosyi - •=--cos7+ — cost -t- 2a)cos^cos \p 

mV V r 


+ __ cos <^(cos T cos + sin T sin sin V") 


<10 If-.,./ ^ fiSnnp V , 

=-[7 sin(a -p (r) + tj-cos t cos 0 tan 0 

dt mV COST r 

<*)^r 

-P 2a)(tanTCOS0sin0 — sin0)-;-sin0cos0cos0 

V COST 

<70 _VcosTsin0 
dt r 


= V sin T 
dt 

dm _ <fm/ue( 
dt dt 


( 1 ) 


where 



The equations of motion are applied to the combined system coiibisiing of both stages and separately to the 
second stage alone for its ascent. Accordingly, the symbols m, T, I, etc. denote quantities valid for each case 
considered. 

In regard to powerplant and aerodyamic characteristics, a realistic modeling is applied. For the combined 
system with its air breathing propulsion system (turbo-, ramjet combination), the thrust, lift and drag models 
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where 


T — STmaxi^t h, or) 

L = cUe/‘i)v^s 

D = CD(e/2)V’S 
dmj^^l/dt = <r{M, h)T 

Cl = CL{a, M) 

Cd = Cd^{M) + K{M)CI 


( 2 ) 


(3) 


The thrust, lift and drag models of the rocket powered upper stages are (for simplicity, no subscripts are used 
for denoting the upper stages) 


r = 6Tmax{/.) 

L = CL{e/2)V^S 
D = Coiemv^s 
dfUf^^ildt = T/(goI,p) 


(4) 


where 


x'max — dlmax go I$p{^) 

Cl = Cl(c<,M) (5) 

Cd^Cdo(M) + K(M)CI 

In general, the control variables are the lift coefficient Clj throttle setting 6, thrust vector angle tq- and bank- 
angle <p which are subject to the following inequality constraints 


Cl„,„<Cl<Cl^^, 

0 < 6<1 

€T . ^ €t ^ iT 

‘mtn — ^ — *max 

Vmin < ¥> < fmax 


( 6 ) 


The initial states of the lower stage for the separation flight maneuver are considered to be prescribed by a 
reference flight condition given by the end of the cruise flight 


V(0) = Vc 7(0) = 0 

/i(0) = he '”(0) = fUc 


(7) 


The separation conditions of the first stage flight are given by altitude and velocity 

V'((„,) = Vo h[t,ep) = ho (8) 

which represent initial conditions for the upper stage. Additional initial conditions for the upper stage are 


■y(t>cp) = 7o m{t,cp) = mo 
^'{^sep) “ 4*{tsep) — ^0 


(9) 


The final state of the upper stages is determined by the orbit that has to be approached. Thus 

7(«/)=0 h(tf) = hj (10) 

The relations for V(ij) and ^(l/) must account for orbit inclination and absolute speed. The final time t/ is 
considered to be free. 
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4. Optimization 

4.1 Upper Stage 

The optimization problem consists of determining ascent trajectories where the final mass of the upper stage 
m orbit IS maximum, or its fuel consumed is minimum. This can be formulated by introducing the following 
performance criterion 


where m ll'c fuel consumed and tj is the final time after approaching the orbit. 

The optimization problem can now be stated as to find the control histories Ci,,S, and <p and the final 
time tf which minimize the performance criterion J = subject to tin dynamic system described by 

Eq. (1), the boundary conditions given by Eq. (9) and (10) and the inequality constraints of Eq. (6). 

Necessary conditions for optimality were used by applying the minimum principle. This is described in the 
following. 

With the use of the vectors 


X ■= (V, 7, iji, <j>, h, m)^ 
« = 

the dynamic system (Eq. (1)) may be expressed as 

* = /(*,»)- 


The Hamiltonian may bo written as 


n{x,X,u) = A'l/(r,u) 


( 12 ) 


(13) 


whore the Lagrange rnultiplie.'S 

A = (Av^, Xy^ A^, A^, An»)^ 

have been adjoinctl to the system Eq. (12). The Lagrange multipliers arc determined by 

: _ Oil 
Ox 

The controls are such that II is minimized For this reason, they are determined by 

dll 


Ou 


= 0 


(H) 


(15) 


or by the constraining bounds of Eq. (6). 

The system described by Eq. (12) is autonomous so that II is constant. Since furthermore the final time tf for 
approaching the orbit is considered free, the Hamiltonian is given by 

11 = 0 (1C) 

With the use of the above relations, the optimization problem can be formulatcil as a two point boundary 
problem for integrating the state and costate equations, Eqs. (12) and (M). This problem was solved with the 
program BOUNDSCO (Ref. 20, 21). 


4.2 First Stage 

q'he eriiise flight .of the fir.st stage and ii'ic separation llighl maneuver for releasing the upper stage was inves¬ 
tigated by applying a parameterization technique. The problem considered was to minimize fuel consumption 
for a flight to a prescribed separation flight conclition. Particular emphasis was given to constraints of dynamic 
pressure and load factor, both for maximum and minimum values admi.ssiblc. In the numerical investigation, 
the program TOMP (Ref. 22) was used 
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5. Results 

A typical optimal flight profile of a winged two-stage vehicle like the Sanger system is shown in Pig. 3. It may 
be decomposed into the following significant parts. 

- cruise 

- separation fligth maneuver 

- ascent of upper stage and return of first stage 

The cruise type part of the flight profile corresponds to classical flight optimization. Accordingly, their 
characteristics which significantly depend on individual applications (short or long cruise distances) follow 
well-known lines, like a cruise-climb technique for example. Therefore, the present paper is mainly concerned 
with flight profile elements of a more recent type posing new problems in aircraft trajectory optimization. This 
particulary concerns the separation flight maneuver at a hypersonic Mach number and the ascent performance 
of an upper stage, including the performance enhancement due to its lifting capability. 

The first part of this chapter deals with optimization of the ascent of the upper stage. Thus, it can be shown 
which arc key factors for the ascent of an upper stage which has to start at a small flight path angle 70 and for 
which a lifting capability may be essential. This part of the investigation gives an indication of the performance 
requirements which the upper stage poses on the first stage with its airbreathing engines. Two types of upper 
stages arc considered. One is equipped with wings. It is similar to the Ilorus vehicle of the Sanger system. The 
other which has no wings is similar to the Sanger upp -stage called Cargus. 

A Ilorus type upper stage the aerodynamic characteristics of which arc illustrated in Fig. 4 is considered first 
As an example, an optimal ascent beginning at a small flight path angle 70 at the separation point is presented 
in Figs. 5 and 6 . They show a typical characteristic for trajectories starting with a small 70 since there is a 
significant utilization of the lifting capability which enables the vehicle to achieve an orbit even if it starts at a 
horizontal flight condition. 

An evaluation of the effect of 70 on maximized final mass in orbit is shown in Fig. 7 for different thrust 
levels. As a main result, the final mass in orbit is significant even for small 70 vahies.This result is due to the 
lifting capability of the vehicle. It can be made evident by a comparison with a configuration without a lifting 
capability, as also shown in Fig. 7. A non-hfting configuration cannot perform an ascent below a 70 value quite 
large. 

A factor which is of interest concerning the conditions for the begin of an ascent is the orbit inclination that has 
to be approached. Fig. 8 shows how the maximum final mass in orbit is affected for the range of 70 of practical 
interest (0 < 70 < )• For the ascent trajectories computed, the latitude at the begin is considered to be 

equal to the inclination. The optimum heading at the separation point's practically zero (east) in all cases 
investigated. 

Considering now a Cargus type upper stage, the following conclusion can be drawn from the results presented 
An ascent would not be possible for such a configuration having no wings if it cannot produce a lifting force 
This holds for 70 values of practical interest, i.e., for 70 values which can be achieved by an airbreathing first 
stage at a hypersonic flight condition. Hiwcvcr, vehicles such as Cargus can have a lifting capability despite it 
IS lacking a wing This is due to the fact that fuselage type bodies can produce a lifting force not unsignificant 
at hypersonic Mach numbers. An illustration is presented in Fig. 9 which shows aerodynamic characteristics 
of a vehicle similar to Cargus. This lifting capability can be utilized for a significant ascent performance 
enhancement. 

In Figs. 10 and 11, an optimal ascent trajectory for a wingless upper stage similar to Cargus is shown. It may 
be seen, that an ascent is possible even for a horizontal flight condition at the separation point. As regards the 
controls anu state variables history, basic similarities exist with the Ilorus type vehicle considered earlier. 

An evaluation of the effect of 7 o 01 , the maximized final mass in orbit is shown in Fig. 12. Here again, similarities 
exist in regard to the results considered earlier. This concerns the significant amount of final mass in orbit 
even for smali 70 values as well as the existence of an optimal 70 value and its magnitude (yielding the greatest 
amount of final mass in orbit). In addition, it may be seen that a non- lifting configuration would have an 
obcciil fuf laigo ';o v&iuC'S Only. 

The results presented up to now describe the ascent capability as regards a flight condition at the separation 
point for a given altilude/Mach number combination. A further evaluation is presented in Fig. 13 which shows 
the effect of the separation fliglu condition on the maximized final mass in orbit, both for 70 = 0 and yoppt 
(where -loopt = /(Wo ho))- This Fig. makes evidtat the effect of altitude and Mach number. It may be of 
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interest to note tliat the variation of sepaiation altituric has only a little cfTect, whereas the effect of separation 
velocity is of comparable significance as the effect of the initial flight path angle. 

The second part of this chapter is concerned with the separation flight inaiieuver. In Figs. 14 and 15, an 
optimal maneuver for achieving maximum flight path angle at a prescribed Mach mnnber/altitudc condition 
is shown. According to the results presented, the separation flight manenver may be decomposed into the 
following elements: 

- transfer from cruise flight condition to flight at maximum dynamic pressure limit 

- acceleration at maximum dynamic pressure limit 

- pull up for reaching the flight condition at the separation point 

- push down of first stage (for avoiding flight at dynamic pressure to low) 

An evaluation of optimized separation flight maneuvers as described is presented in Fig 16 which shows the 
maximum flight path angle achievable at the separation point as a function of speed and altitude (region 
indicated by A is excluded because of exceeding a prescribed upper fuel consumption limit of 25 tons). The 
results shown may bo consirlercrl as the performance capability which the first stage with its airbreathing 
propulsion system can provide for the ascent of the upper stage. 

A further evaluation concerning the performance capability at tin’ separation point is shown in Fig. 17. In 
this Fig., the influence of constrains (nmin,7min) effective in the flight phase after the separation point is 
considered These constraints have a significant effect on the achievable amount of the flight path angle. It 
may be of interest to note that both the maximum flight path angle and the corresponding altitude at the 
separation point show comparatively small changes only. This is also an effect of the constraints nmin ^nd 
9 min which become active after the separation point. 

When combining the separation maneuver performance of the first stage (Fig. 17) and the ascent performance 
of the upper stage (Fig 13), the maximum of the final mass vhich can be brought to orbit can be determined. 
This combination may be considered as the overall ascent performance capability of the whole system. The 
final mass in orbit is shown in Fig. 18. The results presented suggest a tendency towards a high speed at the 
separation point while an optimum value exists for altitude. 

An evaluation concerning the fuel consumption of the first stage for the separation fight maneuver is presented 
in Fig 19. FVom this Fig it follows that the fuel consumption shows a pronounced increase above a certain 
speed level The effect of altitude is comparatively small in the lower part of the speed range considered. 

An improvement of the separation flight iiiaiiciivcr performance can be aebioved by utilizing a fuel-air ratio 
more than stoichiometric for ramjet thrust increase. In Pig. 20, it is shown that thrust can be significantly 
increased by this technique. However, this is accompanied by a decrease of the specific impulse, Fig. 21. 

The effect of the higher thrust capability rcsultig from a fuel-air ratio more than stoichiometric on the separation 
flight maneuver is shown in Fig. 22. Typically, this technique for thrust increase is utilized in the final part of 
the acceleration phase and for the pull-up maneuver. It may be of interest to note that the time at which a 
fuel-air ratio more than stoichiometric is applied is part of the optimization procedure. 

An evaluation is presented in Fig. 23 which shows the speed and flight path angle achievable at the separation 
point This Fig. makes evident that the optimal utilization of overfuelcd combustion provides a significant 
improv ment which may be used in two ways. Either the maximum speed at the separation point can be 
incrersed when considering a prescribed amount of fuel consumption or the fuel consumption necessary for a 
given combination of speed and flight path angle may be reduced. It nicay be of interest to note that a reduction 
in fuel consumption can be achieved despite the fact that specific fuel consumption is increased. 

6. Conclusions 

For a winged two-stage vehicle similar to ti.e Sanger space transportation system, optimum ascent performance 
is considered. In the first part, basic characteristics of optimal ascent trajectories of the upper stage are 
described It is shown that the lifting c.apabilily of the upper stage is essential for achicvinc an ascent beginning 
at a small flight path angle at separation. This is confirmed by com|)arison with a non lifting case where an 
ascent is possible only at separation flight path angles quite significant. Furthermore, it is shown what amount 
of final mass can be brought into orbit for various initial conditions representing the end of the separation 
flight maneuver. 

In the second part, the separation flight maneuver is investigated. It is shown, how an o|)tiuiizcd maneuver 
compares with a simpler type of separation maneuver. Dynamic pressure and load factor constraints are 
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idciilincd as having a significant cfTcct. Furthermore, it is sliown what combination of velocity, altitude and 
night path angle at the end of the separation flight maneuver can be reached. Thus, it is possible to determine 
the best initial conditions for the upper stage such that the final mass in orbit is maximized. 

Furthermore, the effect of thrust increase due to a fuel-air ratio more than stoichiometric is considered. It is 
shown that the separation flight maneuver performance can be improved by applying this technique. 
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Fig. 1 Sanger space Iraiisporlion system (from 
Ref. 2) 



Mach number 

Fig. '1 Lift am) drag cfiaracteristics of a winged 
upper stage similar to liorus 



I'ig 3 I^liglit profile for cruise and ascent of tlic 
Sanger system (from Ref. 2) 


Fig. 6 Optimal ascent of a Ilorus type configuration 
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Fig 8 Effect of orbit inclination on maximized final 
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(ho = 37 km, Vo = 205G m/s, cv optimal) 



a [deg] 


Fig. 9 Lift/drag characteristics of a Cargos lype 
configuration without wings 
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Fig. 10 Optimal ascent of a Cargos type configuration 
(70 = 0°,.':o = 37 km, Vo = 205G m/s), state 


variables 
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Fig. 11 Optimal ascent of a Cargos type configuration 
(70 = 0°,/io = 37 km, Vo = 205G in/s, C/, 
ba-sed on cross section area), control variables 



7o [deg] 


Fig. 12 Maximized final mass in orbit for a Cargos 
type configuration 
(ho = 37 km, Vo = 205G m/s) 
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Fig. 13 Effect of separation conditions on final mass 

in orbit for 7o = 0 and yocpt for a Horns type ^ 
configuration (er: optimal) 
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Fig. H Optimized separation flight maneuver with 
constraints = 2, = 50 kPa), 

state variables 



Pig. 10 Maximum separation flight path angle with 
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Fig. 18 Maximum final mass in orbit for constrained Fig. 20 Thrust characteristics for different fuel-air 
separation flight maneuver ratios (from Ref. 23) 

(nmai = 2, 9max = SO kPa, n,„,„ = 0, ; reference value for A/ = 0,/i = 0,«i=l 

o„,„ = 10 kPa) (stoichiometric combustion) 
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Fig. 19 Fuel consumption of lower stage for con- Fig. 21 Specific impulse characteristics for different 
strained separation flight maneuver fuel-air ratios (from Ref. 23) 

(umoi = 2, qmax = 50 kPa, nm,„ = 0, {hp)re}- reference value for Af = 0, /i = 0, 

9 min = 10 kPa) ^ = 1 (stoichiometric combustion) 
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Fig. 22 Speed and tlirust history for ramjet operation 
witli fuel-air ratio more than stoichiometric 
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SUMMARY 

The design of an air-breathing winged launcher vehicle is a highly interactive process. The ‘optimum’ (minimum 
mass) vehicle is detenmned by a trade-off mvolving fuselage shape and its mOuence on drag and stnictural 
efficiency (massAiolume) together with the rocket and air-breathing propulsion mode of operation and system sizing. 
These effects must be coupled with the most efficient mission profile. 

Contained in this paper are details of the ascent and descent optimization which must be conducted for a single- 
stage-to-orbit vehicle. Those parametets which have a significant influence on the selection of the air-breathing 
ascent, the rocket ascent, and the re-entry and autoland trajectories are described. The strong mteractions between 
the various phases of flight, and their influence on the vehicle design and performance, are discussed. The launcher 
design mission is shown to have a significant impact on the ascent profile and the optimum configuration. 


INTRODUCTION 

Launch costs and reliability form a fundamental consideration for all space activity. Concepts for mote dependable 
advanced launcher systems capable of greatly reducmg launch costs have been smdted for a number of years but, 
until recently, have not received great priority. The current upsurge m interest has been prompted by the realization 
that the launch capacity of the existmg and cunently planned launcher fleet will be madequate to meet the predicted 
market beyond the late 1990s and, perhaps more importantly, high launch costs will stifle expansion of the market. 
The commercial exploitation of space is fundamentafly dependent upon the ready availability of reliable, cost- 
effective and flexible launch systems. 

These future launcher studies were given further impetus with the suspension of Space Shuttle flights after the 1986 
Challenger disaster and the concurrent failures of three types of expendable launch vehicles. 

To overcome the limitauons of present launchers, the feasibility of a fully re-usable winged launcher powered by air- 
breathing propulsion for the initial ascent through the Earth’s atmosphere is bemg snidied in the United Kmgdom, 
West Germany, France, USA, Japan and the USSR. Although the concepts are different in detail, they each share the 
common aun to operate like conventional aircraft. For a smgle-stage-to-orbit (SSTO) vehicle, the wing sizmg is limited 
by the rerpiirements of re-entry heating and cross-range performance, so it is entirely logical to use these wmgs to 
allow horizontal take-off with a much lower level of thrust and therefore engme weight than a vertical take-off 
vehicle. Horizontal take-off and landing, and aircraft-style ground handling and operation will allow these vehicles to 
be more flexible and less vulnerable to failures (particularly at take-ofO. The launch costs for these fully re-usable 
systems, operated with minimum support staff, will greatly reduce when compared to that of current launcher 
systems. 

With new and anticipated technologies, the ultimate goal of an SSTO vehicle is now believed to be possible. The 
SSTO vehicle of course presents a greater design challenge but will have significant cost advantages over the two- 
stage-to-orbit (TSTO) vehicle. 

With payload fractions of between 1.5% and 3.0% (depending on the mission) the performance of SSTO vehicles is 
extremely sensitive to the design assumptions. Consequently the design process is highly interactive. The ’optimum’ 
(minimum mass) vehicle is detenmned by a trade-off involving fuselage shape and its influence on drag and 
structural efficiency (mass^volume) together with rocket and air-breathing propulsion mode of operauon and system 
sizmg. These effects must be coupled with the most efficient trajectory. 

The performanco of these vehicles can bo greatly enhanced by a suitable choice of ascent and descent profiles. 
Although the performance of the TSTO vehicle can be significantly affected by the ascent and descent trajectories, it 
IS the more sensitive SSTO vehicle where the impact on performance can be the most dramatic. Discussed m this 
paper is the SSTO ascent and descent trajectory optimization which must be conducted as part of the overall Total 
System Studies. Those parameters which have a significant impact on the choice of ascent and descent profile are 
described The mformation presented here is based on four years’ experience m the design evolution of HOTOL and 
a parallel study on winged launcher vehicles currently being conducted for the European Space Agency (ESA). 


TOTAL SYSTEM MODEL 

Evfuie uiscussing the asccni and descent trajeaones it is unportant to understand the process required to achieve 
the optimum Total System performance. 

It is well known that the performance of an SSTO vehicle is extremely sensiuve. ft is because of this sensiuvity that it 
IS essential to have a detailed model of the Total System. The use of simple analytical representations is totally 
inadequate. The model must bo capable of predictmg the performance for a range of vehicle design schemes and 
configurations. The results must represent a consistent vehicle performance with, for example, a given engine 
performance, and vehicle drag, sufficient propeBant capacity to complete the mission. At BAe (Mihtary Aircraft) 
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Limited, Waiton, design trade-off studies are performed using a Computer Aided Project Study Tool (CAPS). CAPS is 
a project study integrated design tool, developed progressively smce the 1960s. A schematic of the use of the Total 
System Model is shown m Pqure 1. 



Flg.1 Schematic of Total System Model 

The CAPS Total System Model is continually updated as the results from dotalied engmeeting studies, reilecung new 
design concepts or requirements, become available To assess the impact of the design changes on the performance, 
the vehicle must be ro-optunized. The performance penalues tor non-optimum design are very severe. At the early 
stages of vehicle design it is acceptable, and necessary, to re-optimize the vehicle. As the project progresses, a 
performance margin be required to guarantee the completion of the mission. However, by completing a wide 
rangmg Enabling Technology progranune the uncertainties in design assumptions can be miniinized, reducing the 
need for vehicle overdesign. 

The ascent and descent trajectones, like the solution to any particular design problem, can not be considered lii 
isolation. Considering the air-breathing ascent, the traditional methods of dofinmg an optimum minimum fuel ascent, 
described by the locus of where specific excess power cuvided by fuel flow (SEP/Or - the produa of tluust minus 
drag and velocity, divided by vehicle weight and fuel flow) is a maximum at each energy height (energy height is a 
measure of total energy = h + V*/2g) are only apphcable for a fixed vehicle and propulsion system. The optimum 
ascent trajectory can only be denved when its impact on propulsion system sizing and mass, vehicle control 
requirements (and hence actuation and power supply system mass), wing aeroelastics, wing design, and fuselage 
shape have all been addressed (Figure 2). It must combme minimum propulsion mass, optimum fuselage and wmg 
shapes, with minimum ascent propellant. 
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ASCENT nWJECTORY 

The most efficient way to conduct these snidies is to analyse the vehicle performance m two distinct, but coupled 
segments - the air-breathing ascent phase and the rocket ascent phase (Figtue 3). 



Flg.3 Ascent Trajectory 


The parameters which dommate the au-breathing performance do not significantly affect the rocket ascent (except 
the conditions at the point of transiuon to rocket power). The difficult task of optimizmg vehicle shape, propulsion 
mtegrahon and sizing, and the air-breathing ascent trajectory can be undertaken without computing the optimum 
rocket ascent each Ume, thus reducing compuung time. 

The air-breathing phase can be linked to the rocket ascent by the rocket mass ratio (mass on orbit divided by mass 
at transition ~ Morj/Mthah)- The optimum rocket ascent is greatly mlluenced by the condiUons at the pomt of 
transition to rocket power. The rocket mass rauos for various transition parameters - alumde, velocity, climb angle, 
rocket specific impulse, rocket thrust-to-weight, and vehicle hypersomc aerodynamic coefficient can be calculated as 
a set of analyucal expressions using the rocket ascent optimization programme discussed later. 


Aiz-bieathfng Ascent Trajectory 

The optimization of the air-breathing ascent trajectory and the associated propulsion mtegration snidies are 
particularly difficult because of the strong mteractions. It conducted thoroughly, they can sigmficantly enhance 
vehicle performance and greatly influence vehicle design. 

The selection of the type of propulsion system to bo used and the optimum air-breatlung ascent profile will depend 
upon the vehicle design mission. If the aim is to provide cheap access mto equatonal or near equatonal orbits, the 
vehicle wiU be launched from or near the equator. Such a vehicle is described as an 'accelerator'. Although it is 
obviously unportant to have both a high thrust-to-weight and specific unpulse, for the accelerator vehicle which does 
not require a cruise phase the emphasis is to have a propulsion system with a high thnist-to-weight. If the vehicle is 
to be operated from a European launch site into equatorial or near equatorial orbits, then because of the possible 
need for a cruise capability a propulsion system with reasonable fuel economy is preferred. Because of the trade-off 
between acceleraung and cruising phases of the ascent, and the requirement to manoeuvre the vehicle to a particular 
ground track to rendezvous with a specific orbit, tlie optimum ascent trajectory will be different from that of the 
'accelerator' vehicle. It should be noted that the cost penalty for the pnvilege of a European launch is very large. 

'Accelerator' Vehicle. Tiie optimum ascent trajectory for an 'accelerator' vehicle can be divided into three main 
phases: 

1. Accelerate from take-off to an airframe limited dynamic pressure and climb at this Umit onul the 
maximum engine operating design pressure is reached. 

2. Clunb at the maximum operating ongme design pressure to the transition pull-up manoeuvre. 
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3. Conduct tlie pull-up manoeuvre pnor to transition to rocket power tor the final part ot the ascent. 
This is illustrated m Figure 4. 


Altitude 

(km) 


Two Trade-offs to be Considered: 

1. At Low Altitudes, Vehicle Performance 


Gains for Flying Fast Versus Airframe 



Flg.4 Alr-breathing Ascent Trajectory 


The initial part of the ascent represents a trade-off between engine performance and airframe structural 
considerations. Generally, air-breathing propulsion favours a 'fas! and low' ascent profile. The higher specific excess 
power divided by fuel flow (SEP/Or) maxmuzes the ratio of energy gaui to propellant usage and dominates the small 
sttucmral penalty This poilion of the ascent would follow a constant equivalent air speed profile of between 600 and 
700 knots equivalent air speed (KEAS). 

The second phase of the ascent is limited by engme design considerations. The mass of the miake and air-breathmg 
propulsion components is predominantly sensitive to the uitake recovered pressure (PTl), which of course is 
dependent upon the ascent profile. A full air-breathmg ascent trajectory optimization must involve the use of 
'rubberized' models of the mtake and propulsion uiuts. The model must be capable of assessmg varymg engme/ 
mtake combmations stressed to different maximum operatmg design pressures. 

The optunum maximum PTl is derived from a trade-off between the increased propulsion efficiency at the high PTls, 
versus the increased mass of engme (and intake) these higher opeiatmg pressures will rcqmre. To illustrate llus 
trade-off the results from a study of a vehicle powered by a rocket-ramjet propulsion system are presented m 
Figure 5. 
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FIg.S Trade-off Beh*-een Engine Mass and Propulsion Efficiency 
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If the high altitude ascent is made at -j. high PTl, then with the increased thrust, less fuel will be burnt m reachmg the 
transition Mach number, oi the air-breathing ascent could be extended to a higher transition Mach number. This must 
of course be paid for by a heavier ramjet engute. 

For simplicity, in this example the engme size, the transition Mach number, the transition pull-up manoeuvre, and the 
initial ascent speed were not re-optimized for each of the maxunum engine operating pressures. The thrust of the 
engme, as well as its mass, decreases with reducing engine maximum operating pressure. This will result in a lower 
optunum transitton Mach number and possibly a pull-up manoeuvre which produces a less than optimum rocket 
ascent, and hence a poorer rocket mass rauo (Moas/Mnuui)- Obviously all these interacuons no;d to be addressed 
when identifying the optimum ascent profile. 

Engmo Thrust Characteristics. The thrust of air-breathing propulsion systems shows a fairly rapid degradation at 
higher Mach numbers (M > 3.5) - Figure 6. This is because the exhaust velocity is hmited by exhaust product 
dissociation, whereas ram drag conunues to rise with velocity. 



Mach Number 


Fig.6 Engine Thrust Characteristics at High Mach Number 


As the thrust imnus drag at these high Mach numbers reduces, acceleration time mcreases and more and more 
hydrogen is consumed (Figure 7). 



Flg.7 Vehicle Acceleration 


The thrust margin will evenmally become so poor that it is mote efficient to switch to rocket power. The high Mach 
number performance could be unproved and air-breathing operation extended to higher fdach numbers by mstalling 
a larger engme (or intake, depending on the type of propulsion system), but there comes a point where the 
addiuoiial mass of these items overrides the benefit of reduced fuel bum; identification of this point is part of the 
vehicle design opbmization process. 


* 
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Engme OveifaeUmg. There are two critical areas in the ascent trajectory which can size the air-breathing engine. 
There must be sufficient thrust m the transonic regime, where drag is high, to allow reasonable acceleration and a 
low fuel bum. The transonic thrust margui is obviously strongly influenced by vehicle shape (drag). The second 
■pinch’ point is at the maximum operating Mach number. A thrust boost for these cntical “pmch’ points can be 
obtained by overfuelling the engine, but of course the engme specific fuel consumption will increase. The optimum 
engine size and the ascent trajectory, particularly the transition Mach number, could be significantly influenced by 
the effects of overfuelling, 

Rolls-Royce provided data for three levels of overfuelhng a ramjet engme. The vehicle was initially accelerated to 
effective ramjet operatmg speeds by a rocket system and so did not have transomc penetration difficulties. The 
influence of various levels of overfuelhng from the datum stoichiometric fuel air ratio (FAR) of 0.029, to a maximum 
FAR of 0.116, on the high Mach number portion of the ascent was assessed. The overfuelhng was progressively 
introduced durmg the ascent. The results from the smdies, which are essentially a trade-off between extra fuel used 
against a possible reduction in ramjet engme scale ar.d/or an mcrease in optimum transition Mach number, are 
shown in Figure 8. 


Reference Thrust to Weight = 0.25- 



Trajectory 

EAS = 650 kts 
PT1 = 850 kPa 
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Fig.8 Payload Sensitivity to Ramjet Overfuoll'ng 


The conclusion from this work is that overfuelhng does not improve the vehicle performance. However, although not 
considered here, there may be some benefit to be gamed with very limited overfuelling durmg the transition pull-up 
manoeuvre 

Wing Design The air-breathmg ascent trajectory can be significantly affeaed by the choice of wmg design and 
sizmg. The wmg may be sized to give opumum ascent performance, but it must also provide satisfactory aiifield 
performance, re-entry and cross-range performance, and adequate tnm charactenstics. Its size may be defined by 
the need to cany propellant m wmg tanks These vanous rcqiurements are discussed m detail m Ref. I. 

If the wmg size is selected to give optimum ascent performance, then the trade-off is between wmg mass and 
aerodynamic and propulsion system performance. At high Mach numbers the induced drag makes up 50% of the 
total vehicle drag, thus a larger wmg would significantly reduce the vehicle drag but at a mass penalty. In addition, if 
the vehicle with the larger wmg was flown along the same ascent trajeaory, then its incidence would reduce causing 
a loss of mtake pre-compression and thus engme performance. 

In a recent study, the wmg size for optimum ascent performance was shown to be at a re-entry wmg loadmg of 
280 kg/m’ (Figure 9) 


Rocket Ramjet 
Kourou Mission 
GLOW = 500 Mg 
Transition Mach No - 6 0 



Re-entry Wing Loading (kg/m’) 


Fig.9 


Wing Size Optimization 
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If It became necessary to mcrease the wmg size to meet airfield or re-entry performance (heaung, cross-range or 
pitch control) requirements, the optunum PTl ascent and transition Mach number may change. In Figure 10, the 
optimum transition Mach numbers from air-breathmg to rocket power for two wmg loadings, oni for optimum ascent 
performance (re-entry wmg loading = 280 kg/m’), and one sized to meet particular re-entry hr. 'ng and cross-range 
requirements (re-entry wmg loadmg = 220 kg/m’), ate illustrated. 


Re-entry Wing 
Loading = 280 kg/m’ 


lop 

Actual 
Payload g 
Capability 
(Tonnes) 0L 



Re-entry Wing 
Loading = 220 kg/m’ 


Rocket Ramjet 
Kourou Mission 
GLOM 500 Mg 


5 5.5 6 6.5 

Mach Number at Transition to Rocket Power 


Flg.10 Optimum Transition Mach Number versus Wing Sizing 


The optimum transition Mach number (m this study) tor the wmg sized for ascent performance was 5 7. It it became 
necessary to mcrease the wmg size, thus reducmg the mduced drag component, then it would be beneficial to 
extend air-breathmg operauon to Mach 5.9. This re-optinuzation mcreased the payload for the vehicle with the larger 
wmg by 500 kg. The fact that the optimum ascent trajectory can be significantly mfluenced by the re-entry 
requirements emphasizes the strong mteracuon of all the design assumptions for the SSTO vehicle. 


Transition PoU-up Manoeuvre 

The rocket performance is extremely sensitive to the vehicle chmb angle at the pomt of transition (see later). For 
optunum rocket performance the mitial cUmb angle should be approximately 20’. In reahty, it is only possible whde 
au-breathmg to reach climb angles of between 7° and 8°. This is because as the vehicle performs the pull-up 
manoeuvre it climbs rapidly, losing thrust and decelerating (Figure 11) 



Fig.11 Pull-up Manoeuvre for Transition to Rocket Power 


Shown m this figure is the vanation in vehicle climb angle for constant normal acceleration puU-up manoeuvres. The 
predicted increase m payload is calculated assummg transiuon to rocket power at that particular mstant. The 
opumum transition point is a trade-off between the change m rocket mass ratio, resultmg from the changes m vehicle 
transition climb angle, velocity and altihide, and the additional air-breathmg propellant required to perform the puU- 
up manoeuvre. 
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When optunizing the ascent trajectory it is essennal to have a complete map of engine data (very large matrix) 
covering an appropriate range of altitude, Mach number and incidence (levels of intake pre-compression). 

The performance sensitivity of a ramjet engine to vanauons m vehicle mcidence is shovm in Figure 12. 



Fig.12 Ramjet Net Thrust Variation with Vehicle Incidence 


The sensiuvity to vehicle mcidence, particularly at higher Mach numbers, can significantly affect the final pan of the 
air-breathing ascent, particularly the pull-up manoeuvre (or high speed orbital track rendezvous manoeuvres, see 
European launch trajectory requirements discussed later). At M ^ 3 25/25 km an increase m pre-compression 
resultmg from a 1° change m mcidence gives a net thrust boost of 5%, whereas for the same mcrease at M = 5 0/ 

25 km the thrust will mcrease by approximately 10% (m the mcidence ranges of mterest). 

In early studies, to reduce the amount of engine data required, data was produced for an assumed mcidence/Mach 
number profile. With such data only very limited trajectory and pull-up manoeuvre optimization could be uridertaken. 
Meanmgful optimization and propulsion mtegration studies can only be conducted if full incidenctVMach number 
dejaendcnt engme data are provided Presented m Figure 13 is a comparison of an optimized ascent trajectory based 
on non-mcident dependent engme data (mibally assumed incidence profile), with the new optimized trajectory usmg 
full mcidence dependent performance data. 



2 2.5 3 3.5 4 4.5 5 5.5 6 6.5 


Mach Number 


Flg.13 Traiisitlon to Rocket Power Pull-up Manoeuvre \ 

The impact on the pull-up manoeuvre significantly changes the vehicle performance. An mcrease in vehicle climb '.A 

angle of 4° at the point of transition to rocket power, v/ould mcrease the payload by approximately 600 kg. 
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Enropean Launch 

The ascent trajectory optimization is complicated further if the vehicle is required to be launched from a European 
launch site. This may mtroduce the need for a cruise capability and, in addition, the vehicle will be required to 
manoeuvre to a particular ground track m order to rendezvous with a specific orbit (Figure 14) 


Establish 

Cruise 

Point 



-Take-off at 43.3°N (Islres) 


Climb at 

Constant Dynamic 
Pressure 


Climb at 
Constant PTt 



-- 

O* Beginning of 

Pull-up Manoeuvre 
at Specified Mach No 


End of Turn 


End of Pull-up 
Manoeuvre, Transition 
to Rocket Power 


Fig.14 European Launch Trajectory 


The optimum ascent is now defmed by trade-offs between the accelerating phase and cnuse requirements, and 
engine sizing (mass) and propulsion efficiency. Obviously if a large engme is installed then the vehicle will 
accelerate to the transition point more quickly, covermg less range, and so to meet the specfic orbit will require a 
longer cruise leg. (For optimum vehicle performance the vehicle must be m the required orbital plane pnor to 
transition to rocket power.) In a similar way. if the vehicle climbs at a higher equivalent airspeed, or higher engine 
operating hmit, then the vehicle will accelerate more quickly at the higher specific excess power and would then 
require a longer cruise leg. This trade-off between the cruise leg and the acceleratmg ascent will influence the 
selection of both imtial and fmal ascent phases and of course the transition Mach number 


In a society becoming more concerned with envuonmental issues, the choice of altimde for the cruismg phase, if 
required, may be restricted by the need to protect the ozone layer. 


To optimize the turn required to manoeuvre the vehicle to a particular ground track to rendezvous with a specific 
orbit IS a difficult task that will mfluence the whole ascent trajectory. It will mfluence the engine and wmg sizmg, and 
the selection of the transition Mach number as well as fuselage shapmg (drag). 


Presented m Figure 15 are the results of a study to mvestigate the effects of varying the latitude at the start of the 
positioning turn (and hence the normal load (actor and turn radius) for a rocket ramjet powered vehicle. The vehicle 
was launched from Istres, France (laumde 43 3*N) into a 28.5” mchned orbit. 
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Flg.15 Payload Sensitivity to Latitude at Start of Positioning Turn 
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In this particular example the pull-up manoeuvre prior to transition to rocket power was petlormed immedintely alter 
the completion of the positioning turn. This will not necessarily produce the optimum transition point in each case. In 
this study the best performance was achieved by beginning a 1.07 V (nominal) turn at a latitude of 32.5'N. 

The provision of a one hour launch window capablUty, at minimum performance penalty, imposes further constraints 
on the ascent trajectory. During this one hour period the launch site will move IS” of longitude eastward relative to 
the target orbit. By moving the launch point relative to the target orbit, a launch window study was conducted (Figure 
16). It should be noted that the 0” reference launch longitude, is the launch point from which the vehicle would moot 
the target orbit at its most northerly point (see Inset). All other launch points are relative to this datum. 



It can bo soon from Figure 10 that the payload penalty for providing the one hour latmch capability la only 240 kg. 
The optimum, the earliest and latest latmch Irajectortos are shown In Figuro 17, 


1 Hour Launch Window 



Fig. 17 Launch Tra)«c1orlaa to Provide a Ona Hour 
Launch Window with Minimum Payload Penally 


Rocket Ascent Oiitimb.atlon 

After transition, the englna parameters and aerodynamics become rslstively simple, as the vehicle switches to rocket 
power end enters the hypersonic lllght regime. This allows lha tra)ectoty from transition to Main Engine Cut-Olt 
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(MECO) to be fully optimized. The equations of motion which govern the dynaimcs are a function of seven primary 
variables. These are: 


The velocity at transition V, 

The climb angle at transition 9, 

The altitude at transition h, 

The vehicle Thrust-to-Weight T/W 

The vehicle area to mass ratio S/m 

The vehicle zero mcidence drag coefficient Cu^ 

The engme specific impulse I,p 


The trajectory can be optimized using vehicle incidence as the control variable, whilst meetmg constramts on apogee 
and pongee dtitude at MECO, and the ratio of mass at MECO to mass at transition (m,™°°) can be maximised 
(Ref.2). 

Two methods of optimization have been applied. The first is generally referred to as the Indirect Method, which uses 
Pontryagm's Pnnciple to define an optimum incidence profile mdirectly as a function of a set of Lagrange Multipliers. 

This method has the advantage of being exact and reasonably fast computationally but is inflexible and may show 
poor convergence characteristics if the complexity of the problem is increased (by constraints for example) 

The second mcthcd, kp.o"m as the Durect Method, selects an mcidence profile as a finite set of parameters and 
optimizes the ascent trajectory directly with respect to these parameters. This method has the advantage of relative 
simphcity but owing to the set of parameters being finite, is only an approximation to the true optimum profile The 
larger the set of parameters the better the accuracy, but of course this must be paid for m computing time; a 
compromise must be sought. 

Both methods have been applied at BAe and have given extremely close agreement m predicted propellan. 
requirements. To achieve this accuracy the Direct Method required ten parameters. 

The rocket mass ratio can be described by a function of tne 'even primary variables: 

m MECO = f(V,. e, , h,, TAV, S/in, Cm, W (!) 

This function is essentially non-analyuc and must be evaluated pomt by jpomt usmg the optimizabon proccd'urc. For 
small deviations from a chosen nominal set of the seven variables, this function can be expanded as a Taylor Senes 
to first order as follows: 


J^MECO = + 5tJ5v, (U, - V„„„, + mo, (9, - 9„«„,) + .., (2) 

Therefore the mass ratio for an arbitrary set of the seven vanables can be found supply by knowledge of the seven 
sensitivity coeffiaents, iVbx,, provided the deviations from the nonunal condition remain small. 

For a typical SSTO vehicle, the sensiuvity coefficients are; 

mV, = 6 X 10-‘ sec/m 6£/6Cm = -0,14 

5f(89, = 7 X lO" /deg 5f/5I,p = 7 x 10 ' /sec 

6Wh, = 2.S X ;0-' /km 6I/6(TAV) = 0018 

6I/6(S/m)= ~4 X lO-'m’/kg 

As can be seen from Figure 18, vanauons m m,™'® with T/W and transition alumde are not Imear over a sigiuhcant 
region, and care should be exercised to keep the variations small. When a new nonunal configuration is adopted, the 
sensitivity coefficients should be re-evaluated, to keep the first order approximation vahd. 

^ MECO . 186,000 



Thiust/Welght 


Fig.18 Variation In Mass at MECO With Transition Altitude and Rocket Thrust/Weight 
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The sensitivity coefficients lead to fauly obvious conclusions. The vehicle would prefer to be flying higher and faster 
and climbing steeper at transition, with less drag, more thrust and a higher specific impulse. Achieving these 
objectives however is a total system optimization problem, and the trade-off can only be performed by mcluding the 
sensitivity coefficients in a global optimization program. 

Compared to the air-breathmg trajectory, the rocket powered ascent from transition onwards is relatively 
unconstrained. The djTiamic pressure and wmg loadmg decrease rapidly The stagnation heatmg mcreases on the 
nose, foreplane, wmg and mtake leadmg edges but temperamres do not reach those experienced during re-entry. 

The MECO pomt is selected such that the resultmg transfer apogee meets the required target orbit The perigee of 
this hypothetical transfer orbit, for minimun propellant usage, is at an altimde of approximately 60 km. However, 
other considerations may influence the choice of perigee. For example if the vehicle is required to re-enter 
successfully foUowmg a failure of the Orbital Manoeuvring System (so that cuctilanzation at apogee caimot be 
performed) and a landmg at the launch site is desirable, then the transfer orbit perigee must be chosen carefully. 
Such a scenario is described as 'Abort-Once-Around’ (AOA) and requires consideration of both ascent and descent 
phases. The transfer orbit penqee is very sensitive to the constramts imposed. To meet the AOA re-entry heating 
and cross-range requirements, for minimum performance loss, the perigee for a HOTOL-type launcher is 
approximately 20 km Again, because of a requirement for AOA, the re-entry constraints have mfluenced the ascent 
trajectory. 


DESCENT TRAJECTORY 

Two aspects of the descent trajectory are considered; the re-entrv and autoland. 

Re-entry Trajectory Optimization 

A vehicle of this type is assumed to be cooled by radiation; that is, the external aeroshell is allowed to reach a high 
temperature (m excess of 1200 K), so that the incommg heat generated m the boundary layer and convected to the 
surface is re-radiated back to the atmosphere accordmg to Stefan's Law. This equation can be written m the 
foUowmg form; 


asTi = S, pV (h - hw) X Vr S, pV’ (1 - Tyr,.^) (3) 

Where S, is the Stanton number, the functional form of which depends on the state of the boundary layer, h„ and T, 
are the enthalpy and temperature at the surface and T,« is the recovery temperature. 

Assummg an ideal gas, it can be shown that on the attachment line of a cylindncal flow of radius r and mcidcnce 
alpha (Ref.2); 


S, = 1.03 X 10 '(pr)‘‘’sm a for laminar flow 


(4) 


and 


S, = 3.2 X 10'’(pr)‘'"smotan"’c(l + tan’o)"’®" for nubulent flow (5) 

A simple entenon for transition between lanunar and nirbulent flow is adopted. This assumes that if turbulent flow 
can occur, it will occur. 


pr = 1.2 X 10 * tan 0(1 + tan'o) ” 


( 6 ) 


At conditions of high enthalpy such as occur at re-entry speeds, dis xxiiation and lonizaiion of the air molecules will 
occur, which alter the properties of the boundary layer (m particular the demsity and specific heat capacity of the 
gas). 

These properues can be exphcitly calculated from a knowledge of tlie major chemical reaction rate equations, as a 
function of pressure and enthalpy, if it can be assumed that reacuon equilibrium occurs between the various species 
The result is merely to mtroduce a multiplymg factor on the Stanton number which lor turbulent flow can exceed 2 0, 
but for a lanunar flow rarely exceeds 1.2. Laminar flow is thus seen as a desirab'e feature m high enthalpy flow. 

From these equations it is possible to evaluate a good approximation to the radiation equilibnum temperanire 
expenenced on the surface of a re-entry vehicle m equifibnum real gas conditions. A re-entry profile can then be 
gcrcrctcd using tins temparature as an inequality conslraiiii. 

The problem chosen is to muumizo the mass of the Thermal Protection System (TPS) subject to mequality constraints 
on surface temperanire, dynamic pressure and g-loads, and a final cross-range of IS’ as an equahty constraint. A 
solution to this problem was to control the bank angle so that the veliicle remamed on an isotherm for the vehicle 
surface, and to vary the mcidence profile to satisfy the ramaining constramts. A three parameter mcidence profile 
was chosen, similar in form to the profile adopted by the US Space Shuttle. This is depicted in Figuie 19 with a 
typical bank angle profile. 


was chosen, similar in form to the profile adopted by the US Space Shuttle. This is depicted in Figure 19 with a 
typical bank angle profile. 
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Fig.19 Typical Descent Incidence and Bank Angle Profile 


The resulting temperature profile is shown m Figure 20 Note the jump in temperature as transition to nirbulent flow 
occurs, this must be pre-empted by the control algorithm so that the constramt is not exceeded 


Lower Centre Line Tempeiature 
»—1 Body 



Time (Seconds) 


Flg.20 Re-entry Temperature Profile 


The imiutnization is performed using a simple first order direct optimization method, whereby the incidence 
parameters are varied m turn m order to generate function and constraint gradients by numerical differences. This is 
similar to that used for the rocket ascent optimization but this time the problem is highly constramed. Tlus method 
has proved to converge fairly rapidly and has the advantage that the number of mcidence parameters (and hence the 
accuracy of the mimmization) can be increased fairly sunply. 

The Indirect Method can be apphed to this kmd of problem and has been successful m a few simple cases (such as 
maximum cross-range descents) but it is BAe’s experience that the method possesses mtractablo ifficulties when 
appLed to more representative re-entry optmuzation problems 

Once a re-entry trajectory has been de&ned, the sensitivity of this mmimized TPS mass to the configurauon 
parameters Cm and ballistic coefficient can be found. 







2 M 4 


Figure 21 shows the result of this sensitivity analysis. It can be seen that a high area to mass ratio, and a low zero- 
uicidencp drag rgofficient are bcr.olicia! m reducing Sio ovaiall TFS moss, but ihe reduction s seen to be lairly 
small. 



Fig.21 Thermal Protection Mass Sensitivity 


Autoland 

Dunng re-entry and recovery, vehicle position, attinide and velocity information is obtained from Global Positioning 
Satellites, menial, radar altimeter (m the fmal stages) and air data signals. These provide precise latitude, longitude, 
attitude and altitude mformation together with their associated rates The Fhght Control System uses these data to 
follow a pre-programmed trajectory to control heatmg rales and cross-range (as described previously) and to 
position the vehicle for Ihe fmal Auioland manoeuvre. 

Auloland for civil airliners is conveiiuonal, it has been in operation tor the last 25 years. Auioland for an unmaimed 
gbder with a lift/drag ratio of 3 5 is a different matter. The strategy adopted is to fly a two-segment approach 

Imtially the vehicle flie.s a steep glideslope (nonunally 240 kt EAS along a 20° glideslope) This is sigmficantly sleeper 
than required for maximum lift/drag (LD) ratio m order to cater tor the effects of head- and tail-winds Figure 32 
shows the range of glideslope modulation that is available and the size of the still air Autoland wmdow 



Flg.22 Autoland Glideslope V/Indow 

As the vehicle nears the ground a flare manoeuvre is required to check the descent rate Tnals in the USA have 
shown that it is possible to land successfully from ghdeslopes as steep as 30° using a single flare manoeuvre It was 
found, however, that such a manoeuvre required very precise trajectory control in order to achieve Ihe required 
speed and sink rale at touchdown 

A more conservative approach is to cany out an miua! flare onto a shallow decelerating ghdeslope (3° was adopted 
for HOTOL, 1 S° is used by the Space Shuttle) which allows some scope for further adjustment. A Final flare and 
touchdown'then takes place. HOTOL lands at approximately 170 knots. 
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The Space Shuttle (which has a lower maxunum I/O tauo than HOTOt subsonically) has demonstrated that such a 
strategy is feasible. To date, however, all landings have been under pattial or complete manual control. Full Autoland 
has nover been demonstrated. For HOTOL manual contrcl is not a vahd option. 

A simulauon was therefore set up at Warton which used wind tunnel denved aerodynamics and representauve wmd, 
turbulence and meitia models to develop a suitable control system Figures 23 and 24 illustrate the fmal capture limits 
and touchdown scatter obtained with this system. Although some rermement is deemed necessary, notably to reduce 
dispersion of touchdown pomt and to reduce energy loss m turbulence, the results demonstrated the essential 
feasibihty of successful repeatable Autoland for this class of vehicle. 
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Flg.23 Autoland Window 


Mean Landing BIsperslon on STS 1-o ± 800 m 
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Flg.24 Summary of Touchdown Scatter 


CONCLUSIONS 

To meet the demand for a more rebable and cost-effective hiunch system, designers are agam assessing the 
feasibility of fully re-usable winged launcher vehicles powered during the uutial ascent by air-breatlung propulsion 
systems. The performance of these vehicles is extremely sensitive, and because of t’lis can be sigmficantly enhanced 
by design optimizauon. 

Part of the optimisation process mvolves the identification of the tno'U suitable ascent and denceni traiecfnnos 
However for these vehicles, the selection of tlie opumum mission profile can not be considered m isolation. The 
traditional methods of defiiung optimum minimum fuel ascent are only valid for a final configujation. For air-breatlung 
launcher vehicles the trajectcry oplunizanon must be part of a Total System Opumirauon. The correct selection of 
ascent and descent trajectone.- can only be made m conjunction with studies on fuselage design and shape, wmg 
design and sizing, and propulsion mtegration, to name a few. 

These studies are extremely complex but are essential. Although the porformance of a TSTO vehicle can be affected 
by the selection of ascent and descent trajectonos, it is the more sensitive SSTO velucle where the impact on 





performance car\ be the most dramatic. The penalty for a non-optimum design is very severe but the rewards for 
refinement of design and optimization of the trajectory can be very large 
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ABSTRACT 

A trajectory global optirization sethod for single stage to orbit (SSTO) air breathing launch vehicle is 
presented. This nethod was involved in STS 2000 AEROSPATIALE studies to corpare various air breathing candidate 
solutions, assess their perforrances and contribute to the definition of an opcinized SSTO global design. 


lOTROOUCTlON 

The develofwent of space applications at the beginning of the next century involves an increase in LEO payload 
delivery, lover costs of transportation and inninun turnaround tine. Reusable air breathing launch vehicles are 
potential solutions to neet these requirenents. Their characteristics vill be an active use of aerodynamc lift in 
the atnosphenc phase, propulsion neans conbining air breathing propulsion at low altitude and rochet propulsion at 
high altitude. 

Many air breathing propulsion technologies are candidates for the concept of S.S.T.O. (Single Stage To Orbit). 
AEROSPATIALE associated with engine nanufacturers has conducted for CUES, since 1986. paranetric studies of 

S. S.T.iD. (aainly) under the -’“signation of STS 2000 study, coaparing different aerodynamc shapes and propulsion 
solutions. As air breathing St.J propulsion design is characterized by strong interactions between the selection of 
thrust level, the ascent profile, the air intake sizing, the limts of use of each engine and the naxitiun payload, 
an optinization process can determne the best conpronise between the design paraneters to provide the tiaxinun pay- 
load. 

This paper presents the optimzation nethods involved in the STS 2000 studies through the use of the 

T. O.P.L.A. prograa. An exanple of optinized trajectory is discussed for a reference S.S.T.O. configuration with 
integrated turborocket-ranjet-rocket engines. 



GLOBAl, DSSIGH PROCESS 

The global design process is illustrated in Figure 2. 

Prelimnary studies showed the high sensitivity of the naxinun allowed payload to the aerodynamc drag coeffi¬ 
cient and to the iwss of stiucture and the strong influence of forebody interactions on propulsion perfornances. As 
a good evaluation of these paraneters is necessary, the aerodynamc shape design was not included in the on-line 
optimzation, but in an external highly interactive design loop with sone ram evolutions at certain steps of the 
study. 
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Figure 2. Design process 

The basic design of the propulsion systen is an input of the optimzation process as well, although the sizing 
IS unXnown. 

As sore fixed assurpMons arc Rsde on the takeoff cass and on the mssion type, it results fros the optimiza¬ 
tion an estiration of the maxinum payload, the propellant consumption and the propulsion systen mass (engines + air 
intake). 

Sose modifications nay eventually occur if these parameters do not comply with the basic shape definition. 


Mission assumpti ons 


A reference scenario was assuned for the studies. After an assisted takeoff frost Kourou and an ascent phase, 
the S.S.T.O. IS injected on a 100/500 km/30 deg orbit. The orbit is then cii'cttlarued at 500 km. The payload is 
maximized, the utmost objective being 7 tons of payload. After o,i-orbit op<'r,i(,ions, the S.S.T.O. is hrought'back on 
earth after an atmospheric re-entry phase. 


orbit 500 tai 



Figure 3. Missio.'i scenario 
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Detemination of the payload 

The itaxirun payload that can be brought to orbit is the real optinization criterion. This payload results for 
each trajectory fro# the takeoff nass (fixed), the 10; and LH; consunption, the propulsion system mass (optimi¬ 
zation variable) and the structure mass (Figure 4). 

The structure mass results itself from a breakdoun into: 

- one part function of the takeoff mass (Kings). 

- one part function of the on-orbit mass (on-orbit operation and re-entry propellant, landing gear, theimal 
protections). 

- one part for the propellant tank mass and one part for fixed mass. 


OPTIMIZATION 


TAKE OFF 
MASS 


PROPULSION 

MASS 


STRUCTURE 

MASS 

+ 

OPs.+reentry 

fuel 



Figure 4. Payload determination 

To determine the optimum propulsion, the engine mass and air intake nass are correlated with propulsion design 
drivers by relations of the form: 


- air intake mass 


: Hint - k (N.A,) -Ps. 


®2 u “3 
• "max 


- air breathing engine mass : Mgg " N » K^g ref 

- rocket engine mass : M^g - f (H, F^jn) 

with N : scale factor on the reference engine. It may be interpreted as a number of engines, 
P.j : maximum air intake recovered pressure. 


**m?x ■ oFfsting Hach number of the air intake. Beyond this value, the air intake is closed, 

^max ■ thrust level. 


k, Bj. B;, Bg are coefficients which depend on the air intake design. 
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i. 


COHSTRAllfrS ON THE TRAJECTORY 

The trajectory is subject to sore physical constraints on state paranetcrs and on control parareters. 

Structural design and physiological constraints irpose sore Imitations on dynanic pressure, transverse and 
longitudinal acceleration. The propulsion syster design tixcs sore Imits on the operating Mach nirobers of the air 
breathing engines (turlxirocket. ranjet). 

The angle of attack is constrained to be positive in raajet rode. Practically, it is not necessary to consider 
upper lints on the angle of attack as the transverse acceleration Iiait is rore stringent. 


Aerodynamc and pronulsive rodel s 

A corplete nodelization of aerodynamc and propulsive parareters as functions of the flight parareters Mach, 
altitude Z, angle of attack n, is included in the ^nation of rotion. The atove-defined N factor allows to derive 
piopulsive coefficients fror the basic coefficients of the reference engine: 

- aerodynamc shape coefficients: 

* CZ - CZ (n. Mach). 

» CX - CX (a, Mach). 

- additive aerodynamc forces: additive forces rust be taken into account for snbcritical air intake regirc. i.e. 
when the engine airflow derand does not match the air intake available area. 

* Xa - N . Xa|.j.f (Mach. Z, a), 

♦ Za - N . Za|.p{ (Mach. Z, a). 

• Xculot - N . Xculot(,gf (Mach, Z. a). 



- thrust 


F " N . Ffgf (Mach. Z. a) 

- flow rates (air breathing phase): 

* (b ■ V ^2 

* Sh ■ ” 3 - \ ref 2 - 


The propulsive model for the rocket phase has an elerentary fore wiui constant coefficients. 


Optimizati on 

The optimization algorithn airs at raximzing the admissible payload with respect to the variables: 

- air breathing and rocket phase ascent profile. 

- initial azimuth. 

- transition Mach between the engines: turbo jet, ramjet, rocket. 

- "number of engines" N. 

- limit of air intake recovered pressure. 

- thrust level in the rocket phase. Two levels (fixed) are optimized in this phase consis'ently with the limit on 
longitudinal acceleration (40 tilsh. The transition between these two levels occurs wner. ..he acceleration reaches 
this limit. 
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This problen is solved by a paratielnc eethod. The air breathing ascent profile is split up into a finite 
lU. ir of segnents in the altitude/velocity svsle# of coordinates. The velocity or/and altitude conponents of each 
btf Aing-point of l.ie profile can be optinized (figure n" 6 ). 

A radial pursuit control lav determnes the angle of attack necessary to follow the profile (figure n° 7). Tha 
control IS switched fron one reference segrent to the next one with .•"'Sie anticipation in order to track the profile 
sBoothly. The trajectory is explicitly constrained 1^ the Imit on dynamc pressure and air intake recovered 
pressure as tliese linits nay be defined according to velocity and altitude only. The air intake recovered pressure 
lakes into account the air intake pressure recovery which de^nds also on altitude and velocity. 



Figure 6 . Air breathing ascent profile Figure 7. Ascent profile tracking 


The bank angle during air breathing phase is naintained at zero as the initial azmuth is optimzed. Sone 
residual transverse corrections are nade in the rocket phase in order to reach the prescribed orbit plane. 

The rocket phase trajectory is directly optimzed by neans of an explicit guidance algorithn. A quasi-NBWTOH 
nethod was also tested to optinize this phase, but it was less satisfactory with regard to conputer tine and 
robustness relatively to feasible initial trajectory. 

Tha global optinzation process consists in a cyclic nonodinensional search on each paraneter. This nethod. 
although conservative, does not require any weighting factor on the optinzation paraneters and has a robust 
behavior with respect to significant change in the various configurations of S.S.T.t;. which had to be conpared, 
Conputer processing tine was acceptable to inplenent this software on an ordinary work station. 


Initialization of the optinization process 

Trajectory optinzation algorithns generally require a good initial guccs of the optinzation paraneters. 
Classic nethods oi best ascent trajectory deternination currently used for aircraft nay be applied for that purpo¬ 
se. Such nethods are detailed by RuTOHSKl (reference 111). 


They rely on the nninzation of the consuned fuel nass (Figure 8); 


K/y 1 

" 1 d(E/n)/dn 
E/n' 


d(E/n) 


which IS equivalent to naximzing at each energy level: 

I(T-D).V/ (n.Q))g/„.,o„ 3 t. 
with E/n - gZ ♦ V^/2 g.Z ♦ V^/2 
2 altitude. 


V velocity. 
T thrust, 


D drag. 

0 flow rate of fuel. 
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Figure 8. Ascent profile first guess 

This nethod nay be applied for a first guess of the air breathing ascejit profile. It can take into account the 
dynanic pressure and air intake recovered pressure limit as these constraints may be expressed in the sane (Z, V) 
plane. The fust guess of air breathing engine thrust level is determined by trial and error. 


Characteristic trajector ies 


The example of an optimized trajectory for a turborocket/ranjet/rocket engine (reference S..S.T.0.) is shown in 
Figures 9 to 12. 

The aerodynamic shape was designed to provide a low drag in the transsonic phase and the turborocket engine 
was adapted for this phase. As shown in Figure 9. the air breathing ascent profile in (Z, V) plane begins by a 
segment at low altitude (no environmental or safety constraint was presently assumed), at Mach 0.7. after a pull-up 
maneuver, the vehicle climbs rapidly up to 3 000 m to pass the transsonic phase with a small positive flight path 
angle until the dynamic pressure constraint is reached. The profile follows then this constraint and the turboroc¬ 
ket IS switched over to ramjet propulsion at the optimized transition Mach 3,5. This Mach number was also the 
operating limit of this turborochet engine. After that transition, the air intake recovered pressure constraint 
becomes preponderant. 

The ascent profile follows then the constraint up to the pull- up maneuver thSv increases the flight path 
angle before transition to the rocket phase. The optimized upper bound of Mach nur.ber during air breathing base is 
Mach - 6. It was also the upper operating limit for that engine. 

As shown in Figure 12. in the rocket phase, the longitudinal acceleraticn increases rapidly up to its limit 
40 m/s^. This condition triggers a second thrust level which is reduced to an optimized value. Earlier studies 
proved that the possibility to have two rocket thrust levels could bring an appreciable payload gain relatively to 
the solution with a single constant rocket thrust level. 

For the previous S.S.T.O. configuration, the transsonic phase was passed at a relatively low altitude. Figu¬ 
re 13 shows the initial ascent trajectory of the same S.S.T.O. equipped with engines of better specific impulse but 
of lower thrust-to-mass ratio. T.he turbo engine is here adpated for takeoff instead of being adapted for the 
transsonic phase. 

The transsonic phase occurs then at higher altitude and ends with some negative flight path angle. To compen¬ 
sate for this higher mass of engines, the optimum of air intake maximum Mach number is no more the operating limit 
of the ramjet engine. Therefore, the transition to rocket phase is done at Mach 4.5. The initial ascent profile of 
Figure 13 was composed of 7 onlimized breakpoints. It is inte.esting to compare this profile with a reduced prof le 
structure at 3 breakpoints. The trajectories (continuous lines) are comparable and the difference in payloads is 
practically negligible with respect to model uncertainties, 

a consequer't. the cbiOice of a patametuc representation ol the ascent profile in an altitude/velocity 
plane is well suited to the air breathing trajectory optimization. 


mIsZ ALTITUDE Z (km) 
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Figure 14. Trajectory vith a reduced nunber of segrents 









24-9 


CONCLUSIONS 

The STS 2000 studies showed the relevance in optinuing the propulsion sizing paraneters together with the 
trajectory. Paranetric optinization nethods with a representation of the air breathing ascent profile by broken 
lines in an altitude, velocity systen of coordinates proved to be well suited to this task, it was then possible, 
by sieans of these nethods, to efficiently corpare nunerous configurations of propulsion integration in order to 
select rore rapidly the best solutions or give the orientation for future studies. 
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THE CHALLENGE OF ASSEMBLING A SPACE STATION IN ORBIT 


Vance D. Brand 

NASA Lyndon B. Johnson Space Center 
Houston, Texas 77058 USA 


1. The Need for a Space Station 


Seventeen years ago, America had a very capable space station in orbit. It was 
called Skylab. Skylab was a scientific space station which weighed approximately 90 
metric tons and traveled in low Earth orbit with a crew of three. 

The Space Station Freedom, an all-purpose scientific platform currently being 
developed by free world partner nations, will be a superior, much larger station with 
newer technology. It will weigh more than 225 metric tons and eventually will have a 
crew of eight. Freedom will be permanently manned and will be assembled in orbit in the 
late 1990's. 

What are the unique attributes of any space station? Obviously, a space station is 
an excellent vantage point from which to view both the Earth and the universe. A space 
station is in an advantageous location to serve as a depot or transportation node for 
spacecraft destined to go further out into space, and it exists in an environment of 
weightlessness and near-perfect vacuum. 

A space station is a scientific platform for observing both the universe and the 
surface of the Earth and, in addition, can be used to develop equipment that might be 
later transferred to unmanned satellites. A space station can serve as a transportation 
depot at which spacecraft may be refueled, repaired, or assembled. There is a strong 
possibility that a manned Mars probe may someday be assembled and fueled onboard a space 
station before starting its journey to Mars. A space station can be a laboratory for 
microgravity research where larger, purer crystals and other materials are processed. 
Life sciences research will be conducted there so that man's physiology may be better 
understood before long journeys into the solar system are initiated early in the next 
century. Space stations can have military as well as peaceful objectives. A space 
station must be part of the infrastructure of space capabilities of any nation or nations 
planning to extend the frontier of space exploration. 


2. The Challenge of Space Construction 

Although there ate similarities between Earth construction and space construction, 
there are also some very important differences. The remoteness of the assembly site is a 
significant difference. Any space station in Earth orbit must be assembled at an 
altitude of at least 300 kilometers and at an approximate speed of 28 OOO kilometers per 
hour. Obviously, if a space station is being built under those conditions, it is 
impossible to drive to a nearby hardware store to buy a wrench or any other tool that may 
have been forgotten or to replace building materials that might not be suitable. Thus, 
preplanning is a very important ingredient in space construction and even more important 
than in Earth-based construction projects. Another difference is the hostile environment 
of space. Orbiting above the Earth's atmosphere, the construction site is in a vacuum 
and IS subject to radiation, micrometeoroid bombardment, and great thermal extremes. The 
workers on orbit must be protected from these hazards, and the space station must be 
designed to withstand the rigors of the environment. Although working in a space suit 
may appear to be fun, there are penalties associated with wearing such a gar.ment. For 
example, today's space suits ore massive and somewhat stiff in the joints and gloves. 
Thus, they are cumbersome, tiring, difficult to take into tight places, and reduce one's 
manual dextenty. These disadvantages are partially offset by extensive training in the 
suits. 

Construction operations in the weightless environment offer both advantages and 
disadvantai,es. Advantages are that structures can be made lighter and that 
extravehicilar crewmen can easily translate about the station. Disadvantages include the 
need for new techniques and tools and complete ground simulation of operations before 
flight. Unlike on Earth, in space there is no yard around the building site where 
materials may be stored. This means that components must be assembled as soon as they 
reach orbit, or secured in a temporary storage location. 


Factors that determine the difficulty of construction on orbit include the 
configuration of the station, capabilities of the transportation system thit will carry 
components to orbit, and the actual magnitude of the assembly work requited by 
extravehicular (EV) crewmen or robots. The size and the complexity of the station are 
the primary configuration factors. 

Capabilities of the transportation system that are of interest include the amount of 
mass and volume of materials that can be transported to orbit on each flight, man-hours 
of extravehicular activity (EVA) available on each flight, visibility to do the job, on- 
orbit stay time, and flight rate. Other factors include capabilities of the assembly 
work platform connected to the transportation system and of remote manipulators such as 
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the Space Shuttle remote manipulator system (RMS) that will be used for construction of 
the Space Station Freedom. 

The magnitude of assembly work required by crewmen or robots pertains to the number 
of things that must be assemb.led on the station as opposed to those things that can be 
deployed automatically or can be operated as they arrive in orbit without any assembly or 
deployment. Generally, the on-orbit construction gob is easier if devices such as solar 
panels, radiators, and antennas can bo deployed automatically rather than assembled in 
orbit by human beings. Tradeoff studies must be made to determine whether hardware is 
best assembled or deployed. In either case, there is always the possibility that 
something will not work properly after it has been assembled or deployed which makes end- 
to-end ground checkout of hardware and software a must before flight. Design for 
reliability, quality control, and ground testing are paramount requirements. 


I]. The Optimum Choice 

My opinion is that the best solution to the problem of constructing a large space 
station on orbit is to minimize assembly and, thereby, to maximize ground end-to-end 
checkout. For a large station, this method requires use of a large, wide-body launch 
vehicle. The use of such a transportation system allows a space station to be assembled 
on Earth, ground tested as a complete system, and placed in orbit in gust one or two 
flights. Any assembly activities which follow are less time critical, reduced in scope, 
and staged from an already functional,, orbiting base. Significant operational costs 
associated with many assembly flights and the risk inherent in extensive on-orbit 
assembly are avoided. Currently, the United States does not have an operational wide- 
body launch vehicle. The last one used in the United States was the Saturn V, which 
could lift more than 100 metric tons into low Earth orbit. 

Obviously, without such a vehicle, a space station assembly sequence requires 
transporting many smaller loads into orbit, with extensive assembly on orbit by 
astronauts in space suits. The latter assembly method is actually a feasible, out more 
difficult, way of building a space station. On the positive side, assembly on orbit 
provioes the space assembly knowledge and national capabilities for very large space 
progects in the future. 


5. Description of the Space Station Freedom 

The Space Station Freedom will consist of a long truss, several pressurized modules, 
and many items of equipment attached to the truss (Figure 1). The planned truss will 
eventually consist of 27 bays of composite truss construction and will be more than 
145 meters long oy 5 meters wide by 5 meters deep. Large photovoltaic panels, capable of 
producing an electric power output of 75 kilowatts, will be attached at the ends of the 
truss. The panels will gimbal so that the solar arrays are always facing the Sun. 



Eight pressurized modules will be attached to each other and to the center of the 
truss (Figure 2). The U.S. modules will be arranged in a racetrack (rectangular) 
arrangement. The core configuration will consist of a laboratory module, a habitation 
module, and four nodes attached at the corners of the rectangle. The nodes will serve as 
control centers, and will contain computer, stabilization, control, and other systems. 
The European Space Agency and Japan will each supply an additional pressurized laboratory 
to complete the module pattern. The Canadian mobile servicing center (MSC), a remote 
manipulator, will move along the long truss. The Space Shuttle docking systems will 
attach to docking systems on the forward nodes. At least 20 Space Shuttle assembly and 
provisioning flights will be needed to construct the Station. Currently, the Space 





25-3 


Shuttle has the capacity to carry approximately 18 000 kilograms to an orbital altitude 
of 400 kilometers. 


6. Space Station Freedom Navigation and Control Systems 

Magnetic passive dampeis will be used for attitude control of the first stage of 
rreedom until arrival of the second assembly flight. The passive dampers are spherical 
devices having a mass of approximately 9 kilograms. They attach to the Station truss 
structure and damp attitude oscillations of the Station as it is flying in the gravity- 
gradient attitude. Each damper consists of a spherical shell inside a shell, with 
viscous damping fluid between the shells (Figure 3). The outer shell is attached to the 
spacecraft structure and the inner shell to a permanent magnet, which seeks alignment 
with the Earth's magnetic field. The result is that spacecraft oscillations about the 
gravity-gradient attitude are positively damped. With a sufficient number of dampers, a 
tumbling spacecraft can eventually be stabilized in the gravity-gradient attitude. As 



Figure 2.- Freedom's pressurized modules. 
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Concept of Magnetic Passive Damper 



Q Magnet attempts to align 
to magnetic field 
Q Spacecraft osciliatc.s in 
gravity gradient mode 
Q Relative motion between 
spacecraft/magnet is 
damped 

Q Amplitudes of spacecnift 
oscillations diminish 


Figure 3,- Concept of magnetic passive damper. 


many as seven dampers may be required for the stage assembled on the first Space Shuttle 
flight. Passive dampers have been used on satellites in the past and are considered to 
be reliable. The NASA long duration exposure facility (LDEF), whicn currently is in 
orbit and will be returned to Earth late this year, is a 3-axis, passively stabilized 
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satellite successfully utilizing the magnetic massive damper. It has no active control;, 
i.e., no reaction control system (RCS) or control moment gyros (CMG's). 

A two-module RCS is installed on the second Space Shuttle assembly flight and will be 
enlarged to four modules on later flights. The completed RCS consists of four pods, each 
with several thrusters and hydrazine propellant. Tvo SCS pods are located near each end 
of the truss (Figure 4). In addition to reaction control jets, the completed Freedom has 
six CMG's to smoothly control attitude. The CMG's are mounted on a pallet attached to 
the truss and are desaturated by the RCS as required (Figure 5). The navigation and 
control system of the completed station receives inputs from star trackers and the global 
positioning system (GPS). Computers inside the pressur'ied modules maintain attitude and 
state-vector (position and velocity) knowledge by means of this system. In addition to 
maintaining attitude and desaturating CMG's, the reaction control jets also perform 
station altitude adjust maneuvers. Periodic posigrade maneuvers are required to offset 
drag by raising the orbital altitude of the Station. 


7. Space Station Freedom Assembly Tools and Methods 

The Space Station Freedom will be assembled on orbit, and there must be an optimum 
balance of construction resources to do the job. These resources consist of 
extravehicular crewmen, remote manipulators, robotic devices, and an assembly work 
platform. Two EV crewmen are sent out from the Space Shuttle for 6 hours at a time to 
assemble the Space Station Freedom. Because of resource limitations, eaon Space Shuttle 
flight has 24 man-hours of extravehicular crew time available, with a possible extension 
to 48 man-hours. Manipulators include the Space Shuttle RMS (sometimes called tne 
"Canada Arm") and a larger, advanced version of the Canada Arm onboard Freedom called the 
mobile servicing center (MSC). Unlike the Space Shuttle RMS, the MSC is attached to the 
Space Station Freedom. The Station's arm moves about the truss on a device called the 
mobile transporter, and it serves a purpose similar to that of a crane at a building site 
here on Earth. Robots such as the U.S. flight telerobotic system and the Canadian 
special-purpose dexterous manipulator are attached to the ends of the manipulators and 
are capable of Cine manipulations such as detailed construction and maintenance tasks. 
There is a work platform at the forward end of the Space Shuttle Orbiter payload bay. 
The work platform, called the assembly work platform, is a truss-building machine. 

Two EV astronauts use the assembly work platform to build the Station's long, 
transverse truss described earlier (Figure 6). Astronauts attach composite struts tr a 
fixture on the assembly work platform to build each 5-meter bay of truss. After each bay 
is completed, it is indexed straight out of the Orbiter payload bay. As the truss is 
being built and indexed out of the bay, utility runs are attached to the structure. 
After a section of truss is completed, avionics boxes and other components are maneuvered 
to the truss by the manipulators and latched into place by astronauts. Most items of 
equipment are assembled; the photovoltaic panels for the electric power generation 
system, which are deployed, constitute an exception 


8. The Early Assembly Flights 

Each of the many assembly flights will have a distinctive cargo manifested in the 
Orbiter payload bay, and the assembly for each stage is performed differently. For 



Figure 4.- RCS propulsion modules on truss. 





Figure S.- Control moment gyro pallet. 



Figure 6.- Assembly work platform. 


example, the first assembly flight requires two astronauts to assemble a few bays of 
truss and one quarter of the electrical power system. Other vital systems, such as 
navigation,, control, propulsion, and environmental control, are not yet pjrt of the 
assembly. After the Orbiter departs, the first stage remains in orbit passively 
stabilized by magnetic dampers in a gravity-gradient attitude until the Orbiter returns 
with a second load (Figure 7). The stage flies with its long axis pointed toward the 
center of the Earth. 

Sufficient equipment arrives in orbit on the second flight to form a fully functional 
spacecraft, which is not yet the whole station - only a small piece of it. This fully 
functional spacecraft still flies in a gravity-gradient attitude on orbit but is 
stabilized by means of RCS propulsion. On a later flight, the first pressurized mndute 
A node, is instalicd vF'guiu Si; then, me remaining half of the transverse truss is 
assembled (Figure 9). Each succeeding Space Shuttle flight results in assembly work 
vjnicb will increase the mass and complexity and systems capability of the Station. As 
previously described, the construction proceeds with crew-controlled remote manipulators 
moving items from the payload bay to the work site. Astronauts are involved in the 
assembly operations both as extravehicular assemblers and intravehicular manipulator 
operators. 




Figure 7.- Spacecraft passively stabilized after first assembly flight. 
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Figure 8.- Spacecraft after first pressurized node installed. 


9. Challenges of Space Station Freedom 

Although not necessarily in order of importance, the following are the significant 
challenges of the Space Station Freedom construction process. It is difficult to 
transport an adequate amount of functionality to orbit on the first assembly flight to 
achieve a self-sustaining spacecraft. Ideally, the first flight would have all of the 
necessary systems for flight control and survival until the Space Shuttle returns. It is 
a ntcessary compromise that the Space Station Freedom will be passively stabilized with 
magnetic dampers at the end of the first assembly flight and will not achieve the 
rsnahility to control its own attitude until the second flight. 

Another challenge is that of loading the 5- by 20-meter payload bay of the Space 
Shuttle in such a way that volume, center of gravity, and mass (lifting capacity) limits 
are not exceeded on each flight. Engineers must design compact launch packages which can 
be positioned in the payload bay to satisfy center of gravity limitations and later be 
easily unpacxed and assembled on orbit. 

An important objective and challenge is to minimize the number of assembly and 
outfitting flights so as to reduce operational costs during the construction phase. It 
may be possible to build and outfit a minimum station with less than 20 flights, then 
improve the Station with systems upgrades later in the program. 
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figure 9.- Spacecraft after transverse truss completed. 


Extravehicular activity time is a critical resource in the construction process. It 
is a challenge to stay within EVA man-hour limits, and the Station designer must honor 
that limitation. 

Both the Space Shuttle and Space Station Freedom remote manipulators have constraints 
during use that cannot be ignored. For example, there are reach and articulation 
limitations. As with the human arm, the manipulator joints can roach only so far and are 
ineffective in certain positions. Asse.mbly designers also must consider how well the 
manipulator operator can see the task being performed. Direct viewing through the Space 
Shuttle or Space Station Freedom windows is a design goal, but in most cases, direct 
viewing must be supplemented by displayed television views. Manipulator operations must 
be seen well to be conducted efficiently and safely. 

Another challenge of Space Station Freedom assembly is the problem of unplanned 
interruptions to the assembly process. In the event of an unplanned departure resulting 
from a Space Shuttle or Space Station emergency, the Station must be capable of 
surviving, and the Space Shuttle must be capable of returning and docking to the Space 
Station to continue the assembly. This requirement places a burden on the assembly 
designer to think through each step of the assembly process from the standpoint of 
unplanned interruptions. 

Each step of the assembly process must be verified on the ground before it is 
accomplished in flight. This means that assembly must be conducted on the ground in a 
simulation or other test before assembly on orbit occurs. Verifications are planned tor 
the development contractor's facility. Many tests will occur at either the NASA Lyndon 
B. Johnson Space Center or the NASA Jonn F. Kennedy Space Center. Ground simulations 
will include prototype hardware tests; underwater assembly demonstrations; and "raan-in- 
the-loop" simulations to verify manipulator reach, operator visibility, timelines, and 
overall assembly feasibility. The ground simulation and verification process is vital 
since on-orbit operations will cease if a part does not fit, a tool is missing, a station 
stage is not controllable, or the assembly procedure is found to be impractical. 

Development and integration of the Space Station Freedom from a management point of 
view IS perhaps the greatest programmatic challenge for NASA in its 30-year history. 
Station components are being designed, developed, and tested by four NASA centers and 
four prime contractors, plus partners from Canada, the European Space Agency, Japan, and 
their contractors. The complicated raa.uagement process is beneficial in that it pools 
monies and talent from several sources for a difficult task. However, the program 
complexity greatly increases the management c.hallenge and results in increased management 
integration expense. 


10. Incorporation of New Technologies 

The NASA is conducting advanced development to bring new technologies on line for the 
Space Station Fieedom. Some examples are an aluminum-coated composite truss structure 
with low sensitivity to thermal stress, a solar dynamics electric power generation system 
(Figure 10), and a flight telerobotics system. Other examples are utility conduits wound 
on large reels for transportation in the Space Shuttle and a unique assembly work 
platform to be used for truss building on orbit. Since some of the above advanced 
developments add programmatic risk and increase up-front costs, consideration is being 
given to use of more proven equipment in the early stages of assembly. After the Station 
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IS permanently manned, more advanced equipment with improved performance may be 
retrofitted. 



Figure 10.- Growth version of Freedom with solar dynamic power. 


11. Summary and Conclusions 

Assembly of a Space Station in orbit is a challenging and complicated task. If 
mankind is to exploit the knowledge already gained from space flight and continue to 
advance the rentiers of space exploration, then space stations in orbit must be part of 
the overall space infrastructure. 

Space stations, like the Freedom, having relatively large mass which greatly exceeds 
the lifting capability of their transportation system, are candidates for on-orbit 
assembly. However, when a large wide-body booster is available, there are significant 
advantages to having a deployable space station assembled on Earth and transported into 
oibit intact or in a few large pieces. The United States will build the Space Station 
Freedom by the assembly method. Freedom's assembly is feasible, but a significant 
challenge, and it will absorb much of NASA's effort in the next 8 years. 

The Space Station Freedom is an international program which will be the centerpiece 
Of tlie free world's space activivies in the late 1990's. Scientific information and 
products from the Space Station Freedom and its use as a transportation depot will 
advance technulogy and facilitate the anticipated manned space exploration surge to the 
Moon and Mars early in the 21st century. 
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IN-SPACE CONSTRUCTION AND DYNAMICS 
OF LARGE SPACE STRUCTURES 

Martin M. Mikulas, Jr. 

NASA Langley Research Center 
Hampton, Virginia 23665-5225 USA 


SUMMARY 

In this paper, the types of equipment and structures that will be required to construct very large 
spacecraft in space are discussed. One of the basic issues that must be resolved is the appropriate 
mix of humans and machines in the construction process. While the use of robots offers the 
potential for reducing the number of Extra-Vehicular Activity (EVA) hours required for particular 
construction operations, the availability of humans greatly increases the reliability of complex 
construction tasks. A hybrid system is described which makes the best use of man and machine to 
provide a highly reliable and versatile construction approach. Such a system will provide an 
efficient method for constructing large spacecraft until fully automated, robotic devices can be 
perfected. Details are given on an extensive ground test program which was designed to evaluate 
and demonstrate large spacecraft construction. A discussion is presented on the use of the Space 
Station Freedom, or an appropriate derivative, as a construction facility. Finally, a construction 
scenario and assembly timelines are presented for constructing a ro-moter-diameter high precision 
reflector. 


INTRODUCTION 

Many new aggressive space missions ^re being considered which involve space components that are 
considerably larger than available lauur.i vehicle (^ayload volumes, fcxamples of these components 
are large support trusses for orbiting space stations, reflectors for deep space science studies, 
reflectors for earth environmental studies, large spacecraft for ma''ned missions to Mars, and 
large, high-energy aerobrakes. The hASA Ljrgley Research Centei (LaRC) has conducted in-depth 
studies of the design and construction of such large space strutturos for the past 15 years 
(references 1-7). From these studies, the erectabte structures concept emerged, whereby large 
truss structures such as platfor.n s or curved reflectors are erecteo by astronauts or robots from 
individual struts and roles. The compact stowage capability and high versatility of erectable 
structures is considered highly desirable however, ti.ey possess the disadvantage of requiring in¬ 
space assembly. Much of the research at caBC over the past 15 years has been directed towards 
devising and demonstrating efficient methods for assembling hundreds, and perhaps thousands, of 
struts, nodes, and components into large spacecraft which would be impractical to achieve by other 
means. Studies have be-jn conducted on techniques ranging from unaided EVA to fully automated 
assembly of lurge platforms (references 8, 9, and 10). Unassisted EVA was found to be inefficient 
for assembling large structuros due primarily to the highly fatiguing translation required and the 
inability to hold a position at an assembly site due to the lack of foot restraints. Fully automated 
assembly, using dedicated assembly hardware, was found to be possible, however, this approach is 
still very much in the developmental sUgo. 

A hybrid construction approach was developed, however, which eliminated the undesirable fatiguing 
aspects of unassisted EVA assembly. This provides mechanized foot restraints which rapidly and 
firmly position the astronaut at a workst-''*ion so that he can perform the detailed assembly tasks. 

It take; advantage of mechanization for the rapid and positive positioning functions required in 
construction, yet makes use of astronauts to crnduct the actual joining operations which can be 
quite complex. The resulting construUion approach has been demonstrated in numerous ground 
tests and in a flight tost to be very efficient and reliaolo. 

This paper will describe some o' tie major results of the research on erectable structures and how 
the construction approaches can bo used to assemble large structures in space. NASA has chosen 
the erectable approach for assembling the Space Station Freedom and details v/ill be given on the 
research ttiat led to that decision. Current research is focused on extending the space station 
construction approach to the consuuction of large spacecraft required fo' a manned mission to Mars 
or to the Moon and on the construction of large, high precision reflecicrs which are needed for deep 
space science observations and earth environmental studies. An emphasis of this research is to 


26-2 


maintain a high degree of commonality in the spacecraft hardware and in the construction 
approaches to minimize expensive development programs. 

UNAIDED ASTRONAUT CONSTRUCTION 

The initial research in the construction of large space structures .evolved astronauts in an 
underwater neutral buoyancy simulator attempting to assemble e'ements of a large truss as shown 
in figure 1 (reference 9). In this test, the unaided astronauts were asked to assemble a simple 
tetrahedral segment of a large truss. The astronauts translated in a hand-over-hand fashion along 
the truss members and held themselves in position with one hand while constructing the truss with 
the other. The results of these tests indicated that unaided assembly operations, although 
achievable, were quite difficult and fatiguing. 

MOBILE WORKSTATION 

To circumvent the negative aspects of unaided construction, a mechanical device consisting of 
mobile foot restraints and a mechanized rail to translate the truss was conceived to assist the 
astronauts. The device is referred to as a mobile workstation in reference 11 and is shown being 
used in neutral buoyancy tests (simulated 0-g) in figure 2. The mobile workstation positioned the 
astronauts in foot restraints at a workstation which provided translation within a prescribed work 
envelope. Thus, the astronauts were relieved of fatiguing translation and were also provided with a 
mechanism to react forces and moments incurred during manipulation or assembly of the structural 
elements - an extremely important feature. Working cooperatively, two astronauts were found to 
be very efficient building truss segments consisting of 6-meter-long struts. When completed, a 
segment of the truss was mechanically translated out of the work envelope to permit the addition 
of another segment or bay. This process was repeated until the desired structure was completed. 
Average unit assembly times of approximately 38 sec/strut were achieved from repeated tests. 

SWING ARM BEAM ERECTOR (SABER) 

Another version of a mobile workstation, presented in reference 12 and shown in figure 3, was 
configured to permit a single astronaut to assemble long booms using 2-meter-long struts. This 
device, referred to as a swing arm beam erector, moved a single astronaut around the beam and 
along its length a distance of one bay. After the cstronaut assembled one bay of truss, the beam 
was mechanically translated to expose the next wonrsite. This procedure was repeated in an 
assembly line manner until the beam construction v/as completed. This construction approach 
permitted achieving unit truss assembly times of approximately 28 sec/strut. 

ASSEMBLY CONCEPT FOR CONSTRUCTION OF SPACE STRUCTURES (ACCESS) 

In November 1985, an erectable structures experiment was conducted on the Space Shuttle flight 
STS-25, described in reference 13. The beam assembled during this experiment is shown in figure 

4. In this experiment, two astronauts were held in foot restraints while the beam was rotated and 
translated to present proper work positions. The complece 10 bay, 30-meter-lor.g beam consisted 
of 96 individual struts and 30 joint clusters. The beam was assembled in 25 minutes, representing 
a construction rate of 16 sec/strot. Tnis flight experiment, and the two previously discussed 
ground experiments, demonstrated that mechanically assisted astronaut operations can be a very 
efficient means for constructing large spacecraft trusses. 

SPACE STATION 

Truss Structure - Early in the design of the Space Station Freedom it became apparent that a truss 
structure would be required to separate the large solar arrays from the manned modules. The main 
reason for this requirement is to provide ample space for the space shuttle docking maneuvers and 
to minimize contamination of the arrays from the shuttle maneuvering thrusters. Various truss 
concepts were studied (see reference 14) and a trade study was conducted between deployable and 
e'ectab'o truss structures (see reference 15). The result of these studies was the selection of the 
5-meter-deep erectable truss for the transverse boom of the Space Station Freedom shown in figure 

5. The truss was designed with spherical nodes with multiple attachment points to permit 
complete, uninhibited three-dimensional growth in the future (see figure 6). The truss struts 
attach to the nodes with quick-attachment joints that are designed specifically for ease of 
assembly by astronauts (see figure 7). For example, the diameter of the joints was limited to 5 cm 
to permit effortless handling by the astronauts. 
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The 5-meter truss depth was a compromise between keeping the truss deep for stiffness and yet 
maintaining a size which was compatible with 4.2-meter-diameter space shuttle payloads. A major 
consideration in the design of the space station truss was maintaining high stiffness to minimize 
structural control interaction and to reduce structural response to random transient loadings. 

These dynamic considerations are discussed in detail in reference 16. An example of the benefit of 
high structural stiffness is shown in figure 8. This figure shows the results of an analysis that 
was conducted to investigate the effects of truss bending stiffness on the transient response of the 
space station. The dynamic model used in this study was a 100-meter-long transverse truss boom 
with 1500 Kg photovoltaic arrays at both ends and two manned modules in the center with a total 
mass of 40,000 Kg as shown in the upper left corner of figure 8. The truss was assumed to have 0.5 
percent damping and was subjected to a transient load as shown in the upper right corner of figure 
8. The two different truss depths (3-meter and 5-meter) which were studied covered the range of 
depths considered for a space station. The displacement results from this study are presented in a 
normalized form in the figure. These results indicate that the 5-meter-deep truss has about one- 
fourth as much displacement as the 3-meter-deep truss for the same force inp/jt. Also, as can be 
seen from the figure, the transient response damps out much quicker for the S-meter truss for the 
same level of damping. This improved dynamic response for the deeper 5-meter truss was 
instrumental in its selection as the truss for the Space Station Freedom. 

Space Station Construction - During the space station des'gn process, the need was identified for a 
device that would support the astronauts performing EVA functions both for the initial station 
construction as well as for subsequent operations (references 15, 17, and 18). It was determined 
that this device, currently named the Mobile Transporter (MT), should possess mobility to transport 
men and materials (i.e., truss components, pressurized modules, payloads, etc.) around the space 
station as well as provide positioning foot restraints for the astronauts (see figures 9 and 10). The 
mobile transporter operates on mushroom-shaped guide pins which are provided on each truss node. 
The mobile transporter moves one bay at a time by sliding over the guide pins. It is propelled 
mechanicall/ by a drawbar mechanism which pushes or pulls from an adjacent set of guide pins. 

A primary function of the MT is to transport payloads and system components around the space 
station. Some of these components will be too large for astronauts to install without assistance. 
For example, during the space station construction process, large pressurized modules must be 
attached to the truss. A transposed shuttle remote manipulator system (RMS) or a similar space 
station RMS, as shown in figure 9, would be mounted on the mobile transporter base to assist in 
such operations. 

Although the actual station construction process is still being developed, one construction approach 
considered is shown in figure 11. In this construction scenario, the truss structure is attached to 
the shuttle cargo bay and the MT moves out along the truss with the astronauts assembling the 
truss one bay at a time. A potential disadvantage to this approach is that the astronauts become 
positioned at some distance away from the warmth and safety of the shuttle cargo bay. An 
alternate approach being considered is one in which the MT is fixed to the cargo bay and the truss is 
mechanically sequenced out of the cargo bay as the construction of each truss bay is completed. In 
either case, the MT is a critical element in the station construction and provides a high degree of 
versatility and redundancy to the process. 

MOBILE TRANSPORTER DEVELOPMENT AND TESTING 


Langley Research Center (LaRC) has conducted considerable research into the development and 
testing of an MT concept as an aid for in-space construction of large spacecraft. The 5-meter 
erectable truss was selected as the space station baseline structure, on the basis of using a mobile 
transporter as part of an integrated construction and servicing system. The in-house LaRC research 
program in large space structures assembly over the past 4 years has been focused primarily 
toward the space station truss to demonstrate the utility of an MT and to provide a test device 
which could be used to examine structural assembly problems and provide realistic training to 
p.'essure-suited astronauts (see references 19 and 20). An MT laboratory tost article, with limited 
capability, is shown in figure 12. This MT test article has an operable drawbar to index each bay of 
truss as it is completed and mobile foot restraints for each astronaut. The MT test article 
positions the astronauts With thoir heads toward the MT platfoi'm duo to l-g safety ccacc,',ss. T,hic 
is opposite to the preferred orbital orientation shown in the inset of figure 12. Relative motion 
betv/een the MT and truss structure is accomplished by supporting the MT and moving the lower 
mass truss. A test program for this device is detailed in reference 19. This test program 
investigated use of the MT to erect several bays of space station truss structure, including 
installation of the utility trays. 
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Laboratory 1-g tests were initially conducted at LaRC to provide equipment operational checkout 
and establish assembly procedures. Although these tests did not simulate 0-g, they did provide 
valuable insight into proper assembly sequencing and expected timelines. The 1-g tests did not 
include installation of the utility trays, since they were quite heavy. The entire test apparatus was 
subsequently moved to Marshall Space Flight Center (MSFC) and installed in the Neutral Buoyancy 
Simulator (NBS) tank. A series of assembly tests were conducted, including installation of the 
utility trays. The underwater test setup with the trays in position attached to the truss is shown 
in figures 13a and 13b. Average assembly limes of approximately 28 sec/strut were repeatedly 
obtained using well-trained engineers and astronauts to assemble three bays of truss. Installation 
of the deployable utility tray concept had a small influence on assembly time. 

IN-SPACE CONSTRUCTION OF LARGE SPACECRAFT 

Many of the proposed future space missions will require in-space construction of space spacecraft 
which are both large and massive. For example, a manned sprint mission to Mars would require two 
large vehicles; an unmanned cargo vehicle with a mass of several million kgm, and a manned sprint 
vehicle with a large amount of pressurized habitation volume. Similarly, establishing a manned 
lunar outpost will require large vehicles capable of ferrying cargo, people, and landers between Low 
Earth Orbit (LEO) and the moon. In addition to being large vehicles themselves, the components 
which make up the moon and Mars vehicles, such as aerobrakes, backbone trusses, landers, and 
pressurized habitation volumes will be large and massive. Unmanned missions, such as the Earth 
Observation Satellite (EOS) and Planetary Explorers, will require large precision structures 
(trusses, antennas, and telescopes), landers, sample return vehicles, and aerobrakes. The spacecraft 
required to accomplish many of these missions will be too large and massive to be placed in orbit by 
a single launch vehicle such as the space shuttle or even a heavy lift launch vehicle (see references 
21 and 22). Successfully accomplishing these missions will require the capability to construct 
large structures in low earth orbit. 

Affordable Missions Are Possible - A major impediment to pursuing bold new missions is the 
perceived ultra-high cost of constructing and operating large spacecraft in space. Due to their 
novel and one-of-a-kind nature, design and development costs dominate the total cost of current 
spacecraft. This is contrasted with civil engineering structures, where design and development 
represent less than 10 percent of the cost of large new structures. The major differences between 
these two approaches lies in the amount of off-of-the-shelf hardware used and the cost associated 
with construction. To make large spacecraft "affordable’, two technological advances must be 
made. First, generic "off-of-the-shelf* building blocks, which can be used for many different large 
space structural systems, must be developed. As the.se basic building blocks are developed and 
matured through demonstrations, the verification costs of missions using these building block 
structures will decrease substantially. Second, an integrated in-space construction system, where 
the basic facility structural framework also serves as construction scaffolding, as well as a 
roadbed for construction aids, must also be developed. The integrated construction system must 
also provide an optimum balance of automated construction and EVA operations to maximize 
reliability. 

Space Station as a Construction Facility - Space Station Freedom has been designed with all of the 
features necessary to be readily adapted into a completely integrated construction facility for large 
spacecraft. The 5-meter erectable space station backbone truss, in conjunction with the MT. was 
designed specifically to be used for such large-scale construction. The truss is not only expandable 
to meet all construction needs, but it can also serve as corrstruction scaffolding and a vehicle 
hangar, as discussed in reference 21. By outfitting the MT with robotic end effectors, this 
combination would provide a complete capability for fully automated construction operations. 
Considerable experience for constructing large spacecraft will be gained when building the space 
station in the mid 1990's. By capitalizing on this experience and taking advantage of commonality 
with space station hardware, considerable cost savings could be realized in constructing future 
large spacecraft. 


Dedicated Construction Facility - Although the space station would provide an excellent 
construction facility for other large spacecraft, the dynamic disturbances introduced during 

ulo \/vii9Uuv/iivii may iivii uo luiatouia. mo opavto otaiiuii wiii aiou uo an OApoiiiiioruai 

facility for a large number of continuous 0-g and observation experiments. If the disturbances 
are not acceptable for Space Station Freedom, a separate, special-purpose construction 
facility could be built using common space station hardware. Such a facility is shown in 
figure 14. This facility is built from the same 5-meter erectable truss hardware as Space 
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Station Freedom and would co-orbit with the space station to permit regular transfer of 
astronauts and equipment. The particular system shown in figure 14 was configured 
specifically for a large manned Mars vehicle. The truss shown in figure 14 is composed of 
1800 individual struts and weighs about 20,000 pounds. Extra-vehicular activity (EVA) 
construction time for the truss alone would be on the order of 30 hours. The relatively short 
time required to construct the truss (disassembly time would be about the same) means that 
this facility could easily be reconfigured for other missions. 

An important feature of this facility is the highly maneuverable space crane also shown in figure 14 
(see reference 23). This space crane, which is 100 meters long, would be used to transfer and 
position spacecraft components and material from the shuttle cargo bay into the construction site 
for assembly into a large spacecraft (i.e.. Mars vehicle). As with the construction facility truss, 
the space crane is constructed from the space station 5-meter struts. The rotary joint at the base 
is the same as the alpha rotary joint used on Space Station Freedom's transverse boom to track the 
sun. The MT is used to construct the crane in the same fashion that the space station truss was 
built. The MT is parked at the end of the crane and its 20-meter-long manipulator arm is used as an 
end effector. To minimize costs, commonality with space station hardware and procedures is 
maintained whenever possible. After use for a specific mission, the entire construction facility 
complex could be easily disassembled and restowed or reconfigured to meet the requirements of 
new missions. 

HIGH PRECISION REaECTORS 

One future mission being studied which requires on-orbit spacecraft assembly due to its 20-meter- 
diameter size, is a submillimeter-astronomical laboratory shown conceptually in figure 15 and 
described in reference 24. This device incorporates a near optical quality reflector surface, made 
up of precise segment each of which is actively controlled to maintain overall accuracy. The active 
control system requires an accurate, stable and stiff foundation which is achievable through the use 
of a truss structure. A schematic of the geometry of such a reflector is shown in figure 16. 

Reflector Assembly Method - The technique currently being examined for assembling the large, 
faceted truss reflector is shown in figure 17 and discussed in reference 20. A payload pallet, 
supporting a rotating spacecraft cradle, is shown in position at an appropriate location on the space 
station. The MT serves as a movable base, supporting and positioning astronauts to enable the 
assembly of struts, nodes and facets -- a supply of which is positioned nearby on the MT. As each 
"ring" of facets and supporting truss is added to the rotating assembly, the MT translates radially 
outward from the rotational center to permit the installation of the next ring. The cradle provides 
tilt, as well as rotation, to the reflector to maintain the construction site within reach of the MT 
and astronauts. The astronaut positioning capability of the MT is essential to efficiently assemble 
components of the reflector. 

Reflector Assembly Time - The reflector structure shown in figure 16 contains 789 tubular struts, 
each approximately 2 meters in length; 198 nodes; and 90 precision hexagonal facets, approximately 
2 meters in diameter. Based on past experience (references 12 and 13), the struts and nodes alone 
could be manually assembled in approximately 3.5 hours by two astronauts or in 6 hours by one 
astronaut. Installation of the 90 surface facets and an active control system wiring harness could 
add considerably to this time. Figure 18 shows estimated assembly times for the truss and facets 
as a function of the time required to install one facet and its associated wiring. The vertical 
estimation band (solid lines) for strut construction times is based on actual one-man and two-man 
test experience to date in either neutral buoyancy or on-orbit truss construction. It is noted that 
the orbital EVA assembly rate which was achieved during the ACCESS fiight test using similar size 
struts (reference 13) was approximately the same as that achieved during neutral buoyancy tests. 
The horizontal estimation band (dashed lines) for panel installation time is the result of 
considering various EVA facet/wiring installation methods with or without RMS assistance, and 
estimating the installation time for each method. The overlapping bands bound the best estimate of 
EVA time required to assemble the reflector portion of this submilli.meter astronomical laboratory. 

As can be seen in figure 18. the fastest reflector assembly times are achieved with two astronauts 
v/iiiiout RMS facet installation assistshco. It is also noted that EV.A assembly of the truss, with a 
high part-count (789 struts and 198 nodes), requires only a fraction of the total assembly time (14 
percent). The 90 reflector facets represent the smallest part-count, but due to their nature (size, 
cortiplexity and fragility) require the majority of the estimated reflector assembly time (86 
percent). Assembly times for other parts of the entire spacecraft will have to be added to the time 




shown in figure 18 as designs and assembly techniques for these components are developed. These 
assembly times are estimates and need verification by neutral buoyancy tests. 

CONCLUDING REMARKS 

In this paper, the types of equipment and structures that will be required to construct very large 
spacecraft in space are discussed. Although considerable research has been conducted on developing 
various structures for space, very little effort has been applied to the development of on-orbit 
construction methods. One of the basic issues that must be resolved is the appropriate mix of 
humans and machines in the construction process. While the use of robots offers the potential for 
reducing the number of EVA hours required for particular consiruction operations, the availability 
of humans greatly increases the reliability of complex construction tasks. A hybrid system is 
described which makes the best use of man and machine to provide a highly reliable and versatile 
construction approach. Such a system will provide an efficient method for constructing large 
spacecraft until fully automated, robotic devices can be perfected. Details are given on an 
extensive ground test program which was designed to evaluate and demonstrate large spacecraft 
construction. The results of these tests have shown that large spacecraft can be rapidly and 
reliably constructed. 

The Space Station Freedom has incorporated all of the basic design characteristics to permit its 
growth into an in-space construction facility far constructing very large spacecraft. However, 
since numerous 0-g and precision pointing experiments are onboard the station, a dedicated, co¬ 
orbiting construction facility may be reouired. Such a facility is described which could be built 
using truss hardware and systems previously developed for the Space Station Freedom program. The 
facility includes a 100-meter-long space crane which is used to position and assist in the 
construction of large spacecraft components. 

An in-space construction scenario is presented for a 20-meter-diameter high precision faceted 
reflector. It is estimated that this reflector, which consists of 789 truss struts and 90 reflector 
facets, can be constructed in-space in about 30 EVA hours using the appropriate construction aids 
on the Space Station Freedom. 
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Figure 18. Estimated construction time for 20- 
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ABSTRACT 

During the Space Station Freedom building phase (i.c., from the 2nd to the 16th dedicated Shuttle flight) the 
major assembled item will be the main truss. A characteristic of such a physi-cal body is that one of the principal 
moments of inertia is much smaller than the two others. Due to the gravity gradient torques, the stable equilibrium 
configuration is that with the minimum inertia aligned with the local vertical (yaw). Nevertheless, due to some user 
requirements, the planned building sequence imposes the same axis be pointed toward the pole of the orbit plane 
(pitch), in a configuration unstable at least in roliyaw. Therefore, the Attitude Control System (ACS) has to be 
designed in such a way as to counteract the gravity gradient effects as well as the relatively small environment 
perturbing torques. 

The study presented here (performed by Aeritalia under an ASI contraet) was aimed at the investigation of the 
dynamic behavior of a system whose moments of inertia arc substantially altered by means of the displacement of a 
certain amount of additional mass connected to the S.S. Freedom by means of one or two tethers. In this new 
configuration, the gravity gradient torques act on the whole system as restoring ones. This stabilization method has 
the fundamental advantage of being simple, low-cost and, at least in principle, passive, thus preventing the expense 
of the amount of energy required by an active control system. 

The expected benefits and the potential disadvantages of the method will be discussed. The configuration 
selection (i.c., the two options, single or double tethered system) rationales will be analyzed, especially taking into 
account the operational aspects. A description of the relevant assumptions of the adopted dynamic model and an 
analytical deduction of the stabilHy criteria shall be ^ven. The results of an ad hoc developed computer program 
will be shown. The dynamic response of the system during non-nominal operative conditions (e.g., shuttle docking, 
tether imbalance, sudden tether cut) have been analyzed in order to provide a complete assessment. The additional 
disturbance to the station attitude both due to the presence of the tethered system and to the probability that the 
tether is severed by micromctcoroids or man-made debris will be computed. The analyses performed thus far, show 
that the method guarantees the stability around pitch and, properly sizing the involved physical-geometrical 
tcth-cred paramc-ters, the stability around roll-yaw. 

In addition, during the building phase numerous substantial changes in the moments of inertia of the S..S. 
Freedom arc planned. In these eases, the approach discussed in this paper permits a very versatile intervention 
strategy. In fact, it will be shown that a new stable configuration can be achieved by adjusting the tether length, the 
ballast mass or the length of the deployer boom. Since no critical areas have yet been identified, the approach can 
be judged highly feasible. 

INTRODUCTION 


The rationale for the current configuration of the S.S. Freedom is to provide an improved location for 
microgravity laboratories and for Earth and sky observation. Unfortunately, when using standard stability 
techniques for a rigid body the inertia ratios arc such that the Freedom becomes unstable in roll-yaw due to the 
presence of the gravity gradient torque. This, in turn, penalizes the Attitude Control System (ACS) in terms of 
energy and fuel to balance the effect. 

This aspect is even more critical during the assembly phase (i.e, between the 2nd and 17th dedicated Shuttle 
fiiglit) when the major component of the .structure, the main truss, has one of the principal moments of inertia 
(pitch) much smaller than the two others (roll and yaw), in a very unstable configuration. 

Operational and fuel budget constraints suggc.st adoption of passive or, at least, semi-passive solutions which 
are simple, relatively low-cost and capable of minimizing the dynamic no'se of the gyros on the microgravity 


experiments. 

In principle, an appealing way to satisfy all these requirements would be a tethered system able to produce an 
addiiinnal siabilizlng g.>'av!!y gradient torque. The tethered system can be helpful even when the Matiun iias reached 
its definitive configuration. In fact, at that point it might be utilized to perform other activities, such as the active 
control of the center of gravity position in the microgravity laboratories. 



(*) Now with Space Software Italia SpA (SSI) 
(#) University of Padua 
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The purpose of this paper is the investigation of the performance of such a means of attitude control. The 
relevant literature shows ;hat several configurations of the tethered system could be considered. However, only the 
simplest ones (i.e., those with one or two tethers) will be analyzed here. 

A good solution in terms of simplicity, low cost and minimum interface with the Freedom appears to be the 
configuration with only one tether. In fact, the promise of this solution was demonstrated by showing that tethered 
ballast mass can stabilize the station, at least, in pitch, if a proper lever arm acting along the yaw axis is applied in 
order to improve the restoring gravity gradient torque value. 

However, a serious limitation of the one-tether configuration is due to its inherent geometrical requirement: 
the tether attachment point to the Freedom must be located on the loc^l vertical passing through its center of mass, 
thus avoiding static gravity gradient torque which disturbs the horizontal equilibrium. Unfortunately, the area 
around this point is the focus for a variety of operations, including Shuttle docking and EVA. 

The second handicap is the displacement of the center of mass (c.o.m.) of the whole structure toward the 
ballast mass that deteriorates the static micrograwty quality level in the laboratories. An obvaous alternative 
configuration would be a double-tethered system with the following major features: 

a) equal tethered end-masses deployed one upward and one downward; 

b) equal tether lengths; 

c) attachment points located in an adequate symmetrical position with respect to the out-of-planc positions, 
far from the geometrical center of the station. Apart from any consideration about the stability problem 
which will be discussed later, such a configuration is of static equilibrium and nullifies both the resultant 
gravity gradient force and torque supplied by tethers. 

In regard to the displacement of the attachment points discussed in point c) above, if one takes into account 
the horizontal attitude of the Freedom, the most logical solution appears to be the one with the offset chosen along 
the pitch axis. However, several other candidate solutions will be analyzed in depth. 

THE MATHEMATICAL MODEL 

The problem of modeling the proposed tethered system is quite complex for a variety of reasons. In fact, even 
ignoring aspects such a.s tether elasticity or the perturbations on the Freedom’s orbit, a complete mathematical 
model simulating its rotational dynamics and the two tethered masses would be a system with 7 degrees of freedom. 
A step-by-step approach has been adopted in order to give an assessment of the relative merits of the solution and 
a judgement of feasibility. Even if at a conceptual level, the first step must employ an analytical approach in which 
the equations of motion arc linearized based on the assumption that both angular displacements of the Freedom 
and the libations of the tether system/s are low enough. 

As a second sicp, an ad hoc model has been developed. Thus, some reasonable simplifying hypotheses have 
been adopted, in order to gradually gain insight into several aspects of the problem: 

• the S.S. Freedom is a rigid asymmetric body rotating on a circular unperturbed orbit; 

• the S.S. Freedom is also equipped with control monient gyros; the only external torques taken into account 
are those originated by the gravity gradient; 

• the actions of the tethered masses arc simulated as external forces. This is actually quite restrictive because 
it means ignoring the librations of the tethers. On the other hand, just the coupling of the tether dynamics 
and the Freedom’s stability substantially expands the dimensions of the simulation system. 

• the tethers are rigid and massless 

• the c.o.m. of the whole structure is coincident with the c.o.m. of the Freedom which is reasonably true in the 

case of the doublc-tcthcrcd system. _ 

Referring to Fig. let (0, ci,"^, es) be the orbital reference frame with its origin at the Freedom’s c.o_mi.j^l 
parallel to ascending local vertical, c 2 along the orbital velocity and 03 toward the pole of the orbit. Let (0, at , 03 , 
33 ) also be the principal inertia system of the Freedom with principal moment of inertia It, I 2 , l 3 - The rotation 
sequence is shown in Hg. 1 where 0i, 02,03 arc the yaw, roll and pitch angle respectively. 

To describe the attitude of the station the equations of motion used arc those commonly employed for a simple 
gyrostat consisting of a rigid body and an axisymmctric rotor whose axis and mass center arc fixed in the ri^’d body 
frame. 

A series of simplifying assumptions have been adopted for the scope of this preliminary assessment: 

• because the axis of minimum inertia moment of the main truss is directed toward the orbit normal, it has 
been assumed that the rotor axis is directed along the same direction; 

• the angular velocity of the rotor has been assumed constant, based on its being motor-driven ( a); 

e the cxtc.“r,l torque i.s the sum of iwo pans, the gravity gradient torque and the control torque provided by 
the tethered systems. Therefore, in our case, the equation; of motion are: 


(*) See Figures and Tables at end of paper 
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/2<W2“(/3~/i)<«1«)3+70U), +Mg2* M,2 W 

/3<«3“(^1“'^2)‘«1«)2+A<j3 + /Vf,3 

where (ii is the angular v "»or of the station and Mg and Mt arc respectively the gravity gradient torque and the 
torque provided by the tethered system. The components of the gravity gradient torque arc: 

Mg^ =3ft^(/2-/3)cosO2sin03Sin02 

Mg2 = -3/i^(/3-/i )cos02cos03sin02 ( 2 ) 

Afj3 = 3ft^(/i -/ 2 )cos^ 02 cos 03 sin 03 

Considering that the tether attachment points arc far from the c.o.m., both direction and magnitude of the 
gravity gradient forces acting on the displaced masses must be determined. Referring to Fig. 2, the component 
alung the local vertical is: 

F gg = 3n^zm (3) 

where z is the relative displacement. The component along the out-of-plane direction is: 

Fgy = -Ji'^ym (4) 


y being the relative displacement. The component along the in-plane direelion is zero. The equilibrium 
condition for the tethered mass is: 

=0 (5) 


or: 


3 r^(z+ d)sin<{)- - isin< 5 ))cos<j) 


( 6 ) 


where I is the tether length, 4) is the lilt angle, b the offset along the truss and d the lever arm length. It can be 
pointed out that the tilt angle ({> is very small due to the ratio between b and I. 

Summing up, the force acting on the station can be written as: 




i 
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f ^“/nR^[3(fcosi|) + d)e, -(b- isini{))e3] 0) 


The in-plane offset of the tether attachment point docs not affect the gravity gradient torque. 

In order to asses the correct expression of the torque applied to the station by the tethered masses, a 
distinction between single or double tethered systems is necessary. 

As mentioned before, the onc-tether solution imposes the requirement of having the attachment point on the 
same local vertical of the c.o.m. of the station. Moreover, a boom is essential to exploit the force produced by the 
gravity gradient as restoring torque. This torque Is; 


= 0(02^2 ■*^63^3) (8) 

The two-tether configuration offers more flexibility. The advantages arc evident: the torque is zero in the 
configuration of equilibrium and no static acceleration is induced. The attachment points can be moved anywhere 
on the space station. Even if locations around the end of the main truss seem to be the best, at least in terms of 
simplicity, no particular a prin-i reason inhibits the moving of the attachment points along the roll axis. 

In principle, the transversal dimension of the main truss could provide the required lever arm, but a previous 
assessment (2) shows that a longer external boom (about 10 m) allows the stability goal to be achieved with a 
relatively short tether and a sufficiently light ballast mass. If the two tethered systems arc assumed to be located in 
proximity to the joint (at distance b from the c.o.m.) the expression for the applied torque is: 


X?, = 2mn^<3/4b^0,a,-*-[3/4b*-3d(d+O]6jOj-3ci(d+O6$a»> 

(9) 


(9) can be reduced to (8) if the conditions b -► 0 and d < < 1 arc applied. 

PRELIMINARY STABILITY ANALYSIS 

Linearizing the equations (2) and introducing (9) in the (1) the equations of angular motion of the station, 
become: 




e,+[i:.(i -7//,(f]0,+ <4/ir,R' + s/ //,tf ft-6ffZR'/,[6V4-ct (ct + d)]> e,=o 


63 + 3n^[-K 3 + 2 // 3 mdCl+ d )]03 = 0 


( 10 ) 


where: 




( 11 ) 


(10) can be considered of genera! applicasion, due to the presence of both the contro* luOmcnt ^tos and the 
double tethered configuration effects. For simplicity of notation, system (10) can be rewritten as: 





27-5 


9, ■! a,iG, + a,202 = 0 

02-"a22e2-*- a2ie, =0 

^ ^33®3 “ ^ 


( 12 ) 


where the known features of the gravity gradient stabilization can be recognized. In fact, pitch is uncoupled 
with roll-yaw. The condition for stability in pitch is: 


2mdil+ d)>(/, -/a) 


(13) 


If one keeps in mind the truss configuration where ly is more or less equal to Ir, it is easy to satisfy this 
condition using a relatively short tether and/or small masses. 

Roll-yaw stability requires that the roots of the characteristic equation; 


S^ + Ca,, + 022-«i2a2i) +5^ + 0,1022 = 0 

where s is a complex number, have to be negative. In turn, the following inequalities must be satisfied; 

O 11 Ct 22 ^ 0 

011022 - 01202 , > 2 ( 01 , 022 ) 

For an initial analytical approach, some simplifying assumptions arc sufficient; 


1/2 


(15) 


/l *=/2*‘/./3«/-»/C, = l,/(2 =- 1 

b« (.d« M d(d+ O^dl 

and then terms depending on b^ are ignored. 

If the control moment gyros are not active, the first of (15) gives: 

mcll<2I/3 

whereas the second gives the further condition: 


mcil> //2 


Thus, the final roll-yaw stability condition is: 


I <2indl<^/3} 


(16) 


(17) 


(18) 


(19) 


An equivalent expre-ssion for the one-tether configuration can be found, simply using a double value of the 
product m d 1. 
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Based on NASA data, a possible strategy for station assembly was hypothesized in order to have some figures 
for the major parameters needed to verify the stability of the station. Table 1 summarizes them for three different 
configurations after, respectively, the 2nd, the 6th and the 11th dedicated Shuttle flight. Based on this table, it is 
evident that condition (16) was a reasonable assumption. Quantitatively, assuming an average value for these two 
principal moments of inertia, the conditions of stability capable of satisfying (13) and (19) can be found. They are 
summarized in the last column of Table 1, where the range of the tether lengths which satisfy, in particular, (19) arc 
shown. In fact (19) and (13) demonstrate that stability depends on the value of the product model not on its 
indi'/idual factors, thus increasing the system flexibility. In principle, once the boom length has been fixed, it is 
conceivable to change both m and I, but it seems more practical to increase I. Following this rationale, the values of 
the last column of Table 1 have been obtained assuming, respectively, for the three Shuttle flights; 

2nd :I = 3.1 lO'^kgm >> 

6th : I = 3.6510^ kg m > > 

nth: I = 9.8 lO’kgm >> 

Moreover, the tethered mass value and the boom length have been assumed to be, respectively, 1000 kg and 
10 m. 

Looking at the results of the analytical approach it seems that the following conclusion can be stated: the same 
tether length can satisfy the stability condition for quite a long period. 

Unfortunatciy, the results obtained with the computer program utilized change this scenario a little. In faci, 
with the same assumption, the tether length has been used parametrically in the range of stability, in accordance 
with (19). It has been assumed that the system was out of nominal condition due to an angular displacement in roll 
of 1 degree. The results obtained are shown in Fig.’s 3 and 4. When the tether iength is around the lower bounds of 
the range (1500 m) a certain further angular displacement has to be reached before the tether systems begin to act 
as restoring components. On the contrary, when the tether length is around the upper limit the reaction is 
practically immediate and the phenomenon results bounded within the initial value of the disturbance. It is 
worthwhile to point out that no dumping effects have been taken into account, so the obtained results arc, in this 
respect, conservative. In the same figures the behavior of the tethered system, in both the in-plane and out-of-planc 
components, arc shown and their weak coupling with the station attitude is understandable. 

On the other hand, a high level of accordance with the results of the analytical approach were found in terms 
of the identified stability range. Fig.’s 5 and 6 show that for length higher or lower than that previously shown in the 
table, the dynamic behavior of the system is unstable. 

The assessment of the roll-yaw frequencies can be given too, by using an analytical approach. With the same 
above-adopted assumptions, (15) can be rewritten as; 

l)(A)'-a'(p-4) = 

where: 

= -s^,^ = tmdU I 


The condition (19) now has the form: 


3<13<4 


0 ( 20 ) 

( 21 ) 

( 22 ) 


The roots of the equation (20) are coincident and equal to the mean motion n (in case p = 3) or one drops to 
zero while the other is equal to V3 n (in case of p = 4). In the intermediate cases, one of the frequencies is less 
than the mean motion, while the others range from n to V3 n. As a quantitative example, if the value of p is 7/2 the 
two characteristic periods arc: 

T1 = 11900 sec and Tz = 3700 sec 

The iiumerical approach has completely confirmed these results. For a cost/benefit analysis, the amount of 
angular momentum that must be stored in the c.m.g.’s must be assessed. (20) is rewritten dropping the components 
due to the tethered system. In this case the coefficients of (15) arc: 
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a,, =-n^ + an^ 
a ,2 = -2n+ an 


ctai “ ® 12 
0 22 = “4a^ + 


(23) 


where: 


a = (Jo)/(/A) 


(24) 


The characteristic equation is again (ij) and both (16) must be satisfied. The first condition expressed by (16) 
is satisfied if: 

a < 1 or a > 4 (25) 

while the second corresponds to: 


a ,, + «22 + a ?2 >0 

(a,, + a22-^a?2)>4ana22 


(26) 


The first of (26) gives: 

a > 1 + V2 or a < 1 - V2 (27) 

while the second implies the solution of the fourth order algebraic equation: 

f(a)= a‘^-4a^-2a^+24a-15>0 (^8) 

which is positive for 
a < - 2.35 or a > 0.72 
Thus, the stability conditions arc 
a < - 7/3 a > 4 
or: 

Jo < - 7/3 In or lor > In (31) 

In regard to the value of Table 1, this means that, after, for example, the 11th Shuttle mission the amount of the 
angular momentum that has to be stored in the c.m.g.’s must be larger than about 2.610^ kg/sec. 


(29) 

(30) 
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ATMOSPHERIC DRAG TORQUE 

The biggest continuous external disturbance exerted on the space station is the torque due to atmospheric 
drag. The drag force has the form: 


F, = -l/2Ci)Av\v\= F,e2 


(32) 


where v is the velocity along the flight direction. If P(x,y,z) Is the center of pressure in the principal system of 
inertia of the space station, the drag force is: 


(33) 

and the new dynamic equations are similar to (10) plus the terms which come from (33). In the configuration 
of static equilibrium the angles arc: 

Q^=-F,z/i-K^n^J + Jall-F,y) 

02 - -F,(x0, + 2:e3)/(4/C2n^ +JtJn+6mn^dZ) (34) 

= -/r^x/(- 3 /C 372^/3 + 6/nft^di-Foy) 


A preliminary assessment of the involved parameters is summarized in Table 2, where a double tether system 
has been analyzed with the above-used x,y,z parameter values obtained from a NASA source. The values of the 
angles were obtained without inclusion of inertial wheel effects. They appear well within the dead band of the 
Freedom’s attitude control system. 

The role played by the tethered masses can be seen as follows: 0i is not affected by the tethered system and 
the main restoring yaw torque is provided by the Freedom’s gravity gradient. O 2 is negligibly small and depends on 
the other two angles. 03 depends on the other two angles. O 3 is small enough, as can be seen in Table 2, due to the 
tether effect. In fact, the first term of the denominator of the last of (34) is low due to the above discussed low value 
of the term: 


3^ 3 ~ ^ l ^2 


(35) 


and thus 63 can be reduced to the desired value ’’timing” the terms due to the tethered masses gravity gradient. 
Fig. 7 shows the behavior of the station in roll-yaw when the terms due to atmospheric drag arc included. 


A number of out-of-nominal conditions have been analyzed: Shuttle docking, tether imbalance and sudden 
configuration change due to tether cut. These conditions do not appear to be particularly critical for the system. 
I2vt.il vvhtii the tcliivi Ib cUt tulcfomctcuiulub ut ucblib (thv piubabitlty uf liilb utArUifence Cuil bc fCuUCCu by 
properly sizing the tether diameter), the time available to intervene by means of a backup control system is quite 
long (see Fig. 8 ). 
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CONCLUSIONS 

In the paper, attention has been focused on the attitude stability of the S.S. Freedom by means of tethered 
systems. The results of the analysis of the linearized equation system demonstrate that the concept deserves further 
attention. Proper values of the product m.d.l. can ensure the stability of the station attitude both in pitch and in 
roll-yaw. The basic model simulates a rigid station subject to a number of external torques, the actions of the 
tethers being one of them. 

Preliminary analytical results are encouraging and a preliminary assessment, done by means of an ad hoc 
program, confirm the usefulincss in continuing the investigation of the concept. The results can be summarized as 
follows: 

a) Tethered systems can stabilize: the angular degrees of freedom of the space station if properly sized 

b) The impact on space station operations is acceptable if the configuration with two tethers is adopted. 

c) Tether breakage, which can cause extreme shifts in the station’s attitude, impose the need for an active 
control system aboard as backup. 

d) Perturbing effects arc well within the attitude requirements. 
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Summary 

The paper describes a fairly general methodology developed to simulate the deployment of large 
flexible space structures using the finite element concept. Three simulations of structural deployment 
are presented to demonstrate the effectiveness of the method: an elementary cell of astromast, an 
elementary cell of the ERA structure and a 3-D antenna. 

1 . Introduction 

The difficulties associated with the simulation on earth of the deployment of large space structures 
has motivated the development of adequate numerical tools to complement the experimental set-ups 
that can be designed and tested. 

Kinematics and dynamics of multibody systems is the engineering discipline v/hich allows to per¬ 
form computer simulation of such systems. It has evolved extensively during the last ten years, and 
computer codes now exist such as ADAMS and DADS [8], mainly based on the cartesian coordinate 
approach, which allow to simulate the motion of systems made of a relatively large number of inter¬ 
connected rigid bodies. However, these codes do not address in its whole generality the problem raised 
by the large flexibility effects and possibly, the geometric nonlinearities which characterize the large 
structures to be deployed in space. 

The present paper focuses on an alternative of the cartesian coordinate approach which relies upon 
the finite element concept and therefore, incorporates in the most natural way the elastic effects which 
may play an essential role in the deployment of large space structures. The finite element concept 
together with an appropriate description of finite rotation allows arriving at a methodology where rigid 
bodies and elastic members, mechanical joints, active and passive mechanical devices are just elements 
of a large library of mechanical components which may be assembled according to an arbitrary topology 
to represent a complex multibody system. 

This methodology has been applied with much success to the analysis and simulation of many 
flexible articulated systems, including existing space structure projects. 

The first example to be presented is the deployment of an elementary cell of astromast (K-bcam 
design). It is an over constrained design whose deployment is rendered possible by the elastic deformation 
of the members. It will be shown how effectively the deployment of the experimental set-up may be 
simulated numerically using the proposed methodology. 

The second example is the deployment of one cell of the ERA structure designed by Aerospatiale 
in the framework of the french participation to the MIR project. Emphasis is put on the difficulties 
raised by the simulation of the nonlinear springs providing the deployment energy to the system. 

The third application is the deployment of a 3-D antenna, for which emphasis is put on the 
effectiveness of substructuring methods to incorporate properly the dyn.ainics of i.arge, flexible panels. 

2. Finite rotation description 

Numerous techniques exist to represent a finite rotation in space which have each their respective 
advantages and drawbacks. The main criteria to be considered for selecting an appropriate formalism 
are fll 

\ I 
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- their physical meaning; 

- the number of parameters involved (3 or 4); 

- their algebraic properties; 

- the treatment of singularities; 

- the associated composition law for successive rotations. 

According to these criteria, the system of parameters that we have selected is the set of 3 parameters 
formed by the cartesian components of the rotation vector 

® = n $ (1) 

where n represents the instantaneous rotation axis (figure 1), and ^ is the rotation amplitude about it. 



Let us recall that the exponential form 

R = 1 + $ + + •■■ = exp(5) (2) 

allows constructing the rotation operator R in terms of the vector (1), w’.ere 9 is the skew-symmetr;» 
matrix made of the components of ® ($,•/ = 'ft) . If one denotes by 0 the material rotation 
increment, i.e. expressed in a referential frame attached to the moving and/or deforming body, the 
incremental rotation is then expressed by the matrix 

5R = R 5© (3) 

and the material rotation increments are themselves related to the finite rotation parameters by a linear 
relationship of type 

«© = T(f) (4) 

Equation (4), which forms the basis of the adopted formalism, allows computing the angular velocities 
with a similar relationship 

n = T(f) f (5) 


3. Bcnm representation of elastic members (2,8] 


The appropriate description of flexible truss-like members during a development phase requires in 
many cases the use of a beam formalism which incorporates properly the geometric nonlinear effects 
such as geometric stiffening. It is therefore essential to rely upon a true nonlinear beam theory. The 
basic kinematic assumption adopted is summarized by the following equation 

x = xo+X/t/, 7 = 2,3 (6) 

whore xo(£) represents the position of the beam neutral axis in the global reference frame. The base 
vectors t; are attached to the beam cross section and therefore, give ‘he instantaneous orientation of 
the material frame R. Note that the shear deformation is implicitly allowed by eqn (6). The bending 
and twisting deformations are obtained by calculating the curvature tensor K in terms of the current 
parameter s along the beam neutral axis (observe the similarity with the angular velocity expression). 
The cartesian components (/fj.iifj,/^) of the associated vector K have then the meaning of twist and 
bcndi.'g deformations. Similarly, the axial and shear strains are obtained by calculating the deformation 
of the centroid al line 


’dxo 


-El) 


'■ = {“' i. 

The variations of both expressions arc given respectively by 

d6& 
ds 


5K = 


-l-K X 5© 


( 7 ) 


( 8 ) 


2 S -3 


and 

ST = 4, (r^^) X 6Q (9) 

Both expressions are then used to construct the virtual work expression 

Svin, = j (N ■ ST-bM ■ SK) da (lO) 

•/(o.H 

where M et N are respectively the twisting and bending moments, the axial and shear stresses on the 
current cross section. Similarly, the kinetic energy contribution of the beam is 

^’ = 7 / (m(a)xo-Xo + n-n(s)n)(fs (11) 

2 J[O.L] 

where m{s) is the mass per unit length, and H is the inertia tensor of the cross section. From (ll) 
it is obvious that the main contribution to the inertia matrix of the system, which comes from the 
translational part, is expressed in terms of global coordinates and therefore, provides a time-independent 
contribution to the mass matrix of the assembled system. The finite element discretization of eqns 
( 10 , 11 ) is then based on a linear interpolation of both displacements and rotation parameters 


( 12 ) 


Xo(s) = Ni{s)xoi 

*( 3 ) = 

where Xo/, 9i are the nodal values of position and rotation parameters, Ni{a) is the linear interpolation 
function corresponding to node / , and summation is extended to the two nodes of the element 


4. Kinematic constraints (4) 


The formulation of kinematic constraints and their appropriate numerical treatment is one of the 
key issues for dynamic analysis of multibody systems. 

In claasical dt/namica, it is usual to distinguish between two classes of constraints, namely holonomic 
and non-holonomic constraints. 

Every constraint which can be expressed as an implicit function of the generalized degrees of 
freedom of the system, and possibly of time, is of holonomic type 

$(q,t) = 0 (13) 

Most kinematic constraints which describe mechanical joints and transmissions fall into this category. 

Among the non-holoncmic constraints, further distinction between two subclasses has to be made: 

- The bilateral constraints which involve further dependence with respect to velocities 

Vp(<i,q,0 = 0 (14) 

It can be shown that such constraints are behavior constraints, since tliey do not reduce the number 

of possible configurations of the system but merely restrain the possible ways to arrive to them. 

The rolling constraint is certainly the most popular constraint of this type. 

- The unilateral constraints which are generated by mechanical contact: 

^(q,0 > 0 (15) 


They are mainly characterized by the fact that the number of degrees of freedom of the system 
may vary during motion as it generally occurs in the deployment of space structures. 


Holonomic constraints of type (13), which are the most frequent ones, may be included in the func¬ 
tional of the problem using the augmented lagrangian method. It consists of expressing the stationarity 
of tlie functional 

r(q) = 7(q) - A-$ -f- p/2||$|r (16) 

where 7(q) is the functional describing the behavior of the unconstrained system, A is a set of lagrangian 
multipliers and p is a penalty factor. The only role of the penalty term is to improve the numerical 
conditioning of the system. 


In a Newton-Raphson context, both terms involving the constraint generate contributions to the 
out-of-balance forces and the tangent stiffness matrix of the system 




S = 


f -.ns’’ ~kB 1 

[~kB^ 0 J 


(17) 


( - fcAl) 

\ ■ / 
where B is the Jacobian matrix of the constraints. 

The bilateral nonholonomic constraints of type (14) may be treated in a somewhat similar manner. 



28-4 


As a consequence of the fact that they involve relations between velocities, they generate a pseudo¬ 
dissipation function in the system and therefore, contribute to the damping matrix. 

The library developed so far in the MECANO software allows modeling kinematic constraints of 
various types: 

- hinge, prismatic, screw, cylindrical, spherical and planar joints which are often classified as lower 
pairs according to their common property of generating surface contact between members. 

- higher pairs such as the universal joint and a curvilinear slider. 


rolling contact. 



Figure S: Hinge joint. 


For example, the hinge joint (figure 2) is expressed by the following relationships 

$ 1 , 2,3 = Xa -xb = 0 

$4 = = {^AU,){'RDe,) = 0 (18) 

$5 = C = (R4/l.)-(R£lf3) = 0 

$ 1 , 2,3 express the fact that dispiacements on both members arc the same at the point of contact, .in a 
finite element context, they are handled in straightforward manner through finite element assembly. $4 
and $5 express the orthogonality of two axes attached to the members at the point of contact. They 
have to be incorporated using the augmented lagrangian technique. 

5. Dynamic substructuring for articulated flexible bodies [C] 


Let us consider the case of a single flexible body for which the small displacement assumption 
holds in a dynamic (e.g. body attached) frame. Then, the complex geometry of the body can easily 
be handled through dynamic substructuring by making use of the modeling capabilities of any linear 
dynamic finite element package, and the resulting model integrated next in the model of the multibody 
system. 


The underlying hypotheses are the following. Let us express the positions and rotations at any 
node of tlie model as the superposition of the arbitrary motion of a reference node on the body with a 
local, small deformation field: 

/ Xi \ _ fxo -f Ro(X,--i-u,) \ 

- \ $ 00 ^, / 

where Xo is the position of the master node on the body; Ro,$o is the rotation at the master node; 
X; is the relative position of node t with respect to node 0 ; u; is the displacement of node t in the 
local frame ; is the angular displacement of node t in the locai frame. The symbol o expresses the 
composition of two successive rotations. 


The deformation of the body is restrained next to a finite series of assumed modes which may be 
computed in various ways, giving rise to several possible methods for dynamic substructuring. In what 
follows one will assume without loss of generality that constrained vibration modes are used, just as 
proposed by Craig and Lampton [6] in their component mode method for linear systems. 


Xi \ _ / Xo + Ro(X,- + $.y) \ 

$./ ~ \($Orc/U$0.„c)o($.y)/ 


( 20 ) 


where $,• are the shape functions evaluated at node t ; y is the vector of generalized amplitudes. 


The vector of gencialized amplitudes is then partitioned into boundary and internal degrees of 
freedom 
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The strain energy of the flexible body can be expressed in the form 

JT.-n, = ■5 y Sy 


( 22 ) 

where the reduced stiffness matrix S is obtained tlirough projection of the original matrix on the modal 
basis adopted 


S = = 


-’DD _ 

0 S, 


(23) 


The variation of the flexible body parameters Sy is calculated in terms of the superelement generalised 
displacements q by 

Sy = r 6q (24) 

withq^ = xS yj). 

The strain energy is derived next with respect to the q to obtain the expressions of internal forces 
and stiffness matrix 


G,„, = T’^Sy 

S = t’’st 

*up 


(25) 


A very simple approximation to the inertia forces is constructed on the basis of a lumped mass 
assumption 

N 

G ifi«r — nai'Xi 

1=1 

where summation is performed on the N nodes of the body; the matrix B, is a function of the current 
configuration; m, represents the concentrated mass at node i; x, is the acceleration at node t, and is 
calculated by making the small displacement assumption in tiie local frame 

Xi = xo + Rn(0(( + Ao)Xi + 211000111 + R 0111 
where u(,ii,, the velocities and accelerations of node t in the local frame, are given by 

111 - = y 
ii; = $,• y 

Finally, tlie mass matrix of tlie superelement may be expressed in tlie form 


M. 




(26) 

(27) 

(28) 


0. Simulation examples 

6.1 Quasi-static deployment phase of an astromast cell 

The system considered is an elementary cell of astromast of triangular cross-section, and designed 
as an articulated flexible system. Each cell of the astromast (fig. 3-a) has three longerons and three 
diagonals; , vo successive cells are interconnected through a triangular batten. At each vertex of the 
batten is attached a rigid body to which the longerons and diagonals of two adjacent cells are intercon¬ 
nected. The members of the battens are rigidly connected to the corner bodies while the longerons and 
diagonals are hinged to them. 

In order to permit folding, the diagonals arc also hinged at their mid-length. The design is such that 
the folded and unfolded configurations are nearly stress-free, while the system structural hypcrelasticity 
IS such that significant axial twisting and bending stresses are observed during deployment. A slight 
initial prestressing is imposed to stiffen the deployed configuration by appropriate shortening of the 
diagonals. 

A videotape exists v/hich displays the deployment of a two-bay experimental setup. It will be used 
at the oral presentation to hi-lp at understanding the mechanical behavior of the system and compare 
it with the simulated one. 

The system symmetry has been used to limit the simulation to one cell. The model numbers 72 
finite elements (51 beam elements, 6 rigid bodies, 15 hinge joints) to model the physical components 
and 7 additional constraints to control the motion of the system. The model numbers a total of 391 
DOP. 

Figure 3-a displays the reference configuration (dashed line) and the prestressed initial configura- 





! 
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Figure S. Kineto-elailo-itatic of a deployable asiromasl cell, 
(a) inilial and reference configurations 
(b), (c) el (d) unlocking, intermediate and final configurations 
(e) top view of final configuration 
(f) bending and twisting moments in vertical longerons 


tion obtained after mechanical assembly. The unfolding phase is tlien simulated in two displacement- 
controlled steps: 

a. In order to unlock the mechanism, the mid-diagonal nodes are moved inwards and normally to the 
lateral faces (fig. 3-b). 

b. The vertical displacement of the upper batten is controlled next up to complete folding (fig. 3-b, 
3-c, 3-d). Figure 3-e displays a vertical projection of the final configuration. Figure 3-f shows an 
example of stress results. It displays the evolution of bending and twisting stresses in the longerons 
during folding. 

This kineto-elasto-static simulation has been performed Into 9<? increments, with an aver-agc of 
5.8 iterations per increment. It demonstrates the ability of the MECANO software to simulate the 
deployment of 3-D flexible multibody systems with complicated kinematics. 

6.2 Dynamic analysis of the deployment of a large space structure 

The system to be analyzed is one cell of a deployable space structure: the ERA platform designed 
by Adrospatiale deployed on the MIR space station. The cell has a triangular cross-section with three 










I 
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longerons and six diagonals. Battens are articulated at the middle length to permit folding. The battens 
and diagonals are hinged to the corner bodies, while the longerons are rigidly attached to them. The 
total structure is composed by 24 modules like the one displayed in figure 4 disposed side by side forming 
an hexagon (figure 5). 



Figure 4' One cell model of the deployable structure (final configuration). 



Figure 5: Global view of the ERA structure (scheme of deployed configuration). 


The motorisation for deployment is provided by the elastic energy stored at rotation springs located 
at the hinges in the middle of the battens. They release energy through a nonlinear torque/angle law 
and provide a locking device which is activated at the final angle of deployment. 



Figure 6: successive configurations from 0. to l.Ss. 


The analysis was conducted supposing that the structure is acting in a 0-g field first, and next 
submitted to a small amount of gravity (O.Olg) acting in the vertical direction. Figures 6 displays six 
successive configurations computed for the one cell model in 0-g environment, up to complete deployment 
and locking occurring at time t = 1.23. 
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Figure 7 displays the time evolution of the rotation angle at one of the six motorized hinges of the 
system. The time of locking appears very clearly on this diagram. 

This simplified model has 612 DOF and mean bandwidth of 79 ; 74 time steps are used to integrate 
in time the equations of motion. The CPU time consumption is 2 hours 20 minutes on an APOLLO 
DN-4000 workstation. Some experiences were done on a IBM 3090 j the CPU time consumption for a 
similar simulation was 2.5 minutes vvithout vectorization. Experiences with partial vectorization of the 
code evidenced a factor 2 of improvement on the CPU time. 

The final mesh will have an order of 8000 DOF, with a mean bandwidth of 240. The estimated 
computational effort to time integrate the complete model is 150 times greater than the effort necessary 
to solve the one cell model. 

We remark that the computational effort is largely influenced by the strategy adopted to solve 
impacts at the joints, since the time step is restricted by convergence at the shock instants. The 
approach currently adopted to solve shocks is based on the hypothesis of momentum conservation. This 
approach provides excellent computational efficiency since the discontinuity of velocities during impact 
is explicitly computed. Unlike a shock capturing algorithm in which the stop and locking device is 
represented as a high stiffness component, it allows to pursue the simulation beyond complete locking 
of the structure. In our example, one can see on figure 6 that the Oscillatory motion of the diagonals 
remaining after complete deployment is well represented. At the same time, this approach leaves the 
integration scheme unperturbed and therefore allows to increment the time step to reasonable values. 

6.3 Dynamic analysis of the deployment of a S-D satellite antenna 



The 3-D antenna under consideration is made of five similar panels hinged together a shown 
by figure 8. In the numerical model (figure 9), each rectangular panel is visualized by the losange 
cor.necti.’ig the mid-edge points. The deployment is provided by the nonlinear springs acting at the 
hinges and providing the torque versus rotation angle law displayed by figure 10. 

This curve exhibits hysteresis in the vicinity of the locking angle. The first peak corresponds to 
the locking value of the torque, while the second one is generated by the hysteresis effect occurring in 
a locking/unlocking phase. 
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Figure 9: Simulaiton model of S-D ealellite antenna. 



Figure 10: Torque/angle law at the hinges. 
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The effective stiffness properties of the panels have been taken into account using the substructuring 
technique described in section 5. Each panel of the real structure is a stiffened sandwich plate made 
of composite material. It has thus been modeled as a sandwich flat shell with orthotropic stiffness 
properties and local reinforcements. An idea of the finite element model is given by figure 11 which 
shows the decomposition of the structure into 4 zones with different elastic properties. A complete 
description of the mode! is given in [7]. Each substructure has 584 DOF initially and is reduced to the 
four connecting nodes and 4 internal modes, giving a total of 28 DOF per panel. 


Figure 11: Finite element model and elastic properties of satellite antenna. 



The resulting mechanism model used to predict the dynamics of the deployment has 230 DOF, with 
a mean bandwidth of 32. Tlie time integration of the resjionse has been performed on a time interval 
of 47s. As shown by figure 12, the structure is initially partially folded and complete deployment has 
occurred at time T = 47s. This time evolution has been obtained in 151 time steps and an average 
number of 5.1 equilibrium iterations per time step, giving a CPU consumption of 6 hours 15 minutes 
on an Apollo DN4000. 


& 
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figure IS: successive configurations of antenna during deployment (0. to J^'Is.) 


Figure 13 displays half the rotation angle versus time in the three active hinges. It increases 
regvlarly up to locking and then oscillates about the locking value. The corresponding torque in hinge 
2 is displayed by figure 14. The hinge locks at time T = 41 s and never unlocks afte; wards. 




The elastic behavior of the panel can be predicted with much detail through appropriate postpro¬ 
cessing of the substructures. 

For example, figure 15 shows at a given time (t=478) the isovalues of bending deflection on one 
hand, and of upper skin equivalent stress on the other hand. 
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Figure 15: laovaluea of bending defleciiona and upper akin equivalent alreaaea in central panel. 
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Summary 

An interactive proximity operations planning system, which allows on-sile planning of fuel-efficient, multi-burn 
maneuvers in a potential multi-spacecraft environment has been developed and tested. Though this display sys¬ 
tem most directly assists planning by providing visual feedback to aid visualization of the trajectories and con¬ 
straints, Its most significant features include 1) an "inverse dynamics" algorithm that removes control nonlineari- 
ties facing the operator and 2) a trajectory planning technique that reduces the order of control and creates, through 
a "geometric spread-sheet," the illusion of an inertially stable environment. This synthetic environment pro¬ 
vides the user with control of relevant static and dynamic properties of way-points during small orbital changes 
allowing independent solutions to the normally coupled problems of orbital maneuvering. An experiment has 
been carried out m which experienced operators were required to plan a trajectory to retrieve an object accidently 
separated from a dual-keel space station. The time required to plan these maneuvers was found to be predicted by 
the direction of the insertion thrust and did not depend on the point of separation from the space station. 

Introduction 

1.1 Control of the Hand 

The insights of paleontology reveal the human hand to be a unique end product of millions of years of ver¬ 
tebrate and primate evolution. Indeed, it itself may have been an essential contributor to the development of the 
human capacity for abstract insight. The hand is a highly dextrous, general purpose manipulator capable of the fine 
touch needed to thread a pin and the more coarse control and force needed to lift an object heavier than the weight 
of its owner; However, like telerobotic effectors at the end of multilink robotic arms, control of the position and 
orientation of the hand m space can be computationally complex. The kinematics of the links that make up the 
arm complicate the relationship between the muscles which control eacn of them and the resulting position of the 
hand m space. Though cerebellar and other neuro-muscular diseasoc ran reduce their victims to the necessity of 
conscious joint-angle control, in normal health our neurological control systems unburdened us of conscious con¬ 
trol of the limb positions that determine our hand positions. 

The unconscious ease of normal movement arises from the unique hierarchical control system that has 
evolved m association with the gross morphology of the hand. This system computationally separates lower order 
motor coordination functions from higher order commands concerning what to coordinate. One may think about 
some of the aspects of the lower order motor coordination as the inverse kinematics and dynamics that translate 
the higher order movement commands from egocentric coordinate space into a senes of link movements m joint 
coordinate space [1] . Thi's transformation greatly simplifies the planning task confronting the higher order motor 
centers It also reinforces the functional and spatial separation of task planning from muscle coordination and pro¬ 
vides us at a conscious level with position control over our hands We command a position and orientation and 
our hand effortlessly assumes it. 

1.2 Kinematic Complications of Control: Telerobotic Arms 

In light of the characteristics of the neurological control of hand position, it is not surprising that for 
generalized telerobotic manipulation tasks some form of resolved control of teleoperators is found to be easier for 
operators to control than control of the joint angles and positions of the various links of the arm (3]. This resolved 
control is achieved computationally by inverting the transformation matrix describing the arm's forward kinemat¬ 
ics However, due to computational singularities and physical constraints on joint motion an inverse motion may 
not be unique, and indeed it may not be computable for some positions. Accordingly, implementation of resolved 
control over an arm requires the addition of information This information may take the form of arbitrary limits 
on the movement parameters but more usefully may be in the form of kinematic or dynamic optimization criteria 
such as time optimality, minimum energy, or minimal path length [2) [4] These criteria allow the resolution sys¬ 
tem to select one of the many possible patterns of joint movement that would result in the same movement or 
position. 

1.3 Dynamic Complications of Control: Order of Control 

In kinematically simple situations such as those that arise when a subject is engaged in a simple aoss and 
square display tracking task using a two-dimensional joystick, factors other than kinematics determine the success 
of the tracking e.g. T) the dynamic characteristics of the joystick itself, 2) the stimulus response compatibility of the 
control and display coordinate systems, 3) concurrent other tasks, and 4) the disturbance function and the dy¬ 
namics of the controlled element. Large bodies of literature concerning the effects of these factors on tracking per¬ 
formance have been developed (5) [6]. Performance is generally best when the operator is provided with the lowest 
order of control possible subject to plant and disturbance characteristics. 
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The difficulties subjects encounter in higher order control environments, e.g. 2nd order or acceleration con¬ 
trol, arise from the difficulties they encounter in estimating velocity and acceleration from position and the addi¬ 
tional control movements needed for changing final position. Thus, Poulton's (5, p360) recommendation for the 
design of a manual control system is to design an order of control as low as possible. This goal may be achieved 
within the control system itself, for example, by introducing an exponential lag that delays the full effect of the 
control input and reduces the likelihood that the operator of a higher order system will overshoot his target (5). 
Higher order control situations also can be assisted by provision of displays using predictors that integrate the time 
derivatives of position and remove the need for the operator to perceive these rates directly (7) (8). As will be dis¬ 
cussed below, simple provision of a predictor is not, however, a sufficient display enhancement if control inputs 
interact in complex nonlinear ways. 
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Figure 1. Orbital motion after R-bar burn, (a) Shape of or¬ 
bit (b) Trajectory relative to the space station. 
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Figure 2. Orbital motion after V-bar burn, (a) Shape of or¬ 
bit (b) Trajectory relative to the space station. 
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2. Proximity Operations Planning Display 

2.1. The Orbital Environment 

The proximate orbital environment of future spacecraft may include a variety of spacecraft co-orbiting in 
close vicinity Most of these spacecraft will be "parked" in a stable location with respect to each other, i. e. they will 
be on the same circular orbit. However, some missions will require repositioning or transfers among them as in 
the case of the retrieval of an accidentally released object. In this case complex maneuvers are anticipated which 
involve a variety of spacecraft which are not necessarily located at stable locations and thus have relative motion 
between each other. 

This multi-vehicle environment poses new requirements for control and display of their relative positions. 
Conventional scenarios involve proximity operations between two vehicles only, in these two-spacecraft mis¬ 
sions, the maneuver may be optimi 2 ed and precomputed in advance of the time of the actual mission. However,, 
since the variety of possible scenarios in a multi-vehicle environment is large, a future spaceaaft environment 
could require astronauts to execute maneuvers that may not have been precomputed. This demand will require an 
on-site planning tool which allows, fast. Interactive, informal creation of fuel-efficient maneuvers meeting ail 
constraints set by safety rules. 

The difficulties encountered in planning and executing orbital maneuvers originate from several causes (9] 
[10] (11). The first one is the counter-intuitive character of orbital motions as experienced in a relative reference 
frame. The orbital motions are expressed and tend to be perceived in a coordinate frame attached to a large 
proximate vehicle such as a space-station and, thus, represent relative rather than absolute motions. From ex¬ 
perience in iiiertially fixed environments, it would be intuitively assumed that a thrust in the "forward" direction 
towards a target vehicle ahead but in the same orbit, i. e. in the direction of the orbital velocity vector, would result 
in a forward motion However, after several minutes, orbital mechanics forces will dominate the motion pattern 
and move the chaser spaceaaft "upwards", i. e. to a higher orbit. This will result in a backwards relative motion, 
since objects in a higher orbit have a slower orbital rate. Thus, a forward thrust ultimately has the opposite effect 
from that intended. The effect of this unexpected movement is compounded by the fact that a completed maneu¬ 
ver, which essentially is a timed orbital change, involves a potentially third order or higher order control process 
with both departing, maneuvering and braking thrusts. Even without the counter-intuitive dynamics such a 
process is difficult to control! (6). Furthermore, corrective thrusts produce significant nonlinear effects on spacecraft 
positions complicating iterative, manual efforts to drive a spaceaaft to a desired stable position. 




300 


4 mfs 



Figure 3. Relative orbital trajectories for different thrust 
magnitude and angles for an insertion point below the 
space stations orbit and behind its center of mass. The 
space station is located with its center of mass at the ori¬ 
gin. Note: that the effects of the orbital dynamics can be 
overpowered by inacasing thrust. 
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A second cause of the difficulty is the different and unusual way in which orbital maneuvering control 
forces are applied In atmospheric flight control forces are applied continuously in a way to correct for randomly 
appearing a'mospheric disturbances, or to compensate for atmospheric drag. In contrast, space-flight in the absence 
of atmospheric disturbances,has a near deterministic character. Therefore, space-flight is mainly unpowered and 
undamped along a section of an orbit with certain characteristics. By applying impulse-type maneuvering forces at 
a given way-point, the characteristics of the orbit are altered. After application of the maneuvering force the space- 
aaft will coast along on the revised orbit until reaching the next intermediate way-point along its planned trajec¬ 
tory Once it is positioned at a way point; however, it will not generally be at a stable relative position, but will tend 
to drift under the inh-.ience of orbital mechanics unless corrective thrusts are continually applied. 

Third, multi-vehicle orbital missions are subject to safety constraints, such as clearance from existing struc¬ 
tures, allowable approach velocities, angles of departure and arrival and maneuvering burn restrictions due to 
plume impingement or payload characteristics. Design of a fuel-efficient trajectory which satisfies these constraints 
is a non-trivial task. 

It is clear that visualization of the relative trajectories and control forces in an easily inte-nretable graphical 
formal, will greatly improve the feel for orbital motions and control forces and will provide direct feedback of the 
operators control actions. Furthermore,visuaIization of the constraints in a pictorial format will enable an inter¬ 
active, graphical trajectory planning in which the design may be iteratively modified until all constraints are satis¬ 
fied. Typical in-plane maneuvers are the V-bar bum, along the orbital velocity vector, and R-bar bum, along the 
orbital radius vector. 

Consider a spacecraft located at the V-bar and thus at a stationary position relative to the space station. A 
small maneuvering burn in the direction of the R-bar will cause a small component v which will result in a small 
change in the direction of the orbital velocity vector. This will alter the parameters of the orbit. The orbit will be¬ 
come elliptical and after the burn the maneuvering spacecraft will be 90 deg. of orbital travel past the perigee of the 
new orbit. In Figure 1 the shape of the orbit and the corresponding relative motion trajectory is shown. The rela¬ 
tive trajectory has a "closed" elliptical shape and after one orbit the spacecraft will return to its original location. 

The reason for this is that the radial burn did not significantly alter the magnitude of the velocity Vo, and thus the 
total energy and mean motion did not change. 

In contrast to the R-burn, a maneuvering burn along the V-bar, will alter the magnitude of the Vo by the 
amount lyjand will therefore alter the total energy. Figures 2ab show the shape of the orbit and the corresponding 
relative motion trajectory. For a burn in positive V-bar direction, the spacecraft will initially move forward but 
later on gain altitude and fall behind. The opposite is the case for a burn m negative V-bar direction. Here the 
spaceaaft will initially move backwards but later on drop altitude and pull ahead. For a positive burn the spaccaaft 
is initially at perigee and for a negative burn at apogee. 


In general, a chasing vehicle's maneuvers in the orbital plane need not have solely V-bar or R-bar compo¬ 
nents but components of both. In addition it may also have out-of-plane components. Furthermore, its initial po¬ 
sition may not be stable, i. e. offset with respect to its target's V-bar, and the desired flight time may hx; a fraction of 
an orbital period, i e 10-20 minutes. Under these circumstances the full effects of orbital dynamics are not given 
sufficient time to completely manifest themselves and are experienced as a kind of "variable orbital wind" blowing 
the controlled vehicle off a desired straight path. Figures 3 and 4 illustrate the kinds of deflections the "orbital 
wind" may produce for more generic maneuvers. In particular Figure 3 shows how the deflections caused by 
orbital dynamics can be partially overcome by using stronger thrusts, but this brute force technique can be very 
costly due to the fuel required both for departure and braking on arrival. 



Figure 4. Rendezvous initiated by control of thrust and 
direction of a maneuvering burn, i.e. the foward method. 
Using a planning tool Ihat'provides a forward predictor of 
the effects of a planned maneuvering burn, a subject can 
find by trial and error a combination of thrust and inser¬ 
tion angle that will produce a trajectory to return to the 
space station from an offset position. Planning for a par¬ 
ticular arrival time or selecting a fuel optimal maneuver 
is, however, manually very difficult with only a forward 
predictor to assist the operator. 
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2.2 Limitations of Present Techniques. 

The present maneuvering techniques are well established and rely in most cases on visual contact and the 
use of a V-bar or R-bar reference in a Crewman Optical Alignment Sight (COAS), (9} (10 (12). In a V-bar approach to¬ 
wards a target in positive V-bar direction, the initial burn is made in a direction slightly depressed downwards with 
respect to the V-bar. After a short while, the spaccaaft will "ascend" and aoss the V-bar. At the V-bar crossing a 
small downward R-bum is initiated which again "depresses" the spacecraft below the V-bar. This process is re¬ 
peated several times. The spacecraft thus proceeds along the V-bar in small "hops" until the target is reached. 
However, this technique is highly restricted, is not fuel-optimal, and may not conveniently satisfy other opera¬ 
tional constraints of a multi-vehicle environment 

But it is clear from the previous examples that orbital motion can be complex, highly counter intuitive, and 
involve tightly interacting parameters A bum towards the target might have an unintended opposite result. 
Relative motion is, in particular, difficult to visualize for a combined R-bar V-bar burn at a non-stationary location. 
It is therefore very useful to graphically visualize the relative motion trajectories. Providing predictors on plan¬ 
ning displays which foretell the final consequences of a maneuvering burn is, however, not sufficient symbolic 
enhancement to enable an operator to plan a timed maneuver The nonlinear interaction between thrust magni¬ 
tude and direction of thrust with time of arrival and final relative position preclude tractable manual control over 
the position and time of the predictor's endpoint. 

23 Design of a Pictorial Orbital Maneuvers Planning System 

The purpose of the interactive orbital planning system is to enable the operator to design an efficient com¬ 
plex multi-burn maneuver, subject to the stringent safety constraints of a future space-station traffic environment. 
The constraints include clearances from structures, relative velocities between spacecraft, angles of departure and 
arrival, approach velocity and plume impingement. The basic idea underlying the system is to present the maneu¬ 
ver as well as the relevant constraints in an easily interpretable pictoiial format. This format does not just provide 
the operator with immediate visual feedback on the results of his design actions to enable him to meet the con¬ 
straints on his flight path, but goes beyond conventional approaches by introducing geometric, symbolic, and dy¬ 
namic enhancements that bring the intellectual demands of the design process within normal human capacity[8] (9) 
(13) (14) (15). The specific methods for enabling interactive trajectory design and visualization of constraints have 
been discussed in detail elsewhere and will not be repealed here (16) (17). 'Though the display also can handle plan¬ 
ning uut-of-plane maneuvers, the discussion ivill be limited to maneuvers in the orbital plane. 

2.4 Example of a three-bum maneuver. 

An illustrative example of a three-burn maneuver is shown schematically in Figure 5. The trajectory origi¬ 
nates from relative position A at time t = Xq, and is composed of two way-points’ B and C which specify the loca¬ 
tion in space station coordinates at which the chaser spacecraft will pass at a given time At a way-point the orbital 
maneuvering system or other reaction control system can be activated, creating a thrust vector of given magnitude 
for a given duration in a given direction in or out of the orbital plane. The duration of the burn is considereu to be 
very short in comparison with the total duration of the mission. In the orbital dynamics computations this means 
that a maneuvering burn can be considered as a velocity impulse which alters the direction and magnitude oi the 
instantaneous orbital velocity vector of the spacecraft, inserting it into a new orbit. 



Figure 5. Example of a three bum maneuver. 


Since the initial location A is not necessarily a stationary point, the magnitude and direclicr. of i!ie relative 
velocity of the chaser at point A is determined by the parameters of its orbit. If no maneuvcimg burn were ini¬ 
tiated at t = to, the chaser would continue to follow the relative trajectory 1, subject to the parameters of its origi¬ 
nal orbit, see dotted line in Figure =1 Ho'.vever, a mancu-ccring bum a:! = i(, wiii alter the original orbit so that the 
chaser will follow the relative trajectory 2, subject to the parameters of this new orbit. 

In Figure 5 jii and yj indicate the relative velocity vector of the chaser just before and after the maneuvering 
burn, respectively, where yj and y 2 are tangential to the relative trajectories 1 and 2, respectively. TTie vector 
difference between vj and y 2 _,ya, is the velocity change initiated by the burn, and corresponds with the direction 
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and magnitude or duration at which the orbital maneuvering system is activated. Likewise, at way-point B the 
burn yb alters the orbit to orbit 3. 

Location C is the terminal way-point and is in this case the location where the target will arrive at t = tf. 
Since the target has an orbit of its own, orbit 4, it will have a terminal relative velocity of y 4 at t = tf. The relative 
velocity between target and chaser is the vector difference between ys and y 4 , vc. This vector determines the retro- 
burn that is needed at the target location, in order to bring the relative velocity between chaser and target to the 
minimum required for the docking operation. 

2.5 Inverse method of solving orbital motion. 

Interactive trajectory design demands that the operator be given free control over the positioning of way- 
points. However, the usual input variables of the equations of orbital motion are the magnitude and direction of 
the burn, rather than the time and relative position of way-points. Therefore an "inverse method" is required to 
compute the values of a bum necessary to arrive at a given way-point positioned by the operator. This method is 
outlined hereafter. 

Tlie equations of orbital motion can be computed from its momentary position and velocities, relative to a 
reference spacecraft wit.h .a known circular orbit (12) (16) (17) (18) (19). Thus, for a given initial relative position A 
with x(to) and an initial reiaiive velocity y (to), the relative position and velocities of a way-point at time t = ti can 
be computed. However, a maneuvering burn at t = to will cause a change in the direction and magnitude of the 
relative velocity vector y (to). As a losult of this maneuvering burn, the position of the way-point at time t], will 
change as well. 


Consider v^ and og to be the magnitude and direction of the velocity change due to the maneuvering burn 
Then the relative position and velocity at t = fi,x (ti>, will be a complex non-linear function of Va and oa. (16) (17) 
(17) (Grunwald and Ellis, 1988) Consider now that the operator is given direct control over va and oa, by slaving 
these variables respectively to the x and y motions of a controller such as a mouse. A displacement of the mouse in 
either x or y direction will result in a complex non-linear motion pattern of x(ti). (See Appendix). Furthermore, 
this motion pattern will change with the initial conditions. This arrangement is highly undesirable in an interac¬ 
tive trajectory design process, in which the operator must have direct and unconstrained control over the 
positioning of way-points. 
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Figure 6. Editing of way-points. 
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It is therefore essential to give the operator direct control over the position and relative time of way-points 
rather than over the magnitude and direction of the burn. The inverse method by which this is accomplished 
computes the magnitude and direction of the burn required to bring the spacecraft from initial location x(to)to the 
way-point x (tj) at t = (ti). This inverse technique contrasts with conventional display aids for proximity operations 
which are generally forward looking and provide a predictor [13) [14]. While forv ard looking displays are probably 
well suited as flying aids for real-time, out-the-window control, a planning system need not conform to this style of 
aiding. 

2.6 The Active Way-point Concept 

Althoug' a trajectory may be composed of several way-points, only one way-point at a time, the active way- 
point, is controlled by the operator. While the position and time-of-arrival of the active way-point can be varied, 
the position and time-of-amval of all other way-points remains unchanged. However, variations in the active 
way-point will cause changes in the trajectory sections and way-point maneuvering burns just preceding and just 
following the active way-point. The on-line solution of the inverse algorithm enables these changes to be visual¬ 
ized almost instantaneously and provides the operator with on-line fe^back on his design actions. 

2.7 Way-point editing. 

The trajectory design process involves changes in existing way-points, addition of new points or deletion of 
existing undesired points. An illustrative example of this way-point editing process is shown in Figure 6. In the 
program the way-points are managed by a way-point stack, which includes an up-to-date sequential list of the posi¬ 
tion ^ the time-of-arrival t and the relative velocity jr just after initiating the burn, of all way-points. 


Figure 6a shows two way-points, the initial point xo and the terminal point xj. The initial way-point is de¬ 
fined by the initial conditions of the situation and cannot be activated or changed by the operator. The terminal 
way-point xi is thus the the active way-point which can be changed and placed at a required location. The cor¬ 
responding way-point stack is shown on the right. The active way-point box is drawn in bold. The relative velocity 
stack shows only the velocity vfl, v.hich is the relative velocity just after the burn at way-point 0, computed by the 
inverse algorithm, and required to reach point xi at time ti. 

Figure 6b shows the addition of a new way-point. Though its time of occurrence may be manually adjusted 
later, the new way-point is added half-way in time on the trajectory section just preceding the active way-point. 
Thus its time-of-arrival is chosen to be t = 0.5 (t, + t,.i), where i is in this case 1 and relates to the stack before 
modification The new position xj and relative velocity vi are computed by a conventional "forward''method, by 
computing the orbital position at the new time t, using the existing orbital parameters previously computed with 
xo» yo and to The newly computed way-point position, time and relative velocity are inserted between points 0 
and 1 of the stack before modification and the new way-point is chosen to be the active one. The dotted lines in 
Figure 6 indicate variables which are transferred without modification and the encircled variables are the newly 
computed ones It is important to note that since the relative velocities yo and vi are matched to the required way- 
points X] and XI, respectively, the inverse algorithm does not need to make any adjustments. 

Figure 6c shows the results of changes in the newly created way-point on the way-point stack. Since xj and ti 
are varied, the relative velocity at way-point 0, vq will be readjusted by the inverse algorithm and likewise the rela¬ 
tive velocity VI. 

Figure 6d shows the creation of an additional new way-point. Since the active way-point prior to the addi¬ 
tion was point 1, the new point is added half-way between point 0 and 1 and its position and relative velocity are 
computed with the forward method. The new values are inserted between points 0 and 1 of the stack before modi¬ 
fication and the new way-point is again set to be the active one. 

In Figure 6e way-point 2 is activated Apart from the shift in active way-point, the stack remains unchanged. 
The dotted line shows the direct-path section Ixilwecn point 1 and point 3 without the intermediate burn at point 2 
Deletion of the way-point 2 will remove this point from the stack and after that close the gap, see Figure 7f. How¬ 
ever VI has to be readjusted to fit the new direct-path section. This adjustment is made on-line by the inverse 
algorithm. 

The repetitive use of the inverse algorithm to calculate the trajectories linking each pair of way-points pre¬ 
sents the planner with a kind of "geometric spread-sheet" that preserves certain relationships between point in 
space, namely that they are connected by fuel-minimum trajectories for their particular separation in time, while 
their other properties, namely their relative position in space, may be freely varied. To our knowledge this appli¬ 
cation of inverse dynamics to this kind of display problem is new and has some very helpful side-effects. The con¬ 
stant background computation to preserve the relative position and time of each way-point creates an illusion of 
an inertially stable space that assists planning of relative movements about a target spacecraft. Additionally, this 
technique assists planning by allowing separable solutions to ihe plume impingement, velocity limit, and traffic 
conflict problems. Once a way-point has been positioned to bring an aspect of a maneuver within presaibed 
limits, c g. relative velocity, the adjustment can be isolated from the effects of earlier adjustment such those to 
satisfy a plume impingement constraint. This isolation of the solutions of the separate problems is an essential 
characteristic since without it, the solution to one maneuver problem would undo a solution to another. 

2.5 Gperatiuiial (.uiisiraiiits 

The multi-spacecraft environment will require strict safety rules regarding the clearance from existing struc¬ 
tures. Thus, spatiar’envelopes" can be defined, through which the spacecraft is not allowed to pass. TFiese spatial 
constraints can be visualized as volumes on the display. 
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Figure 7. Screen image of the proximity operations planning tool. The upper right window shows 
the soft buttons for the viewpoint control mode. The out-of-plane display is shown in the middle 
right window. The lower right window shows the fuel display. The main viewport shows an 
incompletely planned mission for which three burns have been selected. The velocity vector or +V- 
bar is shown by the arrow pointing to the right on the central grid line. Note that the relative 
velocity vector on arrival, shown by the arrow m the lower right of the viewport, is outside of the 
entry arc indicating the acceptable range of relative velocity on arrival with the target craft. 


Restrictions on angles of departure and arrival may originate from structural constraints at the departure 
gate or the orientation of the docking gate or grapple device at the target craft. Limits for the allowable angles of 
departure or arrival can be visualized as cones on the display. In addition the terminal approach velocity at the 
target might be limited by the target characteristics. Limits for the allowable start and end velocities can be visual¬ 
ized as limit arcs associated with the approach or departure cones (See Figure 7). The limit arc symbols on the dis¬ 
play graphically show allowable ranges of magnitude and direction for thrusts and relative velocities. 

Way-point maneuvering burns are subject to plume impingement constraints. Hot exhaust gasses of the or¬ 
bital maneuvering systems may damage the reflecting surfaces of sensitive optical equipment such as telescopes or 
infra-red sensors. Even cold nitrogen jets might disturb the attitude of the target satellite. Maneuvering burns to¬ 
wards this equipment are restricted in direction and magnitude, where limits for the allowable direction and mag¬ 
nitude are a function of the distance to the equipment and plume characteristics. These limits can be visualized as 
limit arcs on the display. 

Flight safety requires that the relative velocity between spaceaaft is subject to approach velocity limits. In 
conventional docking procedures this limit was proportional to the range, [9] (lOj. A commonlv used rule-of- 
thumb is to limit the relative approach velocity to 0. 1 percent of the range. Tliis conventional rule is quite 
conservative and originates from visual procedures m which large safety margins are taken into account to correct 
for human or system errors. Although the future traffic environment will be more complex, and will therefore de¬ 
mand larger safety margins, more advanced and reliable measurement and control systems may somewhat relax 
these demands. 

In this display the relative approach velocity is defined as the component of the relative approach velocity 
vector between the two spaceaaft along their mutual line-of-sight. The limit on this relative approach velocity is a 
function of the range between the spacecraft. Tlus function will depend on the environment, the task and the 
reliability of measurement and control equipment and can not be determined at this stage. For this display a sim¬ 
ple proportional relation has been chosen. The approach velocity limit is visualized on the display as a circle 
drawn around the chaser indicating the minimum range between the two spacecraft allowed for the prose"! 
appro.ach velocity If Che iaigei craft appears within this circle, the approach limit has been violated. 

2.9 General Comments 

The proposed interactive orbital planning system should be seen as a step in determining a display format 
which may be useful in a future dense spacecraft traffic environment. The examples shown here deal with the 
most general situation, which involves departures fro.m or arrival at non-stationary locations. Such missions 
with spacecraft at non-stationary positions and substantial out-of-plane motion may represent worst-case situations 
but these are the ones most likely to require customized maneuvering. 
































1 
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It is hard to predict whether the constraints used here will be relevant and realistic in the future spacecraft 
environment. However, they encompass in a broad sense the general type of restrictions which are expected in the 
multi-vehicle environment, e g limitations on approach rates, plume impingement and clearance from struc¬ 
tures. 


A final restriction of the present display relates to the way the orbital maneuvering system is activated. Only 
pure impulse maneuvering burns are considered, in which the duration of the burn is negligible with respect to 
the duration of the mission and in which these burn cause major changes in the relative trajectories. Station 
keeping or fly-by missions however, require a more sustained type of activation, such as periodic small burns with 
several seconds intervals over a time-span of several minutes. A more "distributed"way of activating the orbital 
maneuvering system could be introduced in which the operator has control over the frequency and lime-span of 
the activation. 

A last comment relates to the way the spatial trajectory is visualized. The perspective main view shows the 
projection of the actual trajectory on the orbital plane, rather than the trajectory itself. The reason for this is two¬ 
fold. The orbital trajectory, with its typical cycloidal shape,when shown without lines projecting onto the orbital 
reference plane, is ambiguous and might seem to come out of the orbital plane. This illusion may result from the 
viewers familiarity with common objects such as a coil spring and has been first reported earlier [16] [17] (20) (Ellis 
and Grunwald, 1987). Therefore, the trajectory can not be clearly shown without its projection on the orbital plane 
However, smee the symbolic enhancements and bum vectors relate to the in-plane motion and match with the 
trajectory projection on the orbital plane, both the trajectory and its projection should be visualized. However, for 
most views of a 3D display,both the trajectory and its projection on the orbital plane will show up as separate 
curves, a fact that may cause confusion. Therefore, a compromise has been sought, in which the projection is 
shown together with"pedestals'' placed at the wa)r-jx)ints orthogonal to the orbital plane, which mark the actual 
trajectory at the way-points. In spite of these restrictions the proposed display illustrates the usefulness of interac¬ 
tive graphical trajectory design. 

3. Experimental Study 

An experiment has been conducted with the above planning tool to determine the time required to plan a 
variety of rendezvous missions for which the target’s orbital insertion parameters were systematically varied. In 
particular, we attempt to develop a regression predictive of the time required to plan a rendezvous with a vehicle 
simulating an inadvertently released objects from a variety of positions along the main structures of a dual-keel 
space station configuration. The space-station is modeled in a 48C km circular orbit inclined 28.5 deg. with respect 
to the equator. This corresponds to a Yo orbital velocity of 7,623 m/sec or an orbital angular rate 0.0011 rad/sec. 

The chasing vehicle for the maneuver departed from a +V-bar location on the station and may be thought of as a 
aaft attempting to recover an astronaut or small object such as a wrench accidently rele.ased with either 0 or 
moderate (1.0 m/sec) delta v and which is drifting away under the influence of orbital mechanics. Out of plane 
components of the target were randomly selected to be ±0.25 or ±0 5 m/sec. The direction of the adaed delta i at 
insertion was systematically varied in 8 equal directions about the +'V-bar. The 10 orbital insertion points for the 
targets were distributed along the port keel of the Space Station from 200 m a’oove the center of mass to 150 m 
below it.and randomly selected to produce 90 different recovery scenarios The planned 1 way flight time was 20 
minutes and the maneuver took place during orbital daylight. The scenarios simulate the rendezvous phase of a 
rendez' cus and retrieval mission. 

3.1 Task 

The subject's task was to expeditiously plan a feasible in and out-of-plane trajectory from a Space Station +V- 
bar departure port to rendezvous with the target subject to plume impingement constraints on the station, avoid¬ 
ance of the station's structure, and alignment of the relative velocity vector on rendezvous to fit within the 30 deg. 
entrance cone. All subjects were told to complete their planning task quickly, much as they would wish to walk 
across a room without wasting time and not to worry about minimizing overall fuel use, though they were limited 
to 12 m/sec delta v of maneuvering fuel. Figure 9 illustrates a three burn partial solution to one of the experimen¬ 
tal scenarios in which the relative velocity on rendezvous has not yet been adjusted to fit within the approach con¬ 
straint shown by the approach cone. 


Effect of Insertion Angie on Planning Time 



Figure 8. The mean planning time from each of three 
subjects shows a marked peak for target insertion angles 
around 200 degrees. The error bars are ±1 standard error. 
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32 Subjects 

Three highly practiced subjects very familiar with the operation of the planning tool planned rendezvous 
for the set of initial conditions which were generally novel to them. 

3.3 Procedure and Design 

Before beginning the experiment the subjects reviewed a training manual describing the display's controls 
and practiced their operation on a sample rendezvous. Thereafter, subjects were automatically presented through a 
UNIX C-shell saipt with the 90 rendezvous problems in four approximately equal groups of randomly ordered 
conditions. Data collection took about 6 hours and was generally spread across tv/o days. Descriptive statistics were 
collected automatically by the IRIS computer to summarize planning lime, fuel use, number of way-points used, 
and a large number of other detailed characteristics of the mission planning process. 

3.4 Results 

The planning time required for the selected missions was highly dependent upon the angle of the insertion 
delta ji. (Figure 8) Analysis of variance on time (F=7.968 df=7,14 p < .001) showed that the effects of insertion angle 
were large, statistically reliable, and dominated effects due to the point of in3ertion..Planning time was not signifi¬ 
cantly affected by the selection of an insertion point. (F= 0.584 df=9,18 ns) and there was no statistical interaction 
between the insertion angle and the insertion point. (F=0870 df=63,126 ns). 

3.5 Discussion 

In earlier experiments differences in planning time appeared mainly due to the misalignment of the ap¬ 
proach cone axis with the relative velocity resulting from a two burn fuel-minimum intercept trajectory. These 
differences were reduced by practice, but maintained a rough proportionality (21J (Ellis and Grunwald, 1988). Thus, 
a rendezvous that took twice as long as another approximately maintained this proportion as practice reduced the 
times for both of them. Thus, the differences observed in the present experiment with highly practiced subjects 
probably reflect genuine differences in planning difficulty arising from the interaction of orbital dynamics and the 
mission constraints. For the particular conditions used, insertion angles near 135 degrees are particularly hard. Ac¬ 
cordingly, potential chase vehicles should be positioned at several ports, V-bar and R-bar, to facilitate capture of in¬ 
advertently separated objects. 

The results of the present and previous experiments make clear that experienced human operators can 
manually, quickly plan complex orbital maneuvers when their planning tool is adapted to their capabilities. It is, 
none the less, also clear that automatic systems could .dso plan these maneuvers. These results can help set per¬ 
formance criteria for these automatic systems since they should at least be capable of producing feasible plan's in less 
than two minutes to beat a manually determined plan. Incorporation of all the mission constrair.ts, however, can 
greatly complicate and lengthen an automatic search since these constraints may be arbitrary placed in space and in 
some cases may be discrete. The development of useable search algorithms is a current direction of research and 
certainly constrained random search strategies could be adopted if more efficient analytic methods do not work 
well (22) filler, Grunwald, and Ellis, 1989). 

But is it also clear that however the maneuver is planned, any astronaut who would be flying the mission 
would want to foresee what the system has planned for him and be able to visualize his trajectory, if for no other 
reason to monitor its unfolding as it is flown. Automatically generated trajectories will only be as good as the de¬ 
signer's hindsight in selecHng optimization criteria and mission constraints. Unique mission features or failures 
may arise that require the custom-tailoring of a trajectory. Significantly, the mission planning interface described in 
this paper also can serve as an interface to an mission "editor" that would allow an astronaut to visualize the 
planned trajectories and edit them if necessary to suit his special requirements. 
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Figure 9. In-plc.ne orbital situation showing the difference 
in phase angles <I>o and <> for the space station and another 
spaceaaft. Note that the bold solid line represents the ab¬ 
solute spacecraft orbit and the dotted line represents its 
tiajectory relative to the space station. The ratio of r to Ro 
has been greatly exaggerated. 


Appendix 

Relative motion in space-station coordinates 

The relative position and velocity of a co-orbiting spacecraft in space station coordinates are x^ s {x®, y®, z®) 
and X® 3 {x®, z®) and are obtained from space station based measurement equipment where' x®= dx®(t)/dt etc. de¬ 

notes the time derivative. 


Since the displacements and velocities in the out-of-orbital-plane direction y° are usually much smaller 
than the ones in the orbital plane, in x® and z® direction, and since out-of-plane maneuvering burn does not 
significantly alter the total orbital energy, the out-of-plane motion can be decoupled from the in-plane motion. 
Hence, the in-plane motion will be analyzed firsi. 


At the initial time t = to the radius of the space station orbit Ro is given by: Ro = Re + h, where Re = 
6,378,140 m is the equatorial earth radius and h = 480,000 m is the altitude of the space-station orbit above the earth 
surface. The absolute orbital velocity of the space-station is then given by; Vo = (GM /Ro where GM = 3.986005 
X lO''* in®/sec2 is the geocentric gravitational constant. For simplicity the curvature of the V-bar is assumed the to be 
negligible, so that 

0 

s-x 


(labc) 


0 

r --2 




a = tan'(f/s) sSO 
(2ab) ® " tan'(r/s) + 180* s<0 

where s is the distance measured along the V-bar between the space station and the spacecraft’s R-bar, r the dis¬ 
tance of the spacecraft above the V-bar, measured along the R-bar, v the magnitude of the relative velocity and a 
its direction, measured from the V-bar in upwards direction (positive rotation in the right-hand system). 'The rela¬ 
tive velocity reflects the situation just after the activation of a maneuvering burn. 


2‘M2 


s. 


Although the general solution for orbital motion is fairly complex and non-linear, the relative motion be¬ 
tween two co-orbiting spacecraft in close proximity, can be simplified by a first order approximation. This is known 
as the Euler-Hill solution which allows both the "forward" solution and the "inverse" solution. The forward 
solution computes at a given final time t/ and for a given relative initial position and initial velocity vector, the 
final relative position and velocity. On the other hand, the inverse solution computes for given t( and given ini¬ 
tial location, the required initial velocity vector to reach a given desired final location. The linearized Euler-Hill 
solution is derived as follows. 


The in-orbital-plane motion of a spacecraft orbiting the earth is described by two degrees of freedom; the ra¬ 
dius R and the orbital angle, <I>, with respect to an arbitrary fixed reference (see Fig. 9). Making use of Newton's first 
law and his law of gravity, the equations of motion of the spacecraft in the absence of external forces are given by; 


0(0 R(t) + 20(0 R(t) = 0 
2 

K(t)-{6(t)}R(t) + -2“ =0 

(3a.b) K<'> 

The motion of the Space Station is described by Ro(t) and Ood) R(t) and 0(0, can now be expressed as; 


(4a,b) 


R(t) = Rq + r(0 
0(t) = Oq + (XO 


Since the spacecraft is in close proximity to the Space Station r and q are relatively very small in comparison 
to Rq and Oo. Since the Space Station is in circular orbit, it follows that 

R()(l)= Ro= constant and 
0((t) = no=constant 

where no is the mean motion or angular orbital rate of the Space Station in radians/sec. 

Differentiating Eqs (4a,b) and using Eqs.(5a,b) yields; 


(6a-d) 


R(t) =Ht); R(t) ='r(t) 
0(t) = no+9; 0 = 5 


Substituting Eqs.(6a-d) in Eqs.(3a,b), neglecting products of r and d and of their derivatives, using Keppler's third 
law: 



and using the definitions: 


(8a,b) 


s(t) = Ro«(l); s(t) = Ro5(t) 


yields the linearized equations for the relative motion of a spacecraft with respect to the Space Station (Eulcr-Hill 
equations). 


(9a,b) 


s(l) + 2 nor(t) = 0 

r(t) - 3 nor(f) - 2 nos(f) = 0 



29-13 


For given initial conditions ro, fo, so, So where ro = r(to) etc., the solution for r(t) and s(t) written in matrix 
form is: 


( 10 ) 

where 


(lla-f) 


r(t) 



r. 

s(t) 


So pii ^ , 

.®». 


ay = isin(nof) 

Ro 

ay = —[l -cos(not)] 

= -aj^ 

ay = i[4sin(n(,t)- 3 not] 
Ro 

b„ “ 4 -3cos(not) 
by = 6[sin(not) - njt] 


and the solution for the velocity v;, tor components f(t) and s(t) is; 


( 12 ) 

where 


(13a-f) 


'r(t)' 



r« 


Cy 0 

ro 

s(t). 



>. 


ey 0 

.s«. 


d, j = cos (not) 
dy = 2 sin (not) 
dy = -dy 

dy = [4cos(not)-3| 

e, j = 3noSin)not) 

Cy = 6no[cos(not)-1] 


Eqs.(10-13) constitute the "forward” solution. For a given final time or time-of-arrival t = t( first the coeffi¬ 
cients of Eqs.d 1) and (13) are computed and after that with Eqs(lO) and (12) the final position if, Sf and final velocity 
If, If, are found, where rf s r(tf) With the "inverse" solution, the initial velocities fo and so have to be computed 
for given t"no-of-arrival tf and given initial position Iq, so and final position rt, Sf. These velocities are easily 
obtained from Eq.(lO) according to- 


fo 

_ [ayayV 

r,-b„ro 


layayj 

Sf" bij To - So 


where 


(15) 




tayayj (ayay+afj) 

■a^i Sjj 


and then may be used to compute the angle and magnitude of of relative velocity, a and v from Eq.(l) and Eq.(2). 


V 
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SUMMARY 

The introduction gives a short review of the effects that onboard liquid may have on the dynamics of 

the spacecraft. A distinction is made between arbitrarily moving craft and spin-stabilized vehicles. The 

modelling of rotating liquid behaviour is very complicated and generally .allows only to make predictions 
on the stability behaviour of a spinning spacecraft. 

A flight experiment with a model satellite, with liquid in an annular t.ank, during parabolic 
aircraft flight is described. From a filmed record of the unconstrained notion, the attitude of the 
satellite is reconstructed. Details of the image processing scheme arc given. 

The numerical simulation of the motion of the model satellite is explained. The liquid is invlscid 
and is assumed to move in the tank in two directions only, i.e. radial motion is neglected. Surface 

tension effects are important and are fully accounted for. The angular rates of the model following a 

short-duration torque, arc presented. Plots of the liquid motion are included. 


INTRODUCTION 


Spacecraft attitude control is only one of the disciplines that are concerned with the dynamics of a 
solid body with a liquid reservoir. Terrestrial problem areas are represented by sloshing liquid in 
vehicles like trucks, ships or rockets but there are also dynamic problems governed by rotation of the 
tank such as spinning liquid-filled projectiles. In the sequel the tank will denote the solid part of the 
body with liquid. It is characterized by mass, moments of inertia, internal geometry and location and 
orientation of the void with respect to its center of mass. Although the clastic properties of the tank 
are important for some types of problems, these will be disregarded in the present paper, l.c. the tank 
Is assumed to be rigid. 


For spacecraft the effects of gravity on the liquid configuration in a partially-filled tank can be 
disregarded. This condition may also apply on earth; when the transient or centrifugal accelerations of 
the tank arc much larger than g. However, in space the tank accelerations could be sufficiently low that 
the surface tension of the liquid has a considerable influence on its behaviour (Ref. 1). The order-of- 

magnitude relation between these two effects is expressed by the Bond number Bo - where 

a " acceleration, B * kinematic surface tension and L Is a characteristic dimension. Low Bond number 
conditions on earth can be achieved only by reduction of L, commonly to submillioecer dimensions 
(capillarity, porous media), or in a static configuration of two isopycnlc Immiscible liquids. 


A further consequence of the space environment Is the absence of supporting forces and thus, at 
least for some spacecraft, conservation of angular and linear momentum. This is of importance for the 
stability behaviour of spinning spacecraft; reference 2 illustrates how internal (viscous) dissipation 
destabilizes a top with constant angular momentum as compared to a top acted on by external friction. It 
is noted that this effect complicates the testing on earth of the attitude behaviour of spacecraft even 
with full tanks, l.c. without excursions of the center of mass (Ref. 3,4). 


There have been meetings devoted to the dynamics of spacecraft with liquid (Ref. 5,6,7), although 
recent presentations were given at more universal conferences. A general opinion is that most real 
problems are intractable and can be solved only by numerical simulation. The behaviour of liquid as 
forced by surface tension in a tank with prescribed motion can be modelled satisfactorily (Ref. 8-11) but 
at a cost of long run times even on a supercomputer. The simulation of the coupled problem, where the 
rigid body moves under liquid forces, is less well developed (Ref. 12-14). The present paper applies and 
extends the method developed at NLR to a configuration that can be analysed by approximate methods. 

Building blocks for a comprehensive body of knowledge exist. The basic tbsory is elaborated in the 
standard book of Kol.scycv and Rumyantsev (Ref. 15) and developed considerably since. The pure hydrodynamic 
aanerfc of oanillofy Hq,i<a rotio", startirg n hydrestatic configuiatlou, ax.« devulopcu 

in reference 16. For spinning tanks a variety of stability criteria have been derived (Ref. 17,18) and 
detailed analyses for idealized liquid configurations are available (Ref. 19,23). Experiments with moving 
tanks in microgravity have been conducted and arc reported in the literature (Ref. 21-26). The data 
generally consist of measurements of liquid response to a forced motion of the tank, as recorded by a 
dynamometer. Observations of coupled motions, reported in the sequel, arc less common (Ref. 25; sec also 
OKERA contribution in Ref. 7) but someclnes give data on actual spacecraft behaviour (Ref. 25,27). For 
early work the bibliography of reference 28 could be consulted. 








The experiments and tests arc, with exceptions, not performed on full-size spacecraft but on scale 
models. There are two types of objectives for such programs: 1) to test a crucial phase in the mission of 
the actual spacecraft (Ref. 24,25), or 2) to determine experimental values for parameters that figure in 
lumped parameter models of spacecraft behaviour (Ref. 29-32). The modelling laws are not very well known 
and 80 the scaled model experiments are not truly reliable. Progress in this area is most wanted. 


BACKGROUND OF THE INVESTIGATION 

At NLR, research on the effects of liquid on spacecraft motions started in connection with the IRAS 
satellite. This spacecraft was equipped with a large dewar with superfluid helium and had a manoeuvering 
capability In order to train a telescope at a desirable location on the celestial sphere. Over the years 
experiments on forced liquid behaviour in containers with simple geometric shapes have been conducted 
(Ref. 33,34). The present investigation has been conducted with a free-floating tank with annular 
cylindrical void. The article is denoted by Wet Satellite Model, or WSM. A sketch of Its cross-section is 
given in figure 1. 

The tank possesses inertial axlsynmetry; its moment of Inertia about the axis of symmetry Is I , the 
(principal) moment normal to the axis is I . The liquid Inside the tank cannot move swiftly in the radial 
direction, i.e. normal to the cylinder surfaces. This feature allows to model the liquid behaviour with 
only two velocity components, l.c. neglect the radial velocity. A further important simplification 
results if the liquid is assumed to be Inviscld. In that case the liquid cannot exert a torque about the 
axis of symmetry since the forces from liquid pressure are either parallel to or Intersect this axis. 
During n transient notion the forces at a stuck contact line could possible result in such a torque but 
this remains to be invcsLlgatcd. First order corrections to the Inviscld case with no radial flow can be 
obtained from solutions of the linear perturbation equations. 

Although the previous discussion has considered the wall pressures as the coupling between the liquid and 
the tank, it is more convenient to formulate the problem as if the liquid were solidified and correct for 
liquid notions by additional forces (Ref. 12,35,36). 

The equations for the dynamics of the tank and the liquid arc: 

nR + X mr • -w x (w x mr) - / PadV - 2 / pw x vdV + K (1) 

liquid liquid 

- R X mr + Iw • X l.w - f Pr x adV - 2 | Pr x (w x v)dV + M (2) 

liquta liquid ” 

V,v - 0 (3) 

a + i 7p - vAv • -R^-wx(wxr)-«xr-2wxv + F (4) 

where a superposed dot indicates the rate of change in an inertial coordi:iatc system. The body-fixed 
coordinate system Oxyz is at position R in this inertial system and has angular velocity u. The other 
variables arc: 

Q • total mass of tank with liquid 

r • position of center of mass in Oxyz I in general tlnc-dcpendcuc for a 

I » inertia tensor of frozen system .about OJ partially filled tank 

r ■ position of liquid element in Oxyz 
v »• liquid velocity with respect to Oxyz 
a - liquid acceleration with respect to Oxyz 
K • sun of all forces on the system 
M « sum of all torques on the system 
F • sum of body force accelerations on the liquid 
p ■ liquid pressure 
P » liquid density 
^ • kinematic viscosity 

The solution of equation 4 requires boundary conditions (Ref. 15): 
at the liquid-solid interface 2 C ■ 0 

at the liquid-ullage interface + <v.V)f •• 0 

c.(7.n,) - p - 

at contact line " cos® (moving contact line) 

where f “ const, describes the free surface of the liquid 
Vf 

* iT n ' “ surface 

o •“ surface tension 
0 • contact angle 

Other conditions may be imposed at the contact line, depending on the physical properties of the material 
phases. Initial conditions complete the requirements for a solution of the ct^uations. Equation 4 
identifies at least three timescales, related to « (spin), (nutation) and *R (slosh). For spinning 
liquids, additional time scalcn result from Inertial or Kossby waves (Ref. 37); Farametrlc resonances 
could occur when the timescales of different phenomena get in tunc. The various frequencies arc present 
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ii\ the pressure field and thus also In the liquid force that acts on the tank. Identification oi these 
frequencies Is an Important means of diagnosis of liquid behaviour. High frequency components are 
generally damped quickly in small geometries (by viscous friction) and so one may expect scale models for 
large spacecraft to represent fundaisental modes behaviour only* 


PARABOLIC FLIGHT EXPERIMENT 

The experimental data have been collected during free-fall generated in an aircraft in parabolic 
flight (Ref. 38). The flight opportunity was provided by ESA during a campaign In August 1988 with NASA's 
KC-135 aircraft (Ref. 39). 

Hardware 

A sketch of the WSM is given in figure 1. The tank void has a height of 250 xoa, between two 
cylindrical surfaces of radii r. - 128 mm and • 144 ma. The weight of the empty WSM is 4510 gr, its 
principal moments of inertia are I ■ 0.06C6 kgm^ .about the axis of symmetry and I. ■ 0.0631 kgm* normal 
to that axis. The moments have beeR determined by calculation and from experiment Itorsional pendulum 
method). 

Some stickers with ^characteristic shapes were glued to the WSM in order to establish its attitude on 
pictures. The contained liquid, water, was coloured with food colouring for better Identification. A 
picture of the WSM in weightlessness is given in figure 2. The colouring did not affect the surface 
tension* as evidenced by measurement. 

The momentum device and brake assembly (Fig. 1) consists of a gyroscope with 0.12 kgm^s ^ of stored 
angular momentum and a mechanical brake. Upon release of the WSM, this brake is automatically applied 
and* within approx. I second* brings the rotor to a complete stop and so accomplishes the transfer of the 
angular momentum to the whole WSM. The performance of the brake has been measured. The results show that 
the transfer of momentum Is reasons! .y constant* after a fast rise and before a steep decrease at the end 
of the braking period. 

The momcntvjo device can be affixed in two positions. The first option has the rotor axis aligned 
with the axis of symnetry of the WSM, the second has Che rotor with an angle of n/4 with this axis at the 
center of the WSM. 

Scenario 

For Che cxecucioa of an experiment, the opetator holds the WSM steady at a central location in the 
aircraft. When the parabola is well-initiated, he releases the WSM. This action removes a power plug that 
provides the board electricity to the running gyro* and thereby also releases a spring that activates the 
mechanical brake on the gyro-rotor. The operator observes the WSM and recaptures it before it hits the 
wall or boceem of the cabin. 

The behaviour of the WSM is recorded on 16 ma film, at 24 fps* by a cameraman who remains steady in 
the aircraft. From this filmed record the kinematics of the motion arc to be reconstituted. 

The dimensions of the WSM, for a given gyroscope, arc selected such that surface tension effects can 
be expected to be important. In addition* the nutation frequency and the fundamental slosh frequency 
sliould be of comparable magnitude. This last requirement may be expected to produce a clearly different 
behaviour of the WSM as compared to a completely solid spacecraft. 


e 1 

The nutation freoucncy 6 • — « where « is the rate of spin, c » 

' cosa s s I. 

and u « nutation angle. The value for c os listed is for an empty, solid WSM. However c Is not expected 
to cliange much from liquid loading and will be about 1.1-1.2. Thus* for sEoall nutation angles, 0 


The fundamental slosh frequency In the annulus can be related to the frequency in a cylinder as a 
function of Bend number (acceleration) (Ref. 40), If one assumes chat a comparable relation holds for 
centrifugal fields* i.c. with a Weber number rather than a Bond number, the slosh frequency in the 
annulus can be related to the results for a rotating cylinder. Such data have been obtained during a D-1 
experiment (Ref. 34). Substitution of the pertinent parancters produces a formula 


25 1, ^ 10 


where is the fundamental slosh frequency in a spinning annulus, 8 ■ kinematic surface tension and 
R ■ outer radius of the annular void. The formula is expected to hold good only for high annulus ratios* 
l.e. ^ Evidently and no interference between slosh and nutation frequencies may be 

expected for small nutation angles. Increase of c could bring about such occurrence but thl^ is 
undesirable since the consequent WSM motion would be very stable. If u - 0, w. 0,72 s”*, possibly of 
importance during spln-up. ® 

The initial spin-rate of the WSM may be estimated from the transfer of angular momentum from the 
gyro-rotor to the empty WSM. ihcn 

H » 0.12 kgm^s ^ Iw ■ 0.0686 w 
0 o 

or *• 1.75 s ^ 16 rpm 

0 

This value will decrease corresponding to a transfer of angular momentum to the carried liquid. A 
reasonable order-of-magnitude value for u •• I Then the motion is characterized by a rotational Weber 
number We; 
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We • centrifugal pressure ^ ^ ^ q 

surface tension 6 

where t is the width of the annulus and r the average radius. As a consequence one may conclude that 
capillary effects will have a strong Influence on the motion. If a frcc-float time of 6 seconds is 
assumed (Ref. 24), only 1-2 full revolutions of the WSM will be accomplished, much coo short for 
development of rotational flow. 

Results 

Although many test runs with the WSM were performed, only nine have been recorded for evaluation. Of 
these, two had the momentum device angled at the axis of sytsiaecry and images of these runs have been 
analyzed. 

It soon turned out that the manual release of a WSM of this size did not sufficiently guard against 
g-jitter disturbances on the contained liquid. As a consequence, the liquid was moving already prior to 
release and, moreover, was someticec fairly arbitrary distributed over the tank. Therefore the comparison 
with the numerical simulation results, that start from well-defined initial conditions, can only be 
qualitative. 

Image Processing 

The flight film has been transcrlpted to 24 mm format in order to fit available image processing 
hardware. After some trials, a semi-automatic procedure was established for the extraction of WSM 
attitude data. Each film frame in sequence is digitized via a CCD camera and the image presented to the 
operator at an IRIS workstation. The operator controls a wire figure with the same outline as the WSM. 

Via a mouse the best coincidence of the wire frame with the WSM is generated. The attitude angles of the 
wire frame are taken as the WSM data. 

Quantitative Data 

Although the image translates with respect to the camera, the effect on the reconstitution of the 
attitude motion Is slight, as confirmed by some tests. Rotational errors are much more influential; if 
the aircraft goes over the top of the parabola during the recording, a rotation of up to 90* in pitch 
could be superposed on the WSM. No corrections for this effect have been made and the camera is taken to 
fix an inertial coordinate frame. 

The body-fixed coordinate system of the WSM is related to the inertial frame of the camera by three 
consecutive rotations. The relation between the two coordinate systems is given in figure 3. The unit 
vectors of the camera system have subscript o, those of the WSM system 3. Then 


M 

I cos<^2 cosv^ 

SlVj 

SiVj COSVj + COSVj 

Sl.«j 

Sitf J 
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1 
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cosv 

COSVj - SlVj Sl9^ 

SlWj 

SlVj 

COSVj + COSVj slVj Si'fj 

1 




- SlKj COSICj 



cos«>j cos »2 

k 

s. “Oj 


where magnitudes of the successive rotations in figure 3. These quantities are 

sometimes referred'^to as Tait-Bryan angles. 

The WSM axis of symmetry is along k_. The plane wherein the canted gyroscope axis is contained has to be 
determined a posteriori since no record was kept of the initial alignment of the WSM with the camera. The 
camera view direction is along-k^. 

The recovered attitudes from 76 consecutive frames of film are plotted in figure 4. The ordinate 
(Row index) represents time stops of 1/24 seconds. The data could be smoothed In order to obtain angular 
rates in other coordinate systems, c.g. 

sl«>2 

* '^>2 cos'i’j - siVj CO.S92 

represents the rates in the inertial system as a function of the Talt-Bryan angle rates. 


NUMERICAL SIMULATION 

Concept of the Mathematical Model 

The theoretical investigation that complements the experiments is focused on the numerical 
simulation of the motion of the WSM. At NLR, a (Kortran-77) simulation cnvi>’onment has been developed 
that can efficiently be used to investigate numerous aspects of spacecraft uiotions. This simulation 
environment Includes models for the llquid/solid-body dynamics, sensors, ac’-untors, external 
disturbances, satellite trajectory generation and satellite control (sec Pig. 5). Each model con be 
replaced by a substitute one chat performs the sane function. Thence, a simulation environment can be 
refined or coarsened where appropriate. 

In this particular case study, only the models for the liquid/solid-body dynamics and the actuator 
arc relevant. The gyro-and-brake assembly in the WSM has been modelled such that the total momentum of 
momentum is transferred, once the brake is applied, to the whole WSM within one second. In the simulation 
the gyro-axis and the tank-axis meet at an angle of 45*. 

The model for the liquld/solld-body notion is based on the computer program ANVOF that has been 
developed at NLR to simulate narrow annular cylindrical tanks partially filled with liquid. In this 
model, two sets of equations nay be distinguished: tank equations and liquid equations. In the tank 
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cquacions (I) and (2)» the velocities R , u and the accelerations » u arc the unknown variables* In the 
liquid equations (3) and (4), however, ?hc velocities and accelerations in the liquid arc the unknown 
variables. The two secs of equations and their coupling is depicted in figure 6. The coupled equations 

are integrated explicitly. This means that, when a time step from tine t to time t-f^t is simulated, the 

two secs of equations are integrated in parallel (see figure 7). The tank model controls the tine 
integration. Ac the new tine level c-f-At, the two models exchange information which will be used in the 
integration of the next time step. The information transfer of the tank model to the liquid model 
consists of the parameters R , *R , w and whereas the reverse information transfer consists of the 
contribution of the liquid to the position vector of the system center of mass, to the moment of inertia 
tensor and the Integrals in the rlghthandside of (1) and (2). 

Since the tank model needs information from the liquid model at time intervals At, the integration 

of the equations of motion of the liquid w.r.t. the tank may take several internal (smaller) time steps. 
This is the major advantage of the partitioning: time step restrictions in the liquid model have no 
effect on the time steps in the tank model. The numerical stability aspect of the method of partitioning 
is described in reference 12. 


Kumerical Results 

In order to illustrate the Influence of the liquid motion on the notion of the tank, first the tank 
without liquid Is considered. The characteristic quantities of Che tank are given in Cable I. A torque M 
about the center of mass and at an angle of 45*^ with the tank axis of symmetry is applied during one 
second. After Che one second period, Che simulation is concerned with a torque-free attitude motion only. 

The results from the simulation program arc shown in figure 8. As can be seen, the tank is given, 
almost Instantaneously, a rotation along an axis in the x-z plane* with components of approximately 
.72 rad/scc and .84 rad/sec along the axis of symmetry and the x-axis, respectively. In the torque-free 
motion, the tank keeps its angular velocity of about .72 rad/sec around its axis of symmetry for the 
remaining part of the sinulaclon. 


The values of the angular velocity components along the body-fixed x-axis and y-axis, however, arc 
changing as the simulation goes on. In fact, the value of varies harmonically between (-.84 rad/sec, 
+.84 rad/secl, while the value of w simultaneously changes such chat + u* ■ (.84)^. Thus, Che angular 
velocity vector w keeps its constant value during the whole sioulaclon:^only^che direction of its 
projection onto the x-y plane varies continuously as time progresses. The periodicity of this tnr>tion is 
approximately 47 seconds. Two cones can be used to describe the notion: a space cone that is attached to 
Che angular nomentum vector fixed in inertial space, and a body cone that is attached to the body-fixed 
coordinate system and aligned with the tank axis of symmetry. The notion can be visualized by the rolling 
of Che body cone on the space cone, with « corresponding to the line of tangency (Fig, 9), 


The second simulation has the tank partially filled with an inviscid liquid. The characteristic 
quantities of the system arc given in cable 2. Again a torque M at an angle of 45^ with the axis of 
symmetry Is applied during one second. After the one second period, the system Is allowed to move freely. 


The time step in Che liquid model is chosen to be .01 second. The tine step in the tank mode] equals 
Che time interval between consecutive inforaation exchanges of the tank model and Che liquid model: 

Ac • .1 second. In the initial configuration the liquid height is constant. The liquid mass is 
approximately 36% of Che total mass. The calculations are performed for a surface tension of 70 mN/m and 
a contact angle of 70*. 


In figure 10, the angular velocities around the body-fixed coordinate axes arc shown. As in the 
first simulation, Che tank is given, almost instantaneously, a rotation along an axis with components 
along Che axis of symmetry and the x-axls. Again, the angular velocity around the first axis is 
practically constant during the whole simulation, only a moderate change of its value can be observed as 
tine progresses. This could be due to the action of surface tension at the contact line. 


The near equality of the principal moments of inertia of Che tank makes the growch of the u 
component very slow. It is apparent that the (inviscid) liquid is not very effective in coupling^the 
rotation rate components. However, it is interesting to note chat the values of (a and w start with 
opposite sign, in distinction to the behaviour in figure B. ^ y 

In the figures 11 and 12, the tank has been cut lengthwise and subsequently unfolded. On the 
horizontal axis, the location at the tank periphery can be read. The liquid height is displayed 
vertically. In figure 11, it can be seen that, already in an early phase of the simulation (i.c. after 
2.6 seconds), a particular column of liquid reaches the top of the tank. When the contact area of the 
liquid with the top of the tank, has increased to a certain extent, the liquid height at the "right" side 
of the contact area starts to decrease, while the contact area is expanding to the "left". The location 
of Che contact area at different points of time is clearly displayed in figure 12. 

The variation of the liquid height as function of the time is displayed in figure 13 for 4 different 
positions at Che tank periphery. The positions arc chosen such that they divide the tank cross-scction in 
four equal parts. It may be noted that a more smoothly varying function will be obtained by using a finer 
spatial grid for solving the Navlcr-Scokcs equations. 


CONCLUSIONS 

The presented results are preliminary. They constitute a first test of an experimental system and 
its numerical simulation. Various improvements and extensions of methods can be identified for additional ; 

work. V 

The experiments showed chat mlcrogee times of about 6 seconds arc feasible for free-floating > 

articles on an aircraft like the KC-i35. Filmed records of 30-cm objects are sufficiently clear chat they ^ 

i 

5 

'i 
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can be reduced to nutscrical sequences of accicude angles via a non-dedicaced inage processing ayscem. 

The aircraft environment does not allow to start with well-defined initial conditions in the tank unless 
special measures arc introduced* 

The numerical simulation of the combined liquid-tank motions has been accomplished for large, 
unconstrained amplitudes of these motions. Several difficulties have been surmounted, notably the 
modelling of the liquid behaviour upon contact of a confining wall. 

After a closer comparison of experimental and numerical results, extension of the investigation is 
considered in the following areas: 

- modify the MSM in order to start with known Initial conditions of the liquid 

- Incorporate accelerometers on the WSM for direct recording of the motions ("balllstometry") 

- Introduce viscosity in the liquid model 

- improve modelling of liquid behaviour, guided by the experimental data 

- prepare for longer duration experiments. 
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lABLE 1__TABLE 2 


TANK 




TANK 




inner radius (cm) 

12.8 



Inner radius (cm) 

12.8 



outer radius (cm) 

14.4 



outer radius (cm) 

14.4 



height (cm) 

28 



height (cm) 

28 



mass (gr) 

7247 



mass (gr) 

4507 



renter of mass (cm) 

0 

0 

0 

center of mass (cm) 

0 

0 

0 

inertia tensor 

996000 

0 

0 

inertia tensor 

637000 

0 

0 

(grem^) 

0 996000 

0 

(grem*) 

0 637000 

0 


0 

0 

IlSIOOO 

LIQUID 

0 

0 

675000 





height (cm) 

20 







mass (gr) 
density (gr/cro®) 

2740 

1 







inertia tensor in 

359000 

0 

0 





equilibrium position 

0 359000 

0 





(gren^) 

0 

0 

506000 


NUMF' AL DATA 

numb<^r of points in liquid model 132 

time sceo in Unuia wnaoi (c-c'' .01 

time step In tank model (see) .1 

time between information exchanges(scc) .1 




Figure 1 Cross-section of the WSM 



Figure 2 WSM during weightlessness in the KC-135 aircraft 



Figure 3 Relation between WSM and casern coordinate systems 
























Figure 6 Technical concept of partitioning of the coupled liquid solid 
body system 



Figure 7 Numerical Integration of the coupled equations of motions of the liquid-solid 
body system 
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Figure 8 Angular velocities of the tank (without liquid) w.r.t. the body-fixed 
coordinate system 
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Figure 10 Angular velocity of the tanl( (with liquid) w.r.t. the body>fixcd 
coordinate avsten 
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SUMMARY 

The Hemes manipulation system (HERA) is a sophisticated space 
manipulator system, which has to perform tasks ranging from 
berthing to tool operation in various operational modes from 
fully automatic tc purely manual. 

Development and qualification of such a space-based manipulator 
must be supported by computer simulation facilities. 

The HERA system main contractor is Fokker Space & Systems B.V. 
(FSS). The National Aerospace Laboratory (NLR) in the Netherlands 
is responsible for the development of the so-called HERA Simula¬ 
tion Facilities (HSF). ^ 

The paper will focus on the HSF-P : a first 'pilot' real-time 
simulation facility. Design concept, simulation models and 
.'■upport tools are discussed in some detail. 


1. INTRODUCTION 

When the Hermes space plane has to perform external servicing of the Columbus Free Flying 
Laboratory, Europe's autonomous space station, a manipulator arm will be required. The 
Hermes manipulation system (HERA) is a sophisticated space manipulator system, which has 
to perform tasks ranging from berthing to tool operation in various operational nodes 
from fully automatic to purely manual. 

Development and qualification of such a space-based manipulator must be supported exten¬ 
sively by computer simulation facilities (Ref. 1). The HERA Simulation Facility Pilot 
(HSF-P) is the first ('pilot') facility in a series of simulators, both real-time and 
non-real-time, that is developed to support this in-orbit operations technology. 

The simulation capability of the HSF-p offers: 

- the basic operational environment required for research and development of the HERA 
manipulator system, allowing: 

- evaluation of operator-in-the-loop support software; 

- visualisation of manipulator operations; 

- analysis of operational aspects (e.g. time-lining); 

- feasibility experiments on manipulator operations; 

- development of hands-on experience with HERA-operations by HERA design engineers. 

- a simulated environment with sufficient fidelity to allow experimental evaluation of 
real-world (shirt-sleeve) teleoperator station requirements. 

This paper gives a concise description of the Hermes manipulation system to be simulated, 
the HERA simulation facilities involved and focuses on the pilot simulation facility 
HSF-P. 


2. HERMES MANIPULATION SYSTEM 

According to the present concept (Ref. 2) HERA is a manipulator with 6 degrees of free¬ 
dom, i.e. during operational use the arm has six controllable joints. An additional 
degree of freedom is contained in the deployment mechanism which is fixed during normal 
operation and is used to move the arm to its initial operational position. Another 
additional degree of freedom is used to allow for relocation of the arm, e.g. move the 
arm from the Hermes space plane to the Columbus Free Flying laboratory. 

Operational functions to be carried out by HERA are at least: 

- inspection; 

- replacement and exchange of Orbit Replaceable Units; 

- transfer of objects (spacecraft or tool); 

- support of Extra Vehicular Activities (EVA); 

- relocation of itself. 

Tasks may also include (re-)berthing and capture of free flyers. 


M$F‘P (s developed for European Space Asency ESA vrJ Mk«r Space t Systcee FSS urder contract 7222/67/NL by the Kational Aero»pacc Laboratory KiR 
(Affoterdan) and BSo/&uro voor SyateeciontMUkeUnc (Utrecht). The project has been soonsored ty the Netherlands Agency for Aerospace Progrars NIVR. 
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The manipulator, with a total length of approximately 10 m and a total weight of approxi¬ 
mately 200 kg, will be capable of handling payloads of more than 20.000 kg. Appropriate 
control of the movements of the manipulator requires special attention for the following 
aspects related with system dynamics: 

- effects due to flexibility of the long and slender beams; 

- effects caused by elasticity of the gears used in the joints; 

- effect due to the location of the manipulator at a moving base (e.g. Hermes) and 
effects caused by control interaction. 

The arm will be provided with exterioceptive sensors to enable both man-in-the-loop and 
automatic control of the manipulations. These sensors are: 

- camera's located on the elbow and on the end-effector, Hermes and the Free Flyer; 

- torque/force sensor located in the end-effector to control operations in which inter¬ 
action with the environment is involved (e.g. insertion and extraction operations). 

The arm will be controlled from the Hermes co-pilot station by means of two 
handcontrollers, having three degrees of freedom each, a keyboard, a cursor positioning 
device, four video displays and an emergency switch board. 


3. HERA SIKULATION FACILITIES 

The HERA Simulation Facility (HSF) consists of three distinct facilities (Ref. 3): 

- the HSF Pilot (HSF-P), a first 'pilot' real-time simulation facility; 

- the Non-Real-Time HSF (HSF-NRT), the main HERA simulation tool for detailed design, 
analysis and verification. It will feature the highest model fidelity of all three 
facilities; 

- the Real-Time HSF (HSF-RT), an extensive real-time facility to provide high fidelity 
real-time "hardware-in-the-loop" and "man-in-the-loop" simulation capabilities. 

HSF-P was identified to be the first facility needed by the HERA system developer FSS. 

This facility has been developed and built by NLR and BSD during the last two years and 

passed its acceptance test in September 1989. 


4. HSF-P DESIGN CONCEPT 

HSF-P design has led to an architecture that contains as main components: 

- the Flight Teleoperation Facility test bed, which is basically a mock-up of the Hermes 
cockpit (See figures 1 and 2) and comprises all hardware elements that form the 
astronauts direct environment and allow the monitoring and control of the manipulator; 

- Test Engineer Stations for preparation and evaluation of simulation runs; 

- an Instructor Station for supervisory control and monitoring of a simulation run; 

- the On-Board Software, being a (simulated) subset of the software used to control the 
manipulator, including the software used for interaction with the astronaut; 

- the Dynamics Model Software for simulating the kinematic and dynamic behaviour of the 
electro-mechanical system, i.e. Hermes, HERA, payloads, tools, cameras. Free Flyer and 
the environment; 

- the Image Generation Software, containing geometry models of Hermes, HERA, payloads, 
tools. Free Flyer and a star background, and software to generate two simultaneous 
simulated camera images; 

- the Real-Time Simulation Tool Software which provides all supporting tools prior to, 
during and after a simulation run to allow for an appropriate and efficient use of the 
facility and building of new simulators. 

Based on above architecture, the distribution of components has led to the following set 
of main HSF-P hardware elements (see figure 3): 

- a (host) simulation computer for test control and real-time simulation of dynamics, 
kinematics and execution of on-board software (GOULD/SEL 32/6742 D, dual processor 
system); 

- a graphics workstation for visualisation of the camera images in real-time (Silicon 
Graphics IRIS 4D/50GT); 

- a Flight Teleoperation Facility test bed including two three degree of freedom 
handcontrollers, a keyboard, a tracker ball and a man-machine interface computer (SUN 
3/50); 

- an instructor station for simulator control, and 

- two test-engineer stations for test preparation and processing of results. 

The software as developed for HSF-P is split into model software and tool software. The 
HSF-P models are organised along a model tree. The HSF-P main-model consists of a number 
of sub-models (dynamics, on-board software), each built up of further sub-models. Each 
model can have several representations, having a different level of detail or a different 
method of implementation. 

Model software includes: 

- real-time dynamics models; 

- On-board software model in four levels; 

- visualisation models. 

Tool software allows the following functions: 

- composition of models into simulators (model composition); 

- preparation of simulations (pre-processing); 

- execution of simulation runs (real-time executive, test control, image generation); 

- preparation for result interpretation (post-processing, visualisation replay, video 
recording and collision detection). 
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The software has been fully documented according to the European Space Agency's (ESA) 
Software Engineering standards (Ref. 4). 


5. HSF-P MODELS 

HSF-P model software Includes real-time kinematics and dynamics models of the relevant 
flight elements, a model of the simulated on-board software and geometry models needed 
for visualisation and collision detection. Each of these will be elaborated in the 
subsections below. 


5.1 Dynamics Models 

The HSF-P dynamics simulation models include models of: 

- the Hermes space plane; 

- the Columbus Free Flying Laboratory, either free-flying or docked with Hermes; 

- the HERA manipulator, located at Hermes; 

- Payloads and tools , which may be attached to: 

- Hermes, 

- the Free-Flyer, or 

- the HERA End-Effector; 

- camera pan and tilt kinematics. 

A side view of the Hermes-HERA configuration as used for .HSF-P is show.n in figure 4. 

Mote: this is not the current configuration. 

The Hermes space plane is modelled dynamically as a 6 degrees of freedom rigid body and 
is equipped with an Attitude Control System. 

The Columbus Free Flying Laboratory is modelled kinematically according to a prescribed 
trajectory. This mode is used to simulate capture operations. When docked the Free Flyer 
dynamics characteristics are combined with those of Hermes resulting in a single 6 
degrees of freedom rigid body. When captured the Free Flyer dynamics characteristics are 
combined with those of the End-Effector. 

The HERA manipulator is modelled as a dynamic multi-body system which consists of: 

- 6 joints, 3 of which include gearbox flexibility. 

- 6 links, including the End-Effector attached to the last link. The two long limbs are 
modelled as flexible containing two orthogonal bending modes and one (not yet imple¬ 
mented) torsion mode each. 

Joint model 

Each joint contains a motor model, gear flexibility, non-linear friction models 
(stiction. Coulomb friction and viscous friction, both on motor axis and joint output 
axis) , a brake model and position encoder and tachometer models. 

The joint model is illustrated in figure 5. Input is the commanded actuator motor current 
given by the joint control software; outputs are the actual motor axis and joint output 
axis angular position, angular velocity and torque. 

During a simulation, one or more joints may temporarily be locked due to joint output 
axis stiction. When this occurs the system dynamics equations are reconfigured according¬ 
ly- 

Link model , , . . . 

Limb flexibility is modelled through the introduction of fictitious joints, one for each 
of the clamped-free mode shapes of each of the flexible limbs. The elastic restoring 
torque and structural damping torque are represented by a fictitious linear spring and 
damper in that joint. A key advantage of this well-known modelling technique is that it 
allows re-use of existing rigid-manipulator software for the simulation of the dynamics 
of a flexible manipulator. 

Although the fictitious joint technique allows qualitative representation of flexibility 
effects, its use introduces quantitative errors. These errors can in principle be sup¬ 
pressed through the introduction of additional fictitious torques and forces on the limb, 
according to a limb-based linear feedback law derived from the theory of Equivalent 
Flexibility Modelling (Ref. 5). This requires further modification of the rigid-manipula¬ 
tor simulation software. Work to validate the concept of Equivalent Flexibility Modelling 
(EFM) is currently under way. 

The basic rigid-manipulator simulation software, then, uses an algorithm of the recursive 
type. It exploits the chain topology of the spacecraft-manipulator system. It constitutes 
a further development (Ref. 6) of the recursive algorithm proposed in Ref. 7 (method 3). 
Due to its recursive nature, the algorithm can be programmed easily, and execution times 
are comparatively short. 

For HSF-P execution time is shortened further through the introduction of a multi-rate 
simulation scheme, in which the system inertia matrix and the Coriolis/centrifugal vector 
are evaluated at a low rate compared to the evaluation rate for the acceleration vector. 

Tools and payloads or several cypes can ce used, bcandard available payloads, aodelleu as 
rigid bodies, are: 

- inspection tool; 

- capture tool; 

- Orbit Replaceable Units. 

Once a payload is attached to the manipulator's End-Effector its dynamics characteristics 
are combined with those of the last link of the arm forming a new last link with the 
corresponding dynamic behaviour. 
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The resulting dynamics model of the Hermes-HERA system as currently modelled in HSF-P has 
a state vector of dimension 38. The model consists of a set of non-linear state-dependent 
differential equations (Ref. 6 and 8). The state-dependent coefficients of the equations 
are computed recursively, while the behaviour in time is computed by means of numerical 
integration. During the development of the dynamics models special attention was paid to 
numerical stability of the simulated model under the restrictions caused by the real-time 
demand for the given computer hardware. Stability is affected by the frequencies present 
in the system due to structural flexibility as well as by non-linearities in the manipu¬ 
lator and joint models. The model was implemented on a single processor of the target 
computer using: 

- an update frequency of the state vector of 100 Hz; 

- an update frequency of stiction statuses and mass matrix reduction and factorisation 
of 50 Hz; 

- an update frequency of the mass matrix and Coriolis/centrifugal vector of 1 Hz; 

- a Runge-Kutta scheme for numerical integration. 

The reconfiguration process required in case of capture operations or grapple/release of 
payloads and tools is carried out automatically by the simulator in real-time, based on 
control commands generated by the human operator (e.g. grapple command). The required 
transition is performed by freezing the simulation process, followed by a re-initiali¬ 
sation of kinematics and dynamics variables and parameters and an automatic re-start of 
the simulation process. This re-initialisation is made transparent to the operator, 
contact dynamics is not implemented. However, contact strain built up in the arm is part 
of the re-initialisation algorithms and becomes visible after payload/tool de-latch. 


5.2 On-Board Software Models 

The On-Board Software is a simulated subset of the software used to control the HERA 
manipulator and consists of four hierarchical layers: 

- the Man-Machine Interface software, 

- the Teleoperation Supervisory System software, 

- the Teleoperation Executive Control software, and 

- the Manipulator Arm Resident Software. 

The relation between these On-board Software layers as implemented in HSF-P as well as 
the relation with the Hermes-HERA dynamics and kinematics elements is depicted in figure 
6 . 

The Man-Machine Interface software provides: 

- acceptance of keyboard and tracker ball inputs (control of: control reference frames, 
manipulator control modes, Attitude control System, tools, camera selection, camera 
pan and tilt, brakes, etc.); 

- acceptance of handcontroller inputs; 

- display of numerical data on the Flight Teleoperation Facility test bed data display, 
in windows for e.g.: 

- Mission information; 

- Warnings and alarms; 

- Status information; 

- Functional information; 

Main functions of the Teleoperation Supervisory System are to facilitate: 

- payload data inspection and control; 

- relay of Hermes Attitude Control System signals; 

- relay and check of simulated switch board inputs; 

- camera control; 

- supervision of and interaction with lower level onboard Software, 
and allow selection of inspection tool in/out state. 

The Teleoperation Executive Control provides the following main functions: 

- acceptance and scaling of rate commands in the selected reference frame in operator 
controlled mode; 

- acceptance and scaling of rate commands in single joint mode; 

- limitation and vectorial scaling of rates at several levels; 

- interfacing with sensors; 

- singularity avoidance; 

- computation of manipulator inertia matrix (for On-board Software use); 

- calculation of joint rate commands and joint controller gains; 

- joint commanding during brake activation. 

Teleoperation Executive Control is executed with 10 Hz. 

Manipulator Arm Resident Software functions are: 

- acceptance of rate commands from Teleoperation Executive Control and extrapolation to 
Manipulator Arm Resident Software control frequency; 

- limitation of joint rate commands, positions and torques; 

- acceptance and processing of sensor data (tachometer aiTu position uiioodur) ; 

- computation of feedback control; 

- switching of joint brakes; 

- relay of end effector and tool commanding; 

- relay of end effector sensor data. 

Manipulator Arm Resident Software is executed with 50 and 100 Hz. 
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5.3 Visualisation Models 

For visualisation of the scene as seen via the camera's, and used by the human operator 
to monitor and control the system, the Image Generation System is used. A geometry model 
of the system was composed of the following main elements: 

- the Hermes spacecraft; 

- HERA with 6 links, 6 joints and the End-Effector; 

- the Columbus Free Flying Laboratory, docked to Hermes or free-flying; 

- capture Tool; 

- inspection Tool (retracted or extended); 

- payloads (Orbit Replaceable Units); 

- environment consisting of star fields; 

- grapple and capture fixtures and vision targets. 

Based on these geometry models, the act^js! state of the system as computed by the dynam¬ 
ics models and the camera's selected the human operator (2 out of 5), a simultaneous 
visualisation of two camera images is /-arformed in real-time with an image refresh rate 
of at least 5 Hz. Each of the two displays, realised as windows on the IRIS display, has 
a resolution of 600x600 pixels. The image is generated using solid surface modelling, 
Gouraud and flat shading and hidden surface removal based on z-buffering. 

Two examples of images as visualised by the Image Generation System are shown in figure 
7. These images show the manipulator during a servicing operation, while Hermes and the 
Free Flyer are docked. 


6. HSF-P TOOLS 

The HSF-P simulation process is divided in a number of steps, that are supported by the 
HSF-P tool software (see figure 8): 

- the composition of a simulator by integrating the model software in the simulator 
run-time system (simulator composition); 

- preparation of a simulation (pre-processing); 

- simulation execution (real-time execution, test-control, image generation); 

- presentation of simulation results (post-processing, visualisation replay and colli¬ 
sion detection). 

During simulator composition a specific model is selected for each aspect of the system 
to be simulated. A simulator consists of a single representation of the real-world system 
to be modelled, and of tool software that controls the simulation process. All simulator 
parameters and variables are entered via the Simulation Data Document (see figure 8). 
This document includes a description, default value, minimum value, maximum value, unit, 
type and local name for each parameter and variable. 

Specification of the simulation is supported by the pre-processing system. This system 
presents the contents of the simulator to the user, organised along the model tree. The 
pre-processing system translates the user-representation (model-tree) of the simulator to 
the internal representation and organisation of the simulator. 

To prepare a simulator for simulation execution, the following information is to be 
specified: 

- a list of deviations of parameters and variables from the default values given in the 
Simulation Data Document (simulation settings); 

- a list of event definitions (scenario), either state driven, time driven, human 
operator action driven or instructor action driven; 

- the sequence and frequency of activation of the simulator modules for generally n 
processors of the host computer ^3cheduling scheme), for HSF-P two processors are 
used; 

- a selection of simulation variables that are to be stored during simulation execution 
in the simulation results file for post-run analysis and a selection of simulation 
variables for on-line data display. 

The tool software that controls the simulation real-time execution performs the following 
functions: 

- initialisation of the simulator state as specified during simulation preparation; 

- activation of the simulator modules as specified in the scheduling scheme: 

- visualisation; 

- providing an interface to the instructor for simulator control (see figure 9) and 
on-line data presentation. 

After simulation execution the simulation results are prepared for interpretation and 
analysis. The simulation results are presented by the post-processing system in plotted 
or printed form, or are converted to be processed by external eigineering-database-man- 
agement systems. 

The Replay and Collision Detection System provides a post-run visualisation of a simula¬ 
tion run. During replay, the simulation can be run forth or back with various speeds, can 
be frozen, and the simulated system can be observed from different viewpoints (e.g. see 
figure 7). The visualisation results can be recorded on video tape. 

During replay any number of objects can be checked for collision with any other object. 
Such objects are selected prior to the replay run. When a collision is detected the 
replay halts and provides a collision report. 

All HSF-P tool software has been developed for machine-independence as much as possible. 
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The tool software is also completely separated from the HSF-P model software. This 
ensures possible exchange of i..odel software during HSF-P operational life, but also 
between different projects (e.g. real-time Rendez-Vous and Docking simulation) or 
different system configurations. Using the HSF-P tool software, the emphasis can be 
placed on the only real issue: modelling the physical reality of dynamic multi-body 
systems. 


7. CONCtOSIONS 

Acceptance tests and preliminary usage of the facility have shown that HSF-P can be 
regarded a very useful tool for HERA development. 

Design and architecture of the facility, especially its flexibility in software structure 
(modularity) and software portability, facilitate the re-use of both software tools and 
model elements as present in the HSF-P. Re-use is already considered for the European 
Real-time Operations Simulator (EOROSIM) prototype development, the European Proximity 
Operations Simulation facility (EPOS) and the HERA Simulation Facilities (HSF-NRT and 
HSF-RT). 
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ABSTRACT 

Since the 1974 proposal by Giuseppe Colombo to fly a tethered subsatcllitc from the Shuttle Orbiter, the 
creative thinking of many .scientists and engineers from Italy and U.S. has generated a broad range of potential 
tether applications in space. Many of these applications have promise for enabling innovative research and 
operational activities relating to flight mechanics in earth orbit and at suborbital altitudes. 

From a flight mechanics standpoint the most interesting of the currently proposed flight demonstrations are: 

1. the second Tethered Satellite System experiment which offers both the potential for aerothermodynamics 
and hypersonics research and for atmospheric science research; 

2. the Tether Initiated Space Recovery System which would enable orbital deboost and recovery of a re-entry 
vehicle and waste removal from a space station; and 

3. the Tether Elcvator/Crawler System which could provide a variable microgravity environment and space 
station centre of mass management. 

This paper describes the outer atmospheric and orbital flight mechanics characteristics of these proposed 
tether flight demonstrations. 

The second Tethered Satellite System mission will deploy the tethered satellite earthward and will bring it as 
low as 130 km from ground and thus into the transition region between the atmosphere (non-ionized) and the 
partially ionized ionosphere. The atmospheric flight mechanics of the tethered satellite is discussed and simulation 
results arc presented. 

The Tether Initiated Space Recovery System experiment will demonstrate the ability of a simple tether system 
to deboost and recover a reentry vehicle. The main feature of this demonstration is the utilization of a Small 
Expendable Deployer System (SEDS) and the low-tension deployment assumed to separate the reentry vehicle 
from the Shuttle. This low-tension deployment manoeuvre is discussed and its criticalities are outlined. 

The Tether Elcvator/Crawler System is a new space element able to move in a controlled way between the 
ends of a deployed tethered system. A Shuttle test of an Elevator model is planned in order to demonstrate the 
unique capability of this element as a microgravity facility and to test the transfer motion control. The basic 
dynamical features of the Elevator system arc presented and a preliminary assessment of the Elevator-induced 
tether vibrations is discussed. 

1. INTRODUCTION 

Through the cooperative efforts of the National Aeronautics and Space Administration of the United States 
and the Piano Spazialc Nazionale (PSN) of Italy, and its successor the Agenzia Spaziale Italiana (ASI), the tether 
concept has moved beyond study and analysis to in-space demonstration programs foi several applications. These 
cooperative programs of course arc in addition to other non-tether cooperative space flight programs within the 
two countries. 

Two joint agreements have permitted this progress. In particular, the "Memorandum of Understanding for 
Development of tiic Tethered Satellite System" became effective in March 1984. Its purpose was to enable joint 
planning and implementing of an initial TSS mission (TSS-1), a 20 km tether electrodynamics experiment from the 
Space Shuttle. This MOU also provides for the joint planning of two subsequent TSS mi.ssions. The TSS-2 mission 
to deploy a tethered research satellite 100 km downward from the shuttle into the outer atmosphere at about 1.30 
km altitude is now in planning and could fly in mid-1995. Such an experiment could be the forerunner of a 
significant aerothermodynamics and hypersonic flight research capability at altitudes between 150 and 90 km. 

A "Letter of Agreement for Conduct of Tether Applications in Sptice Studies" became effective in October 
1984. Its purpose is to prepare NASA and ASI for undertaking future joint flight experiment and development 
programs. From studies under this LOA, technology demonstrations, special emphasis tasks, and potential system 
level development programs arc being identiricd by both parties. The LOA also contains a provision for planning 
and developing specific joint (light demonstrations. 
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Three flight demonstrations have been planned and arc currently funded; 

• the Tethered Satellite System (first mission), 

• the Small Expendable Deploycr System, and 

• the Plasma Motor Generator. 

Four other possible demonstrations have had substantial definition and arc capable of being flown in the next 
4-7 years. From a flight mechanics standpoint the most interesting of the currently proposed flight demonstrations 
are; 

1. the second Tethered Satellite System experiment (TSS-2) 

2. the Tether Initiated Space Recovery System (TISRS) 

3. the Tether Elevator/Crawlcr System (TECS) 

2. SECOND TETHERED SATELLITE SYSTEM MISSION {TSS-2) 

Scientific measurements of the upper atmosphere arc needed to understand the causes of weather, 
atmospheric physics, chemistry, and dynamics, Sun-Earth interactions such as atmospheric diurnal bulges, 
ecosystem interactions, radio communications, and to comprehend in general the "upper atmosphere", between 
about 60 and 130 km, that is almost unexplored and unmeasured. 

To properly design future space vehicles such as acroassisted OTV, aerospace plane, re-entry vehicle, it is 
necessary to investigate within the upper atmosphere itself acrothcrmodynamic energy and momentum transfer by 
measuring frcc-strcam and boundary-layer gas densities and composition, both at the shock layer and very near the 
vehicle surface. 

A promising way of doing all this is to use the Tethered Satellite System (TSS) being proposed in a joint 
U.S.-Italian program to tow a craft at hypersonic velocities through the upper atmosphere at altitudes above about 
120 km. Carried by the Shuttle, TSS has three major elements (see Figure 1); the Tethered Satellite, the Deploycr 
and the Tether. 



Fig. 1 - The TSS-2 Atmospheric Mission 
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The Satellite, a 1.6-m-diam. sphere, would carry scientific experiments to be performed up to 100 km from the 
Orbiter. The Deployer will deploy, operate, and retrieve the satellite and maintain it at selected orbital altitudes. 
The Tether, connecting satellite and deployer, must withstand high drag and temperature. 

Operation of tethered systems subjected to high drag makes their control very important. Tether dynamics and 
control laws need to be defined and computer models formulated for simulation and definition of mission and 
tether requirements. 

For the purpose of this work, we shall consider the Shuttle in a circular, 28.5° inclined orbit at 230 km altitude 
with a 100 km tether connecting the Shuttle with the 500 kgTSS satellite. 

We first shall look at the equilibrium configuration of the system and then we shall examine the main features 
of the system dynamics in presence of drag forces due to the rotating atmosphere above 130 km. 

We have to say that for TSS-2 mission an equilibrium configuration docs not exist. In fact, for a non equatorial 
orbit, the combined effects of atmosphere rotation with Earth and density variations due to the oblate earth wilt 
cause, if the system is properly controlled, more stable librations than equilibrium of the system. 

For the purpose of understanding the tether medium equilibrium shape during the atmospheric mission we 
shall consider a constant atmospheric density at given altitude, i.c., we shall consider a spherical Earth. In the first 
approximation, the elastic deformation of the tether is neglected and the Shuttle maintains the circular orbit. 

The linearized equations of relative motion of the tether clement with unit length can be written in a reference 
system centered on Shuttle center of mass with the Z axis along the vertical oriented toward Earth and the X axis in 
the velocity direction. The equations in the orbital plane, where the drag mainly acts, arc: 
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The boundary conditions have to be imposed and the equations of relative equilibrium can be easily found. 
The final equations have been numerically integrated and the result is shown in figure 2 (see pg. 4). 

Two cases have been studied: one with atmospheric density (1000° K Exospheric Temperature) relative to the 
Equator crossing and representing the maximum drag experienced by the /stem during its orbit, and a second with 
the minimum drag experienced at 28.5° latitude. 

From figure 2 we can evaluate the strong influence of air drag on the TSS-2 mission. The satellite displacement 
from local vertical is shown to vary from 3.5 to 4.8 km and the tether curvature, essentially present in the last 15 km 
near the satellite, is an evident sign of the tether drag area impact on the equilibrium configuration. In fact, the air 
drag force on the tether is an order of magnitude greater than the force on the satellite. 

We have already said that for low altitude steady-state operation, the geometric effects of orbit shape on air 
drag produce libration perturbations. When the tether length is constant, the basic motion is composed of two 
librations with different periods. The periods arc independent of tether length and their values arc 2-ir / V3 n for 
in*nl»nr^ 2 nd “TT / f! for o'Jt'of'plsnc inolio?.. 

Computer simulations have been performed to investigate the dynamics of the system in presence of drag 
perturbations due to orbit inclination. Earth rotation and Earth shape. 





VERTICAL DISPUCEMENT (KM) 



Fig. 2 - TSS-2 Atmospheric Displacement (130 km) 
CM Orbit (H = 230 km; I = 28.5") 

Tether (Diameter = 2.2 mm; Unit Mass = 5.2 kg/km) 


A first simulation has been performed without any tether control maintaining the tether length constant. 
Figure 3a (see pg. 5) shows the in-plane librations of the satellite. They are characterized by the coupling between 
natural in-plane frequency (V3 n / Zv) and drag perturbation frequency (n / ir) . Large in-plane libration is 
present (5° amplitude) and the motion is stabie. Figure 3b (see pg. .5) shows the out-of-plano librations. They arc 
characterized by the natural out-of-jtlanc frequency (n / it) and drag oul-of-plane orbital frequency (n / Ztt). Stable 
librations arc shown for a circular orbit, but in an inclined elliptical orbit, density variations can cause an unstable 
growth in the out-of-planc libration. 

A second simulation has been performed utilizing a "yo-yo" damping control for the in-plane libration. Figure 
4a (see pg. 5) shows the controlled in-planc libration that presents a twice orbit rate libration of reduced amplitude 
(1.4°) obtained by a same rate sinusoidal length variation and utilizing reasonable tether tension and rates. Figure 
4b (sec pg. 5) shows the in-planc trajectory of the satellite depicting the "yo-yo" control procedure. 

The purpose here is just to show the main dynamics features of T.SS 2 atmospheric mission. The clcscflbcJ 
control concept must be improved to control the decay rate of the system (not considered) and the out-of-plane 
potential instability. 

For the mission considered the main effects caused by the unusually large system drag have been described 
and as a general conclusion we can jsay that proper time-varying length control has to bo used to dramatically 
improve the steady-state performances of the second Shuttic/Tcthcrcd Satellite System mission. 
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Fig. 3 - TSS-2 Steady Librations (Constant Tether Length) 



Fig. 4 - TSS-2 In-Plane Librations ("yo-yo " control) 


3. TETHER INITIATED SPACE RECOVERY SYSTEM (TISRS) 

The use of tethers for release of payloads to higher or lower orbits froia the Space Station is a promising area 
of tether applications. In a system of two orbiting bodies connected by a tether, only a point close to tlic center of 
mass is in true gravitational equilibrium. All of the other points are subjected to a force tending to align the system 
along the local vertical since the outer mass moves at a velocity greater than the local circular velocity and the inner 
mass at a smaller velocity. Moreover, in the event that the end bodies have velocities relative to the rotating orbital 
system, there can be additional forces. 

This additional effect can be achieved by effecting a low tension deployment which causes a large libration to 
the tether system. If the tether line is severed, both bodies are injected into elliptical orbits. The previous locations 
of the inner and outer masses become respectively apogee and perigee of the new orbits. 

This mechanism can be exploited to transfer momentum from the downward deployed body to the upward 
deployed body. In the case of a dcorbit maneuver, the momentum subtracted from the downward body must be 
such to put it in a re-entry trajectory. 

The ASI/NASA Joint Task Group for Tether Flight Demonstration has given high priority to a demonstration 
which validates the concept of a tethered system used for a dcorbit maneuver to rc-entcr/dispose of material from 
an orbiting infrastructure (c.g., the Space Station). This demonstration is called TISRS (Tether Initiated Space 
Recovery System). The idea is to use the existing hardware as much as pos jible to limit the cost and time to develop 
an Orbiter-based demonstration to be performed in 1992. 

Ill Ol der to perform the Orbi'or-based TISRS demonstration, the following systems will be ulilized; 

• The Small Expendable Deploycr System (SEDS) which is a simple, compact system tliat is entirely passive 
and uses an expendable tether; 

• The re-entry vehicle (SRV) that will be used is an existing General Electric (G.E.) capsule. This is a simple 
ballistic capsule design which has flown several limes and in which there is a high degree of confidence; 

• A proper Instrumentation, Data and Communication System to measure and to monitor the mission 
performance that has to be developed by Acrilalia and integrated into the G.E. capsule. 
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Figure 5 shows the assumed deorbil eoiicept. The re-entry mission starts when tlie capsule is removed from 
Payload bay accommodation by means of the RMS (Remote Manipulator System) and placed at some meters from 
the Orbitcr. At this point a Shuttle orbit that moves it away from the capsule is set up by RCS (Reaction Control 
System) firing. 

A slight tension in maintained on the tether and the capsule moves forward till the desired tether length is 
deployed. The tension is then gradually increased until the tether lengthening ceases. At this point the capsule 
starts swinging in pendulum fashion below the orbitcr and is rclea.scd into the re-entry trajectory when the system 
swings through the local vertical. 

The objective of the TISRS flight is to demonstrate the capability of a tether .system as a deorbit means. The 
demonstration is also intended to exploit the benefits offered by a dynamic release together with the use of a 
"passive” subsatcllitc. The word "passive" means in this context the lack of actuatois onboard the subsatellite for 
controlling the tethered maneuver. 

The dynamic or swinging rclca.se provides higher thrust capability than a static release but complicates the 
maneuver. While in the case of static release, the deployment can be effected earlier in order to have the tether 
aligned along the local vertical with a margin of time for an accurate timing of the icleasc, in a .swinging rclca,sc, the 
timing of the maneuver and the momentum exchangeable arc coupled. 

The deorbit maneuver must guarantee: 

- re-entry conditions compatible with the existing SRV which has been certified to fly in a certain range of 
re-entry velocities and angles; 

- combination of deboost and instant of release which allows the reaching of the desired landing site. 

The control of this maneuver (passive subsatcllitc for this demonstration'' can be effected by: 

- the tether temsion; 

- the Shuttle maneuvering; 

- the iiistaiu of leiease. 

The SEDS can only modulate 'he tension, therefore, the ejection velocity which initiates the deployment has to 
be provided otherwise. The current idea is to accomplish the ejection by firing the Shuttle. This deployment is then 
controlled by regulating the tension in the tether. The baste control of the SEDS is to sense the length unwound 
(deriving the length rate) and use it as input to a control algorithm which modulates the braking. The tension is 
opportunely modulated to obtain the swing effect when a desired length has been deployed. In order to have the 
highest deboost, the tether should be cut when the system swings through the local vertical. 
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At this point, it is necessary to consider the errors accumulated during the ejcction/dcploymcnt phase. For a 
vehicle which doesn’t make use of aerodynamic forces to steer its trajectory inside the atmosphere (as the ballistic 
SRV used for this demonstration) the range to be "flown" between the instant of release till the landing impact 
depends only on the conditions at the instant of release. Therefore, the errors due to position and velocity must be 
reduced during the tethered phase. (The use of a steering parachute makes it possible to recover a few miles; 
however, other dispersions resulting from atmospheric flight will occur.) 

The target landing site can be reached with different deboosts imparted to the SRV but at different times 
provided that the following atmospheric heating is manageable by the SRV. The simplest way to control the landing 
site is by controlling the instant of release. Another way is by controlling deployment entirely using as feedback the 
relative position of the SRV. In any case, the relative position of SRV has to be known. 

Another aspect is related to the release of the tether at both the Shuttle and SRV ends. The tether should be 
released from the SRV a finite time after it has been released from the SEDS in order to allow the free-floating 
tether to distance itself from the Orbitcr and to avoid recoil and tangling on the Orbiter appendages as well as on 
the SRV. Moreover, as long as the tether remains attached to the SRV it affects the trajectory of the SRV because 
it is the compound system tether plus SRV which receives the deboost. 

A low tether tension deployment (typically tension less than 0.1 N) is mainly characterized by the payload 
separation nearly horizontally with a braking at the end of the deployment that causes a large libration. 

The deorbit momentum obtainable is this way (if the tether is severed near the vertical) is approximately 85% 
greater than if the same system is deployed nearly vertically. This means that to obtain the same deorbit effect a 
vertically deployed tether must be 85% longer than a swinging tether. This is a first .-'dvantage of this low-tension 
maneuver. A second advantage is that an horizontal deployment radically reduces the amount of braking required 
during the maneuver. A same dcorbit performance vertical deployment requires approx. 50 times higher braking 
energy dissipation. The main drawback of low-tension deployment is that it requires a very accurate timing of the 
maneuver if precise re-entry is required. 

Figure 6 shows the results of simulations performed to investigate this critical aspect. A nominal maneuver has 
been assumed with initial separation velocity of 0.76 m/s and minimum initial tether tension of 0.072 N. We have to 


VERTICAL DISPLACEMENT (KM) 



HORIZONTAL DISPLACEMENT (KM) 

Fig. 6 - SRV Displacement vs Min Tether Tension 



outline that a very low tension is required and tension control errors could be high. The nominal maneuver deploys 
after 5800 sec. 16982 m of tether. In the same time, 15655 m of tether are deployed if we consider a -10% error on 
nominal tension and 18228 m are deployed with a +10% error. 

An interesting point is that increasing the tension accelerates the deployment and decreasing the tension 
retards it due to the tethered system dynamics. 

The success of TISRS demonstration depends on the accuracy of the deorbit maneuver. System dynamics has 
to be well understood and proper control has to be devised in order to limit the strong impact of tension errors on 
the re-entry performances. The SRV motion during deployment has to bo determined by a proper instrumentation 
system. Probably the relative SRV position mu.st be known by the flight controller. This would allow the very 
accurate timing required. Moreover, the data could be used as a feedback in the control loop of the deployer 
(braking tension). 

4. TETHER ELEVATOR/CRAWLER SY STEM 

A tethered microgravity facility seems to be a very promising concept. In fact, the microgravity scientists have 
considered this concept very intriguing because of the unique capabilities that it allows. In addition to cleanliness 
and high power, the requirements of microgravity applications call for a very stable dynamical environment with 
residual acceleration smaller than 10'^ as well as the possibility of modulating the gravity level or of obtaining 
differential measurement at locations with different gravity levels. This has led to the consideration of a moving 
Elevator along a tether deployed to a fixed length. 

The most promising feature offered by the Elevator is the unique capability to control with time the gravity 
acceleration level. In fact, since radial acceleration changes with position along the tether, the Elevator would be 
able to attain a continuous range and a desired profile vs-time of residual gravity level by the control of the Elevator 
motion. 

Moreover, the utilization of the Space Elevator as a transportation facility, able to move along the tether 
providing easy access between the two tethered bodies, could be the tool for tethered systems evolution. 

The demonstration of an Elevator model capability to provide the suitable microgravity environment and to 
control the transfer motion seems necessary due to the complexity of phenomena involved, essential to allow the 
development of new capabilities for microgravity applications and valuable to the assessment of the feasibility of 
this new concept. 

Regarding the microgravity application, one is mainly concerned with perturbing accelerations propagating 
along the tether. The disturbances are originated mainly by the Space Station and by the Elevator motion. 

Disturbances coming from these sources excite vibrations with a rate of damping increasing with frequency, 
but also a series of resonances with peaks not easily modelled because of the complexity of phenomena involved. 
Another unknown in the problem is the magnitude of the expected natural damping and what methods could be 
used for actively attenuating the disturbances. 

Concerning the transportation application, the main problem is to cont’-ol the transfer motion maintaining the 
dynamics disturbances within acceptable limits. 

Controlled transfer motion is stable and tether deflection is bounded, but depending on the velocity profile 
perturbing oscillations can be excited. Tether lateral vibrations arc induced by the Coriolis force acting on the 
Elevator as it moves along the tether. Longitudinal vibrations are induced by Elevator control forces to maintain 
the desired velocity profile. 

The complexity of such phenomena advises an in-flight test of an Eicvativr model to evaluate the system 
dynamics response and to test the transfer control tcchniriues. 

The system proposed for a Shuttle flight test of the Elevator concept is made up of three major elements; a 
deployer system, a tethered satellite and the Elevator model (Fig. 7 sec pg. 9). 

As a general guideline it has to be considered that both cost and schedule constraints impose a necessity to 
reuse to the maximum possible extent the hardware under development. In particular, the capability to control and 
to measure the system dynamics is required for the objectives of this mission. 

The Tethered Satellite System (TSS), constituted by the TSS-deployer and TSS-satcllitc, seems to be the 
unique existing system able to perform this demonstration without the need for any significant design change. The 
only new hardware development required would be the Elevator model. 

The realization of a small F.lcvator .-nodcl whose main fevurc is the al.'ili'y to bo hocked on the tether afier 
TSS-sateliitc deployment, appears feasible from the analyses performed, although several technical problems need 
to be analyzed in further detail. 

A theoretical analysis has been approached and, in particular, an attempt made to establish a control strategy 
for the Elevator motion and a preliminary assc.ssmcnt of the tether vibrations induced by the Elevator motion have 
been performed. 
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Here and in the following "the motion of the Elevator" has to be intended as the complete transfer from the 
Space Shuttle to the TSS Satellite, the utilization of the Elevator as transportation vehicle being the most severe 
situation from a dynamical point of view. 

Because of the known weak coupling between tether elasticity and the general dynamics of the system, two 
different models have been developed. 

The basic dynamics have been modelled by means of a 5 d.o.f. ( degree of freedom) system composed (with 
reference to Fig. 8) of the TSS-satellitc (mz) and the Orbitcr (m©) connected by a rigid tether on which is moving 
the Elevator model (mi). 


Y 





Fig. 8 - Reference System 
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Fig. 9 - Elevator Controlled Motion - System variables behaviour as function of the travelled distance 




The following notations are adopted: 


a 

8 

d 

a 

7 

')' 

1 

Vo 


angle between the local vertical and the first tether segment from mo to mj (deg) 

parameter of the decelerating phase of tlic control law (-) 

travelled distance from STS to Elevator (m) 

instantaneous velocity of the Elevator (m/sec) 

parameter of the accelerating phase of the control law (-) 

angle between the first and the second tether segment, from mi to m 2 (deg) 

total tether length (m) 

steady state velocity (m/.sec) 


Due to the smallness of the physical dimensions of the space vehicles (few meters) with respect to the assumed 
tether length (10 km), ail masses have been considered point masses. The effects deriving from the environment, 
i.e., residual atmosphere. Earth’s oblateness etc. have been disregarded and only the components of the motion 
lying in the orbital plane have been taken into account. 

As long as the positions of each system component and their derivatives can be utilized to write, as usual, the 
kinetic and potential energy expressions, the derivation of the Lagrangian is straightforward and the equations of 
motion can be found (sj. For brevity, these equations have not been '■eported and only the results of the numerical 
simulation arc discussed in the following. 

Some runs have been initially done to explore what happens when free motion of the Elevator is simulated. As 
a result, the excessively high value (about 75") of the angle a (due to the Coriolis force) at the end of maneuvre 
forces a need for a control strategy. In this view, the following aspects which influence the system behaviour must be 
accounted for: 


* the Coriolis force depending on the magnitude of d (the system is as controllable as the velocity of the 
Elevator is small); 

* the transients near both the ends of the tether have to be rigorously controlled in order to avoid dangerous 
induced libralions of the short "crpiivalcnt pendulum". 

So a three phase control has been identified (Fig. 9). a first one of acceleration, a second one at d constant and 
a third one of deceleration. Several control laws have been simulated, all using d as a control variable. 
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About the central phase a d = 2 tn/scc has been idcntillcd as a reasonable maximum value in order to bound 
both a and (}) (less than 1°). Good results have been obtained utilizing a simple law of the following form; 

d = Kotgh(Yrf) (2) 

for the initial phase, from d = 1 m to about the c.o.m.(ccntcr of mass) of the system, and 

d = l>'otgh(6(l -d)) (3) 

for the final phase, from about d = 9000 m to the end. 

The maneuver is performed in about one hour and a half, the displacement of the TSS Satellite (Ax) v.-ith 
respect to the local vertical is relatively small (< 100 m) and it is noted that this displacement causes a natural 
residual oscillation at the end of the mancuvre, which has to be actively damped; the perturbation induced on the 
STS orbit by the displacement of the center of mass is of about 50 m. In view of these results, one could say that the 
system is potentially controllable. 

An independent mathematical model has been developed to investigate the tethered taut string vibration 
induced by the motion of the Elevator. 

The following simplifying assumptions have been adopted: 

• tether equilibrium configuration is a.straight line; 

• Elevator velocity is anywhere constant and low enough to apply the linear theory at the tether induced 
vibrations; 

• tension along the tether is as.sumcd constant, disregarding the small contribution arising from the tether 
mass. 

• Reference Notations: 

E = elongation module (kg/m^) 

A = cross sectional area of the tether (m^) 

H = linear mass density of the tether (kg/m) 

T = tether tension (N) 

y = transversal coordinate of the tether displacement (m) 

X = longitudinal coordinate of the tether displacement (m) 

The interaction between Elevator and tether has been simulated by means of external forces in the analysis of 
both the transversal and the longitudinal vibrations. The equation of motion used to model the transversal ones is: 

d^y 

\i-^=T—,-2ra,Vonb{x-x„) ( 4 ) 

dr dx 

where the forcing term has been written as a Coriolis force generated by a point mass (mi) travelling at 
constant velocity (Vo) and distributed as a Dirac function centered on the Elevator instantaneous position (xo). 

Using essentially the same model the motion equation for the longitudinal vibration is; 

[l^= £'/1^+3m.,R'(Xo-^c)6(x-KoO (5) 

dt dx 

where the forcing term is now modelling the force necessary to nullify the acceleration induced by the gravity 
gradient. 

The transversal vibrations appear consistent quantitatively and qualitatively with the results of the basic 
dynamics, as it can be observed looking at Fig. 10 (see pg. 12) . 

The maximum lateral displacement of a specified point of the tether is reached just immediately after the 
Elevator has travelled on it. The short periods of longitudinal modes in comparison with the total time required for 
a complete transfer of the Elevator results in a very low disturbance in the axial directions; when the Elevator 
reaches the attacnmeni nnini such » disnlarptrioni jc about "^0 cm with re.speci to the u.icxcitcd situation. 

In conclusion, although a more refined level of modelling is necessary, the preliminary results make us optimist 
about the dynamical aspects of the Elevator motion. 
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Fig. 10 - Tether lateral vibrations caused by the Elevator motion (vel. = 2 m/sec) 


5. CONCLUSIONS 

U.S. National Commission on Space has specifically suggested more attention be directed towards application 
of Tethers" in space, particularly for Space Station missions. 

Most of these applications give rise to very interesting and new problems of flight mechanics. Here the 
attention was focused on some intriguing topics characterizing three proposed tether flight demonstrations. 

Continuing the cooperative effort of the U.S. and Italy on Tethers" in space, the next step toward operational 
reality of tethered systems is already underway for the purpose of validating the dynamics and operating principles 
of this flow space capability. 
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ABSTRACT 

The advent of military space systems in the 1960’s challenged the nation's test 
capabilities and demanded creation of new techniques and concepts to deai with the 
state-of-the-art complexities inherent in expensive, vital national assets. As the 
national dependence upon space systems increased over the past two decades, so 
too has the complexity of the hardware and software components needed to perform 
the assigned missions. This increasing complexity has required ever increasing 
sophistication and modernhiation of the Department of Defense test and evaluation 
capabilities, however, current concepts for new military space systems outstrip the 
present test capabilities. New test and evaluation techniques, concepts and 
capabilities are required to meet these new challenges. This paper reviews the 
challenges of testing military space systems and presents some of the new testing 
concepts and modernization initiatives being pursued. 


TEST AMD EVALUATION PROCESS 

Test and evaluation (TiE) is an exacting process even for relatively sirpie 
designs and articles. The complexity and challenges involved with testi.ig of 
a modern military system and the rapidly changing technical environment make 
the subject difficult to address effectively in a summary form. To help bound 
the discussion, the very term "test" deserves some discussion. The definition 
contained in The Glossary: Defense Acquisition Acronyms and Terms . Defense 
Systems Management College, July, 1987 is as follows: 

A "test" is any program or procedure which is designed to obtain, 
verify, or provide data for the evaluation of: research and 
development (other than laboratory experiments); progress in 
accomplishing development objectives; or performance and 
operational capability of systems, subsystems, components, and 
equipment items. 

Therefore testing in the context of this paper includes the full spectrum 
from early experimentation to validate system and design concepts through the 
establishment and qualification of specific designs and hardware. It includes 
prototype experiments whi^'h provide sufficient cor fidence to support major 
management decision milestones, extends from concept validation through 
operational evaluations to assess employment effectiveness and suitability, and 
ends with production quality verification to insure adequate consistency. 
Testing , however, is not an end unto itself. It is evaluation which 
transforms test results into useful information. Therefore, inherent in our 
use of the terms "test" and "testing" throughout this paper are the 
considerations imposed by the evaluation process. 


THE CHALLENGES OF TESTING IN SPACE 

Since the early 1950's, the testing of military designs and hardware has 
become very systematic for applications which have well established 
methodologies, mature instrumentation and a long history of success. As shown 
in Figure 1, the thought process for any system development follows a logical, 
traditional, flow from establishment of requirements for the system through the 
characteristics needed to satisfy the requirements, to the typos of test 
methodology needed to prove the system and finally the testing and feedback 
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Figure 1 







process. Testing of O.S. space systems, like their earth-environment 
counterparts, follow this thought process, but the implementation of test 
methodologies and the actual testing must accommodate special challenges. 

Two basic facts circumscribe the difficulty of testing any system in space 
and are linked together in that the solutions to each are intrinsically 
intertwined - 1) space is basically a hostile environment and 2) space is 
inherently a distant place, very difficult to get to. The accommodation of 
these two facts provide the foundation stones of the challenges encompassing 
testing in space. The advantages of being able to use space as the high 
ground, however, more than offset the difficulties involved in producing and 
fielding space assets and the attendant testing problems. 

The fact that space is basically a hostile environment impacts everything 
involved in the production of the test article - design, structure, materials, 
lubricants, command and control devices and techniques, navigation, power, 
communications, etc. Somewhat like autonomous, self-contained undersea test 
articles, everything needed to survive, operate and carry out the test mission 
must be taken on board and integrated into a single entity, but unlike the 
undersea test articles, space equipment is rarely recovered for after test 
evaluation. 


The capability to survive and operate in space is considered as overhead to 
the tester, that is, the price that must be paid just to be able to test the 
article in the environment in which it is to operate. This overhead is not 
trivial. A space vehicle must be able to accommodate the difficult thermal 
environment, must contend with a variety of radiation effects, must deal with 
contamination, must be able to operate in vacuum (or near vacuum), must be able 
to exist for extended periods autonomously and must be able to reliably 
communicate with a control center. The solution tc these first order problems 
requires complex electronics, exotic materials, and painstaking attention to 
detail in design, fabrication, integration and on-orbit operational concept 
development. These solutions also require a share of the limited on-orbit 
available electrical power, weight and command and control capability. For 
military systems these solutions require an even greater share of overhead 
because the systems must have a robustness to survive not only the natural 
environment, but projected hostile acts. 

Since all test information must be retrieved via telemetry (excepting those 
rare occasions in which on-orbit test data is recorded on board and the test 
article is brought back to earth for analysis), the necessity to achieve the 
minimum fidelity and yet remain within the constraints of the telemetry system 
(band width, power, data point limitations, and baud rate) generally leads to 
a constrained design for the test capability. Any capability needed solely for 
on-orbit testing will claim additional shares of the on-orbit power, weight and 
control capabilities and further limits the amount of capability available for 
operations. Therefore it should come as no surprise that resources dedicated 
to on-orbit testing are most begrudgingly allocated. 

The second stone in the foundation of challenges Impacting space testing lies 
in the fact that space is remote, a distant place which is difficult to get to. 
Today, nearly twenty years after we achieved "routine accessibility to space", 
we fate many of the same problems encountered by Columbus in his voyages of 
discovery to the New World - the mode of transportation is precarious, limited 
in its capacity and application, and very expensive in terms of expenditure of 
national treasury. Not only does the price per unit mass to low earth orbit 
approximate the price of a fine perfume, the environment imposed on the space 
test article during the launch phase forces severe design penalties on the 
space vehicle. High g-loading together with high vibrational, acoustical, 
aerodynamical, and thermal loads encountered during assent impose shock and 
stress into the booster and payload which must be accommodated with still more 
"overhead" in order to survive the translation from 1-atmosphere and 1-g to 
near-vacuum and zero-g. 


Practical difficulties are experienced in testing space articles simply by 
the fact that once in orbit they are not easily accessible for any of the 
common test activities such as reconnecting a connector, tightening screws, 
replacing a blown fuse, rerouting a cable or simply kicking the tires. Further 
the basic advantage of having a satellite in orbit, constantly changing its 
position relative to a point on earth, becomes a distinct disadvantage in the 
conduct of a test in that testing often must be limited to that time the test 
article is in view of a ground control station, which for a low earth orbit 
could be as little as 5 minutes every few days. Solutions to these practical 
difficulties incrc.soc the complexity of space testing enormously by requiring 
inclusion of additional circuitry and mechanical systems to provide 
capabilities for autonomous operations, to record on board performance and to 
monitor the health and status of the vehicle when not in direct ground control, 
to enable space/ground and space/space communication systems for worldwide 
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command and control and telemetry, etc., etc., etc. Eventually the point is 
reached where the testing, check out and operation of the supporting equipment 
and capabilities are as complex and expensive as the payload to be tested. 


THE MILITARY CHALLENCE 

The discussion to this point has been mostly generic, that is, it has been 
generally descriptive of problems facing any space system, military or 
civilian. What, then, are the added difficulties the military system demands 
in its test and evaluation? 

Military space systems, because of their role and importance in national 
defense, have requirements for reliability and robustness which significantly 
increase the complexity of the resulting systems. As previously discussed, 
these complexities Impact the entire design of the space asset requiring 
additional power, structural components, electronics and command, control, 
communications capabilities. The need to assess the performance of these 
attributes and the impact upon the entire system (ground and space) translates 
into increased performance and precision requirements for the supporting test 
capabilities. 

In the early days of space systems, the test techniques employed were logical 
extensions of methodologies and technologies used in aircraft development, with 
the wind tunnel replaced by the vacuum chamber to simulate the environment in 
which the device would operate. As the understanding of the space environment 
grew, primarily pushed by high failure rates, new techniques ifere devised not 
only for the design of the systems, but for testing as well. The basic premise 
became over-design, over-build and over-test, as compared to traditional earth- 
environment systems. The only concern was that the machine work once it was 
in orbit, and under no circumstances could testing imperil the vehicle. Thus 
testing on-orbit, in the traditional sense, was limited, and usually 
constrained to determining the on-orbit performance characteristics of the 
particular vehicle such as the offset of the gyros, command link margins and 
antenna patterns, thermal balance, battery charging/discharging rates, 
etcetera. The payload was not tested per se. It was turned on and, hopefully, 
produced useful data. Whatever test data was actually produced was transported 
by the telemetry system and suffered from the fidelity and extent of the total 
data activity - the on-orbit measurement technique, conversion mechanism, data 
handling system, transmitter, ground-based receivers, relay links, data 
handling, and storage and processing systems The cause of many on-orbit 
failures remained unresolved because of inadequate fidelity in the telemetry 
and data systems. 

As can be inferred from Figure 2, it was (and still is) extremely important 
to develop a test and evaluation methodology which would detect problems at the 
earliest possible point in the development process since the cost to rectify 
a problem increases exponentially as the program maturity increases from 
circuit board to the system level. Because testing in space required a 
survivable, integrated platform and an extensive support system, development 
testing on space systems was primarily conducted on the ground. Testing began 
on qualification type components and subassemblies with the space environment 
simulated to the best extent possible in thermal/vacuum chambers, on vibration 
tables and in acoustical facilities. Electromagnetic interference could be 
injected into circuitry and the effects measured by monitoring output signals. 
Radiation effects were measured primarily on subsystems or components in 
various above ground radiation facilities and occasionally during underground 
nuclear tests. Unfortunately test facilities which effectively combine all of 
those test environments did not exist, therefore the results from many tests 
on many separate subsystems and components had to be combined through analysis 
and simulation techniques. Following rigorous subsystem testing, the entire 
space vehicle was assembled and usually underwent lengthy integrated systems 
testing in the thermal/vacuum environment and limited power-on testing in an 
acoustical facility. 

Flight hardware generally was not (and still is not) tested to the 
qualiflection limits but rather to less stringent acceptance levels. Again 
driven by the premise that on-orbit failure must be avoided, acceptance levels 
were designed to stress the hardware beyond the normally expected on-orbit 
operational conditions, but well within the qualificatian points. Key in these 
test programs, particularly at the integrated system level, was the 
introduction of the technique of uclng precisely the same piocuss xiiground 
testing tor data sensing, data handling, transmission and ground processing as 
would be used when the hardware reached orbit. For in this manner the analysis 
and evaluation of on-orbit performance could be directly compared to the ground 
test results without the need of inducing additional error through conversion 
techniques or data translation. 












Today, given our tremendous advances in materials, electronics and 
computational capabilities, our test concepts are virtually the same! Ground 
testing is still the primary means of testing space assets and in a reasonable, 
disciplined test program, testing starts at the lowest component level and 
progresses in complexity to the Integrated vehicle and its interface with the 
flight control and support elements. Given the large dependency on ground 
testing, it becomes obvious that one of the greatest challenges in testing 
military space assets has been to adequately model, replicate or simulate, on 
the ground, the environment in which the space vehicle must operate. 

To briefly summarize, the challenges of testing in space dictate the 
necessity to have a complete, integrated system, both on the ground and in 
space, just to gain a useful orbit and operate in the space environment. That 
to arrive at a point of having a space ready system available for launch 
requires extensive and complex ground testing. Both the space test article and 
the supporting control systems are complex and extremely expensive in terms of 
national treasury. In short, the acquisition of a space asset and the 
supporting systems for on-orbit operation and testing have become so complex 
and expensive, and the nation's dependence upon them so great, that failure on- 
orbit cannot be accepted. This concept of insuring against the possibility of 
failure tends to force the inclusion of additional risk reducing elements, 
systems and circuits, which in turn further drive the complexity and cost of 
the total system. 

With this background, the space system tester finds himself in an interesting 
dilemma. Space systems have become so complex that exhaustive testing is 
required for validation and proof, but because of the great expense and 
national dependence, rigorous testing to the point of over-stressing flight 
hardware or to the point of possible failure cannot be tolerated! The paradox 
is that because of the great complexity failure is unavoidable without 
rigorous, unambiguous testing! The result is that the distinction between 
testing and operations blur for space systems. This is particularly true when 
one thinks of testing in the traditional sense, meaning to gain data for use 
in assessing the ability of the test article to attain a specified performance 
and/or defining the extremes of the performance envelope. Often in the push 
to find the absolute performance edge failure results in the test article and 
test support equipment. In operational activities the extreme margins of 
performance are usually avoided to prevent the loss of the asset, except in an 
emergency situation. Thus we find with space systems, because of the limited 
number of assets and the tremendous cost involved in getting a system designed, 
fabricated and into orbit, there is extreme reluctance to press any part of the 
system to approach the point of failure, even if the test data is needed. This 
pressure not to induce a failure translates the tester into more of an operator 
and space testing more towards operational check out than true testing with 
respect to the earth-environment systems. 


THE INCREASING CHALLENGE 

Up until this point, we have limited our treatment of testing basically to 
space systems of limited or singular application. This is to say that space 
assets, while extremely complex, are generally treated as a single entity. For 
example, a single meteorological satellite, while it may be part of a 
constellation of satellites, cun provide meteorological observations to ground 
controllers by itself without reliance on other similar satellites in tlie 
constellation. Thus testing the space asset, while still difficult and 
demanding, is limited to the stimulation and response of a single satellite and 
its interface with the ground control network. Additional space assets, e.g., 
more meteorological satellites, needed to make up the total on-orbit capacity 
are tested singularly and integrated into the constellation through the ground 
control network. When a satellite fails in orbit, the performance of the 
entire system is degraded, but the specific or individual performance of eacn 
of the other space assets is unaffected. This is not the case with the new, 
integrated, multi-platform, spaced based systems and concepts in which an 
individual space asset essentially has no independent mission, but must 
function as an integral part of the whole. 

As the contributions from today's space systems are becoming increasing 
integrated into military operations at all levels, the interdependence among 
other asGetc anH Gvetems it increasingly evident. Using the Cui-ieutly 
envisioned space based US Strategic Defense Initiative architecture as an 
example (currently perhaps the most extreme example) of this interdependence 
in new, evolving military concepts, we find that the total system is built upon 
information and data flow between possibly hundreds of space and ground assets. 
Figure 3 attempts, in a limited sense, to illustrate some of this 
interdependence. Sensors in very high orbits detect enemy launches and provide 
early warning. Other sensors in lower orbits continue development of the 
attack corridors and establish the threat clouds. Still other functions 
determine the specific target points and assign engagement instructions, and 
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pass hand-off coordinates, state vectors and target object maps to specific, 
individual weapons. Assuming that not all of the enem/ ICBHs would be launched 
at precisely the same instant, but staggered ir. order to effect the greatest 
offensive advantage, then many of the platforr.s which are in position at the 
initiation of the battle will soon be beyo,-iu the active battle space as they 
continue in their orbits. As more defensive assets orbit into the battle 
space, as more ICBMs are launched into the battle and as attrition eliminates 
both rod and blue systems, more and more information r.ust be exchanged between 
the defensive system components in order to continue with the defense. Each 
layer of the defense as well as each element is depvndent upon the others, and 
each space asset cannot be thought of as an entity, but as a part of the whole. 

From the tester's perspective, the earlier challenges and difficulties with 
testing military space systems pale in comparison with the challenges facing 
developing effective testing techniques for the multi-platform, highly 
interdependent system. The challenge becomes how to "test" a system which is 
comprised of many other systems. 


HBETINO THE CBALLENOE 

Meeting the challenge of testing in space begins with the recognition that 
testing is not a separate entity or function which is added on like an 
appendage. Testing is an integral part of the development process and as such 
must be a carefully planned, disciplined process frem the very beginning of a 
program. It begins on the drawing board with the design concept, is perfected 
on the ground during fabrication and buildup, and continues through to the 
orbital phase, with only that portion of the test and evaluation plan 
absolutely necessary executed in space. A key feature of any successful test 
program is the effective use of the feedback process (shown in Figure 1), for 
the critical use of all new information either builds confidence in previous 
assumptions or provides the basis to challenge and update these assumptions, 
follow on tost tools, techniques and simulations. Test planning must describe 
the test methodologies and criteria at the top, or system level, then allocate 
requirements downward to the constituent element systems which will make up the 
aggregate system. The constituents within their development programs must 
define a test and evaluation process designed to bring that portion of the 
system on line in consonance with the top level system. In other words, a top 
level test philosophy must bo established to bring proven elements into the 
system level and to test the ability of the aggregate system to perform to the 
top level specifications. This approach allows each element to be developed 
as much as a single entity as possible within the given allocations from the 
top level. Test data from the development testing of each of the constituent 
systems must be used to validate the top level system model prior to the 
delivery of the system components. This top down integration, bottom up 
validation technique provides flexibility in the development process to permit 
exploitation of technology advances during the devr* t onase while at the 
same time providing some measurement of isolaticw to the aggiog?*-e system in 
the event of problems in a constituent level development. The use of models 
and simulations of the aggregate system allows top level development work on 
the overall concept as well as operational, both strategic and tactical, 
considerations in parallel with the development of the constituent elements. 

Figure 4 illustrates the top down integration, bottom up validation 
interrelationship between the test flow of aggregate system and constituent 
levels for sensor systems needed to detect and track the boost phase, the mid 
course and the terminal portions of an ICBIi trajectory. Similar relationships 
would be developed for all of the other system functions, e.g., discrimination, 
engagement, battle management, etc. The ability to conduct a test program with 
this philosophy is totally dependent upon the capability to conduct large 
simulations with provisions to connect hardware into the loop. If we continue 
to use the spaced based defensive system as our example, it becomes readily 
obvious that in order to make a system out of the multitude of space platforms 
needed to conduct a defense in space, some mechanism is required to orchestrate 
and integrate the parts into a whole. This mechanism is the battle management 
function with its attendant command, control and communication capabilities. 
Thus the key to Biiooeccfijily using large scale simulation as a tasti>i.j 
technique becomes the ability to model tie integrating management function (the 
battle management/C3 function in our example) together with the capability to 
connect battle scenarios and environment models and models and/or real 
hardware from the constituent elements into the aggregate system simulation. 

The existence of a simulation capability of this magnitude permits the option 
to connect various portions of the system together for early (primitive) 
integrated testing long before the components of the system reach prototype 
maturity. This technique permits insight into .igeregate system level problems 
early enough to impact the designs of the con3t;.tuents or operational co.ncepts, 
if necessary, thus saving cost and time in the overall development (per Figure 
2). If the program must wait until each of the constituents has been developed 
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to the point of prototype or space flight before integrating the pieces into 
a system, tremendous expense will be incurred for problem resolution. This 
testing concept, in a sense the use of a highly capable test bed for early 
integration, is virtually mandatory for development of the new large, 
distributed software systems. 

Figure 5 Illustrates a simple early integrated test conducted between a 
sensor, battle management and a weapon early in their development. The figure 
shows a case in which the output of a sensor in a development test (being 
stimulated by a scene generator) is routed to a simulation center where the 
data is manipulated and operated upon by battle management algorithms and the 
output fed as an input to a development test of a weapon guidance and control 
unit. In this simple scenario, important gains are realized in normal 
development testing of various components as well os in the entire system 
without waiting for the completion of other than basically breadboard level 
hardware and early integrated software. Additionally, decision ma):ers can be 
given system level insight far earlier than is usually the case. 

Using the concept defined above requires that the test and evaluation program 
be developed and managed as vigorously and with as much discipline as the 
weapon development itself. Figure 6 shows that the integration test envelope 
can be expanded as the maturity of the hardware and software increases to the 
point that ground testing can accomplish no further gains in the overall test 
plan and the system must be taken to space, which returns us to the 
difficulties of testing in space! 


ADDED CHALDENGE8 AMD DIPFICOLTIBS 

Unfortunately, or perhaps predictably, as our ability to build and 
successfully test military space systems has improved the requirements for new 
systems continues to outstrip test capabilities and techniques. Many of the 
new requirements physically cannot be tested in the earth-environment, while 
others require new testing concepts and techniques. For example: 

a. The requirement to acquire, track, discriminate and engage targets at 
unprecedented (intercontinental) ranges. 

b. The near instantaneous transition from long periods of dormancy or 
limited, standby modes to a war fighting status upon command. 

c. The inability to adequately approximate the zero-g structural dynamics 
of large space structures in an ono-g environment, 

d. The inability to effectively determine and simulate the extent of the 
battle environment/threat, e.g., the nuclear enhr.r.rod environment, 
debris effects, direct energy weapon effects, etc. 

e. The growing interdependence between multi-participants. 

The expansion of these examples provides excellent insight into the 
additional space testing problems which must be faced for military systems. 


The requirement for space based defensive systems to acquire, track, 
discriminate and potentially engage hostile targets at extreme ranges (greater 
chan 3000 km) dictates pointing accuracies and platform stability 
specifications in the sub-micro radian class. Put in terms which most of us 
can begin to comprehend, some requirements will dictate not only the ability 
to look from New York and acquire a car's headlights in Los Angles, but to be 
able to distinguish which headlight, the right or the left, has been acquired 
and is being tracked. The ability to conduct this type of test does not exist 
in the earth-environment, nor docs a suitable reference system exist in space 
from which to measure the various deviations or errors in pointing angles or 
to trutJi or calibrate resulting test data. Related flight mechanics issues 
(platform attitude control, space, time position indications, pointing and 
tracking, structural modes, etc.) have been estimated to drive new 
instrumentation requirements in gyros and accelerometers 3-5 orders of 
magnitude beyond current state of the art. The testing requirements for this 
instrumentation of course imposes even more precision, perhaps exceeding the 
limits set by seismic stability of any grcu.nd testing facility. 

Aside from difficulties in testing pointing and tracking, testing the 
engagement of a target by an interceptor presents a host of particularly 
difficult problems such as simultaneous, positive control of multiple 
platforms, measurement of miss-distance between interceptor and target, and 
debris containment. These problems increase exponentially when directed energy 
systems enter the equation. The traditional test safety methodologies which 




Figure 5 
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constrain earv^-environtnent testing to specific well defined geographical areas 
now must expand to r.r>n<!iaor global extent and the resulting international 
considerations. 

DORMANCV 

A system which may undergo long periods of minimal activity or dormancy prior 
to near instantaneous full war fighting operation will require designs based 
upon an exacting knowledge of the aging effects of materials in the space 
environment. To date very little work has been done in long dormancy effects 
nor in the techniques for testing these effects. The changes brought on after 
long exposure to atomic oxygen, zero-g, solar radiation, x-rays, ionized 
particle Impingement, etcetera, must be determined. Currently here on earth, 
there are not facilities which can impose the total space environment for the 
long periods needed to test the effects of aging in space nor are there known, 
valid techniques for accelerating the aging progress. Hopefully the Long 
Duration Exposure Facility experiment (LDEF) can be retrieved by the space 
shuttle before it catastrop.hically reenters the atmosphere in the very near 
future. This experiment, launched several years ago for a one year mission, 
has been stranded in orbit since 1986 waiting for the resumption of space 
shuttle operations. It has a wide variety of materials on board which should 
provide a wealth of insight to the space aging question if it can be retrieved. 
But in any case, much work appears to be required into the physics of material 
aging and test techniques and methodologies needed for evaluation of the aging 
process. 


The ability to adequately test large space structures does not exist in the 
one-g environment. Various techniques are used to reduce friction and the 
effects of gravity during ground testing of disloyable components of a space 
vehicle such as solar arrays, antennas, gravity booms, ai.i^ covers with varying 
degrees of effectiveness. Much analyses pnd guess work remains to translate 
the ground test results to expected perfomence once in orbit, and yet these 
components are almost trivial in comparison with the structures envisioned for 
large (30 meter class) directed vnergy mirrors or space station sized 
structures. Active and passive damping techniques as well as structural 
dynamics measurements demand ir< situ space testing capabilities. 


Military space systems cannot be tested in the hostile environment in which 
they may have to operate. Treaties and common sense prevent it. Hardening 
such systems against hostile itterfe.'ence or attack and providing the needed 
robustness is a criticii concern. As we have discusced earlier, any measures 
added to enhance the survivability also add weight and require additional 
shares of the on-orbit available power and command and control capabilities. 
Therefore it becomes critical to understand the extent of the potential threat 
so that adequate v ountermeatures and protection can be built into the space 
system and still remain within the useful e-.^ineering margins for the on-orbit 
capabilities. The ability to irtjnimally test the integrated survivability 
attributes of a system depend almost entirely upon the capabilities to model 
and simulate the potential hostile actions and environment. This modeling and 
simulation, to have creditability, is dependent upon data gained through 
phenomenology measu.'ements of the space environment and blast/thermal/radiation 
testing of various systems and subsystems for validation. Currently, there are 
neither ujfficient grand scale space environment phenomenological data nor 
facilities with the requisite blast/thermal/radiation spectra suitable for 
obtaining sufficient data which can be scaled to provide unquestioned 
creditability to large scale simulations and models. Further, improvement in 
computer systems are needed to provide the capacity and speed required for the 
increasingly complen, simulations and the ability to provide verification and 
validation of the simulation as a creditable test tool. 


Evolving military sj ;tems are becoming increasing complex and have a large 
inttSfdependence between not only space assocs, but also airborne, ground and 
sea components. The growing integrat'en and interdependency is manifested in 
increasingly complex sofcwar<» and cohiaunication systems. Even with today's 
systems there are insufficient "flight hours" to fully test operational 
software in the operational environment, and the situation is becoming worse. 
Currently, using our best techniques on the fastest computers, some estimates 
incIxCttwc wvT- of. ** 2 ««irs** of corit^irwous will 

to adequately, but not exhaustively, test some of the near term military 
applications. The introduction of extensive use of artificial intelligence 
techniques into the operational and test software systems will exacerbate the 
test problem by orders of magnitude. 
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INITIATIVES 

In response to the increasing battle space, complexity and interdependence 
of virtually all classes of weapon systems, earth-environment as well as ^pace, 
the Department of Defense has initiated a multi-billion dollar investment 
program to improve and modernize the U.S. national test capabilities base. 
This program is being implemented through a more encompassing coordination and 
validation process which will provided an enhanced, integrated approach to test 
capabilities investment through the individual service budgets. Additionally, 
Department funding has been earmarked for investment in joint or multi-service 
use facilities not normally contained within a single service or agency budget. 
Two of these initiatives bear directly upon improving the ability to test space 
systems and deserve discussion: 


a. A large, state-of-the-art computational and simulation facility known 
as the National Test Facility is being pursued under the Strategic 
Defense Initiative Organization to develop a capability to provide large 
scale simulations of the multi-platform space based defense concept. 
The facility will have the necessary computational power to conduct 
truly global scale simulations as well as the communications 
capabilities to tie many geographically separated test centers together 
in real time to conduct hardware-in-the-loop testing. In addition to 
weapons system testing, this test bed capability is essential in the 
development and testing of the "testing" concepts and techniques needed 
for testing future highly integrated and interdependent systems. 

b. The DoD Space Test Capability is a joint service initiative managed by 
the United States Air Force's new Consolidated Space Test Center to 
develop a space test range capability. This concept is structured much 
along the lines of a traditional test range, but will provide for the 
ability to schedule and internet existing space test assets, as 
required, into a long term global capability for those testing missions 
which require such an extended test envelop. Inherent in this 
initiative is the development of an ability to provide continuous 
command and control, data collection, tracking and test safety functions 
necessary for the space testing of advanced systems, including the 
application of the Global Positioning System to help solve time, space, 
position indication problems. 


Several other initiatives, which have direct application to space testing, 
as well as earth-environment systems, are structured to improve specific 
instrumentation and test capability shortfalls such as multi-object tracking 
radar, hypervelocity test chambers, optical and infra.-ed scene generation 
techniques, blast/thermal/radiation effects facilities, and potential new, 
effective testing techniqi'es. However, as ambitious and expensive as these 
initiatives are, many shortfalls remain in areas such as large scale software 
integration and test capabilities, large space structure test capabilities, 
precise spaceborne instrumentation capable of sub-micro radian measurement, and 
missed distance measurement techniques and instrumentation. With the ever 
increasing dependence upon large software systems, perhaps the most near tern, 
pressing issue is that of the ability to effectively test and validate massive 
software systems. Everything done in space today is dependant upon software, 
from the generation of a command on the ground to the uplink of that command, 
the receipt, processing and execution of the command, the measurement of the 
performance or reactions to that command, the processing of the response into 
a data stream, the transmission of the data to the ground, the reception, 
decryption and shredout of the data bit and the processing and display to the 
ground controller. At any point an error introduced by software can completely 
mask, or even generate false, failures or anomalous performance. This testing 
shortfall condition exists today, and is becoming exponentially wors as we 
begin to depend on multi-million lines of code simulations and on-board 
software systems. The development of effect! 'e test techniques to test and 
validate incorporation of artificial intelligence capabilities on a large 
scale will be a difficult and expensive process, a testing nightmare and one 
which has had relatively little exposure within the general test community. 


SUHHARY 

In summary, the national dependence and complexity of military systems have 
driven the costs to the point that failure caused by on-orbit testing is 
unacceptable. In most cases actual testing in space is more attuned to 
operational check out than testing in the traditional sense. As a result, the 
exhaustive testing required for a major space system is accomplished on the 
ground with only that portion of the test program absolutely necessary 
conducted in space. However, the ever increasing dependence upon the "high 
ground" of space and interdependence of multiple space and ground based 
components dictate improved test techniques and new capabilities both for the 




ground testing and in the space environment. Large scale simulation with 
hardvare-in-the-loop can be successfully used as the top level, critical method 
of t<.st if the program is determined early in the concept development phase and 
is managed with as equal zeal as the weapon development activities. Increasing 
requirements for precision and ever enlarging envelopes of performance and 
battle space will force more of the test program to be conducted in the space 
environment. 

Shortfalls in the ability to conduct the necessary space system testing are 
beginning to be addressed in a new, bold process within the U.S. Department of 
Defense which attacks the problem on two fronts - 1) a new investment policy 
for acquisition of specialized test capabilities and major modernization 
projects for existing activities and facilities, and 2) investigation of new 
test and evaluation concepts using large scale computer aided techniques. 

While unfortunately advances in military space systems will continue to 
outpace the test and evaluation capabilities in the near term, the first major 
steps towards resolution have been taken by recognizing that shortfalls exist 
and their effects upon the decision process. This recognition will set free 
the creative process in the human mind from which solutions to the insolvable 
will flow. 
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